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PREFACE 


The  dramatic  increases  in  the  cost  of  oil  that  have  occurred  in  recent  years  and  the 
awareness  that  the  world's  oil  stocks  may  be  largely  depleted  within  a few  decades  have 
caused  a major  upsurge  of  interest  into  ways  of  reducing  the  drag  of  aircraft.  A growing  re- 
search effort  is  being  mounted  in  a number  of  countries  into  investigations  of  ideas  for  drag 
reduction,  some  novel  and  some  that  were  looked  at  in  the  past  but  were  not  then  pursued  to 
the  point  of  application  because  the  economic 'facts  of  life*  were  different  from  and  less 
pressing  than  they  are  now.  1 hese  ideas  include  means  for  reducing  skin  friction  drag  (e  g. 
compliant  walls,  boundary  layer  control,  etc.),  induced  drag  (e.g.  winglets),  interference  drag, 
transonic  shock  wave  drag  (supercritical  wings)  and  supersonic  wave  drag.  In  addition  the  in- 
ternal aerodynamics  of  ducting,  especially  diffusers  is  receiving  attention  to  improve  the  per 
formance  of  engines. 


Already  this  research  effort  is  bearing  fruit  and  it  was  thought  by  the  AGARD  Fluid 
Dynamics  Panel  and  the  Von  Kantian  Institute  that  the  time  was  opportune  to  provide  a 
Special  Lecture  Course  devoted  to  this  work  and  its  potential  for  the  future.  The  organisers 
of  the  course  were  fortunate  in  persuading  outstanding  experts  in  this  field  in  the  USA  and 
in  Europe  to  contribute  to  the  Course. 


It  is  hoped  that  this  survey  of  current  activities  and  their  possibilities  will  be  of 
particular  and  timely  help  to  aircraft  designers  as  well  as  to  those  concerned  with  the 
planning  of  research. 


A. D.  YOUNG 
Course  Director 


January  1977 
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AN  OVERVIEW  OF  CONCEPTS  FOR  AIRCRAFT  DRAG  REDUCTION 

Jerry  N.  Hefner  and  Dennis  M.  Bushnell 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665 
U.S.A. 


1.  INTRODUCTION 

An  assessment  of  the  future  natural  petroleum  situation,  presented  recently  in  Reference  1 and  shown 
in  Figure  1,  indicates  that  by  the  year  2000  almost  all  of  the  U.S.  petroleum  supply  will  be  depleted  and 
less  than  half  of  the  world's  supply  will  remain.  This  limited  supply  of  petroleum  fuel  coupled  with 
ever-increasing  energy  demands  can  only  be  expected  to  create  severe  energy  shortages  and  higher  fuel 
prices  and  will  have  a potentially  dangerous  economic  impact  on  the  world's  airlines.  Figure  2 (obtained 
from  Ref.  2)  shows  that  since  1973,  commercial  jet  fuel  prices  in  the  U.S.  for  domestic  and  international 
airlines  have  already  increased  by  approximately  150%  and  220%,  respectively.  Since  airplanes  that  are 
being  designed  today  will  probably  still  be  in  service  in  the  year  2000,  it  is  obvious  that  advanced  tech- 
nologies capable  of  making  significant  improvements  in  aircraft  fuel  conservation  must  be  developed  and 
implemented  as  soon  as  possible.  Many  recent  studies  have  considered  the  effect  of  the  energy  situation 
on  present  aircraft  and  those  of  the  futurel~13  and  generally  conclude  that  although  present  transport 
aircraft  are  reasonably  energy  efficient,  significant  improvements  in  fuel  conservation  can  still  be 
obtained  through  advanced  design  and  technology. 

The  purpose  of  this  paper  is  to  provide  a current  overview  of  aerodynamic  drag  reduction  concepts 
which  have  potential  for  reducing  aircraft  fuel  consumption.  The  discussion  will  show  where  the  greatest 
percentages  of  aircraft  fuel  is  burned  and  what  areas  have  the  greatest  potential  for  fuel  conservation. 

The  paper  will  focus  on  aerodynamic  improvements  and  will  touch  only  briefly  on  structural  and  propulsion 
improvements.  Concepts  for  reducing  pressure  drag  (i.e.,  roughness,  wave,  interference,  and  separation 
drag),  drag  due  to  lift/induced  drag,  and  skin-friction  drag  at  subsonic  and  supersonic  speeds  will  be 
emphasized . 

2.  WORLD  JET  FUEL  CONSUMPTION 

World  and  U.S.  jet  fuel  consumption  for  a wide  range  of  stage  lengths  is  shown  in  Figures  3 and  4.^ 

Both  figures  show  that  most  of  the  world's  and  the  U.S.'s  jet  fuel  is  consumed  for  stage  lengths  less  than 
1500  statute  miles.  In  fact,  34.5%  of  the  U.S.  jet  fuel  and  29%  of  the  world  jet  fuel  is  consumed  for 
stage  lengths  of  500  statute  miles  or  less.  As  Figure  4 shows,  the  largest  single  fuel  consumer  in  the 
U.S.  by  aircraft  type  is  the  Boeing  727  which  consumes  approximately  38%  of  the  jet  fuel;  the  727  accounts 
for  about  34%  of  the  jets  in  service  in  the  U.S.  fleet.  Wide-bodied,  long-haul  jets,  which  account  for 
only  13%  of  the  U.S.  jet  fleet,  use  approximately  22.5%  of  the  U.S.  jet  fuel.  Thus,  two  important  points 
are  indicated  by  these  figures.  First,  advanced  technology  to  reduce  fuel  consumption  must  address  short- 
haul  as  well  as  long-haul  transports.  Second,  based  on  the  makeup  of  the  U.S.  jet  transportation  fleet 
which  represents  almost  half  of  the  world  fleet,  it  appears  that  most  of  the  existing  world  transport  fleet 
is  composed  of  relatively  recently  produced  aircraft.  Therefore,  advanced  technology  for  aircraft  fuel  con- 
servation must  include  improvements  to  existing  aircraft  in  addition  to  new  energy-efficient  aircraft 
designs. 

3.  FACTORS  INFLUENCING  AIRCRAFT  PERFORMANCE 

The  classical  theory  of  aircraft  range  performance,  as  reviewed  quite  well  in  Reference  14,  clearly 
shows  how  propulsion,  structural,  and  aerodynamic  efficiencies  interact  to  affect  aircraft  performance. 

The  most  general  form  of  these  range  performance  relationships  is  the  simplified  "Breguet  range  equation" 
for  cruising  at  constant  lift  coefficient,  constant  angle  of  attack,  and  constant  speed  (altitude  increasing). 
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This  relationship  expressed  in  terms  of  the  fuel  burned  is 
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where  R Is  the  range,  V/SFC  Is  the  propulsion  efficiency,  W^/Wf  is  the  structural  efficiency,  and  L/D 
is  the  aerodynamic  efficiency.  The  designer  of  a particular  airplane  can  use  relationships  such  as  these 
to  assess  the  effects  of  improvement  in  the  various  propulsion,  structural,  and  aerodynamic  efficiencies  on 

either  fuel  consumption  or  tge  requirements.  Although  the  present  overview  is  directed  at  improvements  / 

in  aerodynamic  efficiency,  a few  contents  regarding  possible  Improvements  in  propulsion  and  structural 
efficiencies  are  germane. 

As  discussed  in  Reference  1,  propulsion  research  is  underway  within  NASA  to  improve  the  efficiency  of 
existing  engines  and  to  provide  the  technology  for  Improved  future  engines.  The  studies  have  shown  that 
existing  engines  can  be  improved  significantly  by 


(1)  reducing  the  compressor  and  turbine  tip  clearance  by  approximately  10%  (this  could  reduce  SFC  by 
about  4%) 

(2)  replacing  conventional  seals  with  labyrinth  seals  to  provide  up  to  2X  reduction  in  SFC 
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(3)  installing  low  pollution  combustors  which  have  high  efficiency  at  idle  and  low  thrust  conditions 
to  provide  another  1%  reduction  in  SFC 

(4)  reducing  compressor  and  turbine  end  wall  pressure  losses  at  hub  and  tip  which  could  give  an 
additional  1%  reduction  in  SFC  and 

(5)  improving  turbine  blade  cooling  to  provide  another  IX  reduction  in  SFC. 

These  improvements,  when  evaluated  as  to  their  economic  practicality,  suggest  that  fuel  consumption  of 
current  engines  can  be  reduced  from  3-10%. 

For  Improved  new  engines.  Figure  5 (from  Ref.  1)  shows  the  various  improvements  being  considered  in 
current  NASA/ industry  advanced  turbofan  studies.  These  improvements  include:  higher  fan  efficiency, 

composite  blades  and  nacelles,  advanced  compressor  design,  improved  seals  and  bearings,  and  reduced  emis- 
sions combustors.  Figure  6 (from  Ref.  1)  shows  results  of  a recent  NASA  Lewis  study  and  compares  an 
advanced  1985  turbofan  with  a current  turbofan  engine.  The  1985  engine  has  a considerably  higher  engine 
thrust-to-weight  ratio,  its  cruise  turbine  inlet  temperature  is  278°  K higher,  its  overall  pressure  ratio 
has  increased  from  28  to  40,  its  fan  pressure  ratio  is  somewhat  lower,  and  its  bypass  ratio  increased 
from  6 to  10.4.  (The  engines  were  evaluated  with  a simplified  analysis  of  a 200-passenger,  3000-nautical- 
mile  transport  assuming  constant  structural  weight  fraction.)  When  compared  to  the  current  engines,  the 
1985  engine  weight  and  SFC  were  lower  by  20%  and  8%,  respectively.  Although  the  combined  fuel  reduction 
was  a significant  22.3%,  it  should  be  cautioned  that  the  level  of  technology  required  for  this  improvement 
will  not  be  easily  obtained  and  other  new  engines  may  provide  even  greater  gains  (e.g.,  the  high  bypass 
ratio  turbofan,  the  regenerative  turbofan,  and  the  turboprop). 

A means  of  improving  aircraft  structural  efficiency  is  through  the  use  of  advanced  composite  struc- 
tures^ because  they  possess  high  strength-to-weight  and  st if fness-to-weight  ratios.  The  blending  of 
high  strength  fibers,  similar  to  that  illustrated  in  Figure  7 (from  Ref.  1),  can  produce  new  reduced-weight 
structures  that  can  be  used  directly  for  fuel  savings  or  can  be  traded  off  to  gain  improved  structural 
lifetimes  or  lower  manufacturing  costs.  Figure  8 (from  Ref.  1)  summarizes  results  from  a number  of  design 
studies^  which  show  the  potential  weight  reductions  from  composite  structures.  Note  that  weight  reductions 
in  the  range  of  40-50%  are  possible. 

A recent  fuel-conservative  transport  studyl?  showed  that  a significant  weight  savings  could  be  achieved 
with  an  all-composite  primary  aircraft  structure.  The  various  types  of  composite  structure  (i.e.,  graphite- 
epoxy  honeycomb,  graphite-epoxy  Integrated  acoustics  structure,  PRD-49  honeycomb,  and  stiffened  graphite- 
epoxy  honeycomb)  and  their  relative  weight  savings  compared  to  conventional  aluminum  skin  stringer  construc- 
tion are  shown  in  Figure  9 (from  Ref.  1).  For  example,  the  estimated  structural  weight  savings  for  using 
a graphite-epoxy  composite  primary  wing  structure  is  approximately  25%;  this  would  translate  into  a fuel 
savings  of  10-15%. 

Although  the  advantages  of  composite  structures  would  appear  obvious,  thus  far  composites  have  not 
been  widely  accepted  for  commercial  aircraft.  The  greatest  deterrent  for  their  acceptance  have  been  high 
costs  and  a lack  of  experience  with  compsoites  under  actual  service  conditions.  However,  prices  for  com- 
posites are  dropping  and  NASA/DOD  programs  to  use  composites  for  primary  and  secondary  load-carrying 
structures  on  military  and  civil  aircraft  are  providing  the  needed  flight  experience.  Therefore,  composite 
structures  will  probably  have  a significant  impact  on  aircraft  fuel  conservation  in  the  near  future. 

4.  AERODYNAMIC  EFFICIENCY 

The  aerodynamic  efficiency  of  aircraft  configurations  can  be  improved  through  increases  in  lift  char- 
acteristics and/or  decreases  in  total  drag.  The  present  review  will  focus  on  improving  aerodynamic  effi- 
ciency through  drag  reduction. 

Before  discussing  concepts  for  drag  reduction,  the  drag  sources  which  most  adversely  affect  fuel 
consumption  and  hence  have  the  greatest  potential  for  reduction  must  be  identified.  Figures  10  and  11 
(from  Refs.  17  and  18,  respectively)  show  that  most  of  the  fuel  for  subsonic  and  supersonic  transports  is 
consumed  at  cruise  conditions.  As  the  length  of  the  mission  (stage  length)  is  reduced,  increasing  amounts 
of  fuel  (percentagewise)  are  used  for  climb  conditions.  However,  approximately  90%  of  the  fuel  consumption 
by  subsonic  transports  occurs  during  climb  and  cruise  regardless  of  stage  length.  Therefore,  it  is  reason- 
able to  assume  that  attempts  to  conserve  fuel  should  focus  on  the  major  drag  sources  corresponding  to  the 
aircraft  configuration  at  climb  and  cruise  conditions. 

What  are  the  major  sources  of  drag  for  climb  and  cruise  conditions?  Figure  12  shows  graphically  what 
the  major  sources  of  drag  are  for  a subsonic  transport  configuration.  The  sources  indicated  are  skin 
friction,  induced  drag/drag  due  to  lift,  roughness,  afterbody/separation,  and  interference.  Wave  or  com- 
pressibility drag,  although  not  Indicated  on  Figure  12,  becomes  an  important  dreg  source  as  transonic  flight 

speeds  are  approached  and,  as  will  be  shown,  is  a large  portion  of  the  drag  for  supersonic  flight. 

Aerodynamlci8ts  generally  use  the  conventional  drag  polar,  as  Illustrated  in  Figure  13,  to  account  for 
the  components  of  the  total  drag.  The  components  of  drag  Indicated  on  the  figure  can  represent  several 
of  the  drag  sources  shown  on  Figure  12.  For  example,  the  profile  drag  is  composed  primarily  of  skin 

friction,  roughness  drag,  Interference  drag,  and  separation  drag.  The  minimum  profile  drag  (A  Cd^j^)  is 

primarily  the  drag  due  to  skin  friction  and  is  defined  generally  for  nonlifting  conditions.  For  the  con- 
figuration at  lifting  conditions,  an  additional  Increment  in  profile  drag  results  (Cq^) . The  Induced  drag 

component  (CD^)  results  primarily  from  the  flow  circulation  around  the  wing.  Trim  drag  (C^)  refers  to 

that  drag  resulting  from  changes  in  the  aircraft  configuration  (e.g.,  control  deflections)  to  balance  the 
aerodynamic  moments  on  the  airplane.  Compressibility  or  wave  drag  (Cqc)  is  due  to  strong  compression  or 

shock  waves  forming  on  the  aircraft  configuration  as  the  free  stream  or  local  flow  velocities  approach  or 
exceed  sonic  conditions. 
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Another  more  detailed  breakdown  of  drag  sources  by  configuration  component  is  shown  in  Figure  14 
(from  Ref.  19).  Although  the  figure  does  not  suggest  the  relative  severity  of  each  drag  source,  it  does 
clearly  delineate  the  number  of  factors  influencing  the  total  drag  of  an  aircraft  configuration. 

The  relative  magnitudes  of  the  various  drag  sources  for  typical  subsonic  and  supersonic  aircraft  are 
shown  in  Figures  15  and  16.  Although  this  representation  is  based  on  the  authors'  evaluation  of  the  avail- 
able data  for  the  particular  classes  of  aircraft  and  may  not  be  representative  of  a specific  aircraft 
configuration  in  a given  class,  it  does  indicate  the  drag  sources  identifiable  with  a particular  type  of 
configuration  and  mission.  For  example,  roughness  drag,  which  represents  a small  but  important  source  of 
drag  on  most  aircraft  configurations,  is  the  primary  drag  source  for  current  helicopters.  The  main  point, 
however,  from  the  two  figures  is  that  the  skin-friction  drag  and  drag  due  to  lift  contribute  as  much  as 
85%  of  the  total  drag  for  subsonic  and  supersonic  aircraft.  Therefore,  skin-friction  drag  and  drag  due  to 
lift  represent  the  drag  sources  with  the  greatest  potential  for  reduction  and  hence  fuel  conservation. 

The  other  sources  individually^  may  not  be  large,  hut  collectively  can  add  significantly  to  the  total  drag 
and  fuel  consumption.  The  remainder  of  this  review  will  examine  methods  for  reducing  the  drag  of  the 
sources  indicated  on  Figures  15  and  16. 

5.  AERODYNAMIC  DRAG  REDUCTION 

5.1  Roughness/Excrescence  Drag 

Roughness  or  excrescence  drag  is  an  incremental  pressure  drag  resulting  from  local  flow  separations 
and  vortex  formations  produced  by  relatively  small-scale  two-dimensional  or  three-dimensional  bumps,  pro- 
trusions, and  recesses  on  an  aircraft  surface.  These  excrescences,  which  may  be  unavoidable  and  caused  by 
manufacturing  techniques,  include  such  things  as  surface  waviness,  rough  surface  finish,  projecting  or 
countersunk  fasteners,  panel  joints,  overlapping  joints,  air  intake  and  exhaust  openings,  lights,  antennae, 
probes,  and  gaps  around  doors,  windows,  and  control  surfaces.  Such  roughness  drag  sources  on  a subsonic 
transport  can  contribute  as  much  as  5-10%  of  the  total  aircraft  drag  at  climb  and  3-5%  at  cruise.  A recent 
report  in  Reference  20  shows  the  specific  impact  that  such  roughness  drag  could  have  on  airline  economy  and 
fuel  consumption.  McDonnell  Douglas  reported  that  an  excessive  slat  trailing-edge  step  of  only  0.05  cm  on 
a DC-9  airplane  could  cost  an  airline  approximately  $1000/year  in  "wasted"  fuel  per  airplane.  Boeing 
reported  that  a pressurized  area  seal  leak  of  64.5  sq  cm  in  the  entry  and  cargo  doors  and  windows  on  the 
727-200  airplane  could  cause  as  much  as  a 23,000-gallon  increase  in  fuel  consumption  per  airplane  per  year. 

Estimates  of  typical  roughness/excrescence  drag  contributions  for  the  C-5A  transport  at  cruise  condi- 
tions are  shown  in  Figure  17  which  was  compiled  from  data  presented  in  Reference  21.  Figure  18  illustrates 
the  percentage  contribution  to  the  total  roughness  drag  of  the  four  major  roughness  sources  and  shows  that 
30%  of  the  roughness  drag  is  attributable  to  steps,  ridges,  and  gaps  with  another  25%  due  to  mass  transfer 
in  and  out  of  the  aircraft  skin.  Estimates  such  as  these  are  based  on  a number  of  good  wind-tunnel  inves- 
tigations (e.g..  Refs.  22-39)  which  have  provided  valuable  insight  into  the  boundary-layer/excrescence 
interaction;  however,  many  questions  still  remain.  Such  questions  Include:  the  drag  of  three-dimensional 

excrescences,  the  drag  of  excrescences  in  thr 3e-dimensional  and  pressure  gradient  flows,  the  drag  for  arrays 
of  excrescences,  and  the  drag  of  gaps  and  cavities  with  and  without  mass  transfer.  With  these  questions  in 
mind,  it  is  obvious  that  all  is  not  known  regarding  the  interaction  effects  of  the  excrescense  drag  sources 
indicated  on  Figure  18.  The  following  roughness  drag  discussion  will  not  focus  on  the  fluid  dynamics  of 
roughness  drag  (Refs.  22-39  do  a good  job  of  this),  but  rather  will  show  how  the  more  typical  roughness/ 
excrescences  (i.e.,  steps,  ridges,  and  gaps)  affect  the  drag  and  how  this  drag  might  be  reduced. 

The  effect  of  step-height  Reynolds  number  and  Mach  number  on  the  drag  of  forward  and  rearward-facing  steps 
and  spanwise  ridges  is  shown  in  Figures  19  to  21.  These  figures  were  taken  from  Reference  25  which  presents 
a very  good  summary  of  the  results  of  an  extensive  roughness  drag  research  program  at  RAE  Bedford.  The 
figures  show  that  the  roughness  drag  of  steps  and  ridges  can  be  much  greater  than  the  skin  friction  with  no 
excrescence.  It  should  be  noted  that  although  the  results  shown  in  these  figures  were  for  excrescence 
heights  small  relative  to  the  boundary- layer  thickness,  the  results  of  Reference  26  for  a forward-facing 
fence  with  heights  exceeding  the  boundary-lay*>r  thickness  show  comparable  trends.  A comparison  of  the 
figures  shows  that  the  drag  of  rearward-facing  steps  is  approximately  one-half  that  of  forward-facing  steps, 
whereas  the  drag  of  ridges  is  twice  that  of  the  forward-facing  steps.  For  each  two-dimensional  excrescence, 
the  drag  for  a particular  Mach  number  increased  with  increasing  step-height  Reynolds  number.  However,  for 
a given  Reynolds  number,  the  drag  variation  with  Mach  number  differed  for  forward-  and  rearward-facing 
steps.  For  forward-facing  steps,  the  drag  increased  with  increasing  Mach  number  up  to  M * 1.4  and  appears 
to  be  independent  of  Mach  numbers  above  M ■ 1.4.  For  rearward-facing  steps,  the  drag  increased  to  a maximum 
at  or  near  a Mach  number  of  1.4  and  then  decreased  with  additional  increases  in  Mach  number.  The  drag  of  the 
spanwise  ridges  is  comparable  to  the  sum  of  the  drag  for  the  forward-  and  rearward-facing  steps.  At  low 
speeds,  interference  between  the  faces  of  the  ridge  produces  a drag  parameter  approximately  50%  greater  than 
the  sum  of  the  drag  for  the  two  faces.  As  the  Mach  number  approaches  supersonic  speeds,  and  in  particular 
M ■ 2.8,  the  interference  effect  diminishes  and  becomes  negligible.  Doubling  the  streamwise  thickness  of 
the  ridge  produces  either  a decrease  or  an  Increase  in  the  drag  for  a given  Mach  number,  depending  on  the 
excrescence  Reynolds  number. 

Several  approaches  are  applicable  for  reducing  the  drag  of  steps  and  ridges.  The  most  obvious  of  these 
is  to  eliminate  the  excrescence  or  reduce  its  height.  The  surface  would  be  considered  hydraulically  smooth 
and  have  low  roughness  drag  if  the  excrescence  height  is  less  than  the  boundary-layer  sublayer  thickness, 

UTh 

— — < 5 (see  Ref.  24).  One  effective  method  of  doing  this  is  to  bond  a plastic  film  over  the  roughened 

aircraft  skin.  Figure  22,  which  presents  unpublished  data  obtained  in  the  NASA  Langley  Low  Turbulence 
Pressure  Tunnel  by  W.  D.  Beasley,  shows  that  covering  a T-33  aircraft  wing  with  a 3-mil  Kapton  plastic 
film  reduced  the  drag  of  the  wing  from  12-4031  over  the  range  of  test  Reynolds  numbers.  Calculations  indi- 
cate that,  by  bonding  a plastic  film  over  only  503;  of  the  surface  area  of  a typical  medium  range  subsonic 
transport  wing,  the  total  drag  could  be  reduced  by  0.731.  The  wing  considered  in  these  calculations  is 
shown  in  Figure  23  with  unpublished  estimates  of  excrescence  drag  obtained  from  The  Boeing  Airplane  Company. 
Figure  24  shows  schematically  how  the  plastic  film  could  be  applied  over  the  aircraft  skin. 
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Other  approaches  to  reducing  the  drag  of  steps  and  ridges  involve  actually  modifying  the  geometry  of 
the  excrescence.  For  example.  References  25  and  32  show  that  rounding  the  upstream  corners  of  forward- 
facing steps  and  ridges  can  produce  excrescence  drag  reductions  of  approximately  50Z  at  subsonic  speeds; 
rounding  the  step  comers  at  supersonic  speeds,  although  beneficial,  produces  much  less  drag  reduction. 
Another  method  is  that  of  chamfering  — a ramp  fairing  either  ahead  of  or  downstream  of  a forward-  or 
rearward-facing  step.  Camfering  has  been  shown  to  be  an  effective  method  for  reducing  the  excrescence 
drag  of  both  forward-  and  rearward-f acing  steps  in  subsonic  and  supersonic  flows,  provided  the  ramp  angle 
is  judiciously  chosen  and  not  too  large. 

Gaps,  cavities, and  recesses  are  often  unavoidable  in  the  construction  of  an  aircraft  (e.g.,  gaps 
between  the  wing  and  control  surface.  Fig.  23).  Although  the  drag  associated  with  such  excrescences  is 
generally  small  when  compared  to  that  of  steps,  it  can  still  be  significant  and  must  be  considered. 
Unfortunately,  the  available  data  are  often  contradictory  for  gap  and  cavity  drag  since  this  type  of 
excrescence  drag  is  dependent  on  a number  of  important  parameters  (e.g.,  Mach  number,  Reynolds  number, 
cavity  planform  and  shape,  cavity  depth,  cavity  width,  cavity  lip  geometry,  and  mass  transfer  through  the 
cavity  or  gap).  The  results  presented  in  References  25  and  27  for  rectangular  cavities  illustrates  such 
a contradiction.  Figure  25  (from  Ref.  25)  indicates  that  the  drag  of  a rectangular  cavity  Increases  with 
increasing  Mach  number;  Reference  37  shows  that  the  drag  of  rectangular  cavities  decreases  with  increasing 
Mach  number.  Although  this  discrepancy  has  not  been  resolved  and  needs  clarification,  it  should  be  pointed 
out  that  the  work  of  Reference  37  was  focused  on  another  potentially  serious  problem  associated  with 
cavities  or  gaps  — the  effect  of  strong  acoustical  radiation  coupled  with  internal  cavity  pressure  oscil- 
lations. This  effect,  acoustic  resonance,  was  shown  to  be  responsible  for  cavity  drag  increases  of  up  to 
250Z  in  the  work  of  Reference  37. 

Although  the  effect  of  all  parameters  influencing  cavity  or  gap  drag  have  not  been  resolved,  particu- 
larly the  effect  of  mass  transfer  into  and  out  of  the  cavity,  References  23,  25,  28,  31,  and  35-39  provide 
useful  information  for  configuring  the  gaps  to  reduce  drag.  General  guidelines  Include  maintaining  gaps 
as  narrow  as  practical  with  the  downstream  lip  of  the  cavity  rounded  (rounding  the  upstream  cavity  lip 
Increases  drag  by  forcing  additional  flow  into  the  cavity).  Other  improvements  to  reduce  gap  drag  indi- 
cate that  gap  drag  reduction  is  more  of  an  art  than  a science.  For  example,  Figure  26  (from  Ref.  23) 
indicates  a unique  way  of  reducing  the  control  gap  drag  of  a particular  airfoil.  The  figure  shows  that  by 
reducing  the  airfoil  thickness  by  15Z  just  ahead  of  the  control  surface,  the  gap  drag  was  reduced  by  76 Z. 

The  reason  for  this  drag  reduction  was  attributed  to  a reduction  in  flow  separation  over  the  gap  resulting 
from  the  flow  being  accelerated  as  it  is  directed  against  the  face  of  the  central  surface.  Other  rather 
unique  methods  of  reducing  central  gap  drag  are  discussed  for  three  spanwlse  gap  configurations  in 
Reference  31. 

Although  other  sources  of  roughness/excrescence  drag  such  as  lights,  antennae,  probes,  and  flap  tracks 
have  not  been  discussed  here,  they  are  also  important  and  add  to  the  overall  drag  of  the  aircraft  configu- 
ration (see  Fig.  17).  Generally,  the  drag  associated  with  these  excrescences  can  only  be  reduced  through 
the  appropriate  fairings  and  shaping.  The  reader  who  is  interested  in  these  techniques  is  directed  toward 
such  works  as  References  23,  25,  34,  and  40. 

5.2  Wave  Drag 

5.2.1  Transonic  Speeds 

As  the  speed  approaches  sonic  velocity,  the  pressure  drag  increases  substantially  and  this  drag  increase 
is  referred  to  as  wave  drag  or  compressibility  drag  (see  Ref.  41  for  a good  introductory  discussion  of  wave 
drag).  Transonic  wave  drag  is  produced  by  the  unstable  formation  of  shocks  and  shock- induced  boundary- 
layer  separation  on  the  aircraft  surfaces.  As  the  speed  increases  and  becomes  supersonic,  the  shock  forma- 
tions stabilize,  the  regions  of  flow  separation  are  reduced,  and  the  drag  coefficient  decreases.  Figure  27 
illustrates  the  typical  flow  field  over  an  airfoil  at  transonic  speeds.  Also  shown  on  Figure  27  is  a 
typical  variation  in  wing  drag  coefficient  with  increasing  Mach  number.  The  free-stream  Mach  numbe:  where 
the  drag  coefficient  increases  rather  abruptly  is  defined  as  the  drag-divergence  Mach  number  and  large 
increases  in  propulsive  force  are  required  to  propel  the  aircraft  to  speeds  beyond  this  Mach  number. 

The  question  of  how  to  reduce  transonic  wave  drag  is  actually  a question  of  how  to  increase  the  drag- 
divergence  Mach  number  to  a value  closer  to  1.0.  A number  of  effective  methods  are  available  for  accomplish- 
ing this;  however,  these  methods  often  have  serious  disadvantages.  The  methods  include:  the  use  of  thin 

airfoils,  wing  sweep,  low-aspect-ratio  wings,  boundary-layer  control,  supercritical  wing  technology,  area 
ruling,  and  oblique  wings.  The  following  discussion  will  focus  briefly  on  each  of  these  methods  showing 
how  they  can  reduce  wave  drag  at  zero  lift  conditions  and  what  their  disadvantages  are.  Wave  drag  at 
lifting  conditions  will  be  discussed  in  the  drag-due-to-llf t section  of  this  paper. 

Thin  Airfoils.  The  wave  drag  associated  with  transonic  flow  is  approximately  proportional  to  the 
square  of  the  thickness-to-chord  ratio. 41  By  decreasing  the  thickness  of  an  airfoil  section,  the  flow 
speed  around  the  airfoil  is  decreased  and,  hence,  the  aircraft  can  fly  at  a higher  free-stream  Mach  number 
before  the  local  flow  becomes  sonic  (i.e.,  critical  Mach  number)  or  before  the  drag-divergence  Mach  number 
is  reached.  Figure  28  (from  Ref.  41)  shows  that  decreasing  the  wing  thickness-to-chord  ratio  by  67Z 
increased  the  drag-divergence  Mach  number  from  0.7  to  0.85  or  21Z.  The  major  disadvantages  of  using  thin 
wings  are  (1)  they  are  less  effective  in  generating  lift  at  subsonic  speeds  and  (2)  they  cannot  accommodate 
as  much  structural  load  as  a thicker  airfoil  (resulting  in  lower  aspect  ratio,  greater  drag  due  to  lift). 

Wing  Sweep.  Sweeping  the  wing  will  delay  the  formation  of  shock  waves  in  transonic  flow  to  higher 
Mach  numbers;  the  Mach  number  normal  to  the  wing  leading  edge  is  reduced  and  therefore  the  local  Mach  num- 
bers on  the  wing  are  reduced.  Figure  29  (obtained  from  Ref.  41)  shows  the  variation  in  the  drag-divergence 
Mach  number  with  increasing  wing  sweep  angle;  the  drag-divergence  Mach  number  is  increased  with  an  accompany- 
ing decrease  in  the  drag  coefficient.  Both  forward  and  rearward  sweep  will  produce  these  desired  results, 
however,  forward  sweep  can  produce  stability  and  handling  difficulties  at  low  speeds.  The  major  disadvan- 
tage of  swept  wings  is  that  they  produce  a spanwlse  flow  along  the  wing  which  thickens  the  boundary  layer 
near  the  wing  tips.  This  results  in  a loss  of  aileron  roll-control  effectiveness  because  of  premature 
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Analytical  tools  for  optimizing  the  aerodynamic  shape  of  supersonic  configurations  have  been  based  on 
linearized  theory,  whereas  for  hypersonic  configurations  Newtonian  theory  has  been  used . , 52-55 
Results,  typical  of  such  theories  for  various  minimum  drag  bodies,  are  shown  in  Figures  35-37.  Two- 
dimensional  wings  of  minimum  total  drag  (wave  drag  and  skin  friction)  are  presented  in  Figure  35  (obtained 
from  Ref.  53)  for  an  unspecified  (free)  thickness,  given  enclosed  area,  given  contour  moment  of  inertia, 
and  given  area  moment  of  inertia.  The  thickness  distribution  of  the  wing  was  substantially  affected  by 
the  choice  of  constraints.  Also,  the  minimum  skin  friction  was  found  for  the  wing  without  a specified 
thickness.  Figures  36  and  37  (both  from  Ref.  54)  illustrate  the  coordinates  and  drag  coefficients  for  the 
minimum-drag  axisymmetric  body  optimized  for  a given  length  and  volume  (i.e.,  the  Sears-Haack  body).  The 
importance  of  this  axisymmetric  body  shape  is  that  it  provides  the  lowest  total  drag  coefficient  at  zero 
lift  for  the  Mach  number  range  from  2 to  12^  and  is  used  as  the  reference  shape  in  applying  the  area  rule 
to  supersonic  aircraft  configurations.  Figure  37  (from  Ref.  54)  shows  the  importance  of  closing  the  aft 
end  of  the  axisymmetric  body  shape.  For  cutoffs  greater  than  k » 0.1,  the  drag  of  the  Sears-Haack  bodies 
increased  appreciably,  especially  for  Mach  numbers  less  than  approximate) y 5-6. 

The  results  presented  in  Figure  38  (from  Ref.  54)  aid  in  showing  the  validity  of  the  analytical 
theories  for  minimum  drag  bodies.  The  data  were  obtained  experimentally  at  a Mach  number  of  10  for  power- 
law  bodies  with  fixed  volumes  and  lengths  and  show  that  the  minimum  drag  axisymmetric  power-law  body  has 

a value  of  n = 0.66.  This  result  agrees  precisely  with  the  theoretically  determined  value  for  an  optimum 

profile  when  the  analysis  was  restricted  to  power-law  bodies. ^ 

Another,  less  obvious,  method  for  optimizing  the  shape  of  a supersonic  configuration  for  minimum  wave 
drag  is  nose  blunt ing. 57 , 58  Results  for  constant  fineness-ratio  cones  with  varying  degrees  of  nose  blunt- 
ness are  shown  in  Figure  39  compiled  from  the  data  of  Reference  58.  Note  that  there  exists  an  optimum 
bluntness  for  each  fineness  ratio  and  at  this  bluntness  value  the  drag  is  minimized  and  the  volume  has 
increased.  In  fact,  the  results  show  that  a blunt  cone  with  greater  volume  can  have  identically  the  same 
drag  coefficient  as  a sharp  cone.  Two  aerodynamic  effects  combine  to  produce  the  reduced  wave  drag  with 
increased  nose  or  forebody  bluntness.  First,  the  overexpansion  downstream  of  the  blunt  nose/cone  junction 
produces  a lower  pressure  on  the  conical  portion  of  the  blunt  body  when  compared  to  that  of  a sharp  cone. 
Figure  40,  which  presents  results  obtained  in  Reference  59,  shows  the  pressure  distribution  ratioed  to 
sharp  cone  values  for  various  bluntnesses  and  cone  angles  at  a Mach  number  of  8 and  indicates  this  phenome- 
non. Secondly,  the  bluntness  reduces  the  semiapex  angle  of  the  conical  portion  of  the  body  and  this  pro- 

duces a further  reduction  in  the  surface  pressure.  Together,  these  effects  can  more  than  offset  the  drag 
increases  caused  by  the  high  pressures  acting  only  over  a small  area  on  the  blunt  nose. 

Before  discussing  interference  drag  in  the  next  section  of  this  paper,  a few  additional  comments 
regarding  wing  sweep  are  In  order.  As  has  been  pointed  out  in  the  preceding  discussion,  wing  sweep  is 
primarily  used  to  reduce  the  wave  drag  at  transonic  and  supersonic  speeds  and  has  many  disadvantages  at 
low  or  subsonic  speeds  (e.g.,  high  induced  drag,  and  loss  in  lift).  Therefore,  for  an  aircraft  with 
multimission  role,  such  as  near  transonic  cruise  and  supersonic  cruise,  variable  sweep  or  a swing-wing 
concept  is  an  attractive  idea. 60  Thus,  at  low  speeds,  the  aircraft  can  take  advantage  of  a straight  wing, 
while  at  transonic  and  supersonic  speeds  the  wing  can  be  swept  to  minimize  wave  drag.  Although  this  con- 
cept may  not  be  the  optimum  for  each  speed  range,  over  the  total  flight  profile  the  aircraft  performance 
would  be  enhanced.  The  major  disadvantage  of  this  concept  is  weight  and  complexity  of  the  variable  wing 
sweep  mechanisms. 

5.3  Interference  Drag 

Interference  drag  is  caused  by  the  complex  flow-field  interactions  between  adjacent  aircraft  compo- 
nents. Typical  interference  regions  include  the  fuselage  wing,  fuselage  empennage,  horizontal-vertical 
tail,  fuselage  nacelle,  wing  nacelle,  and  wing  tail.  Although  considerable  research  has  been  directed 
toward  understanding  and  predicting  interference  effects  between  such  components , 61-73  additional  research 
is  still  needed.  Present  estimates  of  interference  drag  must  depend  heavily  on  ad-hoc  wind-tunnel  testing 
at  relatively  low  Reynolds  numbers  supplemented  by  potential  flow  analyses  and  empirical  "engineering" 
techniques.  Even  though  viscous  effects  strongly  affect  the  flow  behavior  in  the  junctions  between  adjacent 
aircraft  components,  no  methods  are  currently  available  for  satisfactorily  predicting  three-dimensional 
interference  in  viscous  flows. 

The  potential  for  mlmlnizing  interference  drag  is  represented  by  Figure  41  (from  Ref.  65)  for  a super- 
sonic transport  conf iguration.  The  envelope  of  the  interference  effects  corresponds  to  25~  of  the  sum  of 
the  isolated  components;  however,  properly  designing  the  configuration  to  eliminate,  reduce,  or  take  advan- 
tage of  the  interference  effects  is  indicated  to  have  the  potential  for  reducing  the  total  aircraft  drag 
to  values  less  than  that  for  the  sum  of  the  Isolated  components.  Thus,  Interference  drag  can  be  favorable 
as  well  as  detrimental.  This  is  shown  in  Figure  42  (from  Ref.  69)  where  favorable  interference  between  a 
particular  wing  nacelle  was  obtained  for  subsonic  Mach  numbers  less  than  approximately  0.66. 

Techniques  for  controlling  the  effects  of  component  interference  Include:  shaping/contouring  to  avoid 

excessive  supervelocities  and  adverse  pressure  gradients,  area  ruling  to  provide  smooth  area  distributions, 
component  filleting,  and  component  positioning.  Of  these  techniques,  shaping,  contouring,  and  area  ruling 
probably  depend  most  on  the  available  analytical  methods  for  minimizing  interference  effects.  Wing-fuselage, 
wing-nacelle,  and  fuselage-nacelle  interactions  represent  the  areas  where  shaping,  contouring,  and  area 
ruling  have  been  applied  very  successfully.  Figures  43  to  46  Illustrate  specific  examples  of  body  shaping 
for  controlling  interference.  Streamline  contouring  (i.e.,  fuselage  shaping  to  account  for  the  lateral 
streamline  pattern  existing  over  an  infinitely  swept  wing),  area  ruling  and  a combination  of  the  two  are 
shown  in  Figure  43  (from  Ref.  61)  to  substantially  reduce  the  interference  drag  of  a wing-body  configuration 
at  transonic  and  supersonic  velocities.  The  Influence  of  area  ruling  on  the  pressure  distribution  over  a 
Sears-Haack  body  and  wing  combination  is  presented  in  Figure  44  (from  Ref.  65);  the  Interference  pressure 
distributions  from  the  body  on  the  wing  and  the  wing  on  the  body  are  plotted  in  their  respective  locations. 
Area  ruling  reduced  the  drag  of  the  configuration  by  25Z  based  on  the  sum  of  the  drag  for  the  isolated  wing 
and  body.  Favorable  Interference  through  nacelle  contouring  is  shown  in  Figure  45  (from  Ref.  72).  Properly 
contouring  the  nacelle  weakened  and  displaced  the  wing  shock  formation.  Wing  leading-edge  contouring  and 
pylon  tralilng-edge  contouring  are  shown  to  have  either  favorable  or  adverse  effects  on  the  nacelle-wing 
Interference  drag  in  Figure  46  (from  Ref.  69),  depending  on  the  free-stream  Mach  number. 
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With  the  development  of  the  high  bypass  ratio  engine,  engines  sizes  have  become  very  large.  There- 
fore, one  of  the  most  challenging  interference  problems  facing  the  aerodynamic ist  is  that  of  engine  nacelle 
installation.  The  choice  of  where  to  locate  the  engines  on  an  airplane  cannot  be  made  a priori  and  roust 
depend  upon  the  mission  of  the  aircraft,  the  aircraft  size,  engine  size,  and  the  specific  aerodynamic 
performance  objectives.  Studies  such  as  Reference  72  point  out  the  advantages  and  disadvantages  of  locating 
engine  nacelles  under  the  wing,  over  the  wing,  and  on  the  fuselage.  However,  regardless  of  where  the 
nacelle  is  located,  the  flow  field  about  it  will  be  extremely  complex  (e.g.,  see  Fig.  47  obtained  from 
Ref.  71  for  an  underwing  nacelle  arrangement)  and  will  be  influenced  by  parameters  such  as  the  nacelle  dis- 
tance from  the  adjacent  body,  longitudinal  position  of  nacelle  relative  to  the  adjacent  body,  the  configura- 
tion lift  coefficient  and  the  free-stream  Mach  number.  The  representative  effects  of  nacelle  location  on 
Interference  drag  are  sho*  ' in  Figures  48  (from  Ref.  73)  and  49  (from  Ref.  62)  for  subsonic  flows  and  in 
Figure  50  (from  Ref.  63)  for  supersonic  flows.  Although  these  figures  show  useful  trends  for  positioning 
nacelles  for  relatively  low  drag,  it  should  be  emphasized  that  the  selection  of  a good  nacelle  location 
does  not  depend  totally  on  minimized  interference  drag;  the  effect  of  the  nacelle  location  on  the  lift 
coefficient  and  the  transonic  drag  rise  are  additional  aerodynamic  factors  that  must  be  considered. 

5.4  Base  and  Separated  Flow  Drag 

Base  drag  occurs  because  of  the  presence  of  a viscosity-induced  low-speed  layer  of  fluid  near  the  wall 
or  surface  of  an  aircraft  body  or  wing.  In  ideal  inviscid  (potential)  low-speed  flow,  the  pressure  drag  of 
a body  is  zero.  However,  the  flow  in  the  viscous  boundary  layer  cannot  negotiate  the  adverse  pressure 
gradients  which  occur  as  the  flow  approaches  the  rearward  potential  flow  stagnation  point  on  the  airfoil  or 
fuselage  and  the  flow  separates.  The  resultant  drag  is  a pressure  or  form  drag  since  the  separated  or  base 
flow  has  a lower  pressure  than  in  the  absence  of  a boundary  layer,  that  is,  the  recompression  process  is 
arrested  once  separation  occurs.  This  type  of  drag  is  of  particular  concern  on  nacelles,  fuselage  closures, 
and  wing/empennage  trailing  edges.  Flow  separation  and  the  resultant  drag  is  not  unique  to  base  flows,  but 
also  occurs  whenever  adverse  pressure  gradients  are  large  (including  shock/boundary-layer  interaction 
regions),  in  the  presence  of  large  surface  mass  injection  (leaks,  etc.)  and  surface  discontinuities. 

The  basic  philosophy  for  drag  reduction  in  base/separated  flows  is  obvious;  since  the  low  momentum 
boundary-  iyer  flow  is  responsible,  thin  the  low  momentum  region  to  the  maximum  possible  extent  or  intro- 
duce other  flow  structures,  such  as  longitudinal  vortices,  which  not  only  pump  high  energy  air  into  the 
low  momentum  region  but  also  may  be  more  resistant  to  adverse  pressure  gradient  influences.  The  usual 
methods  used  to  provide  a thinner  low  momentum  region  include:  (a)  suction,  (b)  wall  jets  (tangential 

injection  with  u^  > uro) , (c)  wall  cooling,  and  (d)  vortex  generators  (vanes  or  discrete  air  jets).  The 
fuller  velocity  profile  and  larger  cross-stream  momentum  transport  which  occurs  in  turbulent  boundary 
layers  makes  them  much  less  susceptible  to  separation.  Additional  methods  utilized  specifically  to  reduce 
base  drag  include  (1)  boattailing  (reduces  the  adverse  pressure  gradient  approaching  the  base  region), 

(2)  concave  surface  curvature  (generates  longitudinal  vortices  and  is  currently  used  on  the  lower  surface 
of  transonic  supercritical  wing  sections),  (3)  splitter  plates  (reduces  occurrence  of  Karman  vortex  street 
by  interrupting  top-to-bot tom  "cross-talk"  in  the  base  flow),  (4)  combust  ion/base  bleed  (increases  base 
pressure  directly  and  energizes  shear  layer),  (5)  recessed  base  geometry  (may  act  like  splitter  plates), 
and  (6)  serrated  trailing  edges  (introduces  longitudinal  vortices?). 

For  specific  details  of  the  base  drag  problem,  the  recent  review  by  Tanner?4  is  particularly  useful, 
as  are  the  companion  volumes  by  Chang. 75, 76  See  also  the  paper  by  Sedney,77  the  book  edited  by  Lachmann,78 
the  book  edited  by  Murthy,79  and  the  literature  summaries  of  References  80  and  81.  According  to  Tanner?^ 
for  two-dimensional  low-speed  flows,  where  much  of  the  base  drag  problem  involves  vortex  shedding,  the 
most  effective  base  drag  reduction  approaches  are  splitter  plate,  boattailing,  serrated  trailing  edges, 
and  base  bleed.  For  the  three-dimensional  case  (axisymmetr ic) , base  bleed  seems  to  give  the  best  perform- 
ance. Base  drag  reductions  of  the  order  of  50%  are  possible  with  such  devices. 

An  interesting  example  of  a base  drag  reduction  experiment  is  shown  in  Figure  51  (from  Refs.  82  and 
83).  Base  drag  was  measured  on  an  unswept  fin  attached  to  the  undersurface  of  an  F-104  fighter  aircraft. 

Two  base  modifications  were  used:  a splitter  plate  and  a "vented  cavity"  (actually  a serrated  trailing 

edge).  The  flight  results,  shown  on  Figure  52,  indicate  base  drag  reductions  of  30-40%  with  the  splitter 
plate  giving  better  results  at  the  lower  Mach  number. 

The  percent  base  drag  reductions  obtainable  at  supersonic  speeds,  where  Karman  vortices  do  not  occur, 
are  less  than  at  subsonic  speeds  as  indicated  in  Figures  53  (from  Ref.  84)  and  54  (from  Ref.  85).  Obvi- 
ously, the  boattall  approach  need  not  involve  straight-] ine  segments,  but  ideally  should  be  tailored  for 
reduction  of  large  local  adverse  pressure  gradients.  An  example  of  the  use  of  various  afterbody  closures 
is  shown  on  Figures  55  and  56  (from  Ref.  86).  As  expected.  Figure  56  shows  that  the  steeper  boattall 
angles  (larger  adverse  pressure  gradient)  are  less  effective  in  reducing  base  drag. 

Base  bleed  is  shown  to  be  an  effective  base  drag  reduction  approach  in  Figure  57  (from  Ref.  87).  For 
relatively  large  mass  flow  rates,  the  results  for  base  bleed  are  very  similar  to  those  for  splitter  plates. 
Results  for  combinations  of  boattall  angle,  mass  injection,  and  nozzle  center  body  are  shown  in  Figure  58 
(from  Ref.  88) . 

In  the  area  of  separation  control  or  boundary-layer  control  (BLC)  for  wings,  as  opposed  to  base  flows, 
several  drag  reduction  approaches  using  wall  suction  are  possible.  The  most  obvious  approach  is  to  use  a 
thicker  wing  (subsonic  aircraft  only)  and  maintain  attached  flow  on  the  upper  wing  surface  with  BLC  which 
allows  greater  structural  efficiency  and  a higher  aspect  ratio  (lover  drag  due  to  lift)  wing.  This  was 
used  in  the  early  development  of  natural  laminar  flow  airfoils89  since  the  thicker  airfoil  sections  pro- 
vided large  regions  of  favorable  (disturbance  stabilizing)  pressure  gradients.  An  alternate  use  of  BLC 
for  transonic  wings  is  the  reduction  of  flow  separation  caused  by  shock-boundary-layer  interactions  (increas- 
ing the  drag-divergence  Mach  number).  A third  approach,  again  for  low  speeds,  is  the  reduction  of  the  lee 
surface  separation  thus  delaying  wing  stall  to  higher  angles  of  attack  and  thus  increasing  lift  coefficient. 
Although  this  permits  a more  highly  loaded  wing  with  reduced  chord  and  lower  skin  friction,  the  wing  drag 
due  to  lift  would  be  Increased  (higher  angle  of  attack). 
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5.5  Drag  IXje  to  Lift 

Drag  due  to  lift  refers  to  those  drag  components  that  are  directly  and  necessarily  associated  with 
the  generation  of  lift.  At  subsonic  speeds,  drag  due  to  lift  is  primarily  induced  drag,  but  also  includes 
some  incremental  drag  increase  in  the  form  of  skin  friction  and  pressure  drag.  At  transonic  and  super- 
sonic speeds,  drag  due  to  lift  also  includes  wave  drag  due  to  lift.  The  induced  drag  or  vortex  drag  is 
caused  by  the  shedding  of  vorticity  along  the  wing  span  and,  in  particular,  the  wing  tip.  This  drag  appears 
as  a momentum  deficiency  in  the  wake  of  the  wing.  The  wave  drag  due  to  lift  is  an  additional  wave  drag 
(other  than  that  at  zero  lift  which  is  discussed  in  ection  5.2)  associated  with  the  wing  and  body  configu- 
ration being  at  lifting  conditions  and  appears  as  a momentum  deficiency  in  the  surrounding  flow  field.  A 
more  complete  discussion  of  drag  due  to  lift  is  presented  for  those  desiring  greater  details  in  References  23 
and  41. 


Subsonic*  drag  due  to  lift  depends  primarily  on  the  wing  aspect  ratio  and  the  spanwise  lift  distribu- 
tion over  the  wing.  Increasing  the  aspect  ratio  and/or  obtaining  a nearly  elliptical  spanwise  lift  distri- 
bution will  significantly  reduce  the  Induced  drag.  However,  structural  considerations  become  a dominant 
factor  influencing  the  length  of  a large-aspect-ratio  wing  and  a design  compromise  must  be  achieved.  Cur- 
rent design  approaches  for  reducing  the  subsonic  drag  due  to  lift  (induced  drag)  are  discussed  in  detail 
in  Reference  90. 

Supersonic  drag  due  to  lift  is,  of  course,  very  similar  to  subsonic  drag  due  to  lift  with  the  exception 
of  the  additional  supersonic  wave  drag  due  to  lift.  To  minimize  supersonic  drag  due  to  lift,  the  wings 
should  have  large  spans,  long  lengths,  and  elliptical  spanwise  load  distributions  (uniform  downwash)  for  all 
area-ruled  azimuthal  angles  (see  Refs.  91-94  for  a discussion  of  supersonic  area  ruling  and  equivalent  body 
analysis  for  minimum  wave  drag).  However,  large  skin-friction  penalties  result  with  large  span  and  large 
length  wings;  also,  as  for  subsonic  speeds,  the  structural  weight  of  such  wings  is  large.  Twc  solutions 
to  this  large  skin-friction  problem  are  the  arrow-wing  and  the  asymmetric  or  oblique-wing  concepts.  The 
oblique  wing  concept  for  transonic  or  low  supersonic  speeds  was  discussed  in  Section  5.2.  The  arrow-wing 
concept  utilizes  leading-edge  sweep  behind  the  Mach  line  (limited  to  the  lifting  line)  to  avoid  large  wave 
drag  penalties  and  a rear  notch  to  eliminate  the  inefficient  lifting  area  over  the  aft  part  of  the  wing. 
Unfortunately,  structural  considerations  drive  the  planform  of  the  arrow  wing  toward  that  of  a delta  wing. 
Figure  59  (obtained  from  H.  W.  Carlson  of  NASA  Langley)  shows  the  reduced  drag  associated  with  arrow  wings. 
Figure  60  (from  Ref.  92)  shows  the  effect  of  the  arrow  wing  on  the  wave  drag  due  to  lift  at  supersonic  speeds. 

Wing  twist  and  camber  are  another  means  by  which  supersonic  drag  due  to  lift  is  reduced.  Since  flat 
wing  leading  edges  so  not  achieve  suction  at  supersonic  speeds,  the  flat  wing  drag  is  relatively  large.  By 
twisting  and  cambering  the  wing  leading  edge,  lift  is  generated  on  the  forward-facing  wing  slopes  thus 
creating  an  upwash  at  the  wing  leading  edge  and  thrust,  not  drag.  Figure  61  (from  Ref.  95)  illustrates 
the  influence  of  wing  warp  (twist  and  camber)  on  the  supersonic  drag  due  to  lift.  Note  that  although  the 
flat  wing  has  the  lowest  drag  at  zero  lift,  the  warped  wing  has  significantly  less  drag  at  the  lifting 
conditions.  The  value  ^ is  an  index  of  the  camber  surface  severity  and  is  the  lift  coefficient 
for  which  the  warped  wing  surface  is  designed  to  produce  a minimum  drag.  The  term  opt  is  the  lift 
coefficient  yielding  the  maximum  lift-drag  ratio  for  a theoretically  optimum  surface.  'Linearized  theory95-98 
is  used  as  the  basis  for  designing  optimum  twisted  and  cambered  wings.  Figure  62  (from  Ref.  99)  shows  how 
the  elements  of  a wing  can  be  represented  in  the  analysis  of  lifting  surfaces.  Details  of  this  theoretical/ 
numerical  analysis  are  provided  in  References  95,  97,  and  99. 

Designing  a supersonic  configuration  to  have  low  drag  due  to  lift  requires  paying  close  attention  to 
details  and,  in  many  cases,  is  somewhat  an  art  rather  than  a science.  Fuselage  integration  is  one  such 
example  as  shown  in  Figure  63  (from  Ref.  95).  Note  that  with  the  fuselage  alined  to  give  equal  areas  above 
and  below  the  wing  surface,  the  most  significant  improvements  in  aerodynamic  performance  are  obtained. 

Another  example  of  attention  to  details  is  shown  in  Figure  64  (from  Ref.  95)  for  nacelle  alinement.  Note 
that  alining  the  pylon  or  nacelle  at  a cant  angle  one-half  of  the  local  flow  angle  minimized  drag  contribu- 
tion of  the  nacelle.  Figure  65  (from  Ref.  95)  shows  a configuration  employing  optimized  lift  design  fea- 
tures such  as  these  two  examples.  The  configuration  employs  twisted  and  cambered  wings,  nacelle  and  fin 
alinement,  and  wing  reflexing  in  the  nacelle  region,  is  self-trimmed  at  cruise  speeds,  and  has  an  L/D  - 9-10 
at  cruise  lift  coefficient  and  Reynolds  number. 

5.6  Viscous  Drag  Reduction 

As  discussed  in  the  Introduction  Section,  skin  friction  comprises  40-50%  of  the  drag  on  current  CTOL 
aircraft.  Since  transition  Reynolds  numbers  are  generally  the  order  of  4 x 10^  or  less,  and  the  aircraft 
Reynolds  number  is  the  0(100-400  x 10^),  the  usual  state  of  the  boundary  layer  is  turbulent.  Th*  Ime 
subject  of  the  present  discussion  is  the  reduction  of  this  turbulent  skin-friction  drag. 

The  most  obvious  drag  reduction  scheme,  and  the  one  technically  most  advanced,  is  that  of  laminar  Llow 
control  (LFC),  that  is,  delaying  the  transition  process.  Using  a particular  LFC  approach  (e.g.,  suction 
through  closely  spaced  transverse  slots),  wing  flows  have  been  laminarized  up  to  chord  Reynolds  numbers  of 
approximately  60  x 10^.  However,  several  maintenance  and  economic  problems  must  be  studied  before  aircraft 
application  Is  practical.  Also,  an  LFC  system  requires  surface  smoothness  and  cleanliness  criteria  con- 
siderably more  stringent  than  that  dictated  by  current  practice  on  conventional  aircraft. 

Because  of  this  possible  operational  "sensitivity"  of  LFC  systems  (and  the  requirements  for  high- 
altitude,  low  Reynolds  number,  long  stage  length),  there  exists  considerable  interest  in  an  alternate  drag 
reduction  philosophy;  reduce  the  turbulent  shear  but  let  the  flow  stay  turbulent.  The  possible  payoff  in 
this  approach  is  generally  leas  than  half  as  large  as  for  LFC,  but  the  system  should  be  more  stable  to 
operational  perturbations.  This  section  of  overview  discusses  both  LFC  methods  and  possibilities  for 
altering  the  developed  turbulent  structure  of  the  boundary  layer.  In  general,  the  theory  for  the  various 
LFC  approaches  and  several  of  the  turbulent  alterations  is  well  founded,  but  the  detailed  mechanisms 
responsible  for  the  more  spectacular  effects  in  turbulent  flows,  such  as  those  due  to  to  polymers,  parti- 
cles, and  compliant  walls,  are  not  yet  identified. 
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Although  the  emphasis  is  upon  aircraft  application,  for  completeness  and  as  an  aid  In  identification 
of  common  mechanisms,  the  review  Includes  most  of  the  skin-friction  drag  reduction  approaches  currently 
available;  some  are  applicable  only  to  liquids,  or  require  additives  or  equipment  which  are  obviously  out 
of  the  question  for  aircraft. 

5.6.1  Laminar  Flow  Control 

On  smooth  surfaces  and  in  the  absence  of  large  background  disturbances  (usual  flight  case),  the  process 
of  transition  from  laminar  to  turbulent  flow  includes  a linear  regime  where  disturbances  are  growing,  but 
have  not  yet  reached  a large,  or  nonlinear,  level  ($  order  of  1-3%  disturbance  level).  A well-developed 
theory  ("Stability  Theory,"  i.e.,  Ref.  24)  exists  for  this  flow  region,  and  can  be  used  to  determine  pos- 
sible methods  for  increasing  the  stability  (and  subsequently  the  transition  Reynolds  number)  of  the  flow. 

The  usual  LFC  methods  rely  on  a combination  of  two  effects  (1)  thinning  the  boundary  layer  (lower  the 
effective  Reynolds  number)  and  (2)  altering  the  mean  profile  to  a more  stable  shape.  The  LFC  approaches 
which  have  received  most  attention  for  gases  include  (a)  suction,  (b)  favorable  pressure  gradient,  and 
(c)  wall  cooling.  Other  possibilities  are  use  of  MHD  forces  and  compliant  walls. 

Figure  66  gives  an  example  of  the  possible  payoff  from  the  use  of  LFC  on  the  wings  of  CTOL  aircraft. 

The  laminar izat ion  method  assumes  suction  through  small,  closely  spaced  transverse  slots.  Even  with  suction 
power  considered  in  the  overall  system  penalty,  a fuel  saving  of  from  25-40%  is  possible,  depending  upon 
the  stage  length. 

Actual  local  drag  reductions  obtained  using  the  slot  suction  LFC  approach  are  shown  on  Figure  67  for 
the  subsonic  case  and  on  Figure  68  for  supersonic  flow  (both  Figs,  from  Ref.  100).  In  both  cases  substan- 
tial reductions  occur,  even  up  to  quite  high  Reynolds  numbers.  It  should  be  noted  that  the  optimum  LFC 
suction  system  would  involve  continuous  area  suction.  However,  the  practical  aspects  of  suction  duct/ 
surface  design  dictate  some  sort  of  discrete  suction.  Dr.  Pfenninger  developed  the  present  "best  bet" 
approach  consisting  of  closely  spaced  small  transverse  slots.  The  penalty  for  this  discrete  suction  system 
versus  area  penalty  is  not  known,  but  is  probably  not  large. 

A problem  in  the  development  and  use  of  LFC  systems  is  the  sensitivity  of  boundary-layer  transition  to 
free-streara  disturbances  and  roughness,  particularly  if  these  are  near  the  critical  Tollimein-Schlichting 
frequency/scale.  Figure  69  (obtained  from  Dr.  W.  Pfenninger  of  NASA  Langley  Research  Center)  gives  an 
indication  of  the  free-stream  disturbance  effect  upon  transition  Reynolds  number  with  suction.  The  facility 
disturbance  level  shown  on  the  abscissa  is  the  usual  wide-band  rms  average,  and  in  the  case  of  a sound  dis- 
turbance the  u'  level  is  taken  as  the  sound  Induced  particle  speed.  The  practical  free-f light  situation 
corresponds  to  the  lower  fluctuating  velocity  (u')  levels  (higher  Reynolds  numbers).  The  disturbances  in 
flight  which  limit  the  LFC  operating  ehvelope  are  typically  either  roughness,  surface  vibration,  and/or 
noise  from  adjacent  viscous  flows.  Separate  studies  of  the  permissible  surface  roughness  for  optimal  per- 
formance yield  results  such  as  shown  on  Figure  70.  Three  dimensionality  of  the  roughness  particle  decreases 
the  permissible  roughness  height. 

At  the  present  time,  there  are  no  known  "barrier  problems"  to  the  application  of  LFC  to  the  wings  of 
CTOL  aircraft.  The  remaining  tasks  involve  optimization  of  an  already  good  concept  and,  mainly,  determining 
technical  and  economical  problems  involved  with  operation  and  maintenance  of  LFC  surfaces/systems. 

An  earlier  and  still  useful  approach  to  LFC  (can  be  combined  with  suction)  Involves  application  of 
favorable  pressure  gradients.  Figure  71  (from  Ref.  24)  indicates  the  influence  of  pressure  gradient  upon 
the  conventional  neutral  stability  curves.  A favorable  pressure  gradient  both  increases  the  lower  critical 
Reynolds  number  and  decreases  the  amplification  rates.  This  approach  was  utilized  on  low-speed,  unswept 
airfoils  to  produce  the  so-called  "naturally  laminar"  wings. 89  The  stabilizing  effects  of  favorable  pres- 
sure gradients  are  compromised  in  the  swept  wing  case  due  to  crossflow  instabilit ies  induced  by  three- 
dimensional  flow  within  the  boundary  layer. 

Another  LFC  approach,  but  one  which  is  probably  impractical  for  aircraft,  is  the  use  of  MHD  body 
forces  to  produce  a more  stable  boundary-layer  profile.  An  example  of  the  computed  stabilization  effect 
is  given  on  Figure  72  (from  Ref.  101).  Yet  another  stabilization  technique  (for  gases)  is  wall  cooling. 

This  technique  may  become  useful  if  liquid  hydrogen  is  adopted  as  an  alternate  aircraft  fuel.  Figure  73 

(from  Ref.  102)  indicates  an  example  of  the  stabilization  obtained  theoretically  from  wall  cooling  at 
supersonic  speeds.  However,  Figure  74  (Ref.  103)  indicates  experimentally  that,  at  higher  Mach  numbers, 
there  can  be  little  or  no  stabilization,  depending  upon  Mach  number  (and,  in  all  probability,  details  of 
the  facility  disturbance  level).  In  all  of  the  LFC  research,  one  must  constantly  be  aware  of  the  Morkovin 
concept  of  "dominant  and  multiple  responsibility'  for  transition.  That  is,  as  soon  as  the  major  disturb- 
ance level  is  reduced,  another  type  of  disturbance  may  cause  transition  and  this  "new"  dominant  disturb- 
ance may  have  different  functional  dependence  upon  independent  parameters.  In  the  case  of  Figure  74. 
there  is  a possibility  that  facility  disturbances  cause  a "high  intensity  bypass"  type  of  transition!^ 
which  "swamps  out"  the  influence  of  the  wall  to  total  temperature  ratio  (Tw/Tt). 

A final  LFC  concept,  which  has  seen  considerable  theoretical  development  but  little  experimental  or 

practical  application,  is  the  use  of  compliant  walls.  There  are  basically  two  general  types  of  compliant 
walls  (1)  truly  compliant  or  flow  perturbation  following  (small  phase  lag  between  gas  and  wall  motion)  and 
(2)  resonant  or  excited  eigenraode  walls  (random  phase).  The  theory  is  well  developed  for  the  former,  but 
tor  boundary-layer  stabilization  the  resulting  walls  are  essentially  impossible  to  construct,  particularly 
for  air.  Typical  theoretical  requirements  Include  (1)  wall  density  the  order  of  the  fluid  density, 

(2)  shear  modulus  the  order  of  dynamic  pressure,  and  (3)  small  damping.  Typical  theoretical  results  are 
shown  on  Figure  75  (from  Ref.  105).  The  case  of  the  resonant  walls  is  opposite  — almost  no  theory  but 
considerable  experiment,  mostly  Russian. 106  The  data  indicate  such  walls  can  increase,  as  well  as  decrease, 
the  lower  critical  Reynolds  number,  depending  upon  the  detailed  wall  design. 

Once  the  boundary  layer  is  laminar ized,  the  question  can  be  raised  as  to  whether  the  laminar  level  can 
be  further  reduced.  One  possible  approach  is  to  reduce  the  tangential  momentum  accoimnodat ion  coefficient. 


that  is,  relax  the  conventional  "no-slip"  boundary  condition  at  the  wall.  Unfortunately,  the  research 
thus  far  107  indicates  the  surface  must  be  much  cleaner,  and  kept  much  cleaner,  than  is  currently  possible 
in  aircraft  operating  practice.  The  question  of  satellite  drag  is  obviously  another  matter.  Figure  76 
(from  Ref.  107)  gives  the  measured  reduction  in  tangential  momentum  accommodat ion  coefficient  for  various 
surface  treatments  (polished,  removal  of  absorbent  layers,  etc.). 

Another  approach  to  generation  of  a slip  boundary  condition  is  the  use  of  a liquid  layer  on  the 
surface.  However,  aside  from  obvious  problems  with  the  stability  of  such  thin  liquid  layers,  simplified 
analysis  indicates  the  presence  of  a liquid  layer  causes  an  increase  in  drag,  except  for  something  exotic 
such  as  liquid  hydrogen,  which  has  a lower  viscosity  than  air. 

5.6.2  Alteration  of  Turbulence  Structure 


Addltlvea.  Three  types  of  additives  have  been  use d to  reduce  the  level  of  turbulent  Cf  drag  — 
particles,  polymers,  and  bubbles.  Except  for  particles,  the  approach  is  applicable  only  to  liquids.  An 
example  of  the  results  for  gas-particle  suspensions  is  shown  on  Figure  77  (Ref.  108).  Considerable 
reductions  are  possible,  but  the  orientation  of  the  pipe  has  a first-order  effect.  This  orientation  prob- 
lem may  be  connected  with  sedimentation  of  the  particles,  especially  in  view  of  recent  South  African 
research!09  where  sound  fields  increased  the  efficiency  of  the  particles  for  horizontal  pipes  (sound 
pressure  forces  may  have  kept  the  particles  in  suspension). 

The  major  effect  of  the  particles  is  to  increase  the  sublayer  thickness,  as  can  be  seen  in  Figure  78 
(Ref.  110).  The  slope  in  the  law  of  the  wall  region  ("Prandtl  or  Karman  wall  constant")  is  essentially 
unchanged.  This  thickening  of  the  sublayer  in  law  of  the  wall  coordinates  is  common  to  most  of  the  skin- 
friction  reduction  methods  which  alter  the  turbulent  structure.  The  point  is  further  quantified  in 
Figure  79  (Ref.  110)  where  the  amount  of  drag  reduction  is  shown  as  a function  of  sublayer  thickness. 

Although  the  addition  of  particles  causes  a drag  reduction,  the  turbulence  intensity  level  can 
actually  Increase  (Fig.  80,  Ref.  110).  This  Increase  may  be  due,  at  least  partially,  to  the  velocity 
perturbation  Induced  by  the  particle  wakes.  The  extent  of  drag  reduction  Increases  with  increasing  particle 
density  and  decreasing  particle  size  (Fig.  81,  Ref.  111). 

The  data  therefore  indicate  that  particles  can  reduce  turbulent  skin-friction  drag  by  50Z  or  more, 
with  small  diameter,  large  length/diameter  particles  being  the  most  effective.  Considering  the  weight 
problems  of  carrying  suitable  particles  on  an  aircraft  and  the  various  pollution  laws,  the  application  of 
particles  for  drag  reduction  on  aircraft  is  obviously  not  currently  feasible.  However,  if  the  mechanism 
which  causes  this  reduction  could  be  Isolated,  perhaps  other  boundary  condition  changes  could  be  used  to 
produce  a similar  effect.  Unfortunately,  the  drag  reduction  mechanism  has  not  yet  been  identified.  There 
are  three  obvious  possibilities,  either  (a)  turbulence  dissipation  increases  due  to  the  particle  wakes, 

(b)  the  time-varying  particle  velocity  phase  lag  produces  a modulation  in  the  near  wall  flow  which  decreases 
burst  production  or,  finally,  (c)  an  anisotropic  viscosity  which  increases  the  profile  stability.  At  the 
present  time  the  mechanism  is  not  understood. 


Another  additive  which  reduces  drag,  at  least  for  liquids,  is  long  chain  polymers.  The  molecular 
weights  involved  are  the  order  of  10^  and  concentration  on  the  order  of  a few  parts  per  million  can  result 
in  reductions  greater  than  50Z.  However,  the  polymer  must  be  "fresh,"  that  is,  the  polymer  chains  must  not 
be  broken.  Some  threshold  level  of  shear  is  evidently  necessary  to  stretch  the  chains  out  for  optimal 
effect.  Therefore,  there  exists  several  conditions  which  must  be  met  in  practice  before  drag  reudction  is 
achieved.  As  in  the  case  of  particles,  the  basic  mechanism  for  drag  reduction  is  unclear,  but  several 
points  can  be  made,  primarily  from  References  112  and  113;  (1)  the  number  of  turbulent  "bursts"  is  defi- 
nitely reduced  and  therefore  the  polymers  are  probably  working  by  alteration  of  the  very  near  wall  flow 
and  (2)  the  intensity  of  the  bursts  which  do  occur  seems  to  be  reduced.  Typical  drag  reductions  for  various 
additives  are  shown  on  Figure  82  as  a function  of  concentration. Figure  83  (Ref.  114)  indicates  that, 
as  advertised  previously,  the  major  influence  is  an  increase  in  sublayer  thickness,  with  the  slope  of  the 
law  of  the  wall  or  logarithmic  region  essentially  unaltered. 

A further  "additive"  is  the  generation  of  bubbles  in  liquids.  Very  little  research  is  availablellS 
but  the  effect  seems  to  occur  in  both  fresh  and  salt  water.  One  method  of  producing  bubbles  is  by  elec- 
trolysis of  water  (H2  gas  product  ion) . 115  Data  from  Reference  115  for  bubble  drag  reduction  are  shown  on 
Figure  84.  The  mechanism  responsible  is  unknown,  but  is  probably  similar  to  that  responsible  for  the 
reduction  with  particle  additives. 


Reduction  of  Near  Wall  Momentum.  For  this  class  of  drag  reduction  methods,  the  reduction  mechanism 
is  known,  and  simple.  One  strives  to  reduce  the  p u2  level  near  the  wall  and  thus  reduce  the  wall  shear 
directly.  Any  fundamental  alteration  of  turbulence  structure  is  of  secondary  Importance.  No  new  physics 
or  mechanisms  are  necessary  to  explain  these  approaches.  The  more  usual  methods  of  reducing  near  wall 
momentum  include  (1)  tangential  slot  injection,  (2)  normal  or  porous  wall  injection,  and  (3)  adverse  pres- 
sure gradient.  Figure  85  indicates  the  typical  flow  field  and  skin-friction  distribution  for  tangential 
slot  injection.  Just  downstream  of  the  slot,  the  wall  senses  the  slot  flow  as  the  effective  "free  stream" 


and  the  drag  is  quite  low  primarily  a f 


£) 


Once  the  mixing  region,  which  originates  at  the  slot  lip. 


nears  the  wall  the  skin  friction  Increases  until,  far  downstream,  an  "undisturbed  level"  Is  again  reached. 
Obviously,  additional  slots  could  be  used  downstream  of  the  first  one  to  keep  the  skin-friction  level  low. 
In  general,  lower  uj/u^  gives  lower  initial  skin-friction  levels,  but  also  shorter  low  skin-friction 
regions  (faster  shear  layer  mixing  with  small  uj/u^).  Therefore,  there  is  an  optimal  uj/u^  for  overall 
drag  reduction  (/  Cc  dx/S).  Typical  measured  and  predicted  slot  flow  skin-friction  distributions  are 
shown  on  Figure  86  tor  both  transonic  and  hypersonic  Mach  numbers.  There  does  not  seem  to  be  much  of  a 
Mach  number  effect,  although  the  skin-friction  level  without  slot  injection  does  change  with  Mach  number. 
The  application  of  slot  injection  as  an  aircraft  drag  reduction  scheme  presupposes  the  existence  of  a 
supply  of  slot  air.  Unfortunately , except  for  laminar  flow  suction  air,  which  has  a relatively  low  mass 
flow  rate  (only  enough  for  one  slot),  there  is  no  known  mass  flow  source  with  a low  enough  inlet  loss  to 
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allow  an  overall  system  benefit  (net  drag  reduction).  A further  problem  with  the  slot  scheme  is  the  base 
drag  of  the  slots,  which  may  be  considerable. 

An  alternate  approach  to  mass  addition  Is  normal  Injection  through  a porous  surface.  The  amount  of 
skin-friction  reduction  possible  with  this  approach  is  considerable  as  seen  on  Figure  87  (Ref.  116).  How- 
ever, the  method  can  also  use  slot  injected  air,  and  research  in  Reference  117  indicates  that,  on  a skin- 
friction  reduction  per  pound  of  air  basis,  slot  injection  is  a more  effective  drag  reduction  scheme. 

The  influence  of  adverse  pressure  gradient  is  straightforward.  For  quasi-parallel  inviscid  flow 

3u  _ 3p  1 

i)x  3x  pu 


Therefore,  for  ♦ ^ is  negative,  with  a larger  influence  near  the  wall  due  to  the  term.  For  air- 

dX  3x  pu 

craft,  the  use  of  adverse  pressure  gradients  for  skin-friction  reduction  has  seen  most  application  on  low 
Reynolds  number  airfoils.  L/D  values  of  200  to  300  have  been  obtained  on  airfoils  designed  with  a nearly 
separated  or  "Stratford"  type  boundary-layer  condition  over  the  rear  portion  of  the  airfoil. 


Moving  Walls.  Two  types  of  wall  motion  have  been  used  to  reduce  turbulent  skin  friction;  uniform 
in-plane  motion  and  moving  surface  waves.  The  uniform  in-plane  case  is  relatively  straightforward.  The 

production  of  turbulence  is  directly  proportional  to  the  mean  shear  -r^.  The  imposition  of  a wall  velocity 
in  the  main  stream  direction  essentially  acts  as  a slip  boundary  condition  and  reduces 


dy* 


The  typical 


trend  of  skin  friction  with  ^wall  is  indicated  on  Figure  88  (Ref.  119).  The  end  point  at  the  lower  right 
is  obvious;  if  u^n  ■ u^,  then  there  is  no  mean  shear  and  the  boundary-layer  thickness  is  zero.  The 
variation  is  approximately  quadratic,  which  is  what  one  would  expect  from  a simple  Gallalian  transformat  ion. 
The  application  of  this  approach  (u^n  > 0)  as  a drag  reduction  scheme  on  an  aircraft  is  probably  not 
feasible,  particularly  as  the  wall  speed  would  have  to  be  some  reasonable  fraction  of  sonic  for  CTOL  long- 
haul  aircraft.  However,  the  concept  has  received  little  serious  consideration. 


The  alternate  wall  motion  effect,  moving  surface  waves,  is  not  straightforward.  The  concept  is  an 
outgrowth  of  the  compliant  wall  work  for  transition  retardation.  For  low  modulus,  correctly  designed  walls, 
the  turbulent  wall  pressure  fluctuations,  along  with  the  self-induced  "flutter  forces,"  can  excite  structural 
eigenmodes  and  produce  traveling  surface  waves.  There  is  some  evidence  (see  IUTAM  paper  by  Bushnell  et  al. 
on  compliant  walls) 120  that  the  surface  waves  can  interfere  with  the  turbulence  production  processes,  par- 
ticularly for  the  high-frequency,  small  wave  length  case.  An  example  of  the  more  dramatic  compliant 
(resonant)  wall  data  for  turbulent  boundary  layers  is  shown  on  Figure  89  (Ref.  121). 


Convex  Curvature.  The  basic  mechanism  is  the  stabilization  of  turbulence  when  — — *-  > 0 where  r 

dr 

is  the  local  streamline  curvature.  This  flow  curvature  can  be  forced  by  wall  curvature  and  the  effect  is 
present,  but  generally  unrecognized,  in  much  of  the  airfoil  data.  Sizable  effects  are  possible,  a typical 
example  is  shown  on  Figure  90  (Ref.  122).  Reference  123  comprises  an  excellent  review  of  the  Influence  of 
curvature,  both  convex  and  concave,  upon  turbulence. 

5.6.3  Reduction/Alteration  in  Wetted  Area  for  Drag  Minimization 

There  exists  several  approaches  for  skin-friction  drag  reduction  by  alteration  or  reduction  in  the 
wetted  area.  The  total  wall  friction  drag  force  is  obviously  / Cf  dA  (q^ . For  a given  flight  altitude 
and  velocity  (q^)  , °ne  can  either  alter  the  area  distribution  so  that  the  skin  friction  is  lower  over  a 
larger  portion  of  the  area,  or  reduce  the  absolute  magnitude  of  the  area.  Figure  91  (Ref.  124)  indicates 
results  for  what  is  essentially  an  area  redistribution,  Increasing  the  sweep  so  that  more  of  the  area  is  at 
high  Rex  (low  skin  friction).  An  example  of  absolute  area  reduction  would  be  the  use  of  boundary- layer 
control  to  produce  high  on  a smaller  chord  (less  area)  wing. 125  Another  example  is  shown  on  Figure  92 

(Ref.  126),  where  the  use  of  active  controls  technology  allows  a reduction  in  control  surface  empennage 
area  and  thus  a skin-friction  drag  reduction. 

5.6.4  Alternative  Approaches  to  Skin-Friction  Drag  Reduction 

Corrugated  Surfaces.  Consider  the  skin-friction  distribution  over  a stationary  sine-wave  shaped  wall 
for  wave  amplitudes  much  less  than  the  boundary-layer  thickness  (no  wave-induced  local  flow  separation). 

The  wave  shaped  wall  produces  alternating  regions  of  positive  and  negative  axial  pressure  gradient.  Due  to 
the  quasi-non linearity  of  the  convective  terms  in  the  Navier-S  dees  equations,  there  is  more  of  a skin- 
friction  decrease  due  to  the  adverse  pressure  gradient  portin'  than  there  is  Increase  due  to  the  favorable 
pressure  gradient.  Representative  wall  shear  stress  distril  . ions  are  shown  on  Figures  93  (Ref.  127)  and 

94  (Ref.  128).  The  average  skin  friction  over  a wall  wave  cycle  is  seen  to  be  less  than  the  flat  wall  level. 

There  is,  however,  a problem  with  this  possible  drag  reduction  approach.  The  presence  of  a mean  veloc- 
ity gradient  in  the  effective  "free  stream"  for  the  wall  waves  (amplitude  <<  6)  produces  a phase  shift  in 
the  wall  pressure  distribution  such  that  a net  pressure  drag  occurs.  This  pressure  drag  is  generally  greater 

than  the  reduction  in  average  skin  friction.  There  has  evidently  not  yet  been  an  effort  to  circumvent  this 

problem  by  using  asymmetric  waves  or  other  tricks  to  locally  distort  the  pressure  field. 

Noncircular  Duct  Geometry.  Although  not  directly  related  to  the  reduction  in  skin  friction  on  the 
external  skin  of  an  aircraft,  it  is  of  interest  to  note  the  apparent  lower  drag  which  occurs  in  noncircular 
ducts,  particularly  ducts  which  have  acute  Included  angles  (such  as  triangle  channels).  The  work  of 
Reference  129  indicates  at  least  some  of  this  is  due  to  the  co-existence  of  laminar  and  turbulent  flow  within 
the  same  duct  (Fig.  95).  Simpllstically , the  turbulence  seems  to  react  to  a Reynolds  number  based  upon  the 
local  distance  between  adjacent  walls.  There  may  be  a way  of  utilizing  this  behavior  for  the  external  drag 
problem  by  employing  quite  small  longitudinal  v-grooves,  but  this  is  pure  speculation. 
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5.6.5  Outlook  for  Viscous  Skin-Friction  Drag  Reduction 

Laminar  flow  control  has  the  largest  payoff,  is  best  understood,  and  is  the  most  advanced  technically 
V of  any  skin-f riction  reduction  approach.  The  major  problems  with  LFC  are  a lack  of  applicability  to  short 

(*700  miles  or  less)  stage  length  and  questions  such  as  maintenance  cost,  reliability,  and  cleanliness/ 
smoothness  requirements.  There  is  a need,  especially  at  the  shorter  stage  lengths,  for  an  alternate  scheme 
which  reduces  the  turbulent  skin-friction  level.  For  localized  application,  fixes  such  as  convex  walls, 
adverse  pressure  gradient,  and  slot  injection  can  be  used,  but,  especially  for  the  fuselage,  a more  "global" 
concept  is  needed.  Currently,  the  compliant  (resonant)  wall  approach  offers  the  most  hope  as  a new  con- 
I cept,  but  our  knowledge  and  understanding  in  the  area  is,  to  put  it  charitably,  in  an  early  stage. 
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Figure  1.  Natural  petroleum  supply 
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1985  ENGINE  TECHNOLOGY.  MACH  0.85.  200  PASSENGERS. 

3000  n.  rm..  EAR  36  10  EPNdB 

PROJECTED  IMPROVEMENT  REDUCTION  IN  FUEL  CONSUMPTION.  % 
500°f  TURBINE  TEMP  • 1 ' 1 9/5 


INTERNATIONA 


PRICE 

PER 

GALLON, 
cents  20 


DOMESTIC 


01  FAN  EFFICIENCY 


005  INSTALLATION  LOSSES 


20%  ENGINE  WEIGHT 


Figure  2.  Average  U.S.  commercial  jet  fuel  price 
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Figure  6.  Sensitivity  of  fuel  consumption  to 
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Figure  3.  World  jet  fuel  consumption  versus  stage 
length.  World  Jets  only. 


Figure  7.  Composite  material 
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Figure  4.  Representative  aircraft  fuel  use 
distribution. 


Figure  8.  Potential  velght  savings  from  composites 
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Figure  9.  Composite  primary  aircraft  structures. 
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Figure  11.  Supersonic  transport  fuel  usage. 


Figure  13.  Total  aircraft  drag. 
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Figure  14.  Conventional  aircraft  drag  breakdown 
for  shock-free  flow  outside  ground  effect. 
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Figure  15.  Drag  buildup  of  typical  subsonic 
aircraft  configurations. 


Plgure  12.  Aircraft  drag. 


Figure  16.  Drag  buildup  of  typical  supersonic 
aircraft  configurations. 
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Figure  21.  Drag  of  spanvise  ridges 


gurc  17.  Estimates  of  typical  roughness  drag 
contributions  for  a long-haul  cruise  aircraft 
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Figure  18.  Major  areas  for  roughness  drag  reduction 
Based  on  a relatively  smooth  long-haul  transport. 
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Figure  22.  Drag  reduction  with  Kapton  coating 
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Figure  19.  Drag  of  forward-facing  steps 


Figure  23.  Roughness  drag  breakdown  for  a typical 
medium-range  subsonic  transport  wing. 
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Figure  24.  Application  of  plastic  coatings  to 
reduce  roughness  drag. 


Pigure  20.  Drag  of  rearward-facing  steps 


- 

0 

2.8 

- 

=== 

- 

1.7 

TO 

■ — • 

• 

IOO 


C.  < C.  8U!  STILE  APPRECIABU 

“gap  “sup 


Figure  25.  Drag  of  gaps  with  no  mass  transfer. 
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Figure  28.  Effect  of  airfoil  thickness  on  tran- 
sonic wave  drag. 


Figure  26.  Drag  reduction  of  control  surface  gap. 
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Figure  29.  Effect  of  wing  sweep  on  transonic 
wave  drag. 
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Figure  27.  Transonic  vav«  drag. 


Figure  30.  Supercritical  airfoils  for  transonic 
wave  drag  reduction. 
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Figure  31.  Area-rule  concept  for  tranaonlc  wave 
drag  reduction. 


1-21 


CROSS  sectional 

AREA 


/'  \ 

/ X 

• COMPLETELY  \ 
/ SMOOTH  CURVE 


BOOY  STATION 


-X 


Figure  32.  Area  ruling  for  a transonic  transport. 
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Figure  33.  Oblique  (antisymmetric)  wings  for 
transonic  wave  drag  reduction. 
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Figure  34.  Supersonic/hypersonic  wave  drag.  Figure  37.  Drag  characteristics  for  Sears-Haack 

bodies.  Wave  drag  plus  base  drag  plus  skin 
friction. 
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Figure  49.  Effect  of  underwing  engine  positioning 
on  interference  drag. 


Figure  45.  Nacelle  contouring  to  reduce  interfer- 
ence drag. 
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Figure  46.  Effect  of  wing  leading-edge  fairing  and  Figure  50.  Effect  of  nacelle  installation  on 
pylon  trailing-edge  fairing  on  nacelle-wing  interference  drag, 

interference  drag. 
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Figure  47.  Wing-pylon-nacelle  flow  field 


Figure  51.  Flight  base  drag  reduction  experiment 
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Figure  53.  Effect  of  afterbody  modifications  on 
supersonic  base  drag  for  axisymmetric  bodies. 


Figure  54.  Effect  of  Mach  number  on  two-dimensional 
base  drag. 


Figure  57.  Effect  of  base  bleed  on  base  drag 
reduction.  Subsonic  speeds. 
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Figure  58.  Effect  of  exhaust  flow  on  boattail 
drag.  * 0.85. 


Figure  55.  Effect  of  boattail  shape  on  base  drag. 
Axisymmetric  bodies  — subsonic  speeds. 
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Figure  56.  Effect  of  boattail  angle  on  base  drag. 
Axisymmetric  bodies  — subsonic  speeds. 


Figure  59.  Theoretical  drag-due-to-llf t factors 
for  supersonic  arrow  wings. 
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Figure  60.  Effects  of  wing  configuration  on  wave 
drag  due  to  lift. 
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Figure  61.  Wing  twist  and  camber  (warp)  to  reduce 
drag  due  to  lift. 


Figure  62.  Elements  of  numerical  solutions  for 
drag  due  to  lift. 
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Figure  63.  Effect  of  fuselage  allnement. 


Figure  64.  Effect  of  nacelle  allnement. 
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Figure  6S.  A configuration  employing  optimized 
lift  design  features. 
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Figure  66.  Laminar  flow  control  fuel  conservation 
potential  using  suction. 
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Figure  67.  Summary  of  subsonic  LFC  results  using 
surface  suction. 


Figure  71.  Effect  of  pressure  gradient  on  boundary- 
layer  stability  characteristics. 
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Figure  68. 
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Figure  69.  Free-stream  disturbance  influence  on 
LFC  performance.  Low  speed,  suction  approach. 
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Sumnary  of  supersonic  LFC  results  using 
surface  suction. 
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Figure  72.  Influence  of  applied  magnetic  field  upon 
critical  Reynolds  number. 


WAVE 

NUMBER 

a 


Figure  70.  Permissible  surface  roughness  for 
application  of  LFC. 


Figure  73.  Effect  of  wall  cooling  on  boundary- layer 
stability  characteristics. 
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Figure  74.  Effect  of  wall  cooling  on  boundary-layer 
transit  ion. 
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Figure  77.  Particle  injection  for  drag  reduction 
in  turbulent  flows.  Gas-solid  suspensions  in 
pipe  flow. 


Figure  75.  Effect  of  compliant  walls  on  boundary- 
layer  stability  characteristics. 


Figure  78.  Influence  of  drag  reducing  particle 
suspension  on  turbulent  velocity  profiles. 
Pipe  flow. 


Figure  76.  Effect  of  surface  polishing  on  tangen- 
tial accommodation  coefficient. 


Figure  79.  Correlation  of  part icle- Induced  drag 
reduction  with  sublayer  thickness. 
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Figure  80.  Influence  of  drag  reducing  suspension 
on  turbulent  energy. 
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Figure  81.  Skin-friction  drag  reduction  using 
particles.  Flat  plate  in  air. 
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Figure  84.  Effect  of  water  electrolysis  on  drag. 


Figure  85.  Skin-friction  drag  reduction  by 
tangential  slot  injection. 


Figure  82.  Effect  of  various  polymer  additives  on 
drag  reduction  in  water.  Pipe  flow. 
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Figure  86.  Comparison  of  skin-friction  reduction 
downstream  of  slot  injection  into  subsonic  and 
supersonic  flows. 


Figure  83.  Velocity  profiles  for  polymer  drag 
reduction  cases. 
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Figure  87.  Influence  of  wall  injection  on  turbu 
lent  skin  friction. 


Figure  90.  Influence  of  convex  curvature  on 
turbulent  shear  stress. 


Figure  88.  Skin-f rict ion  drag  reduction  with 
rectilinear  wall  motion. 


<S  <2  <]<><> 


ca  II 


F.n=0 


1.00 


.95 


.90 


1 

1.0 


.5  1.0  1.5 

PLANFORM  EXPONENT,  n 


I 

2.0 


1.0 


1.5  2.0  2:5 

RELATIVE  ROOT  CHORD 


3.0 


Figure  91.  Effect  of  wing  planform  on  skln- 
frlctlon  drag. 
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Figure  92.  Influence  of  active  controls  on  size  of 
tall  control  surfaces. 


Figure  89.  Effect  of  compliant  walla  on  turbulent 

ahear  atreaa. 


Figure  93.  Effect  of  transverse  stationary  waves 
on  akin  friction.  6 < X. 
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Figure  95.  Possible  drag  reduction  mechanism  for 
flow  in  noncircular  ducts. 
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METHODS  FOR  REDUCING  SUBSONIC  DRAG  DUE  TO  LIFT 


Dr.  R.  T.  Whitcomb 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665 
U.S.A. 


SUMMARY 

The  results  of  recent  experimental  research  at  the  NASA  Langley  Research 
Center  on  methods  for  reducing  subsonic  drag  due  to  lift  are  discussed. 

First,  the  NASA  supercritical  airfoils  and  their  application  to  structurally 
practical  wings  with  increased  aspect  ratio  are  described.  Also,  a design 
approach  and  experimental  results  for  wing-tip-mounted  wlnglets  are  pre- 
sented. In  addition,  several  methods  for  utilizing  the  thrust  of  Jet 
engines  to  provide  reductions  in  the  drag  due  to  lift  are  discussed. 


1.  INTRODUCTION 

The  drag  due  to  lift  of  a finite  span  wing  is  usually  due  primarily  to  the  induced  drag  associated 
with  the  shedding  of  vortlclty  along  the  span  and,  in  particular,  at  the  tip.  It  is  also  due  in  part  to 
an  increase  in  the  skin  friction  and  form  drag  associated  with  an  increase  in  the  lift  coefficient.  For 
most  airplane  configurations,  this  drag  due  to  lift  is  between  40  and  50Z  of  the  total  drag  at  near  cruise 
conditions.  Considerable  experimental  research  has  been  conducted  at  the  NASA  Langley  Research  Center  in 
recent  years  on  means  for  reducing  drag  due  to  lift.  In  this  research,  substantial  attention  has  been 
given  to  practical  aerodynamic  and  structural  considerations.  Among  the  approaches  that  will  be  discussed 
are  practical  methods  for  achieving  increases  in  the  aspect  ratio  for  configurations  designed  for  flight 
at  high  subsonic  speeds  through  the  utilization  of  NASA  supercritical  airfoils,  strut  brace  wings,  advanced 
composite  structural  materials,  and  active  load  relief.  Also  discussed  are  wing-t ip-mounted  wlnglets  and 
the  exploitation  of  the  effects  of  the  thrust  of  fan-jet  engines  on  the  induced  drag.  The  discussion  Is 
limited  to  research  conducted  at  subsonic  speeds. 

2.  INCREASED  ASPECT  RATIO 

It  has  been  recognized  for  several  generations  that  the  induced  drag  can  be  reduced  by  increasing  the 
aspect  ratio,  however,  the  aspect  ratio  that  is  utilized  in  actual  airplane  configurations  is  usually  con- 
strained by  practical  considerations,  particularly  those  associated  with  the  wing  structural  weight.  When 
the  aspect  ratio  is  increased,  the  bending  moments  in  the  wing  structure  also  increase  with  the  resulting 
requirement  for  more  structural  material  in  the  wing.  Since  the  performance  of  the  airplane  is  determined 
by  the  structural  weight  as  well  as  the  aerodynamic  efficiency,  the  optimum  aspect  ratio  for  the  best  over- 
all performance  must  be  a compromise.  The  optimum  compromise  aspect  ratio  varies  depending  on  the  particu- 
lar mission  of  the  aircraft.  For  example,  for  the  present  generation  of  high  subsonic  speed  Jet  transport 
wings  the  aspect  ratios  are  approximately  7;  for  fighter  aircraft  the  aspect  ratios  are  roughly  4;  for 
supersonic  cruise  aircraft  the  aspect  ratio  is  even  lower;  for  long-range,  but  not  necessarily  high-speed 
aircraft  such  as  sea  search  types,  the  aspect  ratios  have  been  about  10;  for  sailplanes  the  aspect  ratios 
may  be  as  high  as  25. 

For  cantilever  wing  structures,  the  structural  material  that  must  be  incorporated  in  the  wing  to  with- 
stand the  bending  moments  imposed  on  the  structure  is  reduced  by  an  increase  of  the  wing  depth  or,  in  aero- 
dynamic terms,  the  thickness- to-chord  ratio  of  the  airfoil  sections.  However,  it  has  long  been  known  that 
increasing  the  thickness  ratio  also  substantially  increases  the  transonic  and  supersonic  drag  of  a wing. 

Thus  the  optimum  thickness  ratio  for  high-performance  wings  is  a compromise  between  the  aerodynamic  and 
structural  considerations.  For  progressively  higher  speed  configurations,  the  optimum  compromise  thickness 
ratio  and,  as  a result,  the  optimum  compromise  aspect  ratio  generally  progressively  decreases.  If  means 
are  developed  for  reducing  the  adverse  aerodynamic  effects  associated  with  an  increase  in  thickness  ratio, 
such  as  NASA  supercritical  airfoils,  then  the  optimum  compromise  thickness  ratio  can  be  increased  with  a 
resulting  increase  in  the  optimum  compromise  aspect  ratio.  Further,  if  means  are  developed  for  reducing 
the  stresses  in  the  wing  associated  with  the  bending  moment  or  if  new  structural  materials  with  improved 
strength-weight  ratios  are  made  practical  then  the  optimum  compromise  aspect  ratios  also  can  be  increased. 

When  the  aspect  ratio  is  increased,  the  optimum  lift  coefficient  for  the  wing  also  increases.  Thus, 
for  higher  aspect-ratio  wings,  the  airfoil  must  be  shaped  to  prevent  excessive  form  drag  at  the  higher 
lift  coefficients. 

3.  NASA  SUPERCRITICAL  AIRFOILS 
3.1  General  Characteristics 

Description.  The  NASA  supercritical  airfoil  shapes  are  characterized  by  substantially  reduced  curvature 
of  the  middle  region  of  the  upper  surface  with  a large  amount  of  camber  near  the  trailing  edge.  Also,  the 
leading-edge  radius  is  larger  than  previously  used  and  the  tralllng-edge  closure  angle  is  very  small.  (See 
Fig.  1.) 

Flow  Phenomena  «t  Design  Condition.  A comparison  of  the  supercritical  flow  phenomena  for  the  NASA 
supercritical  airfoil  and  an  NACA  6-serlea  airfoil  at  the  cruise  lift  coefficient  is  presented  In  Figure  1. 
For  the  NACA  6-serlea  airfoil,  as  shown  at  the  top  of  the  figure,  the  supersonic  flow  accelerated  to  the 
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shock  wave.  This  wave  is  followed  lmraed lately  by  a subsonic  pressure  recovery  to  the  trailing  edge.  The 
energy  loss  In  the  shock  causes  some  drag  Increase.  However,  the  dominant  problem  is  severe  boundary 
separation  caused  by  the  large,  steep  total  streamwlse  pressure  Increase.  This  separation,  of  course, 
produces  the  well-known  abrupt  drag  rise,  buffeting,  and  stability  problems. 

The  surface  pressure  distribution  and  flow  field  shown  at  the  bottom  of  Figure  1 are  rep resentat ive 
of  those  obtained  for  NASA  supercritical  airfoils.  The  upper  surface  pressure  and  related  velocity  dis- 
tributions are  characterized  by  a shock  location  significantly  aft  of  the  midchord,  an  approximately  uniform 
supersonic  velocity  from  about  the  5Z  chord  station  to  the  shock,  a plateau  In  the  pressure  distribution 
rearward  of  the  shock,  a relatively  steep  subsonic  pressure  recovery  on  the  extreme  rearward  region,  and  a 
trail ing-edge  pressure  near  ambient.  The  lower  surface  has  roughly  constant  negative  pressure  coefficients 
corresponding  to  subcrltlcal  velocities  over  the  forward  region  and  a rapid  increase  in  pressure  rearward 
of  the  midchord  to  a substantially  positive  pressure  forward  of  the  trailing  edge. 

The  elimination  of  the  flow  acceleration  on  the  upper  surface  ahead  of  the  shock  wave,  which  results 
primarily  from  the  reduced  curvature  of  the  midchord  region,  obviously  provides  a reduction  of  the  Mach 
number  ahead  of  the  shock  for  a given  lift  coefficient  with  a result ing  decrease  of  the  shock  strength. 

The  strength  and  extent  of  the  shock  at  the  design  condition  can  be  reduced  below  that  for  the  pressure 
distribution  shown  by  shaping  the  airfoil  to  provide  a gradual  deceleration  of  the  supersonic  flow  from 
near  the  leading  edge  to  the  shock  wave. However,  such  a shape  may  have  an  increased  drag  at  lower  Mach 
numbers.  Extensive  experiments  indicate  that  the  shape  associated  with  the  design  point  distribution  shown 
provides  acceptable  drag  values  over  the  Mach  number  and  lif t-coef f iciert  range. 

The  plateau  in  the  pressure  distribution  rearward  of  the  shock  wave  allows  a reenergization  of  the 
boundary  layer  b mixing  after  it  moves  through  the  severe  adverse  pressure  gradient  of  the  shock  and 
before  it  moves  through  the  pressure  gradient  near  the  trailing  edge.  As  a result,  the  boundary  layer 
can  move  through  a greater  total  pressure  rise  without  separating.  The  importance  of  this  effect  is  shown 
by  the  experimental  data  to  be  presented  later.  The  near-ambient  pressure  at  the  trailing  edge,  which 
results  from  the  small  Included  angle  of  the  trailing  edge,  reduces  to  a minimum  the  total  pressure  rise 
the  upper  surface  boundary  layer  must  traverse  and  thus  minimizes  the  tendency  toward  separation. 

The  maintenance  of  subcrltlcal  flow  over  the  forward  region  of  the  lower  surface  eliminates  the  possi- 
bility of  a shock  wave  on  that  surface.  The  pressure  rise  of  a possible  shock  wave  superimposed  on  the 
pronounced  pressure  rise  on  the  rear  portion  of  this  surface  would  greatly  increase  the  tendency  for  the 
boundary  laver  to  separate.  The  streamwlse  pressure  increase  rearward  of  the  midchord  is  defined  by  the 
Stratford  criteria.^1  The  substantially  positive  pressure  on  the  rear  part  of  the  lower  surface,  associated 
with  the  surface  concavity  of  this  region,  provides  a substantial  increase  in  the  circulation  around  the 
airfoil  with  a resulting  reduction  in  the  angle  of  attack  required  to  achieve  the  design  lift  coefficient. 
Usually,  this  angle  is  slightly  negative  (about  -0.5°).  With  this  negative  angle  of  attack,  the  crest  (the 
maximum  vertical  coordinate  with  respect  to  the  free  airstream)  of  the  upper  surface  is  near  the  midchord. 
This  factor  together  with  the  reduced  curvature  of  the  midregion  of  the  upper  surface,  results  in  favorable 
chordwise  forces  associated  with  the  supersonic  flow  region,  even  with  the  rearward  shock  location.  The 
significance  of  the  distribution  of  the  chordwise  forces  for  supercritical  flov  is  discussed  in  Reference  1. 

Theory  and  experiments  indicate  that  with  the  upper  surface  pressure  distribution  shown  and  at  the 
negative  angle  of  attack  required  to  obtain  the  design  lift  coefficient  the  vertical  extent  of  the  super- 
sonic field  decreases  ahead  of  the  shock  wave  as  shown  on  the  left  in  Figure  1.  This  effect  is  similar  to 
that  for  airfoils  designed  specifically  to  minimize  the  extent  of  the  shock  at  the  design  point^-^  although, 
in  this  case,  the  effect  is  somewhat  smaller.  The  flow-field  calculations  of  Reference  3 illustrate  the 
origin  of  this  effect. 

The  relatively  large  leading-edge  radii  of  the  NASA  supercritical  airfoils  allow  simultaneous  reductions 
of  the  curvatures  of  the  midchord  regions  of  both  the  upper  and  lower  surfaces  with  resulting  reductions  of 
the  Induced  velocities. 

Experimental  Results.  A comparison  of  the  drag  variation  with  Mach  number  at  a normal-force  coefficient 
of  0.7  for  a 10Z  thick  conventional  airfoil  (NACA  64A-410)  and  two  10Z  thick  versions  of  the  NASA  super- 
critical airfoils  is  shown  in  Figure  2.  The  early  supercritical  airfoil  for  which  results  are  shown  is 
similar  to  that  used  for  all  applications  from  1967  to  1973.  The  abrupt  drag  rise  for  this  airfoil  is  more 
than  0.1  Mach  number  later  than  that  for  the  6-series  airfoil.  This  early  supercritical  airfoil  experienced 
a drag  creep  at  Mach  numbers  below  the  abrupt  drag  rise.  This  drag  is  associated  with  relatively  weak  shock 
waves  above  the  upper  surface  at  these  speeds. 

Much  of  the  recent  work  at  Langley  has  been  devoted  to  the  elimination  of  this  undesirable  drag  creep, 
and  the  solid  curve  of  Figure  2 shows  an  example  of  the  results  of  these  efforts.  Refinements  to  the  air- 
foil were  Involved  primarily  with  changes  which  resulted  in  a more  favorable  flow  over  the  forward  region 
of  the  upper  surface  and  the  elimination  of  the  region  of  flow  overexpansion  near  the  three-quarter  chord 
location  on  the  upper  surface.  A slight  loss  in  force-break  or  drag-divergence  Mach  number  is  noted  (about 
0.015)  as  a result  of  slight  Increased  wave  losses  at  the  higher  Mach  numbers,  but  this  compromise  is  felt 
to  be  of  little  consequence  relative  to  the  gains  achieved  in  eliminating  drag  creep.  It  should  be  noted 
that,  unlike  the  early  work,  the  shaping  changes  used  in  the  design  of  the  recent  airfoils  were  guided  in 
part  by  the  use  of  the  recently  developed  analytical  program  of  Reference  5 to  achieve  desired  pressure 
distributions  for  the  various  cases. 

Recent  airplane  designs  incorporate  airfoils  with  somewhat  higher  drag  rise  Mach  numbers  than  for  the 
NACA  6-series  shown  here.  However,  it  has  been  difficult  to  acquire  two-dimensional  data  for  such  airfoils. 
Results  obtained  with  a C-5A  airplane  model  in  the  Langley  Research  Center  8-foot  tunnel  indicate  that  one 
of  these  new  shapes,  the  Pearcey  "peaky"  airfoil,  delays  the  drag-rise  Mach  number  0.02  or  0.03  compared 
with  the  NACA  6-serles  airfoils  but  at  a loss  in  the  maximum  lift. 

Flow  Phenomena  at  Off-Design,  Subcrltlcal,  and  High-Lift  Conditions.  At  a Mach  number  slightly  above 
the  design  value  (Fig.  3)  the  shock  wave  location  is  rearward  of  that  for  the  design  condition  with  a small 


acceleration  ahead  of  the  wave.  This  change  causes  a slight  Increase  In  the  shock  losses  but  does  not 
result  In  boundary- layer  separation.  Separation  occurs  when  the  shock  wave  moves  farther  rearward  and 
the  pressure  plateau  described  earlier  Is  eliminated. 
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At  a Mach  number  Just  below  the  design  value  (Fig.  4)  the  shock  location  Is  significantly  farther 
forward  than  for  the  design  condition  and  the  flow  experiences  a reacceleration  rearward  of  the  shock  with 
a supercritical  peak  velocity  near  the  75Z  chord  station.  This  reacceleration  causes  a substantially 
greater  and  steeper  pressure  increase  to  the  trailing  edge  as  compared  with  the  design  condition.  This 
steeper  recovery  results  In  a small  adverse  effect  on  the  trail ing-edge  pressure  recovery  and  drag.  For 
unslotted  airfoils  designed  to  achieve  a shockless  design  condition^,  t »e  reacceleration  velocity  can  be 
sufficiently  great  to  cause  a second  rearward  shock  wave . ^ The  total  pressure  rise  of  this  second  shock 
and  the  immediately  following  subsonic  pressure  recovery  may  cause  significant  boundary-layer  separation 
near  the  trailing  edge. 

At  subcrltlcal  Mach  numbers  (Fig.  5)  the  pressure  distribution  has  a significant  peak  near  the  leading 
edge.  The  presence  of  this  peak  results  in  a small  drag  increment  for  subcrltlcal  and  slightly  supercriti- 
cal conditions.  If  an  airfoil  is  shaped  to  provide  a decelerating  supersonic  velocity  distribution  on  the 
upper  surface  at  the  design  condition  as  discussed  earlier,  this  subcrltlcal  peak  is  substantially  greater 
than  that  shown  with  a resulting  increase  in  the  drag  for  the  subcrltlcal  and  slightly  supercritical 
conditions. 

Theoretical  Analyses.  Considerable  progress  has  been  made  during  the  last  3 years  in  providing  theo- 
retical methods  for  the  design  and  analysis  of  two-dimensional  airfoils  at  supercritical  Mach  numbers.  No 
attempt  will  be  made  to  cover  all  this  work.  Instead,  the  method  being  used  at  Langley  in  a continuing 
effort  on  supercritical  airfoils  will  be  described. 

The  initial  comparisons  of  theoretically  derived  pressure  distributions  on  NASA  supercritical  airfoils 
with  experimental  results  indicate  very  poor  agreement.  The  differences  are  associated  with  the  develop- 
ment of  the  boundary  layers  on  these  airfoils,  illustrated  in  Figure  6.  The  steep  pressure  rise  near  the 
trailing  edge  of  the  upper  surface  causes  the  boundary  layer  to  thicken  significantly.  On  the  lower  surface 
the  pressure  rise  from  about  the  0.5  to  the  0.9  chord  results  in  a substantial  thickening  of  the  boundary 
layer  in  the  cusp  while  the  rapid  pressure  decrease  near  the  trailing  edge  causes  a pronounced  thinning  of 
the  boundary  layer.  Each  of  these  effects  contributes  to  a substantial  reduction  of  the  effective  aft 
camber  of  the  airfoil.  It  was  concluded  that  for  NASA  supercritical  airfoils  any  analytic  method  must 
include  the  effect  of  the  boundary  layer. 

Recently,  an  analytic  method  which  includes  the  effect  of  the  boundary  layer  has  been  developed. ^ 

This  iterative  procedure  is  based  on  the  method  of  Korn  and  Garabedian^  for  analyzing  the  external  super- 
critical field,  which  implements  a mixed  finite-difference  scheme  related  to  that  of  Murman  and  Cole.® 

A similar  method  was  also  developed  by  Jameson. 9 The  coordinate  system  shown  in  Figure  7 was  suggested 
by  SellslO  and  consists  of  mapping  the  interior  of  the  unit  circle  conformally  onto  the  exterior  of  the 
airfoil  with  the  point  at  infinity  corresponding  to  the  origin.  These  flow-field  computations  are  made  for 
airfoil  shapes  modified  by  the  calculated  displacement  thicknesses  of  the  upper  and  lower  surface  boundary 
layers.  Since  the  boundary-layer  calculations  are  not  applicable  near  the  trailing  edge,  an  empirical 
correction  is  applied  for  this  region. 

The  effect  of  including  the  boundary  layer  on  analytical  predicted  pressure  distributions  for  an  NASA 
supercritical  airfoil  is  illustrated  in  Figure  8.  These  comparisons  are  for  lift  coefficients  substantially 
greater  than  the  design  value.  At  a subcrltlcal  Mach  number,  including  the  effect  of  the  boundary  layer 
causes  a moderate  change  in  the  predicted  lift.  However,  at  a supercritical  Mach  number  Including  the 
effect  of  the  boundary  layer  results  In  substantial  changes  of  the  position  of  the  shock  wave  and  the  lift. 
Comparisons  of  theoretical  pressure  distributions  obtained  by  this  method  was  experimental  distributions 
for  a NASA  supercritical  airfoil  at  a subcrltlcal  and  a supercritical  condition  are  presented  in  Figures  9 
and  10,  respectively.  Again,  these  comparisons  are  for  lift  coefficients  substantially  greater  than  the 
design  value.  In  both  cases,  the  agreement  is  quite  good.  The  difference  in  pressures  just  rearward  of 
the  shock  wave  for  the  supercritical  condition  (Fig.  10)  is  due  to  the  fact  that  the  field  calculation 
underpredicts  the  pressure  Jump  through  the  shock.  Recently,  Jameson  has  solved  this  problem  and  the  method 
i 8 now  being  modified  to  incorporate  his  solution.  It  should  be  noted  that  the  airfoil  shapes  shown  at  the 
bottom  of  these  figures  Include  the  displacement  thicknesses  of  the  upper  and  lower  surface  boundary  layers. 

3.2  Flight  Demonstration  Program 

Because  of  the  drastically  different  nature  of  the  flow  over  the  NASA  supercritical  airfoil,  there  was 
considerable  concern  as  to  how  the  new  shape  would  operate  in  actual  flight.  Therefore,  the  several  United 
States  government  agencies  responsible  for  aircraft,  that  is,  NASA,  the  Air  Force,  and  the  Navy,  undertook 
a coordinated,  three-part  flight  demonstrat ion  program.  The  program  was  to  evaluate  the  application  of  the 
new  airfoil  to  a swept,  long-range  transport  wing  configuration,  a thick  wing,  and  a variable-sweep  fighter 
wing.  In  each  case,  existing  military  aircraft  were  used  as  test  beds.  However,  in  none  of  the  cases  was 
it  Intended  the  test  wing  would  be  applied  to  production  versions  of  these  aircraft.  The  transport  super- 
critical wing  configuration  was  flown  on  a Navy  F-8  fighter  (Fig.  11).  The  wing  configuration  for  this 
program  was  designed  for  Increased  speed  (M  ■ 0.98)  rather  than  improved  aerodynamic  efficiency.  Wind- 
tunnel  and  flight  results  obtained  during  this  program  are  presented  in  Reference  11.  The  other  two  flight 
demonstration  programs  will  be  described  later. 

3.3  Increased  Thickness-to-Chord  Ratio 

As  indicated  earlier,  increasing  the  thlckness-to-chord  ratio  leads  to  increased  drag  at  transonic 
and  supersonic  speeds.  The  onset  of  the  drag  rise  as  discussed  in  the  previous  section  also  occurs  earlier. 
This  is  illustrated  in  Figure  12.  If  the  thickness  ratio  for  a wing  intended  for  flight  near  the  drag  rise 
is  Increased  to  allow  a higher  aspect  ratio,  the  speed  of  the  aircraft  must  be  reduced  or  the  wing  sweep 
must  be  Increased  Increasing  the  wing  sweep  leads  to  added  structural  weight  for  a given  aspect  ratio 
and  a loss  of  lift  for  landing  and  take-off.  As  indicated  in  the  previous  section,  the  NASA  supercritical 


airfoil  provides  a higher  drag  rise  Mach  number  for  a given  thickness  ratio.  It  also  allows  an  Increase 
in  thickness  ratio  for  a given  drag  rise  Mach  number  as  illustrated  in  Figure  12.  Therefore,  for  a given 
airplane  speed,  the  use  of  such  an  airfoil  allows  a higher  optimum  compromise  aspect  ratio. 

A 1 72  thick  supercritical  airfoil  designed  by  Palmer  of  the  Rockwell  International  Columbus  Division 
in  1969  is  shown  in  Figure  13.  Wind-tunnel  results  obtained  for  a model  of  a T-2C  Navy  trainer  incorporat- 
ing this  airfoil  are  shown  in  Figure  1A.  The  data  are  compared  with  that  for  the  original  T-2C  configura- 
tion which  had  a 12%  thick  NACA  6-series  airfoil.  The  drag  rise  for  the  17%  supercritical  airfoil  is 
approximately  the  same  as  that  for  the  original  12%  thick  airfoil.  This  thicker  supercritical  airfoil  was 
flight  tested  on  the  T-2C.  A comparison  of  the  flight  vehicle  incorporating  the  thicker  supercritical  air- 
foil with  an  original  airplane  configuration  is  shown  in  Figure  15.  The  results  of  the  flight  program 
verified  the  wind-tunnel  data.  A summary  of  the  flight  results  for  this  configuration  is  presented  in 
Reference  11. 

Since  the  airfoil  shown  in  Figure  13  was  designed,  considerably  improved  thick  supercritical  airfoils 
have  been  design  and  Investigated  at  the  Langley  Research  Center.  In  particular,  the  drag  creep  indicated 
in  Figure  15  has  been  eliminated. 

3. A Increased  Design  Lift  Coefficient 

As  indicated  earlier,  if  the  aspect  ratio  is  increased  the  design  lift  coefficient  for  a wing  must 
also  be  increased.  Also,  for  fighter  aircraft  which  are  intended  to  maneuver  at  very  high  lift  coefficients 
the  airfoil  shape  must  be  designed  to  achieve  the  lowest  possible  form  drag  at  these  high  lift  coefficients. 
The  supercritical  airfoil  not  only  allows  a greater  thickness-to-chord  ratio  for  a given  drag  rise  Mach 
number  but  it  also  can  be  used  to  reduce  drag  at  substantially  Increased  lift  coefficients. 

The  advantage  of  the  supercritical  airfoil  at  higher  lift  coefficients  is  illustrated  in  Figure  16. 

The  onset  of  drag  rise  versus  lift  coefficient  for  the  supercritical  airfoil  described  in  the  previous 
section  is  compared  with  that  of  a comparable  NACA  6-series  airfoil.  These  results  indicate  that  not  only 
does  the  supercritical  airfoil  delay  the  drag  rise  at  the  usual  cruise  design  lift  coefficients  of  approxi- 
mately 0.6  but  it  also  delays  the  drag  rise  at  much  higher  lift  coefficients.  Further,  it  Increases  the 
maximum  lift  coefficients  available  at  the  knee  of  the  drag  rise  curve. 

The  phenomena  associated  with  the  increased  maximum  lift  coefficient  provided  by  the  supercritical 
airfoil  are  illustrated  in  Figure  17.  The  pressure  distribution  shown  is  that  measured  at  the  high  lift 
corner  of  the  variation  of  normal  force  for  separation  onset  with  Mach  number  for  an  11%  thick  early  super- 
critical airfoil.  The  shock  wave,  associated  with  a local  upstream  Mach  number  of  l.A,  causes  a very  large 
adverse  pressure  gradient.  However,  the  trailing-edge  pressure  recovery  and  a surface  oil-flow  study 
indicate  that  the  boundary  layer  does  not  completely  separate.  The  bulge  in  the  pressure  distribution  aft 
of  the  shock  wave  and  the  surface  oil  study  indicate  a very  large  separation  bubble  under  the  shock  which 
reattaches  near  the  0.75-chord  station.  For  previous  airfoil  shapes,  such  as  the  NACA  6-series,  the 
presence  of  a shock  wave  associated  with  an  upstream  Mach  number  of  l.A  causes  very  severe  boundary-layer 
separat ion. ^2  The  key  to  the  greater  stability  of  the  boundary  layer  for  the  supercritical  airfoil  is  the 
plateau  in  the  pressure  distribution  aft  of  the  shock  wave  described  earlier.  For  previous  airfoils,  the 
subsonic  pressure  recovery  downstream  of  the  shock  wave  opposes  boundary-layer  reattachment.  With  the 
plateau  on  the  supercritical  airfoil,  this  adverse  effect  is  eliminated.  It  is  of  interest  that  boundary- 
layer  surveys  indicate  that  the  boundary-layer  separation  development  under  the  shock  for  supercritical 
airfoils  is  quite  similar  to  that  on  a flat  plate. 

The  marked  improvement  in  not  only  the  drag  rise  at  high  lift  but  also  the  increase  in  maximum  lift 
provided  by  the  supercritical  airfoil  can  be  exploited  to  substantially  improve  the  high-lift  maneuver 
capability  of  fighter  aircraft.  Extensive  wind-tunnel  experiments  have  been  made  of  various  supercritical 
wing  configurations  on  the  F-lll  fighter  bomber.  One  of  the  sets  of  data  is  presented  in  Figure  18.  The 
variations  of  drag  with  lift  at  a Mach  number  of  0.90  for  a supercritical  wing  at  various  angles  of  sweep- 
back  are  compared  with  those  for  the  original  wing  on  the  F-lll  which  had  an  NACA  6A-series  airfoil  shape. 

For  26°  of  sweep  and  a lift  coefficient  of  about  0.9  at  which  this  aircraft  maneuvers,  the  drag  due  to  lift 
is  reduced  by  approximately  A0%  through  the  use  of  the  supercritical  wing.  Because  of  the  marked  improve- 
ment in  the  maneuverability  that  would  be  associated  with  the  drag  reduction  shown  in  Figure  18,  the  Air 
Force  funded  the  construction  of  a new  supercritical  wing  for  flight  demonstration  on  the  F-lll.  The  flight 
configuration  with  the  new  wing  is  shown  in  Figure  19.  This  airplane  is  still  being  flown  at  the  NASA 
Dryden  Flight  Research  Center.  The  results  obtained  in  flight  have  verified  the  wind-tunnel  data. 

3.5  Application  to  Wings  With  Increased  Aspect  Ratio 

Recently,  wind-tunnel  experiments  have  been  conducted  on  a series  of  high-aspect-ratio  wings  incorporat- 
ing supercritical  airfoils  with  Increased  thickness-to-chord  ratios  and  design  lift  coefficients.  (See 
Fig.  20.)  The  range  of  sweepback  angles  of  the  wings  investigated  is  less  than  that  for  present  transport 
aircraft.  In  spite  of  this  change,  the  supercritical  airfoil  allows  the  same  drag  rise  Mach  number  as  for 
current  aircraft.  In  the  design  of  these  new  advanced  supercritical  wing  configurations,  the  aspect  ratios 
have  been  limited  to  those  that  would  result  in  approximately  the  same  weight  as  present  transport  wings. 

For  wings  at  progressively  greater  thickness  ratios,  progressively  higher  aspect  ratios  were  utilized. 

Wind-tunnel  results  obtained  for  these  new  advanced  supercritical  wing  configurations  Indicate  that 
the  drag  due  to  lift  can  be  reduced  by  approximately  30%  for  wings  with  approximately  the  same  weight  of 
current  transport  wings.  This  reduction  in  drag  due  to  lift  results  in  approximately  an  18%  increase  in 
lift-to-drag  ratio.  Research  on  this  family  of  advanced  high-aspect-ratio  supercritical  wings  is 
continuing. 
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4.  NONAERODYNAMIC  MEANS  FOR  INCREASING  THE  OPTIMUM  COMPROMISE  ASPECT  RATIO 

4.1  Strut  Bracing 

In  the  early  years  of  aircraft  development,  external  strut  braces  below  monoplane  wings  were  utilized 
to  carry  most  of  the  tension  forces  associated  with  the  bending  moments  In  the  wing.  This  substantially 
reduced  the  weight  of  the  wing.  It  has  been  suggested  by  W.  Pfenninger  that  a similar  approach  be  used  on 
long-range  aircraft  designed  for  cruise  at  high  subsonic  speeds.  (See  Fig.  21.)  Such  bracing  could  allow 
an  increase  In  aspect  ratio  for  a given  wing  weight.  Thus  the  optimum  compromise  aspect  ratio  would  be 
higher  than  for  a purely  cantilever  wing.  Several  severe  problems  are  associated  with  this  approach.  In 
particular,  there  would  be  large  high-speed  aerodynamic  interferences  between  the  flow  around  the  lower 
surface  of  the  wing  and  the  external  brace.  Extensive  theoretical  analysis  and  wind-tunnel  experiments 
would  be  required  to  eliminate  these  interferences.  No  investigations  on  this  approach  are  presently 
planned  at  the  NASA  Langley  Research  Center. 

4.2  Advanced  Composite  Materials 

Extensive  developmental  research  and  flight  demonstrations  are  being  conducted  in  the  U.S.A.  and 
other  countries  on  the  use  of  carbon  fiber  composite  structural  materials  for  aircraft  construction. 

Analysis  indicate  that  the  use  of  such  material  should  significantly  reduce  the  structural  weight  of  air- 
craft components.  With  such  a reduction  in  weight  of  the  primary  wing  structure,  the  optimum  compromise 
aspect  ratio  would  be  significantly  increased.  The  exact  magnitude  of  such  an  increase  in  aspect  ratio 
allowed  by  the  use  of  the  new  material  has  not  yet  been  completely  defined. 

4.3  Active  Load  Relief 

Extensive  system  studies  and  flight  demonstrations  are  to  be  conducted  in  the  U.S.A.  on  means  for 
relieving  the  bending  moments  in  a wing  at  critical  structural  design  conditions  through  computer  con- 
trolled variable  aerodynamic  surfaces  on  the  wing.  In  such  an  approach,  a buildup  of  load  is  sensed  and 
the  computer  commands  the  appropriate  surface  deflection  required  to  reduce  the  associated  bending  moments. 

A full  utilization  of  this  approach  requires  fail-safe  electronic  equipment.  The  development  of  such 
equipment  is  being  actively  pursued.  As  for  the  two  approaches  previously  discussed,  the  use  of  such  a 
system  would  allow  an  increase  in  the  optimum  compromise  aspect  ratio  for  wings. 

5.  WINGLETS 

5.1  Introduction 

It  has  been  recognized  for  many  years  that  a nonplanar  lifting  system  should  have  less  induced  drag 
than  a planar  wing.  *As  early  as  1897  a patent  was  obtained  by  Lanchester  for  vertical  surfaces  at  the  wing 
t 1 ps . Since  that  time  a number  of  theoretical  analyses  have  indicated  the  significant  improvements  possible 
with  nonplanar  systems  including  vertical  surfaces  at  the  tip.l^“16  On  the  basis  of  these  encouraging 
theoretical  studies,  a number  of  experimental  investigations  of  various  end  plates  at  the  wing  tips  have 
been  made.  Usually,  these  surfaces  have  reduced  the  drag  at  very  high  lift  coefficients  but  have  resulted, 
at  best,  in  only  slight  reductions  in  drag  near  cruise  lift  coefficients.  Near  cruise  conditions,  the 
viscous  drag  increments  associated  with  the  end  plates  were  nearly  as  great  as  the  reductions  in  induced 
drag. 

An  analysis  of  the  effect  of  vertical  surfaces  at  the  tip  on  overall  airplane  performance  must  include 
consideration  of  the  effect  of  such  surfaces  on  the  structural  weight.  Loads  on  the  vertical  surfaces  and 
the  increased  loads  on  the  outboard  region  of  the  wing  associated  with  adding  these  surfaces  increase  the 
bending  moments  imposed  on  the  wing  structure.  The  greater  bending  moments,  of  course,  require  a heavier 
wing  structure.  Aircraft  designers  have  found  that  for  the  same  structural  weight  penalty  associated  with 
adding  end  plates,  a significantly  greater  improvement  in  drag  could  be  achieved  by  merely  extending  the 
wing  tip.  As  a result,  no  aircraft  designs  have  incorporated  such  surfaces  for  the  sole  purpose  of  reducing 
drag.  However,  vertical  surfaces  have  been  placed  near  the  tips  of  some  sweptback  and  delta  wings  to  pro- 
vide directional  stability.  The  objective  of  the  work  described  herein  was  to  develop  nearly  vertical,  tip- 
mounted  surfaces  which  wodld  provide,  near  cruise  conditions,  substantially  greater  reductions  in  drag 
coefficient  than  those  resulting  from  tip  extensions  with  the  same  added  bending  moments  imposed  on  the 
wing  structure. 

The  factor  that  moat  previous  experimental  investigators  have  overlooked  is  that  to  be  fully  effective 
the  vertical  surface  at  the  tip  must  efficiently  produce  significant  side  forces.  These  side  forces  are 
required  to  reduce  the  lift-induced  inflow  above  the  wing  tip  or  the  outflow  below  the  tip.  Obviously, 
a low-aspect-ratio  flat  end  plate  as  generally  tested  previously  is  not  an  efficient  lifting  surface.  To 
achieve  the  stated  objective  of  the  present  work,  the  nearly  vertical  surfaces  placed  at  the  tip  for  the 
purpose  of  reducing  drag  due  to  lift  have  been  designed  to  produce  significant  side  forces,  even  at  super- 
c itical  conditions,  according  to  the  well-established  principles  for  designing  efficient  wings;  hence, 
t name  winglets.  Flow  surveys  behind  the  tip  of  a wing  with  and  without  wlnglets,  presented  in  Refer- 
enc  17,  indicate  that  the  basic  physical  effect  of  the  winglets,  which  leads  to  drag  reduction,  is  a 
vertical  diffusion  of  the  tip  vortex  flow  at  least  just  downstream  of  the  tip.  The  large  inward  components 
of  the  vortex  flow  near  the  center  of  the  vortex  are  substantially  reduced  while  the  small  inward  components 
in  the  region  above  the  tip  of  the  wlnglet  are  increased  slightly.  Thus  these  surfaces  could  be  called 
vortex  diffusers. 

The  initial  development  investigations  of  wing-tip  mounted  winglets  were  conducted  at  subsonic  speeds 
on  a representative  second-generation,  wlde-body  Jet  transport  wing  in  the  Langley  8-foot  transonic  pressure 
tunnel  during  1974.  The  results  of  that  investigation  are  discussed  in  general  terms  in  Reference  18. 
Complete  results  for  the  final  configuration  of  that  investigation  are  presented  in  Reference  17.  More 
recently,  improved  winglets  have  been  investigated  on  a wide  variety  of  high  subsonic  speed  airplane  con- 
figurations. In  this  paper  the  design  approach  for  winglets  is  described  and  selected  results  for  an 
application  to  a first-generation  Jet  transport  wing  are  presented. 
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5.2  Design  Methodology 

The  theoretical  calculations  of  References  16  and  19  provide  an  indication  of  t:.e  span  load  distribu- 
tions required  on  the  wing  and  vertical  surfaces  at  the  tip  to  obtain  the  optimum  induced  drag  in  sub- 
critical  flow.  However,  they  do  not  describe  how  the  configuration  should  be  shaped  to  obtain  these  load 
distr ibutions  or  how  it  should  be  designed  to  achieve  the  maximum  improvement  in  overall  performance.  The 
tip-mounted  winglets  of  the  present  investigation  were  developed  with  the  available  theoretical  calcula- 
tions, physical  flow  considerations,  and  extensive  exploratory  experiments.  Consideration  has  been  given 
to  the  effect  of  adding  the  winglets  on  the  structural  weight  and  the  high-lift  off-design  performance  as 
well  as  to  the  drag  reduction  at  design  conditions.  Because  of  the  limitations  of  the  methods  used,  the 
winglets  of  this  investigation  are  undoubtedly  not  optimum. 

Since  the  development  of  the  design  approach  described  herein,  several  new  theoretical  lifting  surface 
methods  for  analyzing  and  optimizing  nonplanar  lifting  systems  for  subcritical  flows  have  been  developed. 
Among  them  are  References  20  and  21.  These  methods  should  greatly  aid  in  future  aerodynamic  designs  of 
more  nearly  optimum  winglets.  Calculations  based  on  the  method  of  Reference  21  have  already  been  used  to 
verify  a number  of  the  assumptions  made  in  the  design  procedure  presented  herein.  They  have  also  indicated 
several  areas  where  the  design  might  be  improved.  Some  of  the  applications  of  this  theory  are  described 
subsequently  in  this  report. 

5.3  Upper  Winglet 

Arrangement . The  primary  component  of  the  winglet  configuration  (Figs.  22  and  23)  is  a nearly  vertical 
surface  mounted  rearward  above  the  wing  tip.  The  upper  winglet  is  placed  rearward  so  that  the  increased 
velocities  over  the  inner  surface  of  the  winglet  are  not  superimposed  on  the  high  velocities  over  the  for- 
ward region  of  the  wing  upper  surface.  Thus  adverse  flow  interference  effects  at  supercritical  design 
conditions  are  reduced.  The  results  of  exploratory  investigations  suggest  that  to  minimize  adverse  inter- 
ference effects  at  supercritical  conditions,  the  leading  edge  of  the  root  of  the  winglet  should  probably 
not  be  significantly  ahead  of  the  upper-surface  crest  of  the  wing-tip  section.  Conversely,  if  the  leading 
edge  of  the  upper  winglet  is  moved  aft  of  this  crest,  attachment  of  this  surface  to  the  wing  becomes  a 
greater  problem  since  the  structural  box  for  the  winglet  moves  aft  of  the  usual  rear  spar  location  for  the 
wing.  Also,  analyses  and  exploratory  experiments  indicate  that  the  shorter  winglet  root  chord  caused  by 
moving  the  leading  edge  aft  of  the  wing  section  crest  results  in  a perceptible  loss  of  winglet  effective- 
ness. Therefore,  the  leading  edge  of  the  winglet  has  been  placed  near  the  crest  for  cruise  conditions. 
Results  of  exploratory  experiments  also  indicate  that  the  greatest  winglet  effectiveness  is  achieved  with 
the  trailing  edge  of  the  winglet  near  the  trailing  edge  of  the  wing. 

Loads.  The  theories  of  References  16,  19,  and  21  indicate  that  to  achieve  the  reductions  in  induced 
drag  theoretically  predicted  for  wing-tip  mounted  vertical  surfaces  requires  not  only  substantial  inward 
normal  loads  on  these  surfaces  but  also  significant  increases  in  the  upward  loads  on  the  outboard  region  of 
the  wing.  Exploratory  experiments  made  both  during  the  investigation  of  Reference  17  and  during  the  present 
investigation  indicate  that  the  greatest  measured  reductions  in  drag  due  to  adding  the  upper  winglet  are 
achieved  with  normal  loads  on  the  winglet,  and  associated  added  loads  on  the  outboard  region  of  the  wing, 
substantially  less  than  those  indicated  as  optimum  by  the  theories  of  References  16,  19,  and  21.  These 
differences  are  probably  due  primarily  to  viscous  effects  not  included  in  theory.  Calculations  based  on 
Reference  21  indicate  that  reducing  these  loads  from  the  theoretical  optimum  values  to  the  measured  values 
decreases  the  effectiveness  of  the  winglets  only  slightly  (induced  drag  increases  slightly).  This  effect 
is  probably  more  than  offset  by  a reduction  in  viscous  drag  for  both  the  winglet  and  the  wing  resulting 
from  lower  induced  velocities  on  these  surfaces  at  the  lower  load  condition.  Further,  with  such  reduced 
loads  the  added  bending  moments  Imposed  on  the  wing  and  the  resulting  structural  weight  increase  are  less 
than  those  associated  with  the  theoretically  optimum  loads. 

The  theories  of  References  16  and  19  indicate  that  the  optirum  span  load  distributions  for  the  winglet 
are  characterized  by  relatively  high  loads  near  the  winglet  root  in  comparison  with  the  optimum  elliptical 
load  distribution  for  planar  wings. 

Height . The  available  theories^  indicate  that  the  reduction  in  induced  drag  associated  with  tip- 
mounted  vertical  surfaces  increases  slightly  less  than  linearly  with  increase  in  height.  However,  the 
theories  indicate  that  the  normal  loads  on  such  surfaces  and  the  loads  on  the  outboard  region  of  the  wing 
required  for  the  calculated  induced  drag  reduction  also  increase  with  an  increase  in  winglet  height.  These 
greater  loads,  together  with  a greater  moment  arm  of  the  loads  on  the  winglet  associated  with  increased 
height,  of  course,  increase  the  bending  moments  in  the  wing  with  a resulting  weight  penalty.  Therefore, 
the  optimum  height  must  be  a compromise  between  aerodynamic  and  structural  weight  considerations. 

Further,  the  required  normal-force  coefficients  for  the  winglet  increase  with  an  Increase  in  winglet 
height.  For  excessive  winglet  heights,  the  required  normal-force  coefficients  would  lead  to  substantial 
boundary-layer  separation  particularly  for  high-lift  off-design  conditions.  For  the  most  satisfactory 
results,  the  required  normal-force  coefficients  for  the  winglet  should  probably  be  limited  to  values  of  the 
same  order  of  magnitude  as  the  lift  coefficients  of  the  wing. 

The  height  of  the  winglet  of  the  invest igatlon  described  herein  was  selected  arbitrarily  on  the  basis 
of  very  limited  exploratory  experiments  and  analyses.  A precise  determination  of  the  most  satisfactory 
height  must  await  more  definite  Information  on  the  structural  weight  penalties  associated  with  adding 
winglets. 

Planform.  As  for  wings,  the  winglet  should  have  the  highest  aerodynamic  efficiency  when  it  is  tapered 
so  that  the  normal-force  coefficient  is  approximately  constant  along  the  span  of  the  winglet.  To  achieve 
this  situation  for  the  desired  span  load  distribution  requires  substantial  taper.  For  satisfactory  winglet 
effectiveness  at  supercritical  design  conditions , the  effective  sweep  of  these  surfaces  should  be  approxi- 
mately the  same  as  that  of  the  wing. 
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Airfoil  Section.  The  winglet  airfoil  should  be  shaped  to  meet  two  important  basic  requirements. 

First,  it  should  efficiently  provide  the  desired  Inward  normal-force  coefficients  for  the  design  wing  lift 
coefficient  and  Mach  number.  For  supercritical  design  conditions,  this  objective  is  achieved  with  an 
airfoil  shaped  to  avoid  a strong  wave  on  the  surface  and  to  minimize  the  added  Induced  velocities  on  the 
outboard  region  of  the  wing  upper  surface  associated  with  the  presence  of  the  winglet.  Secondly,  the 
airfoil  should  be  shaped  so  that  the  onset  of  significant  boundary- layer  separation  on  the  winglet  surface 
is  delayed  to  the  conditions  for  which  such  separation  occurs  on  the  wing.  This  latter  objective  should 
be  achieved  even  for  low-speed  high-lift  conditions  with  the  stall  control  devices  extended  on  the  wing. 

These  objectives  are  probably  accomplished  most  effectively  with  an  airfoil  similar  to  the  NASA 
general-aviation  airfoil  described  in  Reference  22  with  a design  camber  significantly  greater  than  that 
for  the  wing.  Experiments  and  theoretical  analyses  have  indicated  that  such  an  airfoil  provides  superior 
low-speed  high-lift  character 1st ics  and  satisfactory  supercritical  characteristics.  Also,  to  accomplish 
the  high-speed  objectives  most  effectively,  the  maximum  ratio  of  airfoil  thickness  to  chord  should  be  as 
low  as  possible  without  causing  a severe  weight  penalty  or  significantly  degrading  the  low-speed  stall 
characteristics.  Preliminary  structural  and  aerodynamic  studies  suggest  that  the  most  satisfactory  thick- 
ness ratio  may  be  about  82. 

Incidence  and  Twist.  The  upper  winglet  is  generally  toed  out  and  thus  has  negative  geometric  inci- 
dence, since  the  effective  inflow  angles  are  greater  than  the  winglet  angles  of  attack  required  to  achieve 
the  desired  normal-force  coefficient  for  design  conditions.  With  the  large  amount  of  camber  required  in 
the  winglet,  this  negative  incidence  can  be  substantial.  Because  the  available  theories  do  not  as  yet 
incorporate  effects  of  viscosity,  thickness,  and  supercritical  flow,  the  most  satisfactory  incidence  must, 
at  present,  be  determined  by  a systematic  experimental  investigation  of  various  incidence  angles. 

To  obtain  the  desired  span  load  distribution  on  a swept  upper  winglet  in  an  undlstorted  flow  field 
would  require  substantial  twist.  However,  the  decrease  in  inflow  with  increase  In  winglet  height  above 
the  wing  approximately  provides  the  desired  aerodynamic  twist.  Thus,  no  geometric  twist  is  usually 
required  for  this  surface. 

Cant  or  Dihedral.  A study,  based  on  theoretical  calculations  made  by  J . L.  I undry  using  the  method 
of  Reference  19,  of  the  trade  offs  between  Induced  drag  reduction,  skin  friction,  and  wing  bending  moments 
indicates  that  the  optimum  practical  winglet  configuration  should  have  a small  amount  of  outward  cant  as 
shown  in  Figure  22.  Outward  cant  also  reduces  the  flow  interference  at  the  root  of  the  upper  winglet  at 
supercritical  conditions. 

5.4  Lower  Winglet 

Rationale.  Theoretically,  a. nearly  vertical  surface  below  the  wing  tip  is  as  effective  as  one  of  the 
same  height  above  the  tip.  However,  a lower  winglet  usually  must  be  shorter  than  the  optimum  height  because 
of  ground  clearance  problems.  The  theoretical  calculations  of  Reference  16  indicate  that  a lower  winglet 
of  practical  vertical  height,  in  combination  with  larger  upper  winglet,  produces  relatively  small  additional 
reductions  in  induced  drag.  However,  experiments  Indicate  that  even  such  a shortened  surface  may  improve 
overall  winglet  effectiveness,  particularly  at  both  high-lift  coefficients  anu  supercritical  conditions. 

The  presence  of  a lower  winglet  lessens  both  the  theoretically  desired  critical  conditions.  The  presence 
of  a lower  winglet  lessens  both  the  theoretically  desired!6»19  and  actually  measured  optimum  induced  veloc- 
ities on  the  upper  winglet,  with  a resulting  decrease  in  boundary-layer  separation  on  the  winglet  inner 
surface. 

Forward  placement  of  the  lower  winglet  maximizes  the  reduction  in  the  usual  maximum  induced  velocity 
on  the  forward  region  of  the  inner  surface  of  the  upper  winglet  at  high  wing  lift  coefficients.  This  effect 
is  roughly  similar  to  that  of  a slat  near  the  leading  edge  of  a wing;  in  both  cases,  the  local  angle  of 
flow  at  the  leading  edge  is  reduced.  It  is  conjectured  that  this  favorable  effect  is  nearly  optimum  when 

the  trailing  edge  of  the  root  of  the  lower  winglet  coincides  strearawise  with  the  leading  edge  of  the  upper 

winglet . 

Configuration.  Because  of  the  pronounced  interactions  of  the  high  induced  velocities  on  the  forward 
portion  of  the  wing  with  those  on  the  lower  winglet,  the  definition  of  the  most  satisfactory  configuration 
of  the  lower  winglet  for  the  complete  range  of  flight  conditions  is  far  from  complete.  However,  it  is 
known  that,  as  for  the  upper  winglet,  the  lower  winglet  requires  substantial  camber  (upper  surface  outward) 
and  toe-in.  Preliminary  analyses,  substantiated  by  calculations  based  on  Reference  21,  also  suggest  that, 

in  contrast  to  the  upper  winglet,  the  lower  winglet  should  probably  be  twisted  with  washout. 

An  analysis  based  on  the  theoretical  results  of  Reference  16  suggests  that  outward  cant  of  the  lower 
winglet  would  increase  the  favorable  effect  of  this  surface  on  the  flow  over  the  upper  winglet.  Therefore, 
substantial  outward  cant  was  incorporated  in  this  surface  for  the  conf igurat ion  of  Reference  17  and  that  of 
the  present  report.  However,  a more  recent  analysis,  using  the  method  of  Reference  21,  indicates  that  the 
most  satisfactory  overall  performance  is  probably  achieved  with  little  or  no  cant  in  this  surface. 

5.5  Experimental  Results 

Model  Description.  The  model  utilized  for  the  experiments  discussed  herein  is  shown  in  Figure  22. 

In  an  effort  to  obtain  the  highest  possible  winglet  Reynolds  number  and  sufficient  winglet  size  to  install 
surface-pressure  measurement  tubes,  a semispan  model  was  utilized.  The  fuselage  was  not  attached  to  the 
balance  but  did  rotate  with  the  wing  through  the  angle-of-attack  range. 

Lift  Drag.  The  Increase  in  lift  coefficient  for  a constant  drag  coefficient  resulting  from  the  addi- 
tional surfaces  at  a Mach  number  of  0.78  is  presented  in  Figure  24.  These  changes  are  equivalent  to  changes 
in  the  lift-drag  ratio.  The  effects  presented  differ  from  those  for  a complete  full-scale  airplane.  At 
full-scale  conditions,  the  skin-friction  drag  penalties  associated  with  the  additions  would  be  somewhat 
less  than  those  for  the  test  Reynolds  number.  More  Importantly,  the  drag  due  to  lift  for  the  complete  air- 
plane would  be  greater  than  for  the  exposed  panel  of  the  wind-tunnel  configuration.  Therefore,  the  relative 
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increase  in  lift  coefficient  for  a constant  drag  coefficient  would  be  less.  It  has  been  estimated  that 
because  of  these  two  compensating  factors,  the  relative  changes  for  the  total  full-scale  airplane  would 
be  about  10%  less  than  those  shown  in  Figure  24. 

Addition  of  the  upper  winglet  only  increases  the  lift-drag  ratio  of  the  exposed  wing  panel  by  about 

9%  near  design  conditions  of  - 0.78  and  basic  wing  * 0.44  (F*8*  24).  At  higher  lift  coefficients 

the  Improvement  is  decreased  because  of  wave  drag  and  boundary- layei  separation  associated  with  a strong 
shock  wave  in  the  region  of  the  juncture  of  the  winglet  and  wing  tip.  Unpublished  results  indicate  that 
at  lower  Mach  numbers  the  losses  in  winglet  effectiveness  at  high-lift  coefficients  are  much  less  severe. 

An  analysis  of  the  basic  results  indicates  that  addition  of  the  upper  winglet  reduces  the  basic 
induced  drag  by  about  20Z  for  lift  coefficients  up  to  the  design  value.  This  reduction  is  substantially 
greater  than  the  value  predicted  in  Reference  16  for  a vertical  tip-mounted  surface  with  the  same  ratio  of 
height  to  wing  span  as  the  winglet  investigated.  Calculations  based  on  the  theories  of  References  19  and 

21  indicate  that  the  difference  is  due  primarily  tc  the  tilt  of  the  winglet  outward.  Calculations  based 

on  Reference  21  indicate  that  the  dihedral  and  bending  of  the  wing  investigated  also  slightly  increase  the 
effectiveness  of  the  winglet. 

Reductions  in  induced  drag  obtained  in  this  investigation  are  associated  with  an  approximately  ellip- 
tical span  load  distribution  to  the  basic  wing  (Fig.  25).  Calculations  based  on  Reference  21  Indicate  that 
the  reductions  would  be  slgnif leant ly  less  for  a wing  with  the  center  of  lift  located  farther  inboard. 

Near  design  conditions  of  ■ 0.78  ?nd  C^  basic  wing  “ adding  the  lower  winglet  has  little 

effect  on  the  lift-drag  ratio  (Fig.  24).  Huwever.’at  high-lift  coefficients,  adding  the  lower  winglet 
results  in  a significant  improvement  in  the  lift-drag  ratio  (Fig.  24).  As  Indicated  in  the  section  "Lower 
Winglet,"  these  favorable  effects  of  adding  the  lower  winglet  for  higher  lift  coefficients  are  associated 
with  reductions  in  the  relatively  high  induced  velocities  on  the  forward  region  of  the  inner  surface  of  the 
upper  winglet  and  near  the  tip  region  of  the  wing  opno*  ite  the  forward  part  of  the  upper  winglet  (Figs.  26 
and  27)  with  consequent  reduction  in  shock- induced  boundary- layer  separation. 

An  analysis  of  the  effects  of  adding  the  lower  winglet  for  all  flight  conditions  indicates  that  the 
improvement  in  overall  performance  would  be  marginal. 

Comparison  With  Tip  Extension.  The  tip  extension  investigated  has  a span  equal  to  0.38  of  the  span 
of  the  upper  winglet.  The  added  wing  area  is  about  90%  of  the  exposed  surface  area  of  the  upper  winglet. 

The  increase  in  root  bending  moment  for  the  tip  extension  is  approximately  the  same  as  the  increase  for  the 
upper  and  lower  winglets,  and  it  is  greater  than  the  increase  for  the  upper  winglet  only  (Fig.  28).  Near 
design  conditions  of  ■ 0.78  and  CLtbasic  wing  * 0-^4,  this  extension  increases  the  lift-drag  ratio 
by  about  4%  (Fig.  24)  which  is  less  than  half  that  achieved  by  adding  the  winglets. 

The  bending-moment  coefficients  (at  a constant  lift  coefficient)  at  the  horizontal  elastic  axis  of  the 
wing-fuselage  juncture  resulting  from  the  additional  surfaces,  presented  in  Figure  28,  were  obtained  by 
correcting  the  rolling-moment  increments  measured  by  the  balance  for  the  moments  determined  by  multiplying 
the  side-force  increments  by  the  vertical  distance  from  the  balance  center  to  the  elastic  axis  of  the  wing 
root.  These  side-force  increments,  not  measured  by  the  balance,  were  obtained  by  integrating  the  measured 
pressure  distributions  on  the  wing  and  winglets. 

Loads.  As  indicated  earlier,  the  loads  on  the  upper  winglet  and  the  added  loads  on  the  outboard 
region  of  the  wing  associated  with  adding  the  upper  winglet,  shown  in  Figure  25,  are  substantially  less 
than  the  theoretical  values  for  minimum  induced  drag  determined  by  the  theories  of  References  16,  19,  and 
21.  For  the  configuration  of  this  investigation,  the  measured  loads  on  the  winglet  are  about  two-thirds 
of  the  optimum  theoretical  values.  For  other  wing  configurations,  these  ratios  may  be  somewhat  different. 

Adding  the  lower  winglet  increases  the  loads  on  the  outboard  region  of  the  wing  (Fig.  25)  with  a 
resulting  increase  in  the  bending-moment  increments  at  the  wing-fuselage  juncture  (Fig.  28).  Data  obtained 
at  the  one  row  of  pressure  orifices  on  the  lower  winglet  indicate  that,  as  for  the  upper  winglet,  the 
normal-force  coefficients  on  the  lower  winglet  are  about  the  same  as  the  lift  coefficients  for  the  wing 
near  design  conditions. 

At  lift  coefficients  from  the  design  value  to  the  value  at  which  the  angle-of-attack  and  pitching- 
moment-coefficient  cuives  break  (approximately  0.7)  the  normal-force  coefficient  for  the  winglet  is  roughly 
the  same  as  the  lift  coefficient  (Fig.  29).  The  decrease  in  the  relative  magnitude  of  winglet  normal-force 
coefficient  at  higher  lift  coefficients  is  associated  with  the  unloading  of  the  outboard  region  of  the  wing 
due  to  increased  boundary-layer  separation  on  the  wing  at  these  conditions. 

Effect  of  Upper  Winglet  Incidence.  Near  design  conditions  of  - 0.78  and  Cl  “ 0.48  for  the 
configuration  with  winglets,  increasing  the  incidence  of  the  upper  winglet  above  -4°  (selected  for  the 
final  conf igurat ion)  Increases  the  drag  coefficient  (Fig.  30).  This  incidence  Increase  also  significantly 
increases  the  loads  on  both  the  winglet  and  the  outboard  region  of  the  wing  (Fig.  31)  with  a resulting 
Increase  in  bending  moments  imposed  on  the  structure. 

Low- Speed  Results.  The  addition  of  the  upper  winglet  substantially  reduces  the  drag  at  a Mach  number 
of  0.30  (Fig.  32). 

6.  EFFECTS  OF  THRUSTING  JETS 

6.1  Jet  at  Wing  Tip 

An  Investigation  was  conducted  in  the  Langley  8-foot  transonic  pressure  tunnel  of  the  effect  of  the 
jet  wake  of  a typical  fan  Jet  type  engine  mounted  at  the  tip  of  a lifting  surface  on  the  Induced  drag. 23 
The  configuration  utilized  for  this  investigation  is  shown  in  Figure  33.  A semispan  model  was  utilized. 

The  fuselage  was  not  attached  to  the  balance  but  would  rotate  with  the  lifting  surface.  The  lifting  surface 


had  a 12%  thick  symmetrical  NACA  6-series  airfoil.  The  use  of  a symmetrical  surface  eliminated  the  influ- 
ence of  camber  on  the  determination  of  the  drag  due  to  lift.  The  lifting  surface  was  untapered  to  con- 
centrate the  vorticity  at  the  tip.  The  model  engine  installation  was  representative  of  a high  bypass  ratio 
fan-jet  engine.  As  shown  in  Figure  34,  the  jet  was  produced  by  an  internal  fan  driven  by  a turbine.  The 
turbine  was  driven  by  compressed  nitrogen  ducted  to  the  engine  through  the  lifting  surface.  The  ratio  of 
the  total  pressure  at  the  fan  jet  to  the  stream  total  pressure  was  approximately  1.3,  a value  representa- 
tive of  modern  fan- jet  engines.  The  thrust  of  the  engine  was  calculated  on  the  basis  of  extensive  static 
and  total  pressures  and  temperature  measurements  at  the  exits  of  the  engine  (Fig.  34).  The  spanwise  loca- 
tion of  the  tip  of  the  lifting  surface  used  as  a basis  of  comparison  was  at  the  center  line  of  the  engine 
of  the  engine-on  configuration. 

The  effect  of  the  thrusting  engine  at  the  tip  on  the  drag  due  to  lift  is  shown  in  Figure  35.  The 
drag  due  to  lift  for  the  basic  lifting  surface  without  the  engine  installed,  indicated  by  the  solid  line, 
is  somewhat  greater  than  the  ideal  drag  due  to  lift  for  a planar  lifting  surface,  that  is,  1/tt  AR.  This 
increased  drag  is  due  primarily  to  the  fact  that  an  untapered  lifting  surface  does  not  produce  the  ideal 
span-load  distribution.  With  the  engine  mounted  at  0°  with  respect  to  the  lifting  surface,  the  drag  due 
to  lift  is  reduced  by  approximately  one-third.  Tests  were  algo  conducted  with  an  engine  nacelle  without 
a thrusting  jet  but  with  a simple  duct  through  the  center  which  allows  the  same  mass  flow  through  the 
nacelle  as  for  the  powered  engine  case.  This  configuration  produced  a reduction  in  drag  due  to  lift  equal 
to  approximately  40%  of  that  achieved  with  the  thrusting  engine.  Thus  the  favorable  influence  of  this 
tip-mounted  engine  is  due  in  part  to  the  simple  physical  presence  of  the  nacelle,  however,  it  is  obvious 
that  the  Jet  wake  also  contributes  substantially  to  this  gain. 

When  the  engine  incidence  was  changed  from  0°  to  -4°  with  respect  to  the  lifting  surface,  the  effec- 
tiveness of  the  tip-mounted  engine  in  reducing  drag  due  to  lift  at  lower  angles  of  attack  was  essentially 
eliminated,  however,  at  the  highest  angle  of  attack  of  the  investigation  the  effectiveness  for  this  nega- 
tive incidence  was  almost  as  great  at  that  for  the  0 incidence  condition.  At  the  lower  angles  of  attack 
with  the  negative  incidence  of  the  engine,  the  angle  of  the  Jet  was  substantially  different  from  the  down- 
ward angle  of  flow  of  the  induced  field  produced  by  the  surface.  However,  at  the  higher  angles  of  attack, 
the  angle  of  the  jet  approached  more  closely  the  downflow  angle.  It  thus  appears  that  the  effectiveness 
of  the  jet  wake  in  reducing  the  losses  in  the  vortex  of  a lifting  surface  is  highly  dependent  on  the  geo- 
metric relationship  of  the  jet  to  the  Induced  field  of  the  lifting  surface. 

No  completely  satisfactory  explanation  for  the  effects  shown  has  yet  been  developed.  However,  flow 
surveys  made  directly  behind  the  configuration  indicate  that  the  jet  wake  completely  destroys  the  concen- 
tration of  the  vorticity  in  a tip  vortex  that  usually  occurs  behind  a simple  lifting  surface. 

For  a tapered  wing  with  an  approximately  elliptical  span  load  distribution,  the  reduction  in  induced 
drag  provided  by  a powered  engine  at  the  tip  would  be  substantially  less  than  that  shown  in  Figure  35. 

Also,  studies  made  of  the  practical  problems  associated  with  mounting  an  engine  at  the  tip  of  a wing  indi- 
cate that  the  yawing  moment  associated  with  the  failure  of  a tip-mounted  engine  would  require  an  increase 
in  the  vertical  tail  size  and  that  the  engine  mass  at  the  tip  might  cause  flutter  problems.  No  further 
research  has  been  conducted  on  engines  mounted  at  the  tip  of  a wing.  A passive  winglet  at  the  tip  as 
described  in  a previous  section  appears  to  be  a more  practical  approach  to  reducing  the  Induced  drag 
associated  with  the  tip  vorticity. 

6.2  Inboard-Under-Winged  Engine  Installations 

For  wing-mounted  engines,  the  usual  procedure  is  to  locate  the  engine  below  the  wing  at  intermediate 
spanwise  locations.  Extensive  research  has  been  conducted  in  the  Langley  8-foot  transonic  pressure  tunnel 
on  this  type  of  engine  installation  utilizing  semispan  wings  and  model  engines  similar  to  that  shown  in 
Figure  34.  A typical  configuration  is  shown  in  Figure  36.  For  engine  installations  such  as  this  the 
interference  between  the  nacelle,  the  pylon,  the  wing,  and  the  jet  wake  is  extremely  complex  and  can  result 
in  very  adverse  aerodynamic  interference.  To  evaluate  this  complex  problem,  the  various  components  must 
be  investigated  separately  to  determine  the  interference.  The  model  setup  used  to  investigate  the  charac- 
teristics of  the  engine  alone  is  shown  in  Figure  37. 

Most  of  the  research  conducted  on  underwing  engine  installations  has  been  directed  toward  eliminating 
adverse  interference,  however,  results  obtained  in  the  8-foot  transonic  pressure  tunnel  indicate  that  with 
such  installations  favorable  interference  can  be  obtained  at  lifting  conditions  if  the  engine  installation 
is  properly  designed.  Results  showing  such  an  effect  are  presented  in  Figure  38.  The  configuration  inves- 
tigated is  shown  on  the  right.  The  wing  was  swept,  tapered,  and  incorporated  cambered  airfoils.  It  is 
representative  of  high  subsonic  speed  Jet  transport  wings.  The  engine  configuration  is  the  same  as  that 
shown  in  Figure  34.  At  the  upper  left  of  Figure  38  the  variation  of  the  incremental  interference  drag 
coefficient  with  lift  coefficient  is  shown.  The  interference  drag  is  the  difference  between  the  drag  for 
the  total  configuration  and  the  sum  of  the  drugs  for  the  components.  Data  are  presented  for  a condition 
having  a ratio  of  the  fan  exit  total  pressure  to  the  stream  total  pressure  of  1.0,  which  corresponds  to  no 
engine  thrust,  and  a pressure  ratio  of  1.47,  which  is  representative  of  the  ratio  for  fan  jet  engines 
operating  at  cruise  conditions. 

For  the  configuration  with  a pressure  ratio  of  1.0,  a small  favorable  Interference  was  measured  at 
the  higher  lift  coefficient.  At  a pressure  ratio  of  1.47,  this  favorable  Interference  is  more  than  doubled. 
Since  the  favorable  Interference  Increases  with  an  Increase  in  lift  coefficient  the  drag  due  to  lift  is 
being  reduced.  The  reductions  In  drag  due  to  lift  are  due  to  the  reduction  of  the  outward  spanwise  flow 
below  the  wing  associated  with  lift.  This  effect  is  similar  to  the  effect  of  a winglet  at  the  tip. 

These  favorable  effects  are  explained  by  iiurface  pressure  measurements  made  on  the  nacelle  pylon 
arrangement.  At  the  lower  left  part  of  Figure  38  the  difference  in  pressure  across  the  pylon  for  a lift 
coefficient  of  0.4  is  shown.  For  a pressure  ratio  of  the  fan  of  1.0  shown  by  the  solid  line,  an  integration 
of  these  pressure  differences  Indicate  a side  force  on  the  pylon  as  for  the  wing- tip-mounted  winglet.  This 
side  force  reduced  the  outward  flow  below  the  wing.  For  engines  with  a pressure  ratio  of  1.47,  the  side 
force  obtained  by  integration  of  these  pressure  differences  is  substantially  greater  than  for  the  pressure 
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ratio  of  the  1.0  case.  Therefore,  it  must  be  reducing  the  outward  flow  below  the  wing  by  a greater  amount 
than  that  provided  by  the  pressure  ratio  of  1.0  condition.  The  added  effect  due  to  engine  thrust  is 
similar  to  that  of  a tip-mounted  arrangement  discussed  in  the  previous  section.  In  this  case,  the  jet 
wake  is  reducing  the  vortex  development  around  the  engine  pylon  arrangement.  The  thrust  effect  is  essen- 
tially increasing  the  effective  vertical  height  of  the  engine  pylon  arrangement.  Complete  results  for 
this  investigation  are  presented  in  Reference  24. 

Research  on  this  approach  to  reducing  the  drag  due  to  lift  is  continuing  at  the  Langley  Research 
Center. 

6.3  Over-the-Wing  Blowing 

Experimental  results  of  Reference  25  and  analytical  calculations  of  Reference  26  have  shown  that  it 
may  be  possible  to  reduce  the  induced  drag  of  airplanes  cruising  at  subsonic  speeds  by  locating  the  engine 
nacelles  such  that  the  Jet  exhaust  is  blown  over  the  wing.  Gains  in  performance  possible  with  such  an 
engine  arrangement  are  shown  in  Figure  39  from  calculations  made  using  the  method  of  Reference  26  and  the 
data  of  Reference  27.  These  results  show  reductions  in  Induced  drag  of  approximately  7 X (aDout  3%  of 
total  drag)  are  possible  for  this  configuration  due  to  jet  blowing  at  cruise  conditions.  Substantially 
larger  reductions  in  induced  drag  are  indicated  for  the  climb  segment.  The  theoretical  analysis  of  Refer- 
ence 26  indicates  that  this  reduction  in  the  drag  due  to  lift  is  associated  with  the  entrainment  of  stream 
energy  by  the  jet  over  the  upper  surface.  Because  of  this  effect,  the  velocities  of  the  flow  over  the 
upper  surface  are  increased.  It  follows  that  the  circulation  and  the  lift  developed  for  a given  angle  of 
attack  are  Increased. 

To  achieve  a total  gain  in  aerodynamic  efficiency,  the  engine  nacelles  must  be  placed  high  enough 
above  the  wing  to  prevent  Increased  skin-friction  drag  due  to  the  jet  exhaust  washing  or  scrubbing  the  wing 
upper  surface.  This  scrubbing  effect  is  illustrated  in  Figure  40.  As  the  engine  nacelle  position  is  moved 
downward  toward  the  wing  upper  surface  the  local  skin-friction  coefficient  increases  to  values  substan- 
tially greater  than  the  basic  skin-friction  coefficients  for  the  wing  without  the  jet  present. 

The  use  of  over-the-wing  blowing  also  requires  substantial  attention  to  the  design  details  of  the 
nacelles  and  pylons.  This  need  is  illustrated  in  Figure  41.  With  the  simple  symmetric  nacelles  and 
pylons,  the  critical  Mach  number  is  substantially  less  than  that  for  the  basic  wing  without  these  additions 
This  reduction  in  the  critical  Mach  number  results  in  substantial  interference  drag  increments  due  to  the 
additions  of  these  components.  When  the  nacelles  and  pylons  are  properly  contoured,  the  critical  Mach 
number  is  increased  to  essentially  the  same  value  as  the  basic  wing  without  the  additions.  As  a result, 
the  drag  increments  due  to  the  additions  is  substant ially  reduced  at  the  higher  Mach  numbers. 

Extensive  research  on  this  approach  is  continuing  at  the  Langley  Research  Center.  The  effects  of 
engine  location,  engine  operating  pressure  ratio,  wing  sweep,  camber,  thickness,  and  airfoil  shape  will  be 
investigated. 
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Figure  1.  Supercritical  phenomena. 
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Figure  2.  Drag-rise  characteristics  foi  various 
airfoils.  c^  * 0.7;  t/c  ■ 0.10. 


Figure  3.  Near-deslgn  pressure  distribution  on  111 

thick  NASA  supercritical  airfoil.  M « 0.80; 

c * 0.61. 
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Figure  4.  Off-design  pressure  distribution  on  11Z 
thick  NASA  supercritical  airfoil.  M • 0.78; 

c • 0.58. 
n 


Figure  5.  Subcritical  pressure  distribution  on  HZ 
thick  NASA  supercritical  airfoil.  M • 0.60; 

c - 0.50. 
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BOUNDARY  LAYER 


Figure  6.  Influence  of  boundary-layer  displacement 
on  effective  camber  of  supercritical  airfoil. 
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Figure  10.  Comparison  of  experimental  and  theoreti 
cal  pressure  distributions. 


Figure  9.  Comparison  of  experimental  and  theoreti-  Figure  13.  Thick  supercritical  airfoil  (Palmer  of 
cal  pressure  distributions.  North  American  Rockwell,  Columbus). 


Figure  11.  F-8  aircraft  with  transport  super- 

critical wing. 
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Figure  7.  Conformal  coordinate  system  for  two- 
dimensional  calculations. 
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effects  on  pressure  distribu- 
supercr ltical  airfoil. 
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M = 0.50 


Figure  12.  Airfoil  drag  divergence  against 
thickness.  C^  ■ 0.5. 
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Figure  14.  T-2C  drag  characteristics.  * 0.5. 


Figure  15.  Aircraft  with  and  without  supercritical 
airfoil. 


Figure  17.  High-lift  pressure  distribution  on  112 
thick  NASA  supercritical  airfoil.  M * 0.73; 

c - 1.32. 
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V • 0.9  AT  10000  ft 


Figure  18.  Maneuver  aerodynamics.  M • 0.9  at 
10,000  feet. 
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Figure  20.  Supercritical  wing  for  increased  lift 
to  drag. 
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Figure  24.  Tip  configuration  effects  on  lift 
coef f icient . 


Figure  21.  Turbofan  powered  long-range  LFC 
transport . 


Figure  25.  Spanwise  distributions  of  load. 
K - 0.78;  CL  - 0.48. 


Figure  22.  Wlnglets  on  Jet  transport  wing  model. 


Figure  23.  Beale  dlaenalone  of  wlnglets. 


Figure  26.  Chordwlse  pressure  distributions. 


Figure  27.  Chordwlse  pressure  distributions. 
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Figure  31.  Effect  of  angle  of  incidence  of  the 
upper  winglet  on  the  spanwise  distributions  of 
load  for  the  configuration  with  both  the  upper 
and  lower  winglets. 


Figure  28.  Tip  effects  on  bending  moments 
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Effects  of  upper  winglet  on  drag 
I « 0.30;  R = 4.7  x 106. 


Figure  29.  Comparison  of  normal  force  on  upper 
winglet  with  wing  lift. 


Figure  33.  Test  setup  for  tip-mounted  engine 
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Figure  30.  Effect  of  upper  winglet  incidence  on 
configuration  drag. 


Figure  34.  Cross-sectional  view  of  the  powered 
model  fan-jet  engine. 
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SECTION  A A 


THEORY  EXPERIMENT 


Effect  of  tip-mounted  engine  on  drag 
due  to  lift. 


Figure  J9.  Induced  drag  reduction  by  over-the 
wing  blowing. 
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Test  setup  for  wing-powered  engine 
interference. 


Figure  36 


Effect  of  nacelle  vertical  location  on 
scrubbing  drag. 
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Figure  37.  Test  setup  for  engine  alone 


Figure  41.  Effect  of  contouring  over-the-wing 
nacelles. 
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Figure  38.  Power  effect  on  dreg  due  to  lift 
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LAMINAR  FLOW  CONTROL 
LAMINARIZATION 
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SUfMARY 


According  to  theory,  verified  experimentally,  boundary  layer  suction  prevents  laminar  separation 
and  transition  in  decelerated  flov  areas  up  to  any  pressure  rise  of  practical  interest  at  high  Reynolds 
numbers,  as  long  as  external  disturbances  are  very  veak.  As  a result,  100  percent  laminar  flov  was 
observed  with  C ^ * .0011  (both  vlng  sides)  on  a slotted  15  percent  thick  LFC 

min  suet.  vake  ^ 

ving  in  tne  Langley  TDT  tunnel  at  Rec  * 16.U  • 10°,  confirming  suction  lamlnarization  at  substantially 
higher  Re^/s  and  correspondingly  lover  C^  vhen  the  external  turbulence  level  is  drastically  reduced. 

A practical  aerodynamlcally  and  structurally  reasonably  efficient  LFC  suction  method,  removing  the 
slovest  boundary  layer  particles  through  many  closely  spaced  fine  slots,  vas  developed  and  subsequently 
applied  to  a second  F9k  LFC  vlng  glove  in  flight:  100  percent  laminar  flov  vas  observed  up  to  the  F9U 

test  limit  (Re  * 37-5  • 10°)  vithln  (A  < 1.08,  vlth  C * .0001*5  for  the  upper  glove  surface 

c local  I)® 

6 m*n 

at  Re  * 30  • 10  . Laminar  flov  on  LFC  wings  in  flight  is  thus  possible  at  much  higher  Re  's  than 
even  in  the  best  low  turbulence  tunnels  as  a result  of  the  negligible  influence  of  the  atmospheric 
microscale  turbulence  on  transition.  ,F9^  LFC  glove  comparison  experiments,  with  suction  starting  at 
0.08c  and  O.Uc,  verified  the  theoretically  predicted  boundary  layer  stabilization  by  suction  starting 
at  0.08c,  thus  maintaining  laminar  flow  at  substantially  higher  CL'8»  88  compared  to  boundary  layer 
stabilization  by  flov  acceleration;  i.e.,  geometry  alone  without  suction  upstream  of  O.Uc. 

The  theoretically  predicted  boundary  layer  stabilization  at  high  Re  's  by  distributed  suction, 
applied  practically  along  the  entire  surface,  vas  verified  in  the  Ames  12- foot  tunnel  on  a 8:1  fineness 
ratio  Reichardt  LFC  body  of  revolution  with  llU  suction  slots  located  between  X/L  - 0.03  and  0.99: 

100  percent  laminar  flov  and  C^  * .00027  (based  on  body  vetted  area,  including  C^  ) resulted 

c min  suction 

at  Re^  * 57.8  • 10  . As  in  the  F9U  and  TDT  LFC  experiments  C^  vas  the  major  drag  contributor, 

suction 

with  C - 1/3  to  1/U  of  CD 

vahe  ^total 

u»  -1 

Re^  of  the  Reichardt  body  and  other  LFC  surfaces  varied  as  ( — ) for  comparable 

transition  u® 

turbulence  spectra;  i.e.,  drastically  reduced  initial  disturbances  enable  substantially  higher  Re 

L, 

lam 

LFC  airplane,  propulsion,  and  auction  system  Induced  aerodynamic  and  acoustic  disturbances,  controlling 
transition  on  LFC  airplanes  rather  than  atmospheric  turbulence,  should  therefore  be  minimized. 

The  design  of  svept  LFC  vings  at  high  Rec's  is  usually  strongly  influenced  by  stability 
considerations  of  the  boundary  layer  crossflov  and  streamvise  crossflov  disturbance  vortices  caused  by 
crossflov  pressure  pressure  gradients.  According  to  theoretical  investigations  of  the  boundary  layer 
development  and  stability  especially  of  the  crossflov  on  svept  LFC  vings,  boundary  layer  suction  must 
be  applied  practically  over  the  entire  ving  chord  for  full-chord  lamlnarization.  Particularly  high 
local  suction  rates  are  needed  in  the  ving  leading  edge  region  to  control  the  local  boundary  layer 
crossflov  instability  induced  by  the  strong  flov  acceleration  in  the  nose  region  at  higher  Rec's 
and  sveep  angles.  Much  veaker  suction  is  usually  adequate  in  the  extensive  flat  pressure  region  of 
svept  LFC  vings  for  control  of  boundary  layer  crossflov  and  TS-type  disturbances,  folloved  again  by 
much  stronger  suction  in  the  rear  pressure  rise  area  of  ttfe  ving,  vlth  the  suction  rates  for  svept  LFC 
vings  somevhat  larger  than  those  for  unsvept  LFC  vings  for  control  of  boundary  layer  crossflov  - rather 
than  TS-type  instability.  The  penalty  in  CD  , resulting  from  the  higher  suction  rates  of  svept  LFC 
vings,  is  relatively  modest;  the  major  dl sadvSntages  arising  from  the  increased  suction  rates  of  svept 
LFC  vings  are  increased  complexity  and  sensitivity  of  the  boundary  layer  to  surface  - and  possibly 
acoustic  disturbances. 

NACA  Ames  12-foot  tunnel  experiments  on  a 50°  svept  Northrop  modified  NACA  66012  LFC  ving  vlth 
closely  spaced  suction  slots  verified  these  theoretical  expectations:  full  chord  laminar  flov  vas 

observed  at  a • 0°,  +1°  up  to  Re  » 29  • 10  , vlth  Cj.  « .00096  (both  sides,  including  CD  ). 

c suction 


Without  strongly  amplified  TS-oscillat ions  at  a * 0 , -1  the  minimum  boundary  layer  crossflow 
stability  limit  RN  Xm^n  could,  on  the  average,  be  about  doubled,  leading  to  a linearized  total  growth 
of  the  boundary  layer  crossflow  disturbance  vortices  to  e°  in  the  region  upstream  of  the  rear 
pressure  rise.  However,  whenever  more  strongly  amplified  oblique  TS-oscillations  induced  for  example 
at  a ^ 1 by  free-stream  disturbances  as  well  as  external  or  internal  duct  noise  interacted 
nonlinearly  with  boundary  layer  crossflow  disturbance  vortices  through  their  mutual  nonlinear  inter- 
action Reynolds  stresses  linearized  boundary  layer  stability  theory  ceased  to  be  valid,  boundary  layer 
crossflow  disturbance  vortices  on  swept  LFC  wings  then  became  unstable  at  substantially  lower  Re 
and  grew  considerably  quicker,  as  compared  to  small  disturbance  theory,  as  verified  on  the  30° 
and  33°  swept  Northrop  LFC  wings  in  the  presence  of  external  and  internal  noise.  Stabilization  of  the 
tangential  boundary  layer  component  against  TS-disturbances  through  increased  suction  and/or  flow 
acceleration  minimized  such  nonlinear  interaction  and  raised  accordingly  the  permissible  noise  level  on 
swept  LFC  wings  substantially. 


At  still  higher  Re  ' s spanwise  turbulent  contamination  along  the  front  attachment  line  of  swept  LFC 
wings  may  destroy  their  iaminarization  where  Re~  > ReQ  . Large  attachment  line  disturbances, 

a.l.  a.l.crit 

such'  as  a"large  surface  roughness  or  an  initially  turbulent  boundary  layer  at  the  upstream  end  of  the 
wing  attachment  line  (wing- fusel age  intersection)  cause  transition  and  spanwise  turbulent  contamination 
directly  at  Re.  >_  90  to  100  without  the  intermediate  mechanism  of  amplified  boundary  layer 

a.l.crit 

oscillations.  It  can  be  eliminated  relatively  easily  by  local  leading  edge  extensions,  leading  edge 
suction  fences,  or  by  removing  the  entire  turbulent  attachment  line  boundary  layer  through  local 
suction,  raising  Re0  substantially  above  90  to  100.  Transition  at  the  attachment  line  may  then 

a.l.T 

result  from  amplified  TS-oscillations  of  the  spanwise  attachment  line  boundary  layer;  i.e.,  ReQ 

a.l.Tr 

then  becomes  a function  of  the  disturbance  level  of  the  external  flow  and  in  the  initial  attachment* 
line  boundary  layer  where  laminar  attachment  line  flow  has  been  established,  of  the  spanwise  length 

v.-  W’Z  , _ _ . . , , ...  . . • Vq/Uq 


Reynolds  number  along  the  attachment,  line  of  the  suction  rates  V^ 


at  the  attachment 


line,  and  of  the  wing  sweep  angle  4>  (since  <p  controls  the  lateral  stretching*’  ‘of  the  TS-dist urbane e 
vortices  and  thus  their  stability  in  the  diverging  attachment  line  flow  field).  As  verified  in  the 
Northrop  7-  by  I 0-foot  tunnel  on  a 45°  swept  blunt-nosed  wing  particularly  high  ReQ  resulted  by 

a • 1 * Tr 

starting  with  an  undisturbed  laminar  initial  attachment  line  boundary  layer  and  stanilizing  the  attach- 
ment line  boundary  layer  by  suction  through  closely  spaced  vertical  nose  slots  (Refl  = 300  to  330  at 


at  * 6 • 10^).  Considerably  higher  Re0 

v U 


, . . W’l,  W-S's 

(at  given  — — ) or  — - — 


a.l.T 

(at  given  Re„ 


expected  at  lover  external  disturbance  levels  (Ames  12- foot  tunnel,  flight). 

On  swept  LFC  wings,  an  undisturbed  initial  laminar  attachment  line  boundary  layer  may  be  established 
by  means  of  sufficiently  strong  suction  in  a local  attachment  line  suction  patch,  suitable  leading  edge 
extensions  with  opposite  sweep  at  their  in-board  end,  laminarized  leading  edge  suction  fences,  etc. 

Among  suction  induced  disturbances  slot  wake  oscillations  downstream  of  the  slot  exit  in  the  small 

v • S 

spanwise  plenum  chambers  underneath  the  slots  at  slot  flow  Reynolds  numbers  — — 100  induce  flow 

fluctuations  v'  at  the  slot  inlet,  which,  in  turn,  excite  amplified  boundary  layer  oscillations  on 
the  external  LFC  surfaces  to  cause  premature  transition  at  higher  Re  's,  as  verified  on  the  15?  thick 
33°  swept  Northrop  LFC  ying  of  the  X-21  group.  Such  disturbances  vanish  when  the  slot  wake  flow  is 
VS 

viscous  and  steady  at  — 100 1 indeed,  no  difficulties  from  such  disturbances  had  previously  been 

observed  up  to  Re^  = 58  • 10^  when  — < 100.  With  perforated  LFC  surfaces  suction  hole  induced 

streamwise  or  horse-shoe  vortices  shed  from  the  suction  holes  had  often  caused  premature  transition 
either  directly  or  as  a result  of  amplified  TS-oscillations,  especially  when  the  streamwise  spacing  of 
rows  of  suction  holes  was  comparable  to  the  wavelength  of  amplified  TS-oscillations  (as  verified  during 
transition  experiments  at  the  attachment  line  of  a 45°  swept  blunt-nosed  wing).  Perforated  LFC  surfaces 
are  acceptable  at  high  Re's  when  the  suction  hole  induced  3-dimensional  aerodynamic  roughness  and  the 
resulting  streamwise  disturbance  vorticity  is  too  weak  to  significantly  affect  transition,  requiring  a 
very  large  number  of  closely  Bpaced  small  suction  holes.  Such  suction  hole  induced  disturbance  vorticity 
must  be  minimized  particularly  on  swept  LFC  wings  where  it  will  superimpose  with  the  streamwise 
boundary  layer  mean-  and  disturbance-vorticity  induced  by  spanwise  pressure  gradients. 

Permissible  2-  and  3-dimensional  surface  disturbances  for  laminar  flow  (steps,  gaps,  waves, 
roughness)  were  established  on  straight  and  swept  LFC  wings.  Properly  placed  weak  local  suction  in 
the  rear  flow  reattachment  region  downstream  of  rear  facing  2-dimensional  surface  steps  has  doubled 
the  permissible  step  height  Reynolds  number. 


As  verified  by  supersonic  low-drag  suction  experiments  in  the  Tullahoma  A-tunnel  on  a laminar  suction 
plate  and  a suction  ogive  of  revolution  with  a large  number  of  closely  spaced  slots  full  length 
Iaminarization  at  supersonic  speeds  by  means  of  boundary  layer  suction  was  surprisingly  easy  in  the  . 
absence  of  shockwaves  and  boundary  layer  crossflow  up  to  high  length  Reynolds  numbers  (Re  * 51  * 10b 
at  M ■ 3 on  the  LFC  ogive  of  revolution)  in  spite  of  the  severe  acoustic  disturbances  radiated  from  the 
turbulent  tunnel  wall  boundary  layers.  This  result  is  explainable  by  the  higher  TS-stability  limit 
Reynolds  numbers  of  supersonic  laminar  boundary  layers.  At  higher  Re's,  the  minimum  equivalent  drag 


( Including 


turbulent  skin  friction  drag. 


suction)  of  these  LFC  surfaces  at  M - 3 was  3 to  4 times  smaller  than  the  corresponding 
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In  the  presence  of  incident  shock  waves  at  supersonic  speeds,  carefully  laid  out  boundary  layer 
suction  in  the  boundary  layer-shock  interaction  region  of  a flat  suction  plate  eliminated  laminar 
separation  and  premature  transition  in  this  area  to  enable  full  length  laminar  plate  flow  up  to  plate 
length  Reynolds  numbers  Re^  * 26  • 10°  at  H * 3 and  1.6  pressure  ratio  across  the  shock. 

Suction  duct  design  investigations  showed  small  duct  total  pressure  losses  when  the  sucked  boundary 

layer  was  deflected  into  the  direction  of  the  duct  flow  through  carefully  laid  out  flow  turning  nozzles 

(AP  . /q . . * 1 for  l , . /D.  . . . A 3 100  to  120,  as  compared  to  t/d  * 12  when 

tot. duct  ^duct  end  duct  hydr.  at  duct  end 

the  suction  medium  was  dumped  through  holes  at  90°  angle  into  the  duct).  In  principle,  suction  ducts 
can  be  designed  with  a rising  total-  and  static-pressure  towards  the  downstream  duct  end  through  Jet 
mixing,  when  the  nozzle  exit  velocity  of  the  sucked  boundary  layer  is  larger  than  the  mean  duct 
velocity. 

Structural  investigations  of  slotted  LFC  wings  with  many  closely  spaced  slots  were  conducted, 
leading  from  structural  tests  on  small  scale  panels  to  investigations  of  progressively  larger  structural 
panels,  and  finally  to  the  structural  investigation  of  an  LFC  wing  box.  Many  of  the  results  of  these 
studies  were  incorporated  later  in  the  X-21  wing  design.  These  structural  investigations  showed  that 
the  structural  weight  penalty  of  LFC  wings  can  be  kept  small  by  carefully  integrating  the  suction 
ducting  system  with  the  wing  structural  layout,  using  a load  carrying  LFC  wing  surface  instead  of  a 
non-load  carrying  LFC  wing  glove,  a careful  structural  overall-  and  detail-design,  and  using  the  fact 
that  a substantially  steeper  rear  pressure  rise  is  possible  on  the  upper  wing  surface  by  means  of  suction 
in  this  area  to  allow  accordingly  (under  otherwise  the  same  conditions)  thicker  and  thus  structurally 
lighter  wings. 
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USAF  AND  I.AVY  SPONSORED  NORTHROP 
LFC  RESEARCH  BETWEEN  19**9  AND  1967 


1 . LOW  DRAG  SUCTION  INVKL'i  I ♦- A~;  I NS  ON  ’■ : : WK1  “I’  LFC  WINGS  AT  HIGH  REYNOLDS  NUMBERS  AND  LOW  TURBULENCE. 


1 . 1 Free  Stream  Turbulence  Effects  in  LFC  Experiments 

The  author's  197r  Zurich  experiments  on  a 17%  thick  LFC  wing  with  discrete  slots,  connected  to 
individual,  suction  chambers  (figure  l),  had  shown  full  chord  laminar  flow  up  to  wing  chord  Reynolds 
numbers  Rec  =2.3  • 10®  with  = C^  ♦ C^  = 0.0023  (ref.  1).  At  higher  Reynolds  No., 

min.  suction  wake 

however,  full  chord  laminar  flow  was  lost  as  a result  of  the  relatively  high  turbulence  level  u'/U  = Q.h% 
of  the  Zurich  2.1m  by  3 m wind  tunnel.  In  view  of  the  large  dimensions  of  the  atmospheric  boundary  and 
shear  layers  and  the  correspondingly  large  size  of  the  atmospheric  boundary  and  shear  layers  and  the 
correspondingly  large  size  of  the  atmospheric  eddies  (see  for  example  ref.  2 and  fig.  2)  the  microscale 
turbulence  of  the  atmosphere,  primarily  responsible  for  transition,  is  extremely  weak  and  thus  is  not 
expected  to  cause  premature  transition  in  flight  up  to  high  Reynolds  numbers,  as  confirmed  by  the  British 
flight  transition  experiments  on  the  smooth  NACA  66-216  wing  of  a "King  Cobra"  fighter  airplane  (ref.  3). 
Therefore,  the  question  arose  concerning  the  maximum  laminar  flow  Re  -values  on  LFC  wings  at  such  low 
turbulence  levels.  To  answer  this  question,  low  drag  suction  experiments  were  conducted  in  the  Langley 
TDT-tunnel  (i//U  * . 03J&  to  .07^)  1951  on  a 15  percent  thick  slotted  Northrop  LFC  wing  of  modified  NACA 
66-1.815  section  (fig.  3,  ref.  U)  followed  by  flight  experiments  on  a slotted  LFC  wing  glove  mounted  on 
the  upper  surface  of  an  F9**-A  airplane  (refs.  5-10)*  On  the  Langley  TDT-model , suction  had  been  applied 
through  discrete  slots  connected  to  individual  suction  chambers  and  located  primarily  in  the  rear  pressure 
rise  areu  between  0.6l  c and  0.97  c.  To  further  stabilize  the  boundary  layer  in  the  upstream  flat 
pressure  region  of  the  wing,  additional  suction  slots  were  installed  between  0.**  c and  0.6l  c.  No  slots 
had  been  installed  upstream  of  0.U  c,  hoping  that  the  flow  acceleration  in  this  region  would  adequately 
stabilize  the  boundary  layer  in  this  region  to  prevent  premature  transition  at  higher  Rec's,  at  least 
at  the  design  angle  of  attack,  a = 0.5°.  This  expectation  did  not  fully  materialize.  In  spite  of  this 
fact,  the  8 to  10  times  lower  turbulence  level  of  the  TDT-tunnel,  as  compared  to  the  Zurich  tunnel,  , 
enabled  laminar  flow  on  the  15  percent  thick  slotted  Northrop  model  at  a = 0.5°  up  to  Rec  = 16  • 10°  to 

17  • 106,  with  C,w  = 0.0011  at  Re  = 16.3  * 10°  (fig.  It).  At  Re  > 17  • 10°  full  chord  laminar 

u°°  . c c 

min 

flow  was  lost  as  a result  of  tunn  1 turbulence.  With  the  slots  sealed  between  0.U  c to  0.6l  c and  suction 
applied  only  in  the  rear  pressure  rise  area,  full  chord  laminar  flow  at  a = 0.5°  was  maintained  only  up 

to  Re  = 11  • 10®  and  lost  at  Rec  > 11  • 10®;  i.e.,  weak  suction  in  the  flat  pressure  area  between  0.U  c 

and  0.§1  c apparently  stabilized  the  boundary  layer  sufficiently  to  raise  Re  with  full  chord  laminar 
flow  from  11  • 10°  to  16  • 10°.  Substantially  higher  laminar  flow  Rec-values  than  16  • 10^  should 
probably  have  been  possible  by  extending  suction  further  upstream  towards  the  wing  leading  edge. 

With  increasing  angle  of  attack  and  correspondingly  weaker  flow  acceleration  in  the  upstream  non- 
suction region  of  the  upper  wing  surface,  full  chord  laminar  flow  was  lost  at  progressively  lower  Re  's. 
The  TDT  experiments  on  the  15  percent  slotted  Northrop  LFC  wing  model  as  well  as  Braslow's  LFC  experi- 
ments on  a NACA  6**A010  area  suction  LFC  wing  model  (ref.  11)  had  thus  verified  full  chord  laminar  flow 
and  very  low  equivalent  profile  drags  at  low  turbulence  levels  up  to  high  Reynolds  numbers. 


1.2  Development  of  Practical  LFC  Suction  Method 

The  question  now  arose  concerning  the  development  of  a reasonably  practical  LFC  suction  method 
wnich  approached  the  aerodynamic ally  Ideal  area  suction  more  closely  than  the  previously  used  widely 
spaced  discrete  slots,  connected  to  individual  chambers,  without  the  structural,  weight  and  fatigue  life 
disadvantages  of  porous  LFC  skins  available  at  the  time.  Relatively  few  discrete  slots  operating  at 
rather  high  slot  flow  Reynolds  numbers  require  extremely  close  manufacturing  tolerances  and  present 
difficulties  in  providing  a closed  structural  wing  torsion  box;  furthermore,  with  such  relatively  widely 
spaced  slots,  the  boundary  layer  downstream  of  a slot  returns  rather  rapidly  to  a substantially  less 
stable  non-suction  boundary  layer.  Thus , low  drag  suction  through  such  widely  spaced  individual  slots 
diu  not  appear  sufficiently  promising  for  a practical  suction  laminari zation , especially  at  high  length 
Reynolds  numbers.  For  these  reasons  attempts  were  started  in  1952  to  develop  more  practical  and  at  the 
same  time  aerodynamic ally  and  structurally  more  efficient  LFC  suction  methods  which  approached  area 
suction  more  closely.  Low  drag  suction  through  perforated  as  well  as  slotted  LFC  surfaces  with  a large 
number  of  closely  spaced  fine  slots  was  subsequently  investigated  between  1952-195**  (refs.  12-21 ) . * 

Low  drag  suction  through  perforated  surfaces  generates  3-dimensional  etreamwise  and  horse-shoe  type 
disturbance  vortices  in  a simi^ur  manner  as  an  inverted  3-dimensional  surface  roughness  (refs.  15-26). 
Premature  transition  may  then  result  (fig.  5)»  especially  when  these  disturbance  vortices  superimpose 
with  boundary  layer  crossflow  due  to  spanwise  pressure  gradients  on  swept  LFC  wings,  unless  an  extremely 
large  number  of  very  closely  spaced  small  suction  holes  is  used  (refs.  26,  27).  Since  perforated  LFC 
surfaces  of  this  type  at  the  time  did  not  appear  feasible  at  reasonable  costs  and  efforts,  it  was 
decided  instead  to  continuously  remove  the  slowest  innermost  boundary  layer  particles  in  the  vicinity 
of  the  surface  through  a large  number  of  closely  spaced  continuous  2-dimensional  narrow  slots.  With 
the  resulting  low  slot  flow  velocities,  little  is  gained  by  trying  to  recover  the  kinetic  energy  of 
the  suction  air  in  slot  diffusors.  The  slots  can  then  be  formed  in  a relatively  simple  manner,  for 
example,  by  simple  sawcuts;  sharp  slot  leading-  and  trai 1 ing-edges  are  well  acceptable  in  view  of  the 


•The  idea  to  approach  distributed  suction  by  using  closely  spaced  spanwise  slotB  has  been  suggested  by 
Ackeret  (J.  Ackeret,  M.  Ras , W.  Pfenninger;  Verhinderung  des  Turbulentwerdens  einer  Grenzschicht  durch 
Absaugung;  Die  Naturwissenschaften , Heft  Ul , 29-  Jahrgang,  p.  622  ( 19Ul ) ; at  Ackeret' s suggestion  it 
was  further  investigated  by  Ras  (Contributions  a 1 'etude  de  la  couche  limite  aspiree;  These  Paris, 
Zurich,  19^5). 
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dominating  influence  of  the  viscouB  slot  flow  forces  at  the  low  slot  flow  Reynolds  numbers  involved. 

The  suction  air  then  passes  through  closely  spaced  slots,  cut  in  a thin  outer  sheet,  into  small  spanwise 
plenum  chambers  underneath  the  slots  and  through  holes,  drilled  in  a thicker  continuous  structural  inner 
skin  which  is  bonded  to  the  thin  outer  skin,  and  flow  turning  nozzles  (refs.  28,  29)  into  the  suction 
ducts  (refs.  13,  29,  fig.  6).  Such  an  LFC  surface  with  closely  spaced  2-dimensional  slots  approaches 
distributed  suction  aerodynamic ally  reasonably  closely,  it  minimizes  or  avoids  streamwise  disturbance 
vortices;  such  a surface  can  be  made  structurally  highly  efficient  for  wing  bending  strength  and  stiff- 
ness and  reasonably  efficient  for  wing  torsional  stiffness.  Such  slotted  LFC  surfaces  did  not  prove 
unduly  difficult  to  manufacture  with  the  close  surface  tolerances  required  for  laminar  flow. 

Streamwise  disturbance  vortices  caused  by  spanwise  variations  of  the  local  suction  rates  between 
adjacent  suction  holes,  drilled  in  the  inner  skin,  should  be  minimized  to  prevent  premature  transition. 
Figure  7 shows  for  various  suction  surface  geometries  the  measured  spanwise  variation  of  the  suction 
rates  between  adjacent  suction  holes  (refs.  30-33).  For  most  LFC  experiments  with  closely  spaced  slots, 
the  spanwise  suction  rate  variation  between  adjacent  suction  holes  was  usually  kept  below  +1  percent  of 
the  mean  suction  flow  rate.  Figure  8 shows  structural  variations  of  LFC  suction  surfaces  with  closely 
spaced  fine  slots,  using  solid  as  well  as  different  types  of  sandwich  LFC  skins  (ref.  3*0. 

The  aerodynamic  performance  of  LFC  suction  surfaces  with  closely  spaced  fine  slots  in  regions  of 
strongly  decelerated  external  flows  at  low  turbulence  levels  and  high  length  Reynolds  numbers  was  first 
investigated  in  1952/53  in  the  inlet  length  of  a laminar  flow  tube,  consisting  of  a 26- foot  (or  29  ft.)  long 
2-inch  inside  diameter  nonsuction  tube  with  accelerated  flow,  followed  by  a 60-inch  long  suction  tube 
with  decelerated  flow  and  low  drag  suction  applied  through  80  slots  (0.75”  spacing),  (fig.  9,  ref.  12-14). 
At  Rex  - 17-5  • 10°  full  length  laminar  flow  was  maintained  through  substantial  rear  pressure  rises 
by  means  of  suction  through  80  slots  with  small  suction  flow  rates  (fig.  10),  with  transition  (index  T) 
occurring  at  some  distance  downstream  of  the  suction  tube.  With  further  increased  suction  rates 
laminar  pressure  rises  cf  0.8  to  0.9  x q^^  (max.  dynamic  pressure)  and  in  extreme  cases  as  high  as 
0.99  x had  been  observed  in  similar  experiments  at  higher  Re^;  i.e.,  any  laminar  pressure  rise  of 

practical  Interest  appears  basically  feasible  by  means  of  boundary  layer  suction. 

Similar  results  had  previously  been  obtained  with  the  same  experimental  setup  with  suction  applied 
through  discrete  slots  connected  to  individual  suction  chambers  (fig.  11,  refs.  13,  35).  The  suction 
flow  rates  required  to  maintain  laminar  flow  through  the  same  pressure  rise,  though,  were  'ibout  30% 
larger  than  with  80  slots  (fig.  12,  ref.  13). 


1 . 3 Jerfurmanee  ^valuation  of  a Fictitious  LFC  Wing  from  Tube  Test  LFC  Experiments 

The  tube  test  results  may  be  used  to  evaluate  the  equivalent  profile  drag  of  a fictitious  8.5- 
percent  thick  symmetrical  LFC  wing  with  the  same  chordwise  pressure  distribution  as  in  the  tube,  giving 
♦ CD  - .00063  for  both  w?ng  surfaces  at  Rec  * 18  • 10°,  close  to  the  laminar  flat- 
•»  suet . * wake 

plate  skin  friction  drag  (fig.  13).  This  low  corresponding  equivalent  profile  drag  is  explainable 
largely  by  the  extremely  low  laminar  skin  friction  drag;  in  addition  the  otherwise  lost  kinetic  energy 
of  the  boundary  layer  wake  can  be  largely  recovered  through  boundary  layer  suction  and  reacceleration  of 
the  suction  air  to  undisturbed  velocity  to  further  reduce  the  propulsive  power  and  equivalent  profile 
drag  of  an  LFC  wing.  In  fact,  Ackeret  (ref.  36)  has  pointed  out  that  the  thermodynamically  minimum 
propulsion  power  for  a flat  plate  is 


min 


D 


friction 


U - Kin.  Energy  , . 

00  wake 


This  ideal  propulsion  method  is  closely  approached  with  low  drag  suction.  For  the  case  of  a laminar 
flat  nonsuction  plate  the  kinetic  energy  of  the  boundary  layer  at  the  end  of  the  plate  is  0.214 
(^frict  * UoJ i i.e.,  the  propulsion  power  and  thus  the  equivalent  drag  of  the  plate  might  be  reduced 

by  21.4  percent  by  reaccelerating  the  boundary  layer  at  the  end  of  the  plate  individually  and  without 
losseB  to  the  flight  speed  (ref.  37).  For  an  infinitely  long  flat  plate  with  distributed  suction 

the  minimum  propulsion  power  would  be  0.5  (D~  . . • U ) by  reaccelerating  the  suction  air  to  U 
(ref.  37).  frict‘ 


1 . 1*  Flight  Experiments  on  F9*<  LFC  Wing  Glove  with  Closely  Spaced  Slots 

The  next  question  arose  concerning  the  performance  of  a slotted  LFC  wing  with  a large  number  of 
closely  spaced  slots  under  actual  flight  conditions.  For  this  purpose  an  LFC  wing  glove  (fig.  lU)  of 
modified  NACA  65213  section  with  69  suction  slots,  located  on  the  glove  surface  between  O.Uc  and  0.96c, 
was  mounted  on  the  upper  wing  side  of  a straight  wing  F9l*A  airplane  (fig.  15,  refs.  7,  10).  The 
suction  system  (see  experimental  setup  fig.  16)  was  operated  by  a radial  flow  suction  compressor,  driven 
by  a radial  flow  air  turbine,  which  was  fed  by  main  engine  bleed  air  (ref.  30).  The  suction  rates  of  the 
individual  suction  chambers  and  the  total  suction  flow  rate  could  be  controlled  by  adjustable  needle 
valves  and  varying  the  amount  of  air  bleed  from  the  lower  wing  surface  into  the  common  suction  box. 

Full  chord  laminar  flow  was  maintained  up  to  Rec  - 37  • 10^  with  Cp  ” C^  + CD  “ .0001*5 

°°  , suet . wake 

and  the  corresponding  optimum  suction  weight  flow  coefficient  C * 0.0082?5  to  0.0003  for  the  F9*»  LFC 

Wopt 

glove  upper  surface  (fig.  17).  As  shown  by  plots  CD  ’ CD  ’ and  CD  versus  cw  for  different 

suction  wake  “ 

Re^'s  (fig.  10)  the  wake  drag  is  extremely  small  (Cwajte  - .0001)  and  represents  about  1/1*  of  the  total 

equivalent  profile  drag,  while  the  equivalent  suction  drag  contributes  the  remaining  75  percent  of  the 
total  equivalent  profile  drag  C^  . 
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The  F94  LFC  wing  glove  experiments  thus  verified  full  chord  laminar  flow  under  actual  flight 
conditions  at  twice  the  wing  chord  Reynolds  numbers  of  the  Northrop  TDT-model,  confirming  the  King  Cobra 
results  (ref.  3)  that  the  microscale  atmospheric  turbulence,  primarily  responsible  for  transition,  is  far 

too  weak  to  significantly  influence  transition  on  LFC  wings  in  flight.  Transition  on  LFC  surfaces  in 

flight  is  then  rather  controlled  by  disturbances  originating  from  the  airplane  ana  its  propulsion  and 
• - suction  drive  system;  i.e.,  if  such  disturbances  in  the  frequency  range  of  amplified  boundary  layer 

oscillations  were  minimized  or  preferably  eliminated  through  a particularly  careful  aerodynamic  and 
acoustic  design  extensive  or  full  length  laminar  flow  would  be  feasible  at  further  increased  length 
Reynolds  numbers. 

In  crder  to  minimize  or  preferably  avoid  suction  in  the  region  of  the  main  load  carrying  box  of  the 
wing  and  thus  simplify  the  main  wing  structure,  the  flow  acceleration  in  the  front  part  of  the  wing  was 
relied  upon  to  adequately  stabilize  the  boundary  layer  for  prevention  of  premature  transition.  In 

contrast  to  the  King  Cobra  results  (ref.  3),  however,  an  unexpectedly  strong  flow  acceleration  was  needed 

on  the  F94  LFC  glove  in  the  nonsuction  region  upstream  of  0.4c  to  maintain  full  chord  laminar  flow 
(fig.  19)*  Lngine  noise  in  the  critical  Tollmien-Schlichting  (TS)  frequency  range  may  have  excited 
amplified  TS-bounuary  layer  oscillations  on  the  F94  LFC  glove  to  require  a surprisingly  strong  stabilizing 
flow  acceleration  in  the  front  part  of  the  glove,  as  compared  to  the  smooth  NACA  66216  King  Cobra  wing 
where  propeller  and  engine  noise  frequency  was  far  below  the  frequency  range  of  amplified  TS-boundary 
layer  oscillations  on  the  test  surface. 

In  order  to  better  stabilize  the  boundary  layer  of  the  F94  LFC  glove  up  to  substantially  higher  C^'s 
ar»d  a's,  suction  was  subsequently  extended  upstream  to  0.08c  (refs.  9*  10).  Full  chord  laminar  flow 
was  then  observed  with  low  suction  rates  at  much  higher  C ' s even  with  slightly  decelerated  flow 
between  0.00c  and  0.5c  (fig.  20,  refs.  9,  10).  Relatively  weak  suction  thus  appears  surprisingly 
effective  in  stabilizing  a laminar  boundary  layer,  as  compared  to  laminar  boundary  layer  control  through 
geometry  (i.e.,  flow  acceleration)  alone.  The  same  experience  had  previously  been  made  by  A.  Braslow 
in  the  TDT-tunnei  (ref.  11)  on  a 3-foot  chord  NACA  64A010  LFC  wing  model  with  a rather  dense  sintered 
bronze  LFC  suction  surface  with  suction  applied  from  0.05c  to  the  wing  trailing  edge.  Full  chord 

.acinar  flow  had  been  maintained  on  this  model  up  to  Re  = 20  • 10^  and  24  • 10^. 

c 

At  higher  airplane  speeds  full  chord  laminar  flow  was  maintained  on  the  F94  wing  glove  up  to  a local 
Mach  number  ^^ocaj  = 1.08  to  1.10  without  shock  waves  (or  perhaps  very  weak  multiple  shocks)  and  a 

gradual  isentropic  pressure  recovery  from  supersonic  to  subsonic  flow  (fig.  21,  refs.  6,  7,  10).  At 
higher  Mach  numbers  shock  waves  developed,  and  full  chord  laminar  was  then  lost.  This  result  should 
not  necessarily  be  interpreted  that  laminar  flow  is  lost  as  soon  as  shocks  develop;  tailoring 
the  suction  distribution  according  to  the  pressure  distribution  with  shocks  might  avoid  laminar 
separation  and  premature  transition  as  in  the  case  of  boundary  2 ayer  shock  interaction  with  suction  at 
supersonic  speeds  (refs.  39-41). 

I 

r 2.  J'C  INVESTIGATION  AT  VERY  HIGH  LENGTH  REYNOLDS  NUMBERS  ON  A SUBSONIC  BODY  OK  Hr.VQLUTiOM  A.ND  THE 

EFFECTS  OF  FRKE-STBEAM  TURBULENCE. 


With  the  application  of  LFC  to  large  airplanes  and  possibly  to  fuselages  the  question  arises  con- 
cerning the  suction  laminar izati on  at  increasingly  higher  length  Reynolds  numbers  Re^*  According  to 
theory  (refs.  42,  43),  stable  laminar  boundary  layers  should  oe  possible  through  area  suction  up  to  very 
high  boundary  layer  - and  length  Reynolds  numbers  Re^  and  Rep  to  enable  full  length  laminar  flow 
at  extreme  Re's.  These  theoretical  expectations  were  largely  confirmed  by  transition  experiments  on 
a laminar  flow  Reichardt  LFC  body  of  revolution  of  fineness  ratio  8 (figs.  22-34,  refs.  44-46).  Fig.  22 
shows  the  body  contour,  suction  slots  and  chambers  with  the  boundary  layer  measuring  rake  at  the  rear 
end  of  the  body.  Area  suction  was  approached  by  means  of  suction  through  114  closely  spaced  0.003" 
wide  slots  (body  length  12  ft),  with  a particularly  close  slot  spacing  in  the  rear  pressure  rise  area 
of  the  body  where  the  body  diameter  decreases.  Fig.  23  shows  the  potential  flow  velocity  distribution, 
indicating  a very  flat  pressure  distribution  over  80  percent  of  the  body  length,  followed  by  a steep 
rear  pressure  rise  over  the  rear  20  percent  of  the  body.  The  figs.  24-26  present  examples  of  the 


variation  of  the  body  wake  drag  C_ 


equivalent  suction  drag  Cn 


drag  C_ 


CD 


total  Suction 
length  Reynolds  number  Re. 


Wake  suction 

C^  versus  the  total  suction  flow  coefficient 


and  total  equivalent 
for  a body 


Wake 

37.8 


ict 


55.7  • 10  and  56.7*< 


pressure  tunnel  at  five  atmosphere  tunnel  pressure.  (C^  and  C( 
Full  length  laminar  flow  was  observed  up  to  Re.  ■ 57-8 


S.otal 

10u,  as  measured  in  the  Ames  12  ft 
0 are  based  on  body  wetted  area. ) 
10°(»),  with  minimum  equivalent  drag  values 


total  , 
min 

tot  min 


0.00027  at  optimum  suction  flow  coefficients  C_ 


.00017.  Fig.  27  presents 


and  the  corresponding  C 


versus  Re, 


'opt 


Up  to  1 lRe 


55 


106  c„ 


tot  min 


was  only 


about  20  percent  to  U0  percent  larger  tfcafi  the  laminar  flat  plate  skin  friction  drag  and  at  higher  Re 
about  eight  times  smaller  than  the  corresponding  turbulent  flat  plate  skin  friction  drag  (.').  C 


was  again  the  main  drag  contributor,  with  C 


suction 

contributing  only  about  1/3  to  1/U  to  the  total 


Wake 


(*)  Laminar  flow  was  lost  at  Rej,  > 58  • 10°  as  a result  of  contamination  by  a roughness  particle  in 

the  tunnel,  which  at  the  time  had  been  rather  dirty  from  welding  repair  work  done  in  the  tunnel 

immediately  prior  to  testing,  hack  of  testing  time  prevented  deeming  of  the  model  and  a rerun  at 

higher  He,  's.  HeL»  58  • 10°  therefore  does  not  necessarily  indicate  the  upper  length  Reynolds 

number  limit  on  this  model  in  the  Ames  12  ft.  tunnel. 
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body  drag  at  He  - 50  • 10^  (fig.  26).  At  lower  He, ' s (37.8  • 10  , fig.  25)  laminarization  seemed 
to  be  surprisingly  insensitive  to  oversuction ; even  with  nearly  twice  the  optimum  suction  flow  rates  the 
total  body  drag  increased  only  about  by  35  percent. 

Fig.  27  shows  for  comparison  the  drag  results  of  the  same  body,  as  measured  in  the  Northrop  7 * 10  ft 
low  turbulence  tunnel.  Full  length  laminar  flow  was  maintained  up  to  Re^  **  18  • 10^  to  19  * 10^  and  lost 

at  higher  Re. ' s as  a result  of  the  higher  tunnel  turbulence,  as  compared  to  the  extremely  low  turbulence 

level  of  the  Ames  12  ft  pressure  tunnel  at  five  atmospheres  tunnel  pressure. 

Fig.  28  shows  a correlation  of  the  maximum  laminar  flow  length  Reynolds  number  Re^  on  this 

Reichardt  LFC  body  versus  the  external  turbulence  level  u'/U^  for  similar  types  of  turbulence 
spectra,  including  results  with  turbulence  wires  mounted  upstream  of  the  body  (ref.  1*7).  For  compari- 
son, results  are  included  from  Braslow's  porous  bronze  NACA  AU  A010  LFC  model  (ref.  11)  and  USSR  results 
on  LFC  wings  at  Tsagi  (ref.  48).  According  to  fig.  2 8 Re^  of  LFC  surfaces,  with  area  suction 

laminar 

reasonably  closely  approached,  varies  approximately  inversely  proportional  to  the  turbulence  level 
u'/U^.  Thus , if  it  should  prove  possible  to  minimize  or  preferably  avoid  LFC  airplane  - or  - propulsion 
induced  disturbances  in  the  frequency  range  of  amplified  boundary  layer  oscillations  through  an 
aero dynamic ally  highly  efficiency  design  and  since  the  atmosphere  can  be  considered  as  turbulence-free 
for  transition  it  follows  that  substantially  higher  laminar  flow  length  Reynolds  numbers  appear 
basically  feasible  on  carefully  laid  out  high  performance  LFC  airplanes,  as  compared  to  the  Ames  12  ft 
tunnel  results. 


Fig.  29  shows  the  equivalent  area  suction  distribution  along  the  body  length  at  various  Re. ’ s 
(ref.  UU),  confirming  Pretsch’s  theoretical  result  that  for  most  effective  boundary  layer  stabilization 
at  high  Re  's  the  highest  suction  rates  should  be  applied  rather  far  upstream  where  the  boundary  layer 
is  least  stable.  After  rapidly  stabilizing  the  boundary  layer  in  the  front  part  of  the  body  through 
stronger  suction  the  suction  rates  can  be  progressibly  reduced  in  downstream  direction,  until  higher 
suction  velocities  are  required  further  downstream  in  the  region  of  decreasing  body  radius  and  rear 
pressure  rise. 


The  measured  boundary  layer  profiles  at  the  rear  end  of  the  body  have  been  compared  in  fig.  30 
vith  theoretical  values,  indicating  a reasonably  close  agreement.  Fig.  31  shows  measured  boundary 
layer  profiles  at  the  rear  end  of  the  body  for  different  suction  rates,  shoving  the  gradual  loss  of 
laminar  flow  by  turbulent  bursts  at  lower  suction  rates.  The  analysis  of  the  boundary  layer  development 

along  the  body  at  Re.  * 56.74  * 10®  and  C_  . . , s .000178-  shows  laminar  Rea  - values  somewhat  above 
L (*  total  o 

3000  at  the  downstream  end  of  the  flat  pressure  region  and  as  high  as  5500  at  the  rear  end  of  the  body, 
with  H = 6*/0  * 2.3  over  a large  part  of  the  flat  pressure  region  of  the  body  (fig.  32).  The  figs. 

33*  34  show  the  corresponding  calculated  boundary  layer  profiles  at  various  stations  along  the  body. 
Surprisingly  stable  and  highly  convex  boundary  layer  profiles  with  rather  low  H-values  were  needed  in 
the  rear  pressure  rise  area  for  full  length  laminarization , indicating  that  a laminar  boundary  layer 
with  suction  may  be  substantially  less  stable  and  boundary  layer  oscillation  grow  more  rapidly  when  the 
external  flow  rapidly  decelerates.  Just  as  disturbances  entering  a diffusor  may  rapidly  grow,  as 
compared  to  the  case  of  constant  free-stream  velocity. 


3.  DEVELOPMENT  OF  SWEPT  LAMINAR  SUCTION  WINGS. 


3. 1 Boundary  Layer  Crossflow  Considerations  on  Swept  LFC  Wings. 

With  the  higher  critical  Mach  numbers  of  swept  wings,  the  question  arose  in  1952  concerning  the 
suction  laminarization  of  swept  LFC  wings.  In  1951  Gray  (ref.  49)  had  discovered  premature  transition 
unexpectedly  far  forward  on  the  smooth  swept  wing  of  an  AW52  airplane  at  the  R.A.E.,  Famborough.  China 
clay  observations  on  this  wing  showed  closely  spaced  streamwise  striations  prior  to  transition,  indicat- 
ing the  development  of  closely  spaced  stationary  and  approximately  streamwise  boundary  layer  crossflow 
disturbance  vortices  induced  by  pressure  gradients  in  crossflow  direction,  as  interpreted  by  Owen  and 
Randall  (ref.  50)  and  independently  by  H.  B.  Squire.  Figure  35  shows  similar  China  clay  pictures  on  a 
swept  wing  in  the  Ames  12- foot  pressure  tunnel  (ref.  51)*  showing  the  formation  of  closely  spaced 
streamwise  striations  corresponding  to  approximately  streamwise  boundary  layer  crossflow  disturbance 
vortices  induced  by  crossflow  pressure  gradients  and  apparently  rotating  in  the  same  direction. 

Figure  36  explains  the  formation  of  such  crossflow  disturbance  vortices  on  swept  LFC  wings.  With 
accelerated  flow  in  the  front  wing  area,  followed  by  the  rear  pressure  rise  towards  the  wing  trailing 
edge,  pressure  gradients  develop  in  the  direction  n normal  to  the  tangential  flow  direction  t.  Since 
the  kinetic  energy  of  the  boundary  layer  especially  close  to  the  surface  is  smaller  than  that  of  the 
potential  flow,  the  boundary  layer  streamline  - in  order  for  the  boundary  layer  to  be  in  equilibrium  with 
the  same  crossflow  pressure  gradients  as  the  potential  flow  - must  be  more  strongly  curved  than  the 
potential  flow  streamline  (fig.  36).  Inflexional-type  boundary  layer  crossflow  profiles  then  develop  in 
the  direction  normal  to  the  potential  flow  streamline.  Due  to  the  existence  of  inflexion  points,  such 
profiles  are  dynamically  highly  unstable  at  low  boundary  layer  crossflow  Reynolds  numbers 


ReQ  = with  high  local  amplification  rates  C^  over  a wide  range  of  crossflow  disturbance 

wave  numbers  a;  l.e.,  vortex  spsclngs  X * 2ir/a. 

The  boundary  layer  stability  problems  of  swept  wings  under  crossflow  conditions  were  discussed  in  a 
classical  publication  b^  Stuart  et.  al.  (ref.  52),  showing  that  the  boundary  layer  crossflow  stability 
on  swept  wings  can  often  be  treated  to  a first  reasonably  good  approximation  by  solving  the  (linearized) 
Orr-Sosm>erfeld  equation  (1)  (assuming  mean  parallel  flow  and  V ■ 0 for  the  mean  flow)  for  the 
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disturbance  flow  in  the  direction  normal  to  the  most  critical  crossflow  disturbance  wave-or-vortex  front, 
coupled  with  the  disturbance  equation  ( 2 ) along  the  wave  front: 

p < TV  ? L 

(W  - C)(v"  - a'v)  - W"  • v + •£££  (v  - 2a  • v"  + a v)  = 0 (I) 

(W  - C)u  + ~r  (u"  - a2u)  - - • V • U'  = 0 (2) 

aRe  a 

ictw  v v'  = 0 (3) 


Primes  denote  derivatives  with  respect  to  the  distance  normal  to  the  surface;  W,  w = boundary  layer 
mean-  and  disturbance  velocity  normal  to  the  wave  front;  C = ♦ iC^  = complex  phase  velocity  of 

disturbance  wave;  v = disturbance  velocity  normal  to  the  surface;  a = wave  number  = 2tt/A  (A  = vortex 
spacing);  Re  = boundary  layer  Reynolds  number;  U,  u = boundary  layer  mean  and  disturbance  velocities 
along  disturbance  wave  front.  The  above  equations  are  valid  under  the  assumption  of  small  disturbances , 
parallel  mean  flow,  V = 0,  and  neglecting  small  order  terms  in  Stuart's  general  disturbance  equations 
(ref.  52)  due  to  streamline-  and  surface  curvature. 

Since  the  solution  of  (l)  critically  depends  on  the  second  derivative  W"  of  the  mean  boundary 
layer  profile  in  the  direction  normal  to  the  most  critical  crossflow  disturbance  vortices  it  follows  for 
the  design  of  swept  LFC  wings  that  their  boundary  layer  development  and  stability  must  be  analyzed  at 
several  angles  between  the  crossflow  disturbance  wave  front  and  the  potential  flow  direction,  until  the 
most  unstable  disturbance  flow  has  been  found.  Transition  experiments  by  Gre«orv  (ref.  S2)  on 
a rotating  disc  in  the  presence  of  boundary  layer  crossflow  due  to  centrifugal  forces  showed  substantially 
higher  boundary  layer  crossflow  stability  limit-  and  transition  Reynolds  numbers  as  in  the  front  part 
of  swept  wings.  This  result  can  be  explained  by  the  larger  negative  W"  -values  of  the  normalized  mean 
boundary  layer  cronsflow  profile  on  a rotating  disc  in  the  critical  inner  region  of  the  crossflow 
boundary  layer,  as  compared  to  the  corresponding  crossflow  boundary  layer  in  the  leading  edge  region  of 
swept  wings.  Therefore,  the  tangential-  and  crossflow  boundary  layer  development  on  swept  LFC  wings  was 
analyzed  in  many  cases,  with  the  figures  37,  38  showing  as  an  example  the  case  of  the  Ames  test  run  13 
on  the  30-degree  swept  Northrop  LFC  wing  (*)  of  modified  NACA  66012  - section  at  Rt»c  * 23.7  • 10^, 

a = 0°,  CQ  = 3.8L  • 10‘U  ( one  wing  side).  According  to  fig.  38  the  crossflow  velocity  n/Q^  decreases 

progressively  from  relatively  high  values  in  the  leading  edge  region  towards  the  start  of  the  rear 
pressure  rise  at  0.6Lc.  With  the  simultaneous  chordwise  increase  of  the  boundary  layer  thickness 
in  this  region  the  crossflow  Reynolds  number  Re^  rises  rapidly  in  the  wing  leading  edge  region  and  then 

remains  approximately  constant  up  to  0.6Lc.  The  shape  of  the  normalized  boundary  layer  crossflow 
profile  between  the  leading  edge  and  0.6Lc  changes  insignificantly  towards  a slightly  less  stable 
boundary  layer  crossflow  at  0.6Lc.  In  the  rear  pressure  rise  area,  however,  the  combination  of  a 
relatively  thick  boundary  layer  with  large  crossflow  pressure  gradients  generates  a severe  boundary 
layer  crossflow  with  high  Ren's  towards  the  wing  trailing  edge  region.  Fortunately,  W"  of  the 
normalized  boundary  layer  crossflow  profiles  in  the  vicinity  of  the  surface  is  substantially  more 
negative  in  the  rearmost  part  of  the  wing,  as  compared  to  the  wing  leading  edge  region,  i.e.  boundary 
layer  crossflow  in  this  area  is  expected  to  be  considerably  more  stable  than  in  the  front  part  of  swept 
LFC  wings.  Therefore,  much  higher  Ren's  appear  generally  acceptable  in  steep  rear  pressure  rise  areas 
of  swept  LFC  wings,  as  compared  to  the  leading  edge  - and  flat  pressure  areas. 


3.2  Results  of  Brown's  Analysis  of  the  boundary  Layer  Crossflow  Instability  on  L'wept  Wings  and  a 

Rotating  Disc. 

The  necessary  analysis  of  the  stability  of  the  boundary  layer  crossflow  was  carried  out  by  W.  B. 
Brown  (ref.  51* ) in  the  period  from  1953  to  1959.  The  now  common  practice  of  integrating  the  Orr- 
Sommerfeld  equation  numerically  was  originated  by  Brown  ana  the  author. 

Brown's  boundary  layer  crossflow  stability  calculations,  solving  the  Orr-Sommerfeld  disturbance 
equation  (for  parallel  mean  flow  and  V * 0)  in  the  direction  normal  to  the  most  critical  crossflow 
disturbance  wavefront  by  finite  difference  methods,  indeed  verified  substantially  higher  crossflow 
stability  limit  RN's  Ren  = f(u),  when  the  location  of  the  maximum  crossflow  velocity  of  normalized 
crossflow  profiles  was  closer  to  the  wall  and  W"  was  accordingly  more  negative  in  the  inner  region 
of  the  boundary  layer  (fig.  39). 

The  figs.  b0-b5  show  Brown's  boundary  layer  crossflow  stability  diagrams  a versus  Ren  for  the 
boundary  layer  crossflow  profiles  in  the  leading  edge  region  of  a swept  wing,  on  a rotating  disc,  and 
in  the  rear  pressure  rise  area  of  a swept  LFC  wing,  both  for  the  pure  crossflow  profile  as  well  as  the 
"critical"  profile,  where  W = 0 at  the  inflexion  point  and  the  phase  velocity  C = 0 (i.e. 
stationary  disturbance  vortices)  (fig.  1*6,  1*7;  ref.  5U).  Curves  of  constant  amplification  factor  C^ 
and  phase  velocity  C_  are  included  in  the  figures  UO-U5.  Both  for  the  crossflow  profiles  in  the 
leading  edge  region  of  swept  wings  as  well  as  on  a rotating  disc  , Brown's  theoretical  results  showed 
lower  crossflow  stability  limit  Reynolds  numbers  and  larger  C^-values  (i.e.  stronger  local  amplification) 
for  the  "critical"  profiles  with  stationary  crossflow  disturbance  vortices  than  for  the  pure  crossflow 
profiles,  as  confirmed  experimentally.  In  contrast,  the  pure  crossflow  profile  8 with  travelling 
crossflow  disturbance  vortices  in  the  steep  rearmost  pressure  rise  area  of  a swept  LFC  wing  was  less 
stable  than  the  corresponding  "critical"  profile  with  stationary  disturbance  vortices.  Indeed,  hot  wire 
observations  on  the  30°  swept  Northrop  66012  wing  in  the  Michigan  5 x 7 ft  low  turbulence  tunnel  have 


•ref.  53 
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confirmed  the  existence  of  travelling  crossflow  disturbance  vortices,  while  naphta! ene  sublimation 
pictures  have  sometimes  also  shown  stationary  crossflow  disturbance  vortices. 

The  figures  U8,  U9  present  the  resultant  boundary  layer  crossflow  streamlines  for  two  different 
initial  disturbances  over  a disturbance  wavelength,  (ref.  5*0  confirming  Stuart's  result  (ref.  52)  as 
well  as  China  clay  flow  observations  (refs.  1*9-52)  that  the  crossflow  disturbance  vortices  rotate  in  the 
same  direction.  Furthermore,  the  figs.  U8,  1*9  show  that  the  crossflow  disturbance  vortices  will 
penetrate  for  a considerable  distance  into  the  potential  flow  region. 

Figure  50  shows  boundary  layer  crossflow  disturbance  velocities  w in  crossflow  direction  and  v 
perpendicular  to  the  surface  for  the  rotating  disc  "critical"  profile,  showing  W around  the  location 
of  the  inflexion  point,  while  v is  a maximum  close  to  the  outer  edge  of  the  boundary  layer  where  W 
crosses  through  zero  and  changes  sign  (ref.  5** ) . 


3. 3 i>ow  Drag  .Suction  Experiments  on  the  Northrop  30-Degree  Swept  66012  LFC  Wing. 

The  question  now  arises  as  to  how  far  the  boundary  layer  crossflow  stability  limit  Reynolds  number 
X on  swept  LFC  wings  can  be  safely  exceeded.  Assuming  for  the  time  being  that  X . could  be 
exceeded  by  the  same  margin  as  in  the  AW52  transition  experiments  (ref.  50),  full  chor4n laminar  flow 
appeared  theoretically  feasible  on  swept  LFC  wings  at  high  Rec's  by  extending  suction  far  upstream 
towards  the  wing  leading  edge,  stabilizing  the  boundary  layer  crossflow  generated  by  the  flow 
acceleration  in  the  leading  area  by  locally  increased  suction,  and  raising  the  suction  rates  in  the  rear 
pressure  rise  area  somewhat  over  those  of  an  equivalent  unswept  LFC  wing  (ref.  53)  at  a relatively 
minor  penalty  in  equivalent  wing  profile  drag.  In  order  to  confirm  these  theoretical  expectations,  a 
30-degree  swept  slotted  Northrop  LFC  wing  of  modified  NACA  66012  suction  with  closely  spaced  slots  was 
built  and  tested  in  the  Michigan  5-  by  7-foot,  Northrop  7-  by  10- foot,  and  Ames  12-foot  pressure  tunnel. 


The  experimental  setup  is  shown  in  figure  51.  To  minimize  blockage  and  maintain  undisturbed 
spanwise  flow,  all  tunnel  walls  were  shaped  according  to  the  undisturbed  streamlines  around  an  infinitely 
long  isolated  yawing  wing.  Figure  52  shows  the  cross-section  of  the  model  with  details  of  the  suction 
slots  and  chambers.  To  maintain  undisturbed,  fully  developed  spanwise  boundary  layer  crossflow  in  the 
test  region  of  the  model,  auxiliary  suction  areas  and  chambers  were  provided  (fig.  51). 


Figure  53  shows  C. 


= C„ 


♦ 


versus  Re  at  a * 0 , +1  , as  measured  in  the 


total 


Suction 


Wake 


Ames 
up  to 


12-foot  and  Northrop  and  Michigan  tunnels  (refs.  53,  55).  Full-chord  laminar  flow  was  maintained 
He  = 29  * IQ*5,  with  Cn  * . 000U8  for  one  surface.  Only  many  years  later  was  it  realized  t. 


that 


rain 


the  loss  of  laminar  flow  at  Rec  >2 9 * 10  was  probably  due  to  spanwise  turbulent  contamination  along 

the  front  wing  attachment  line,  originating  from  the  upstream  intersection  of  the  wing  leading  edge 
with  the  supporting  endplate.  Figure  5^  shows  the  corresponding  optimum  suction  weight  flow 
coefficient  C versus  Re  , indicating  very  low  suction  rates. 

x>pt 

Figure  55  snows  for  a few  typical  cases  the  variation  of  C , C and  C 

suction  Wake  V' 

indicating  again  the  major  drag  contribution  of  , while  C 


= 1 


10 


-1* 


versus  C^, 


contributed  only 


Suction 

about  20  percent  to  25  percent  to  the  total  profile  drag. 


Wake 


Figure  56  presents  (Rec)  for  a = +1.5°  and  -2  , as  measured  in  the  Ames  12-foot  tunnel. 

At  these  larger  angles  of  attack,  full-chord  laminar  flow  was  lost  at  progressively  lower  Re  's, 
presumably  due  to  the  above  mentioned  spanwise  turbulent  contamination  along  the  front  wing  attachment 
line  (at  a * ♦1.5°  and  -2°,  (3U/3S)  , is  smaller  and  ReQ  , is  accordingly  larger  than  at 

a - 0*.  +1°).  “ a-1-  6a'1 


Without  suction  in  the  upstream  0.25C  in  the  Michigan  5-  by  7-foot  tunnel,  full-chord  laminar  flow 
could  he  maintained  up  to  Rec  • 12  • 10  , a = 0*  and  was  lost  at  higher  Rec  as  a result  of  premature 
transition  due  to  excessive  crossflow  in  the  front  nonsuction  region  (fig.  57,  ref.  55). 


Figure  58  shows  typical  chordwise  suction  distributions  for  several  cases,  showing  peak  suction 
rates  close  to  the  wing  leading  edge  for  control  of  the  local  boundary  layer  crossflow  at  higher  Re  ’s, 
followed  by  weak  suction  in  the  flat  pressure  region  and  much  stronger  suction  in  the  rear  pressure 
rise  area. 


An  analysis  of  the  boundary  layer  development  at  a « 0 and  -1  showed  that  the  minimum  boundary 
layer  crossflow  stability  limit  Reynolds  number  X could  be  safely  about  doubled  (figs.  59,  60, 
refs.  53,  56).  Corresponding  linearized  growth  calculations  of  boundary  layer  crossflow  disturbance 
vortices  (figs.  6l,  62),  using  Brown's  theoretical  results  (ref.  5k),  gave  a total  integrated  growth 
factor  of  the  crossflow  disturbance  vortices  on  this  wing  e^dci  dt  = to  e°.  For  comparison, 
transition  experiments  of  J.  Carlson  on  a 25  percent-thick,  33-degree  swept  nonsuction  wing  (ref.  57) 

gave  transition  values  at  fully  developed  turbulent  flow  e^a  ^ ■ e^. 


In  the  region  of  the  rear  pressure  rise  of  the  30-degree  swept  Northrop  LFC  wing,  fa  ci  dt  was 
somewhat  lower  than  in  the  upstream  flat  pressure  region  of  the  wing  (fig.  63),  neglecting  initial 
upstream  stationary  boundary  layer  crossflow  disturbance  vortices  originating  from  the  upstream  flat 
pressure  area  of  the  wing.  Since  such  upstream  stationary  boundary  layer  crossflow  disturbance 
vortices  may  superimpose  with  the  mean  boundary  layer  crossflow  in  the  rear  pressure  rise  area,  the 
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resulting  crossflow  is  accordingly  more  pronounced  locally  to  lead  to  higher  integrated  growth  rates 
fa  ci  dt. 

When  weakly  amplified  oblique  Tollmien-Schlicht ing  oscillations  may  superimpose  with  boundary  layer 
crossflow  disturbance  vortices  in  the  flat  pressure  region  of  swept  LFC  wings,  such  as  at  a * 1°  angle 
of  attack  or  in  the  presence  of  acoustic  disturbances,  the  crossflow  vortices  will  be  distorted 
3-dimensionally  and  thus  stretched  and  convected  downstream.  Under  the  action  of  the  resulting  nonlinear 
interaction  Reynolds  stresses  of  the  two  disturbance  modes  involved,  the  boundary  layer  crossflow 
disturbance  vortices  may  then  grow  substantially  quicker  than  according  to  linearized  disturbance  theory. 
Indeed,  an  analysis  of  the  linearized  growth  of  boundary  layer  crossflow  disturbance  vortices  on  the 
30-degree  swept  Northrop  LFC  wing  at  a * 1°  gave  substantially  lower  growth  rates  fa  ci  dt  than  at 
a = 0°  and  -1°  angle  (figs.  6Ua,  b)  - i.e.,  linearized  growth  calculations  of  crossflow  disturbance 
vortices  give  unrealistic  results  whenever  oblique  TS-oscillations  interact  nonlinearly  with  them. 


3. L Investigation  of  Swept  LFC  Wings  in  the  Presence  of  Acoustic  Disturbances. 

In  a similar  manner,  external  as  well  as  internal  acoustic  disturbances,  originating  from  the  air- 
plane and  its  propulsion  and  suction  drive  system,  can  excite  amplified  TS-boundary  layer  oscillations 
especially  in  the  flat  pressure  area  of  swept  LFC  wings,  where  relatively  weak  suction  is  adequate  for 
control  of  boundary  layer  crossflow  instability  to  render  the  streamwise  boundary  layer  flow  component 
accordingly  more  sensitive  to  TS-type  disturbances.  External  acoustic  disturbances  become  particularly 
critical  for  larger  high  subsonic  speed  LFC  airplanes  with  wing-mounted  engines,  which  are  usually 
advantageous  from  the  standpoint  of  wing  structural  weight  and  balance  of  the  airplane.  For  this 
reason,  the  previously  mentioned  30-degree  swept  Northrop  LFC  wing  was  tested  in  the  Northrop  7-  by  10- foot 
tunnel  in  the  presence  of  external  tone-  and  broad-band  noise  (ref.  58,  fig*  65).  "Longitudinal"  sound 
wave  fronts  were  supposed  to  be  generated  by  an  air-modulated  transducer  located  upstream  of  the  wind 
tunnel  screens  (fig.  65).  "Lateral"  sound  waves  were  supposed  to  be  generated  by  an  air-modulated 
transducer  as  well  as  speakers  mounted  on  top  of  the  tunnel  wall  (fig.  65).  To  minimize  sound  reflections 
and  standing  waves  in  the  test  section,  the  tunnel  walls  in  the  test  section  and  part  of  the  wind 
tunnel  walls  were  acoustically  lined;  furthermore,  the  tunnel  turning  vanes  downstream  of  the  first 
diffusor  were  acoustically  lined  to  further  reduce  reflected  sound  waves.  Even  with  all  these  precau- 
tions, the  experimental  setup  was  far  from  ideal;  standing  sound  waves  often  developed  in  the  test 
section  especially  with  pure  tones. 

Additional  transition  experiments  with  internal  tone-  and  broad-band  noise  in  the  suction  ducts  were 
subsequently  conducted  on  a 33-degree  swept  LFC  wing  designed  by  the  X-21  group  (ref.  59). 

Sufficiently  strong  external  tone-  and  broad-band  sound  caused  premature  transition  on  the  30- 
degree  swept  LFC  wing  in  the  region  of  the  flat  pressure  distribution , where  the  streamwise  boundary 
layer  flow  component  was  least  stable  with  respect  to  amplified  TS-oscillations.  External  sound  usually 
did  not  cause  premature  transition  in  the  rear  pressure  rise  area,  where  the  streamwise  boundary  layer 
profiles  on  swept  LFC  wings  were  highly  stable  with  respect  to  TS-di st urbane es . External  as  well  as 
internal  sound,  especially  pure  tones,  were  particularly  critical  in  the  frequency  range  of  amplified 
TS-oscillations  in  the  flat  pressure  region  of  swept  LFC  wings  (fig.  66,  refs.  33,  58,  59).  Outside 
of  this  frequency  range,  the  permissible  3ound  pressure  (or  sound  particle  velocity  ratio  t'/Q^,, 
evaluated  under  the  assumption  of  2-dimensional  sound  waves)  rose  rapidly  (fig.  66),  especially  in  the 
presence  of  internal-duct  tone  noise.  The  maximum  internal  duct  sound  pressure  increased  rapidly  by 
stabilizing  the  boundary  layer  in  the  area  of  the  particular  duct  where  sound  was  applied  by  raising 
its  suction  rate  or  the  flow  acceleration  at  smaller  angles  of  attack  (fig.  66).  Evidently,  in  the 
presence  of  internal  duct  noise,  increased  local  flow  acceleration  or  suction  stabilizes  the  streamwise 
boundary  layer  flow  component  such  as  to  minimize  amplified  TS-oscillat ions  in  this  region,  which 
otherwise  would  interact  nonlinearly  with  boundary  Aayer  crossflow  disturbance  vortices  through  their 
mutual  nonlinear  Reynolds  interaction  stresses  to  lead  to  a particular  rapid  resonance-like  growth  of 
boundary  layer  disturbances. 

Figure  67  shows  the  variation  of  the  permissible  sound  particle  velocity  ratio  t'/^,  assuming 
2-dimensional  sound  waves,  versus  Rec  for  the  30-degree  swept  Northrop  LFC  wing  in  the  presence  of 
external  sound  in  the  most  critical  frequency  range.  With  normal  or  slightly  increased  suction.  Re 
with  full-chord  laminar  flow  varies  approximately  inversely  proportional  to  t'/Q,  and  is  of  similar 
magnitude  as  with  external  turbulence,  i.e.  (t'/Q^)^^  *“ (u' turb/Q^Jcrit  (fig.  28).  X-21  data,  as 

measured  on  the  upper  wing  surface  at  substantially  higher  Rec's,  are  included  for  comparison  in 
figure  67.  With  substantially  increased  suction  rates  in  the  flat  pressure  region  of  the  wing  and 
especially  in  the  wing  leading  edge  area,  considerably  higher  sound  pressures  were  acceptable  (fig.  67). 

In  addition,  figure  67  shows  the  sensitivity  of  the  30-degree  swept  LFC  wing  to  even  very  weak  acoustic 
disturbances  especially  at  higher  , when  they  caused  a periodic  in-  and  outflow  out  of  small  surface 

cavities  such  as  pin  holes,  static  pressure  orifices,  open  nonsucking  slots  or  slots  with  very  small 
suction  flow  rates  and  correspondingly  small  pressure  drops,  etc.,  even  though  such  surface  cavities 
were  airtight  at  their  inside  end.  In  other  words,  open  surface  cavities,  even  though  sealed  inside, 
as  well  as  other  surface  roughness  can  become  substantially  more  critical  on  LFC  wings  when  strong 
external  and  internal  acoustic  disturbances  - especially  in  the  frequency  range  of  amplified  TS- 
boundary  layer  oscillations  are  present,  as  compared  to  the  case  when  such  acoustic  disturbances  are 
absent . 

The  critical  sound  pressure  was  generally  appreciably  lower  with  marginal  suction  rates  and 
correspondingly  small  pressure  differences  ^B^tx  between  the  external  surfaces  and  the  suction  ducts 

especially  in  the  upstream  flat  pressure  region  of  swept  LFC  wings  - particularly  with  internal  duct 
noise.  Indeed,  figure  68  shows  increasingly  larger  velocity  fluctuations  v'  at  the  slot  inlet  with 
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decreasing  ^PBj^n  Rt  Q given  duct  sound  pressure  P^(#).  Therefore,  acoustic  disturbances  - 

especially  in  the  suction  ducts  - become  more  critical  when  the  pressure  drop  Ap  across  the  suction 

surface  in  the  flat  pressure  area  of  swept  LFC  wings  is  reduced;  i.e.,  when  super fo ^‘performance  is 
emphasized,  and  vice  versa. 

Among  internal  acoustic  duct  disturbances,  standing  sound  waves  in  the  suction  ducts  in  the  presence 
of  duct  tone  noise  can  generate  particularly  high  local  duct  sound  pressures  to  precipitate  transition 
at  the  location  of  maximum  duct  sound  pressure  (fig.  69 )•  Such  standing  sounu  waves  in  the  suction  ducts 
should,  therefore,  be  prevented  through  sound  absorption  by  acoustic  linings  in  the  duct,  especially  at 
the  duct  ends,  possibly  by  suitable  duct  geometry  and  if  at  all  possible,  by  avoiding  or  minimizing  duct 
tone  noise  in  the  first  place. 

In  contrast  to  duct  tone  noise  stanuing  waves  in  the  ducts  were  absent  with  duct  broadband  noise 
even  with  narrow  frequency  bands  (fig.  69). 

According  to  the  naphtalene  sublimation  pictures  with  standing  sound  waves  in  the  suction  ducts  of 
the  33-degree  swept  LFC  wing  (fig.  69)  as  well  as  with  external  sound  on  the  30-degree  swept  LFC  wing 
(fig.  70)  transition  with  noise  is  preceded  by  the  formation  of  closely  spaced  streamwise  striations, 
indicating  streamwise  boundary  layer  crossflow  disturbance  vortices  generated  by  the  external  and 
internal  sound,  being  otherwise  absent  without  such  sound.  Amplified  oblique  TS-disturbance  vortices, 
induced  by  sound  in  the  flat  pressure  region  of  swept  LFC  wings,  may  then  interact  with  boundary  layer 
crossflow  and  crossflow  disturbance  vortices  through  their  mutual  nonlinear  interaction  Reynolds 
stresses.  Evidently,  even  with  weakly  amplified  oblique  TS-oscillations , the  TS-disturbance  velocity 
component  in  crossflow  direction  becomes  large  as  compared  to  the  usually  rather  small  mean  boundary 
layer  crossflow  velocity  in  the  flat  pressure  region  of  swept  LFC  wings;  i.e.,  the  nonlinear  interaction 
Reynolds  stresses  between  the  two  disturbance  modes  become  large.  The  boundary  layer  crossflow  stability 
limit  Reynolds  number  then  decreases  below  its  small  disturbance  value  (see  Stuart,  ref.  60);  i.e., 
crossflow  disturbance  vortices  on  swept  LFC  wings  in  the  presence  of  acoustic  disturbances  can  develop 
at  substantially  lower  Re  ' s.  Furthermore,  as  a result  of  the  stretching  and  convection  of  the  boundary 
layer  crossflow  disturbance  vortices  by  oblique  TS-oscillations,  the  resulting  disturbance  motion  may  even- 
tually grow  in  a particularly  rapid  resonance-like  manner  to  precipitate  transition  at  substantially  smaller 
boundary  layer  crossflow  Reynolds  numbers  than  in  the  absence  of  sound  (refs.  60-6^ ) . To  minimize  or 
preferably  avoid  such  nonlinear  interaction  between  amplified  TS-oscillations  and  crossflow  disturbance 
vortices  on  the  swept  wings  of  an  LFC  airplane,  either  amplified  TS-oscillations  or  boundary  layer 
crossflow  disturbance  vortices  in  the  flat-pressure  region  of  swept  LFC  wings  should  be  minimized 
or  preferably  avoided.  This  can  be  accomplished  either  by  minimizing  or  eliminating  aerodynamic  and 
acoustic  disturbances  generated  by  the  airplane  and  its  propulsion  system  in  the  frequency  range  of 
amplified  TS-oscillations,  by  sufficiently  stabilizing  the  boundary  layer  against  TS- disturbances  through 
increased  suction  in  the  flat  pressure  area  of  swept  LFC  wings  and/or  designing  swept  LFC  wings  in  such 
a manner  that  boundary  layer  crossflow  is  critical  only  over  a relatively  small  percentage  of  the  wing 
chord. 


3. 5 Investigations  on  the  Elimination  of  Spanwise  Turbulent  Contamination  Along  the  Front  Attachment 

Line  of  Swept  LFC  Wings. 

A necessary  condition  for  laminar  flow  on  swept  wings  at  high  Re  ' s is  the  elimination  of  spanwise 
turbulent  contamination  along  the  front  wing  attactunent  line.  This  phenomenon  was  discovered  first  in 
1951  by  Gray  (ref.  ^9)  during  flight  transition  experiments  on  the  AW52;  it  was  further  investigated 
by  Gregory  (ref.  66)  and  rediscovered  by  the  author  in  connection  with  the  X21  airplane  flight  tests 
(refs.  33,  67-71)*  Similarly,  the  British  as  well  as  the  Russians  originally  encountered  extensive 
loss  of  laminar  flow  on  the  British  Lancaster  U0°  swept  LFC  fin  and  the  35°  swept  Soviet  LFC  wing  in 
the  Tsagi  tunnel  without  being  aware  of  the  cause;  after  discussing  the  problem  with  the  author  and 
adopting  partially  similar  methods  as  developed  by  the  Northrop  Boundary  Layer  Group  and  the  author  they 
were  able  to  eliminate  such  spanwise  turbulent  contamination  on  their  swept  LFC  wings  as  on  the  X-21 
airplane. 

Since  each  element  of  a turbulent  wedge  can  be  considered  as  a starting  point  of  a new  turbulent 
wedge  it  is  obvious  from  fig.  71  that  turbulent  wedges,  originating  from  a large  leading  edge 
roughness  or  an  initial  turbulent  attachment  line  boundary  layer,  for  example  at  the  wing- fuselage 
intersection,  can  spread  both  chordwise  as  well  as  spanwise  along  the  front  attachment  line  of  swept 
wings  whenever  the  angle  between  the  local  potential  flow  streamline  and  attachment  line  is  smaller 
than  the  half  spread  angle  of  a turbulent  wedge.  The  question  then  arises  concerning  the  condition 
for  spanwise  turbulent  contamination  along  the  front  attachment  line  of  swept  wings  in  the  presence 
of  large  leading  edge  disturbances.  Since  the  condition  of  the  attachment  line  boundary  layer  depends 
on  the  balance  of  the  pressure  - and  inertia  forces  versus  the  viscous  forces  acting  on  the  boundary 
layer  it  follows  that  the  spanwise  attachment  line  boundary  layer  momentum  thickness  Reynolds  number 
Reft  should  be  a useful  parameter  in  defining  the  condition  for  spanwise  turbulent  contamination, 

a.l. 

as  long  €i8  transition  is  caused  directly  by  large  disturbances;  i.e.,  when  the  pressure  and  inertia 
forces  acting  on  the  attachment  line  boundary  layer  dominate  over  the  corresponding  viscous  forces 
above  a critical  Re^  ^ crit  attachment  line  boundary  layer  will  be  turbulent.  Vice  versa, 

the  dominating  viscous  forces  in  the  attachment  li^er  below  Re&  ^ crit  8UPPre88  the  formation  of 

attachment  line  boundary  layer,  i.e.,  the  attachment  line  flow  becomes 
Refi  even  with  large  leading  edge  disturbances  or  an  initially 

a.l.  crit 
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turbulent  attacliment  line  boundary  layer,  as  verified  for  example  during  the  first  flight  tests  on  the 
outboard  X-21  wing.  The  enclosed  table  shows  Be  = 90  to  100,  as  evaluated  from  different 

a.l.  crit 

sources,  when  sponwise  turbulent  contamination  is  caused  directly  by  large  disturbances. 
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it  follows  that  Re  can  be  reduced  to  safe  values  by  decreasing  wing  sweep  0,  leading  edge  radius 

®a.l. 

Ro  , and  unit  length  Reynolds  number  Q^/v.  In  addition,  boundary  layer  suction  at  the  attachment  line 
oi  swept  wings  thins  the  attachment  line  boundary  layer  (fig.  72)  and  thus  further  decreases  0 , 

6«  , and  Re„  (ref.  72).  a'1‘ 

a.l.  u , 

a.l. 

Of  course,  as  demonstrated  first  on  swept  wind-tunnel  models  and  applied  later  to  the  X-21  wing 
(refs.  33,  71)  spanwise  turbulent  contamination  on  swept  wings  can  be  eliminated  relatively  easily  by 
locally  removing  the  entire  turbulent  attachment  line  boundary  layer,  including  all  the  turbulent 
boundary  layer  eddies  which  intermittently  penetrate  far  out  into  the  potential  flow,  by  means  of 
boundary  layer  suction  (through  one  or  many  slots  or  rows  of  holes,  etc.)  or  by  means  of  a leading  edge 
fence,  with  suction  applied  on  its  outboard  side  to  maintain  attached  flow  (fig.  73).  After 
reestablishing  laminar  attachment  line  flow  the  previously  quoted  transition  value  Reft  = 90 

a.l.  crit 

to  100  for  large  disturbances  could  be  appreciably  exceeded,  depending  on  the  magnitude  of  the  initial 
attachment  line  boundary  layer  disturbances  where  laminar  flow  had  been  reestablished  (refs.  33,  71) 

(fig.  73). 

In  order  to  substantially  raise  Re^  , turbulent  eddies  in  the  initial  attachment  line 

a.l.  Transition 

boundary  layer  must  be  completely  eliminated.  This  can  be  accomplished  for  example  by  means  of 
sufficiently  strong  local  suction  (suction  patch)  (refs.  33,  65),  a laminar  flow  leading  edge  suction 
fence  (refs.  33,  73),  a local  leading  edge  bump  with  opposite  sweep  on  its  inboard  end  (Gaster),  a 
local  intake  at  the  -ring  leading  edge,  or  by  sweeping  the  wing  backwards  in  both  directions  and  starting 
with  an  undisturbed  laminar  boundary  layer  at  the  wing  apex  stagnation  point.  This  latter  approach  was 
adopted  during  transition  experiments  with  and  without  boundary  layer  suction  at  the  front  attachment 
line  of  a J*5°  swept  blunt-nosed  wing  in  the  Northrop  7 x 10  ft  tunnel  (fig.  7M  (refs.  65,  72). 

On  its  impervious  leading  edge  without  suction  turbulent  bursts  started  at  the  downstream  end  of 
the  attachment  line  at  Re^  ^ = 21*3  and  a spanwise  length  Reynolds  number  WZ/v  - 5*5  • 10° 

(ref.  72)  (Z  * spanwise  distance  along  attachment  line).  Similar  Re^  ^ - values  without  suction 

had  been  observed  on  a 33°  swept  15  percent  thick  LFC  wing  of  the  X-21  group  with  a laminar  flow 
leading  edge  suction  fence  in  the  Ames  12  ft  tunnel  at  Wz/v  = 17-5  * 10°  (ref.  73).  Apparently,  the 
extremely  low  turbulence  - and  noise  level  of  this  tunnel  enabled  laminar  attachment  line  flow  up  to 
substantially  larger  Wz/v  - values  than  at  the  higher  turbulence  level  of  the  Northrop-tunnel . In 
flight,  where  the  atmospheric  turbulence  has  but  an  insignificant  influence  on  transition  (except  in 
ice  clouds),  Wz/v  at  a given  ReQa  ^ might  be  considerably  larger  than  even  in  the  Ames  12  ft  tunnel, 

provided  disturbances  generated  by  the  airplane  and  its  propulsion  - and  suction  drive  system  in  the 
frequency  range  of  amplified  attachment  line  boundary  layer  oscillations  are  minimized. 

Although  the  described  ReA  . * 2U0  is  substantially  increased  by  eliminating  large  initial 

0a.l.T 

disturbances  Re_  is  still  very  much  smaller  than  for  flatplate  flow  (ReQ  * 1100  to  1U80  at  the 
0T  0T 

beginning  of  transition)  or  on  the  Xing  Cobra  wing  with  a flat  pressure  distribution  (Re^  = 1800). 

These  relatively  low  values  are  explainable  by  the  destabilizing  influence  of  the  °T 

transverse  stretching  of  the  TS-attachment  line  boundary  layer  disturbance  vortices  in  the  diverging 
potential  flow  field  of  swept  wings  (ref.  76),  the  long  laminar  run  lengths  along  the  front  attachment 
line  (expressed  in  multiples  of  the  TS-wave  length)  and  the  fact  that  (as  a result  of  the  practically 
constant  boundary  layer  along  the  attachment  line)  the  local  TS-growth  factor  Ci  is  essentially 
constant  along  the  entire  attachment  line  to  lead  to  a particularly  large  total  growth  for  TS- 
oscillations.  Therefore,  the  (already  low)  attachment  line  boundary  layer  stability  limit  Reynolds 
number  may  not  be  appreciably  exceeded. 

Besides  thinning  the  attachment  line  boundary  layer,  area  suction  changes  the  shape  of  the 
attachment  line  boundary  layer  profiles  (fig.  72,  table  , ref.  72)  such  as  to  increase  their 
stability  limit  Reynolds  number  with  increasing  suction.  To  verify  the  stabilizing  influence  of 
area  Buction  on  the  attachment  line  boundary  layer  of  swept  wings  and  better  understand  the  transition 
mechanism  involved,  transition  experiments  were  conducted  on  the  aerodynamically  smooth  attachment  line 
of  a 1*5°  swept  wing  in  the  Northrop  7 x 10  ft  tunnel  (fig.  1U , ref.  72).  Area  suction  in  the 
attachment  line  region  was  approached  by  suction  through  0.002  to  0.0025  "wide  and  0.232"  spaced 
chordwise  slots  (fig.  75)  whose  slot  flow  Reynolds  number  v s/v  < 100,  except  in  local  nose  suction 


patches  with  strong  local  suction,  where  two  rows  of  suction  holes,  symmetrical  to  the  slots,  had  been 
used  to  minimize  suction  slot  wake  induced  disturbances  at  higher  v s/v's  (refs.  7^»  75). 
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Regular  amplified  TS-attachment  line  boundary  layer  oscillations  had  been  observed  on  this  model 
(fig.  7b,  ref.  72)  leading  to  transition  at  higher  ^eQa  ^ • The  frequency  of  these  oscillations 

correlated  with  corresponding  theoretical  results  of  Brown  (ref.  76,  fig.  77).  Fig.  78  shows  Re,  , 

oa.l 

v 

°a  1. 

versus  the  nondimensional  equivalent  area  suction  velocity  v*  — * — for  different 

°a.l.  /y  • ( 3u/Ds )a. 1 . 

spanwise  length  Reynolds  numbers  W.z/y  along  the  attachment  line.  Ren  increases  substantially 

®a.l.T 

for  higher  suction  rates  at  the  attachment  line  and  decreases  with  increasing  W»z/v  - values.  As 
mentioned  previously,  substantially  higher  Wz/v’s  at  given  laminar  Re^  ' s should  be  possible  at 

a.  1 . 

lower  initial  disturbance  levels,  especially  in  flight  with  drastically  reduced  airplane  - and  propulsion- 
induced  disturbances  in  the  amplified  TS-frequency  range  of  the  attachment  line  boundary  layer. 

In  case  roughness,  etc.  should  cause  spanwise  turbulent  contamination  in  the  form  of  turbulent 
bursts  or  a fully  developed  turbulent  attachment  line  boundary  layer  at  such  high  Re  's,  local 

0a.l. 

leading  edge  suction  patches  with  strong  suction  followed  by  progressively  weaker  suction  downstream 
along  the  attachment  line  - with  the  local  suction  rates  controlled  by  suitable  attachment  line 
boundary  layer  sensors  - can  reestablish  undisturbed  laminar  attachment  line  flow  at  high  Re,  , 

8a.l. 

as  verified  experimentally  (ref.  65). 


u.  ::;f^  hiejr.  JbcTiwN  indick:  - amp  pprfaci  m^turbanckp  or;  suction  laminar:  ratio*.. 


Similar  to  sound,  laminar  boundary  layer  oscillations  and  transition  can  result  from  suction 
induced  disturbances  at  high  Reynolds  numbers  (refs.  15-26,  71*  * 75).  For  example,  slot  flow 
fluctuations  can  be  induced  by  slot  wake  oscillations  in  the  small  plenum  chambers  underneath  the  slots 
at  higher  slot  flow  Reynolds  numbers,  which  may  cause  premature  transition.  When  the  flow  in  the  slots 
in  the  plenum  chambers  located  below  the  slots  was  viscous  and  steady  below  a critical  slot  flow 

Reynolds  number  Reg  = - ~j~~  ~ 100  (fig.  79,  80).  No  suction  induced  disturbances  had  been 
crit  ^ 

experienced  on  laminar  suction  surfaces  with  full  length  laminar  flow  beyond  50  • 10°  length  Reynolds 
number.  Above  Re  , however,  according  to  low  speed  flow  experiments  on  large  scale  slots  in 
Scrit 

water  and  air,  the  slot  wake  became  unstable  and  started  oscillating  downstream  of  the  slot  exit,  until 
transition  developed  further  downstream.  These  wake  flow  oscillations  in  the  plenum  chambers  induced 
flow  fluctuations,  v' , at  the  slot  inlet  and  in  the  external  boundary  layer  (refs.  71*,  75),  which  grew 
rapidly  when  Re  was  exceeded  (see  for  example  curve  for  deep  plenum  chambers  in  figure  80). 

Such  scrit 

Such  slot  wake  fluctuations  seem  to  have  caused  premature  transition  and  a correspondingly  higher  drag 
on  the  33-degree  swept  laminar  suction  wing  in  the  Ames  12-foot  tunnel  when  Re  was  appreciably 

gOrit  g 

exceeded  in  the  rear  pressure  rise  region  downstream  of  O.hc  at  Re^  > 25  * 10u  to  30  • 10°  (fig.  8l), 

(ref.  73).  The  design  slot  flow  Reynolds  number  in  this  area  was  200  at  Re  = UO  • 10^.  At  Re  > 

6 c c 

20  • 10  , the  boundary  layer  in  the  rear  pressure  rise  area  of  this  model  became  unexpectedly 
sensitive  against  oversuction.  More  extensive  laminar  flow  with  lower  drags  was  usually  observed 
with  alternating  high  and  low  suction  rates  in  adjacent  suction  chambers  of  the  rear  pressure  rise 
area,  as  compared  to  a uniform  suction  distribution  in  this  region  (fig.  82).  Presumably  with  the 
nonlinear  growth  of  v'/^  versus  Reg,  boundary  layer  oscillations  on  this  suction  wing  grew  slower 
in  downstream  direction  with  alternating  suction  rates  and  Res  - values  (for  example.  Re  = 100  and 
300  in  adjacent  suction  chambers)  than  with  uniform  suction  (Res  = 200).  Preceding  transition  regular 
high  frequency  boundary  layer  oscillations  in  the  critical  Tollmien-Schlichting  frequency  range, 
superimposed  over  rather  regular  oscillations  of  about  10  times  lower  frequency  were  observed  at  60 
percent  chord  at  Rec  > 30  • 10“ . 

In  order  to  minimize  the  number  of  slots  on  laminar  suction  surfaces  without  inducing  slot  wake 
fluctuations,  the  question  arose  as  to  how  to  raise  Re  and  maintain  a viscous  steady  flow  in 

Scrit 

the  plenum  chambers  underneath  the  slots  at  further  increased  slot  flow  Reynolds  numbers.  This  can  be 
accomplished  for  example  by  using  shallow  plenum  chambers  and  a corresponding  larger  number  of 
suction  holes  located  in  two  rows  at  opposite  sides  of  the  slot  (fig.  80). 

A single  row  of  suction  holes  aligned  with  the  slot  showed  a similar  increase  of  Re  with 

Scrit 

decreasing  plenum  chamber  depth  as  two  rows  of  holes  located  symmetrically  with  respect  to  the  slot 
(fig.  80) . Small  displacements  of  such  a single  row  of  holes  against  the  slots,  however,  rapidly 
reduced  Re  to  100.  Plenum  chamber  flow  observations  explained  this  unexpected  drop  of  Re 

crit  sorit 

(fig.  83)  for  a displaced  single  row  of  suction  holes:  With  a single  row  of  holes,  aligned  with  the 

slot,  or  two  rows  of  holes  at  opposite  equal  distances  from  it  the  slot  wake  was  deflected 
2-dlmensionally  (except  close  to  the  holes)  about  symmetrically  in  fore  and  aft  direction  downstream 
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of  the  stagnation  region  on  the  lower  surface  of  the  chamber  towards  its  sides.  In  shallow  chambers 
(h  <_2 s),  three  or  more  spanwise  vortices  generally  developed  on  each  side  of  the  slot  and  carried  the 
suction  medium  towards  the  holes  (fig.  83).  Slot  flow  fluctuations  started  when  these  vortices 
became  unstable  and  oscillated.  With  deeper  plenum  chambers,  these  vortices  were  less  pronounced. 

When  the  slot  wake,  after  impinging  on  the  bottom  chamber  surface,  split  into  two  separate  and 
practically  equal  chordwise  flow  components  whose  Reynolds  numbers  were  only  half  as  large,  as 
compared  with  a wake  flow  deflected  entirely  towards  a single  displaced  row  of  holes  (fig.  83), 
the  above-mentioned  chamber  vortices  were  accordingly  weaker  and  therefore  became  unstable  at  higher 


In  contrast  to  a single  row  of  suction  holes,  the  flow  in  relatively  shallow  plenum  chambers  changed 
insignificantly  when  two  rows  of  suction  holes  were  located  at  different  distances  from  the  slot i i.e., 
two  rows  of  holes  opposite  to  the  slot  are  relatively  insensitive  to  hole  misalignment.  Furthermore, 
slot  flow  fluctuations  induced  by  internal  duct  noise  as  well  as  spanwise  suction  variations  along 
the  slot  from  one  hole  to  the  next  are  weaker  with  two  rows  of  displaced  holes,  as  compared  to  a single 
row  of  holes  in  line  with  the  slot. 

In  conclusion,  slotted  laminar  suction  surfaces  at  high  Reynolds  numbers  should  preferably  be  laid 
out  for  viscous  steady  slot  wakes,  achieved  by  maintaining  purely  viscous  slot  wakes  either  at 
Reg  f.  100  with  unsophisticated  plenum  chamber  designs  or  by  using  shallow  plenum  chambers  and  two 
rows  of  holes  located  at  opposite  sides  of  the  slot,  enabling  considerably  higher  Res  with  purely 
viscous  plenum  chamber  flow. 

Similarly,  with  low  drag  suction  applied  through  perforated  surfaces,  transition  can  be  caused 
directly  as  a result  of  the  breakup  of  streamwise  and  horseshoe  vortices  originating  from  the  suction 
holes  (fig.  6,  refs.  15 -26).  Alternately,  amplified  TS-type  boundary  layer  oscillations  may  be 
excited  by  disturbance  vortices  trailing  downstream  from  suction  holes  to  cause  premature  transition, 
especially  when  the  boundary  layer  is  thin  and  the  height  of  the  mean  sucked  layer  per  row  of  holes  is 
relatively  large  compared  to  the  boundary  layer  thickness.  Such  premature  transition  was  indeed 
experienced  during  transition  experiments  at  the  front  attachment  line  of  the  described  ^5-degree  swept 
blunt-nosed  wing  when  suction  at  the  attachment  line  had  been  applied  through  rows  of  closely  spaced 
holes,  as  shown  in  figure  8U  (refs.  33,  65).  Naphtalene  flow  sublimation  photographs  (fig.  85)  show 
streamwise  striations,  indicating  streamwise  disturbance  vortices,  trailing  downstream  of  each 
suction  hole,  introducing  periodic  disturbances  into  the  front  wing  attachment  line  boundary  layer  to 
cause  premature  transition  at  ridiculously  low  mean  Reynolds  numbers,  uh/v  per  row  of  holes. 

u and  h are  the  mean  velocity  and  mean  height  of  the  sucked  layer  per  row  of  holes, 
respectively. 

Many  other  suction  induced  disturbances  can  cause  transition  either  directly  or  as  a result  of 
amplified  boundary  layer  oscillations  whenever  the  spanwise  vorticity  of  the  boundary  layer  8u/8y 
changes  abruptly  in  spanwise  direction  downstream  of  suction  discontinuities  to  generate  accordingly 
streamwise  disturbance  vorticity,  which  in  addition  may  superimpose  with  the  mean-  and  disturbance 
streamwise  vorticity  already  present  in  the  crossflow  boundary  layers  of  swept  LFC  wings.  Such 
suction  discontinuities  are  encountered  with  slot  ends,  with  partially  or  fully  clogged  holes  or 
plenum  chambers  underneath  the  slots,  with  partially  or  fully  clogged  slots,  damaged  slot  edges  or 
discontinuous  irregular  slots,  with  rapid  spanwise  changes  in  the  local  suction  rates  in  the  area  of 
chordwise  suction  duct  dividers,  in  regions  of  chordwise  splices  or  chordwise  gaps  between  the  main  wing 
and  flaps,  etc.,  etc.  Since  surface  disturbances  critically  affect  laminarization , emphasis  was  given 
to  establish  permissible  2-  and  3-dimen si on al  surface  tolerances  on  unswept  and  swept  LFC  wings.  As  an 
example,  figure  86  shows  the  maximum  permissible  amplitude  of  2-dimensional  single  continuous  surface 
waves,  as  measured  on  the  straight  wing  F9^  LFC  glove  in  flight  and  at  considerably  lower  Rec's  on 
the  30-degree  swept  Northrop  LFC  wing  for  different  wave  lengths.  For  multiple  waves,  the  permissible 
wave  amplitude  decreases  substantially  (fig.  87,  refs.  8,  77,  78).  Taking  into  account  that  such 
surface  waves  are  not  necessarily  continuous  along  the  span,  thus  adversely  affecting  the  local  suction 
distribution  in  the  region  of  the  wave,  it  is  recommended  to  provide  substantial  margins  for  the 
permissible  surface  waviness. 

The  influence  of  3-dimensional  surface  roughness  on  unswept  laminar  flow  wings  with  and  without 
suction  has  been  reported  in  detail  by  V.  Doenhoff  and  A.  Braslow  (ref.  79).  Their  results  have 
essentially  been  verified  by  F91*  LFC  flight  experiments  with  3-dimensional  roughness.  Figure  88 
shows  in  particular  the  rapid  increase  in  permissib'  r roughness  height  with  decreasing  unit  length 
Reynolds  number  at  higher  altitudes  (ref.  8).  See  also  refs.  80-83  for  three-dimensional  roughness 
influence  on  transition. 

The  figures  89,  90  show  the  maximum  permissible  height  of  three-dimensional  roughness  particles  in 
the  critical  leading  edge  region  of  the  15  percent  thick  33-degree  swept  Northrop  LFC  wing  model  (ref. 
3M,  Indicating  comparable  critical  roughness  Reynolds  numbers  Re % as  on  unswept  LFC  wings,  as  long  as 

the  boundary  layer  crossflow  is  adequately  stabilized  by  suction.  On  swept  laminar  flow  nonsuction 
wings,  however,  when  the  boundary  layer  crossflow  is  not  stabilized  by  suction,  premature  transition 
may  occur  at  some  distance  downstream  of  the  three-dimensional  roughness  element  at  considerably  lower 
Re^  - values  than  on  unswept  laminar  flow  wings  (fig.  90b). 

Figure  91  shows  the  variation  of  the  height  h of  back-  and  forward-facing  2-dimensional  spanwise 
steps  and  of  spanwise  gaps,  assuming  that  air  leakage  into  the  boundary  layer  is  prevented.  The  critical 
step  height  Reynolds  number  (Uh/v  , ) of  2-dimensional  spanwise  steps  varies  from  800  to  1,200 

w crit 

for  backward  facing  steps  in  the  front  and  center  to  rear  region  of  LFC  wings;  the  corresponding  values 
for  forward  facing  steps  vary  from  2,000  to  2,700.  Nonleaking  2-dimensional  spanwise  gaps  show 
surprisingly  large  critical  Reynolds  numbers  (Ol/v)cjt^  - 25,000.  Weak  local  suction  in  the  flow 
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reattachment  area  of  backyard  facing  steps  has  doubled  the  permissible  step  Reynolds  number  from 
Uh/v  * 1,100  to  2,200  (ref.  85).*  It  is  to  be  expected  that  suction  may  similarly  shorten  the  chordvise 
extent  of  the  free  vortex  layer  in  areas  of  forward  facing  spanvise  steps  or  spanvise  gaps  to  substan- 
tially raise  the  height  of  such  forward  facing  steps  and  spanvise  gaps. 


5.  Sl'PERTON  I ' 1 jr  EXPERIMENTS . 


5 . 1 Experiments  on  a Laminar  Suction  Plate  and  Suction  Body  of  Revolution  at  Supersonic  Speeds  in  the 

Up-  by  Up- Inch  Tullahoma  A Tunnel  (copied"  from  ref.  87 ) 

These  experiments  were  conducted  at  the  supersonic  Tunnel  A of  the  Arnold  Engineering  Development 
Center  in  Tennessee.  Tunnel  A is  a continuous  closed  circuit  variable  density  wind  tunnel  with  a U0- 
by  ^0-inch  test  section.  The  present  program  utilized  the  Mach  number  range  between  2 and  U, 
predominantly  at  high  Reynolds  numbers.  A maximum  Reynolds  number  of  8 • 10®  per  foot  was  available 
at  M * 3.0. 

The  flat  plate  suction  model  of  Ul-inch  chord  is  shown  in  figure  9**-  The  model  was  mounted  in  the 
tunnel  walls.  Suction  was  applied  through  76  slots  arranged  in  eight  suction  chambers.  The  first  slot 
was  located  2.0  inches  from  the  leading  edge.  The  average  slot  width  was  0.005  inch,  and  the  average 
8 lot  spacing  0.5  inch.  The  spanwise  extent  of  the  slots  decreased  along  the  chord  by  allowing  a wedge 
angle  of  about  8 degrees  for  the  spread  of  turbulent  disturbances  originating  at  the  slot  ends. 

In  the  suction  area,  the  model  was  composed  of  two  layers  which  were  bonded  together.  An  inner 
structure  of  0.31-inch  thickness  contained  small  spanwise  plenum  chambers  and  rows  of  holes;  the  outer 
skin  was  0.02  inch  thick  and  the  slots  were  cut  into  this  layer  at  the  location  of  these  plenum  chambers 
after  bonding.  The  sucked  air  flowed  through  the  slots  and  holes  into  collecting  suction  chambers  inside 
the  model.  The  values  of  slot  widths  and  hole  diameters  were  determined  according  to  the  expected 
suction  requirements  for  the  test  program. 

The  sucked  air  from  the  chambers  was  ducted  through  the  tunnel  wall  to  individual  suction  boxes 
where  the  suction  quantities  were  controlled  and  measured  by  means  of  calibrated  nozzles.  The  sucked 
air  was  removed  through  a 12-inch  diameter  pipe  connected  to  the  vacuum  system  of  the  facility. 

The  model  was  equipped  with  pressure  and  temperature  instrumentation  for  measuring  the  suction 
quantities.  A movable  rake  of  total  head  probes  permitted  the  observation  of  the  boundary  layer  at 
several  chordwise  stations. 

The  experiments  were  conducted  in  such  a way  that  - at  a given  Mach  and  Reynolds  number  - laminar 
flow  was  established  over  the  suction  area  by  a suitable  suction  distribution.  Then  suction  was  varied 
systematically  and  the  boundary  layer  profiles  were  recorded  at  the  aft  end  of  the  suction  area. 

The  wake  drag  coefficient,  Cpy,  was  determined  by  the  momentum  loss  of  the  boundary  layer  at  the 
plate  trailing  edge.  Since  all  experiments  thus  far  were  conducted  in  the  absence  of  surface  heating 
or  cooling,  the  boundary  layer  velocity  and  density  profiles  were  evaluated  from  the  measured  total 
head  readings  under  the  assumptions  of  constant  static  pressure  and  total  temperature  through  the 
boundary  layer.  The  equivalent  suction  drag  coefficient,  Cps,  was  evaluated  from  the  measured  suction 
mass  flow  rates  and  static  pressures  in  the  individual  chambers,  assuming  the  same  values  for  suction 
compressor  and  propulsive  efficiency  and  acceleration  of  the  suction  air  to  free-stream  velocity. 

Since  the  wake  drag  with  full  laminar  flow  decreases  and  the  suction  drag  increases  with  increasing 
total  suction  mass  flow  (see  figure  95  for  typical  example),  an  optimum  total  suction  mass  flow 
coefficient  exists  at  which  the  total  drag,  being  equal  to  the  sum  of  wake  and  equivalent  suction  drag, 
reaches  a minimum.  These  minimum  total  drag  and  optimum  total  suction  mass  flow  coefficients  were 
evaluated  as  functions  of  Mach  and  Reynolds  numbers. 

The  drag  results  for  the  flat  plate  suction  model  are  presented  in  figure  96.  Maximum  Reynolds 
numbers  (based  on  a length  of  k0.2  inches)  with  full  chord  laminar  flow  were  26  • 106  at  M * 3.0  and 
22  • lO^  at  M * 3.5«  They  were  obtained  at  the  highest  pressures  available  in  Tunnel  A.  The  minimum 
total  drag  coefficients  at  M = 3.0  and  3.5»  including  the  equivalent  suction  drag,  were  28  percent 
and  39  percent,  respectively,  of  the  skin  friction  coefficients  of  a turbulent  flat  plate  at  the  same 
Mach  and  Reynolds  number. 

-1* 

The  optimum  suction  mass  flow  coefficients  varied  between  2 to  3 * 10  , being  of  the  same  order  of 

magnitude  as  in  subsonic  flow.  More  suction  was  required  at  the  higher  Mach  number. 

Laminar  flow  control  by  means  of  boundary  layer  suction  was  also  applied  to  pointed  bodies  of 
revolution  at  zero  angle  of  attack.  As  an  example,  a 78-inch  long  suction  body  with  a cylindrical  aft 
body  of  9.2-inch  diameter  (fig.  97)  was  tested  in  the  Tullahoma  A Tunnel  to  demonstrate  the  feasibility 
of  laminar  flow  at  high  Reynolds  numbers  by  means  of  boundary  layer  suction  in  a wind  tunnel. 

Suction  was  applied  through  150  slots  connected  to  13  suction  chambers.  The  model  was  built  of  an  inner 
structure  with  rows  of  holes  for  the  passage  of  the  suction  air.  Then  outer  rings  were  shrunk  airtight 
over  the  inner  structure,  and  the  gaps  between  adjacent  rings  were  opened  with  a cutting  tool  to  the 
desired  slot  widths.  The  air  collected  in  each  chamber  was  ducted  through  the  bulkheads  of  the 
following  chambers  so  that  the  mass  flow  rates  of  the  various  chambers  could  be  adjusted  and  measured 
individually. 


•Figures  92,  93. 
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Full  length  laminar  flow  was  achieved  over  the  whole  body  up  to  the  maximum  tunnel  pressures 
available,  resulting  in  length  Reynolds  numbers  of  U2  • 16®  at  Mach  number  2.5  and  51*5  • 10^  at  Mach 
3.0.  The  minimum  total  drag  (including  the  equivalent  suction  drag)  and  the  corresponding  optimum 
total  suction  mass  flow  coefficients  at  M - 3.0  are  plotted  versus  length  Reynolds  number  in  figure 
98.  The  total  drag  at  50  • 10^  Reynolds  number  is  only  23  percent  of  the  friction  drag  of  a 
turbulent  plate.  The  measured  boundary  layer  profiles  at  this  Reynolds  number  and  with  near  optimum 
suction  was  about  0.070  inch  thick.  At  the  rear  end  of  the  body  the  boundary  layer  momentum  thickness 

Reynolds  number,  Re^,  with  laminar  flow  was  larger  than  3 ,000.  For  comparison,  the  corresponding  ( 

laminar  Re  -values  on  the  flat  plate  suction  model  at  Mach  3-0  and  a length  Reynolds  number  of  25  * 10 
stayed  slightly  below  3,000. 

Included  in  figure  98  are  the  results  of  two  earlier  suction  experiments  on  smaller  bodies  of 
revolution  which  were  conducted  in  the  12-inch  supersonic  blowdown  tunnel  at  the  Arnold  Center.  The 
first  experiments  which  were  conducted  at  M = 3 in  1958  produced  a maximum  length  Reynolds  number  of 
7 • 10^  with  suction  through  relatively  few  slots,  while  the  drag  of  the  nonsuction  body  with  slots 
sealed  started  to  rise  at  a Reynolds  number  of  J*  • 10  . A second  model  of  the  same  shape  and  an 

improved  suction  system  with,  a considerably  larger  number  of  slots  produced  laminar  flow  at  M = 3 to 

a Reynolds  number  of  12  • 10^.  The  laminar  drag  coefficients  of  the  three  configurations  can  be 
connected  by  a single  straight  line  in  the  logarithmic  scale.  Its  slope  indicates  that  the  minimum 
total  drag  of  the  suction  bodies  is  approximately  proportional  to  the  ( —1  / 3 ) rci  power  of  the  length 
Reynolds  number.  The  optimum  total  suction  mass  flow  coefficients  of  the  three  models  also  fall  on  a 
single  curve. 


5.2  Interaction  of  Incident  Chock  Waves  with  Laminar  boundary  Layers  at  Supersonic  Speeds  (refs.  39-^1). 

Hie  present  experiments  on  the  laminar  suction  plate  and  body  of  revolution  were  conducted  in  the 
absence  of  incident  shock  waves  which  might  interact  with  the  laminar  boundary  layer.  With  the 
possibility  of  such  weak  incident  shock  waves  at  supersonic  speeds,  the  question  arose  concerning  the 
maintenance  of  extensive  laminar  flow  at  supersonic  speeds  across  incident  shock  waves  and  the  interaction 
of  such  shock  waves  with  the  boundary  layer  of  laminar  suction  surfaces. 

In  the  region  of  incident  shock  waves,  the  static  pressure  rises  abruptly  across  the  shock  in  the 
supersonic  part  of  the  boundary  layer  and  beyond  its  outer  edge.  In  the  subsonic  region  of  the  laminar 
boundary  layer,  however,  the  disturbance  induced  by  the  incident  shock  is  propagated  upstream,  and  the 
pressure  along  the  wall  in  the  area  of  the  incident  shock  increases  then  over  a finite  distance. 

Laminar  separation,  leading  to  premature  transition  which  would  normally  be  encountered  in  the  presence 
of  such  a local  pressure  rise,  can  in  principle  be  prevented  by  means  of  boundary  layer  suction. 

The  basic  feasibility  of  laminar  flow  by  means  of  boundary  layer  suction  across  incident  shock  waves 
at  supersonic  speeds  was  first  verified  during  shock  boundary  layer  interaction  experiments  at  M = 2 
on  a flat  plate  of  8-inch  span  in  the  8-  by  8-inch  supersonic  tunnel  of  the  MIT  gas  turbine  laboratory 
The  plate  was  mounted  between  the  walls  of  the  tunnel  (fig.  99,  ref.  39).  Incident  shock  waves  of  various 
intensities  were  generated  by  an  inclined  flat  plate  above  the  model,  whose  incident  could  be  varied. 

In  the  boundary  layer  shock  interaction  region  of  the  test  plate  8 suction  slots  of  0.002-inch  width  and 
0.2-inch  spacing,  connected  to  a single  suction  chamber,  were  installed  over  a chordwise  extent  of  1.1* 
inches,  starting  2.2  inches  from  the  plate  leading  edge.  Three  additional  slots,  connected  to  a 
separate  chamber,  were  located  further  downstream.  They  were,  however,  not  needed  to  maintain  full 
laminar  flow  on  the  test  plate. 

The  following  three  figures  show  typical  results  obtained  with  suction  in  the  shock  boundary  layer 
interaction  region  of  this  model.  The  figure  100  shows  the  chordwise  distribution  of  static  pressure 
and  wall  shear  stress  along  the  plate  with  and  without  suction  at  M^  = 2,  a free  stream  unit  length 
Reynolds  number  of  3.21*  • 10^/ft.  and  1.5  pressure  ratio  across  the  shock  interaction  region.  Without 
suction,  the  boundary  layer  separates  laminar  in  the  first  weak  initial  pressure  rise  (wall  shear 
stress  decreases  to  zero  and  negative  values).  In  the  shock  interaction  region  without  boundary  layer 
suction,  the  static  pressure  first  rises  relatively  slowly  to  a plateau,  followed  by  a rapid  and  much 
stronger  pressure  rise  in  and  downstream  of  the  transition  region,  accompanied  by  a high  turbulent 
surface  friction.  When  boundary  layer  suction  (suction  mass  flow  coefficient  cw  = 0.0012  based  on 
the  suction  area  in  the  shock  interaction  region)  was  applied  laminar  separation  was  prevented  in  the 
shock  interaction  region,  and  the  static  pressure  rose  continuously  to  its  final  value  without  passing 
through  an  intermediate  plateau  region.  The  wall  surface  friction  decreased  somewhat  in  the  shock 
interaction  region.  Laminar  flow  with  low  wall  shear  stresses  was  observed  on  the  plate  downstream  of 
the  shock  interaction  region  (see  plot  of  Cf  versus  chordwise  distance),  as  verified  by  boundary 
layer  measurements  at  various  chordwise  distances  (fig.  101).  Schlieren  photos  (fig.  102)  without 
suction  show  laminar  separation  on  the  test  plate  upstream  of  its  intersection  with  the  plate. 

The  incident  shock  is  followed  by  an  expansion  fan,  when  the  flow  is  turned  around  the  corner  at 
the  outer  edge  of  the  boundary  layer,  followed  by  a more  gradual  compression  when  the  flow  is  turned 
back  to  the  undisturbed  flow  direction.  With  suction  (cy  * 0.0012)  laminar  separation  was  absent, 
although  a slight  increase  in  boundary  layer  thickness  was  observed  in  the  shock  interaction  region. 

The  expansion  fan  downstream  of  the  shock  interaction  location  was  much  weaker  than  without  suction. 

With  smaller  suction  flow  rates  than  cw  * 0.0012,  laminar  separation  was  gradually  approached 
in  the  shock  boundary  layer  interaction  region,  without  first  loosing  extensive  laminar  flow,  however. 
Laminar  flow  was  lost  only  with  much  weaker  suction  when  the  Reynolds  number  based  on  the  chordwise 
length  of  the  separated  laminar  region  was  sufficiently  large  to  cause  premature  transition  as  a result 
of  the  instability  of  the  free  vortex  layer  in  the  separated  laminar  region. 
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The  above-described  boundary  layer  shock  interaction  experiments  were  conducted  at  relatively  low 
U_  • l i 6 6 

^ -a  e - 10  to  l.U  • 10  , with  ^piate  * distance  from  plate  leading 


length  Reynolds  numbers 


edge  to  the  measuring  station  at  the  end  of  the  plate.  The  question  then  arises  as  to  the  pressure  rise 
in  regions  of  incident  shock  waves  through  which  a laminar  boundary  layer  with  suction  can  pass  at  high 
Reynolds  numbers. 


According  to  theory,  as  confirmed  by  the  above  experiments,  the  pressure  rise  which  a laminar 
boundary  layer  with  suction  can  sustain  in  a region  of  an  incident  shock  wave  decreases  with  increasing 
unit  length  and  length  Reynolds  number,  unless  the  thickness  of  the  initial  laminar  boundary  layer 
upstream  of  the  boundary  layer  shock  interaction  region  is  reduced  by  means  of  boundary  layer  suction 
in  the  upstream  areas.  In  order  to  verity  this  hypothesis  the  interaction  experiments  at  supersonic 
speeds  between  incident  shock  waves  and  laminar  boundary  layers  with  suction  were  continued  on  the 
previously  mentioned  supersonic  laminar  suction  plate  in  the  Tullahoma  A Tunnel  up  to  plate  length 
Reynolds  numbers  of  26  • 10^  with  full  length  laminar  flow  at  M^  * 2.5,  3 and  3-5.  Incident  shock 
waves  were  generated  by  an  inclined  flat  plate  (Fig.  103),  whose  angle  of  attack  could  be  varied. 
Additional  closely  spaced  suction  slots,  connected  to  separate  suction  chambers,  were  provided  in  the 
boundary  layer  shock  interaction  area  of  the  plate.  Full  length  laminar  flow  was  observed  on  the  plate 
at  * 3 and  a plate  length  Reynolds  number  up  to  26  • 10^  with  a pressure  ratio  through  the  shock 
interaction  region  of  about  1.6  by  applying  relatively  strong  local  suction  in  this  region  with  somewhat 
increased  suction  rates  over  the  remaining  areas  as  compared  with  the  results  obtained  without  incident 
shock  waves.  The  chordwise  pressure  distribution  on  the  plate  shows  a strong  local  pressure  rise  in  the 
shock  interaction  region,  followed  by  a second  weak  pressure  rise,  a gradual  pressure  drop  and  a final 
third  pressure  rise  in  the  rear  part  of  the  plate.  The  absence  of  a plateau  in  the  first  strong  pressure 
rise  indicates  that  relatively  strong  local  boundary  layer  suction  has  prevented  laminar  separation 
in  the  shock  interaction  region.  The  second  pressure  rise  is  probably  caused  by  the  weak  shc^k  wave 
which  originated  at  the  plate  leading  edge  and  was  reflected  at  the  shock  generator.  The  gradual  drop 
further  downstream  on  the  plate  was  caused  by  the  expansion  fan  originating  from  the  trailing  edge  of 
the  shock  generator.  A shock  wave  finally  originates  from  the  wake  downstream  of  the  shock  generator, 
when  the  main  flow  is  deflected  back  to  the  freestream  direction  and  intersects  the  plate  at  the 
location  of  the  third  pressure  rise.  The  observed  boundary  layer  profile  at  the  downstream  end  of  the 
plate  is  a typical  laminar  profile  with  suction  (fig.  103). 

With  decreasing  suction  rates  in  the  main  shock  boundary  layer  interaction  region,  a plateau 
reappeared  in  the  local  pressure  distribution;  and  transition  started  to  move  upstream  towards  this 
area.  Figure  101*  shows  the  pressure  ratio  across  the  main  shock  with  full  length  laminar  plate  flow  at 
various  free-stream  Mach  and  plate-length  Reynolds  numbers.  As  in  the  first  boundary  layer  shock 
interaction  experiments  with  suction  in  the  MIT  8-inch  tunnel,  the  maximum  pressure  ratio  across  the 
shock  with  full  laminar  plate  flow  decreased  with  increasing  plate  length  Reynolds  number. 


6.  BOUNDARY  LAYER  SUCTION  DUCTING  DESIGN  CONSIDERATIONS  (REFS.  88-97). 

6.1  General  Considerations  of  Losses  in  Boundary  Layer  Suction  Ducting  Systems  (Ref.  90,  see  also  Ref.  98). 

6.1.1  Introduction.  Statement  of  the  Problem 

To  reduce  the  suction  power  needed  for  high  subsonic  speed  cruise  laminarization  as  well  as  high  lift 
suction  at  low  speeds  the  suction  system  total  pressure  losses  AH  between  the  external  surfaces  ar.d  the 
suction  air  exit  should  be  minimized.  Furthermore,  to  maintain  the  proper  spanwise  suction  rate 
variation,  the  local  static  or  total  pressure  difference  across  the  suction  surface,  depending  on  how  the 
suction  air  is  fed  into  the  suction  ducts,  should  be  reasonably  constant  along  the  wing  span.  This  is 
easier  to  accomplish  when  large  duct  losses  can  be  avoided. 

Lower  duct  losses  enable  longer  ducts  and  as  a result  fewer  and  correspondingly  larger  and  usually 
more  efficient  suction  compressors  (due  to  higher  blade  chord  Reynolds  numbers  Re  ),  especially 

Blade 

when  Re  becomes  small  at  high  design  cruise  altitudes.*  For  minimum  total  losses  in  the  entire 

Blade 

suction  system  (duct  ♦ suction  compressor)  the  sum  of  the  losses  in  the  suction  ducting  system  and 
suction  compressors  should  then  be  minimized.  The  basic  question  thus  arises  as  to  how  to  minimize  the 
losses  in  boundary  layer  suction  ducting  systems,  especially  for  cruise  laminarization.  The  specific 
question  arises  as  to  how  best  to  mix  the  suction  air  of  different  total  energy  levels  with  minimum 
throttling  and  mixing  losses,  particularly  in  the  rear  pressure  rise  area  of  the  upper  surface  of  LFC 
wings  where  the  total  energy  of  the  sucked  boundary  layer  increases  substantially  from  the  location 
of  minimum  pressure  towards  the  wing  trailing  edge. 

Other  secondary  considerations,  of  course,  strongly  affect  these  optimization  considerations,  such 
as  suction  compressor  maintenance,  control  of  the  chord-  and  spanwise  suction  distribution  and  of  the 
suction  system  at  different  flight  conditions,  design  of  the  suction  compressor  inlet  especially  with 
wing  mounted  suction  compressors,  wing  fuel  volume  considerations,  etc. 


(•)  At  high  subsonic  cruise  speeds  the  kinematic  viscosity  v at  the  low  static  pressure  of  the  suction 
compressor  inlet  is  substantially  larger  than  at  the  gas  generator  inlet  of  the  propulsion  engines, 
resulting  in  relatively  low  suction  compressor  blade  chord  Reynolds  numbers.  Therefore,  blade  chord 
Reynolds  number  considerations  become  important  in  the  suction  compressor. 
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Further  considerations  affect  the  LFC  suction  ducting  design  as  follows:  Aerodynamic  and  acoustic 
disturbances  in  the  suction  ducting  system  and  suction  compressor  as  well  as  mechanical  suction  duct 
wall  vibrations  can  excite  suction  duct  flow  fluctuations,  which  in  turn  may  induce  amplified  boundary 
layer  oscillations  on  the  external  LFC  surfaces  to  eventually  cause  premature  transition.  Such 
disturbances  should,  therefore,  be  minimized  by  establishing  a uniquely  defined  duct  flow  with  as  uniform 
an  inflow  into  the  suction  compressor  as  possible,  providing  sufficient  structural  stiffness  to 
minimize  duct  wall  vibrations  ana  using  if  necessary  acoustic  duct  linings  to  absorb  internal  duct  noise 
and  especially  standing  sound  waves  excited  in  the  suction  ducts  by  suction  compressor  tone  noise. 


0.1.2  General  Basic  Considerations  of  LFC  Suction  Ducting  Layouts  and  - Losses. 

The  total  energy  losses  in  the  suction  ducting  system  of  LFC  wings  between  the  external  surface  and 

the  suction  compressor  consist  of  kinetic  energy-,  throttling-and  mixing  losses,  as  well  as  flow 
separation-,  duct  wall  friction-  and  secondary  flow  losses.  Which  one  of  these  losses  dominates 
depends  on  the  type  of  suction  ducting  design,  the  suction  method  selected  and  to  a large  extent  on  the 
aerodynamic  refinements  applied  in  the  ducting  design. 

The  aerodynamically  ideal  LFC  area  suction  is  assumed  to  be  closely  approached  by  suction  either 
through  a large  number  of  closely  spaced  spanwise  slots,  perforated  surfaces  with  a very  large  number 
of  small  holes  or  a porous  surface.  In  a similar  manner  as  the  blood  in  the  human  body  is  carried  from 

a large  number  of  small  capillaries  to  progressively  larger  and  fewer  blood  vessels  and  finally  to  the 

heart,  the  suction  air  passes  through  small  openings  in  the  external  LFC  surfaces  at  low  velocities 
and  flow  Reynolds  numbers  and  is  ducted  to  progressively  larger  and  fewer  suction  ducts  at  increasingly 
higher  duct  flow  velocities  and  - Reynolds  numbers  and  finally  to  the  suction  compressors.  Thus,  due 
to  the  very  low  flow  Reynolds  numbers  in  the  external  suction  skin  viscous  friction  losses  dominate 
there,  while  kinetic  energy  exit  losses  at  the  downstream  side  of  the  suction  skin  are  usually  less 
important  in  view  of  the  low  velocities  involved,  when  area  suction  is  closely  approached.  The 
dominating  viscous  forces  suppress  the  formation  of  turbulent  eddies  at  the  low  flow  Reynolds  numbers 
of  the  external  suction  skin  to  allow  aerodynamically  relatively  crude  flow  passages  in  this  skin. 

After  passing  through  the  suction  skin  the  suction  air  is  collected  in  small  spanwise  plenum  chambers, 
located  underneath  the  external  suction  skin  whose  main  purpose  is  the  maintenance  of  a uniform 
spanwise  suction  distribution.  From  these  plenum  chambers  the  suction  air  is  ducted  through  holes, 
drilled  in  a continuous  structural  inner  skin,  into  relatively  small  first  spanwise  suction  ducts 
formed,  for  example,  by  the  structural  elements  of  a corrugated  sandwich  skin.  To  retain  most  of  the 
spanwise  momentum  of  the  suction  air  during  its  passage  from  these  holes  into  the  first  spanwise  ducts 
and  at  the  same  time  minimize  duct  losses,  the  above  mentioned  holes  may  be  drilled  at  an  oblique  angle 
to  the  skin;  furthermore,  stress  concentrations  around  these  holes  in  the  structurally  particularly 
critical  spanwise  direction  under  the  action  of  vertical  bending  loads  would  be  substantially  reduced 
to  greatly  improve  the  fatigue  life  of  the  inner  skin.  Low  duct  flow  velocities  in  the  first  spanwise 
ducts  are  easily  possible  and  enable  3mall  duct  losses  even  with  a relatively  crude  introduction  of  the 
suction  air  into  these  ducts  through  oblique  holes.  Since  the  above  mentioned  sandwich  skin  and  the 
rear  part  of  the  wing  are  usually  too  thin  to  carry  the  suction  air  over  long  spanwise  distances  in 
such  first  spanwise  ducts  in  a corrugated  sandwich  skin,  the  suction  air  may  often  have  to  be  ducted 
from  the  first  spanwise  ducts  to  short  chordwise  ducts,  which  dump  the  suction  air  into  larger  main 
spanwise  ducts  to  suction  compressor  booster  stages.  To  minimize  structural  weight  these  chordwise 
ducts  may  be  integrated  with  chordwise  ribs  especially  in  the  area  of  the  main  load  carrying  box; 
in  the  rear  pressure  rise  area  they  may  be  formed  by  chordwise  corrugations  integrated  for  example  with 
a sanawich  wing  skin.  The  main  spanwise  ducts  can  be  located  in  areas  where  the  wing  is  sufficiently 
thick  to  allow  long  spanwise  ducts  of  adequate  crossection  and  small  losses,  with  their  vertical  walls 
(lightweight  sandwich  skins)  carrying  vertical  and  torsional  shear,  thus  minimizing  wing  structural 
weight.  The  above  mentioned  suction  compressor  booster  stages  reenergize  the  suction  air  of  ducts  of 
different  total  energy  levels  to  a common  total  pressure  level,  from  where  a common  duct  leads  to  the 
main  suction  compressor,  which  accelerates  the  suction  air  to  flight  speed  (for  a turboprop  powered 
LFC  airplane)  or  close  to  fan  air  exhaust  velocity  (for  a turbofan  powered  LFC  airplane).  Whenever 
the  suction  air  is  transferred  and  turned  into  other  ducts  flow  turning  nozzles  should  preferably 
be  provided  to  minimize  local  losses  and  flow  pulsations;  local  flow  separation  should  be  a/oided  and 
aerodynamic  losses  minimized  through  a careful  aerodynamic  design,  providing  adequate  overall  flow 
acceleration  through  these  turning  nozzles.  Furthermore,  to  retain  the  momentum  of  the  suction  air 
in  duct  flow  direction  and  minimize  at  the  same  time  duct  losses  the  suction  air  should  be  introduced 
into  the  suction  ducts  through  carefully  laid  out  flow  turning  nozzles  or  vanes,  preferably  in  such  a 
manner  that  secondary  flow  losses  arid  the  relatively  high  duct  friction  losses  associated  with 
secondary  flow  in  ducts  (see  for  example  G.  I.  Taylor  or  J.  Ackeret)  are  minimized.  Duct  wall  friction 
losses,  of  course,  decrease  rapidly  by  lowering  the  duct  flow  velocities  (by  increasing  the  duct 
diameters  and  cross-sectional  areas)  and  the  duct  length  to  hydraulic  diameter  ratio  l^^/d.  For  given 

duct  exit  conditions,  and  duct  lengths,  the  duct  total  energy  losses,  resulting  from  the  formation  of  duct 
wall  boundary  layers  under  the  action  of  surface  friction  and  pressure  gradients,  can  be  further 
reduced  by  strong  duct  flow  acceleration;  i.e.,  maintaining  low  duct  flow  velocities  and  adequate  duct 
cross-sect ions  in  the  upstream  duct  areas  and  locally  introducing  the  suction  air  into  the  duct  at  about 
the  same  or  only  slightly  higher  velocities  than  the  local  duct  velocity  every  where  along  the  duct. 

In  principle  at  least,  if  it  should  prove  feasible  to  strongly  accelerate  the  duct  flow  minimize 
or  preferably  eliminate  secondary  flow  in  the  ducts  and  always  introduce  the  suction  air  into  the  ducts 
at  the  local  duct  flow  velocity  along  the  entire  duct  length,  extensive  or  full  length  laminar  duct 
flow  may  be  feasible  at  least  from  the  standpoint  of  amplified  TS-disturbances  in  the  duct  boundary 
layers  up  to  surprisingly  high  duct  length  Reynolds  numbers.  Of  course,  to  avoid  premature  transition 
due  to  the  turbulent  wakes  of  the  duct  inflow  turning  nozzles  local  suction  is  probably  required  to 
establish  thin  laminar  wakes  downstream  of  the  duct  flow  turning  nozzles.  Since  the  duct  total  pressure 
losses  due  to  the  formation  of  the  duct  wall  boundary  layers  depend  on  the  boundary  layer  displacement 
thickness  6*  at  the  duct  exit  transition  Bhould  be  enforced  at  this  station  to  decrease  * * by 
Uo  percent  to  6*  * assuming  constant  boundar*  layer  momentum  thickness  0 during  tiansitfon. 
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Extremely  small  duct  total  energy  losses  would  thus  basically  result  with  full  length  laminar  duct 
flow  especially  at  higher  duct  length  Reynolds  numbers. 


6.1.3  Minimization  of  Auction  Ducting  Throttling  - and  Mixing  Losses  In  the  Rear  Pressure  Rise  Area  of 
LFC  Wings 

The  external  static  pressure  and  as  a result  the  total  pressure  of  the  sucked  boundary  layer 
increases  substantially  from  the  location  of  minimum  pressure  towards  the  trailing  edge  of  LFC  wings, 
where  the  highest  suction  rates  are  usually  needed  for  laminarizat ion , causing  additional  throttling 
and/or  mixing  losses  as  a result  of  the  chordvise  variation  of  the  pressure  difference  Ap  between  the 
external  surface  and  the  suction  duct.  The  question  then  arises  concerning  the  minimization  of  the  sum 
of  these  additional  throttling  and/or  mixing  losses  and  the  duct  wall  friction  losses. 

The  additional  duct  throttling  and/or  mixing  losses  associated  with  the  chordwise  variation  of  Ap 
in  the  rear  pressure  rise  area  of  LFC  wings  can  basically  be  minimized  by  closely  approaching  the  ideal 
individual  reenergization  of  each  sucked  boundary  layer  particle  in  a large  number  of  separate 
relatively  small  suction  ducts  with  individual  suction  compressor  booster  stages,  at  the  cost  of 
increased  complexity  and  duct  wall  friction  losses  (due  to  larger  total  duct  wetted  area  with  more  ducts). 
Therefore,  to  decrease  the  number  of  suction  ducts  in  the  rear  pressure  rise  area  of  LFC  wings  without 
excessive  additional  losses  the  mixing  losses  of  each  individual  duct  should  be  minimized  as  follows: 
Instead  of  throttling  the  suction  air  in  the  outer  suction  skin  and/or  the  inner  structural  skin 
(method  a)  in  slots,  holes  or  other  throttling  devices  the  sucked  boundary  layer  can  be  injected 
tangentially  (in  duct  flow  direction)  into  the  ducts  through  flow  turning  nozzles  or  vanes  (method  b).* 

In  the  areas  where  the  pressure  difference  between  the  external  surface  and  a particular  duct  are 
especially  large  (i.e.  towards  the  rear  part  of  the  wing  in  each  duct)  the  pressure  drop  across  the 
above  mentioned  flow  turning  nozzles  is  also  larger  to  raise  accordingly  the  corresponding  nozzle  exit 
velocity  at  the  entrance  into  the  duct,  being  usually  substantially  larger  than  the  mean  duct  velocity. 
Under  such  conditions  the  duct  total  pressure  rises  substantially  due  to  jet  mixing  according  to 
conservation  of  mass  and  momentum  to  often  more  than  compensate  for  duct  wall  friction  losses.  To 
maintain  uniform  spanwise  suction  in  the  presence  of  such  a rising  duct  total  pressure  due  to  Jet  mixing 
tne  duct  regions  of  lower  static  pressure  at  the  beginning  of  the  duct  should  preferably  be  connected 
witn  external  suction  surfaces  which  are  located  somewhat  further  upstream  on  the  wing  surface  in  a 
region  of  lower  static  pressure,  and  vice  versa,  thus  ensuring  reasonably  uniform  total  pressure 
difference  along  the  span  between  the  duct  and  the  external  surface. 


Duct  mixing  losses  in  pressure  rise  areas  might  decrease  further  by  introducing  lower  total  energy 
suction  air  of  upstream  wing  areas  into  lower  total  energy  areas  of  suction  ducts  (preferably  short 
aucts),  along  which  the  duct  total  pressure  rises  as  a result  of  Jet  mixing  between  the  duct  flow 
and  the  suction  air  entering  the  duct  through  vanes  at  higher  than  duct  velocities,  and  vice  versa 
(method  b’)*  fig.  106).  For  a given  number  of  suction  ducts  the  chordwise  variation  of  the  total 
pressure  difference  of  the  suction  air  between  the  external  surface  and  the  suction  ducts  and  the 
resulting  duct  mixing  losses  then  decrease  approximately  by  the  ratio  *'(l  + n mixing)--*-,  or  for  the 
sune  duct  mixing  losses  the  chordwise  external  static  pressure  variation  across  a particular  duct  may 

be  raised  by  the  ratio  (1  ♦ n . . ) to  allow  (l  + n . . ) times  fewer  spanwise  ducts.  At  the  duct 

mixing  'mixing  y 

ends  the  suction  air  of  two  or  more  ducts  with  relatively  small  total  energy  differences  may  be  mixed 
efficiently  by  booster  fans,  rotating  preferably  on  the  same  shaft  as  the  main  suction  compressor 
booster  stages  which  raise  the  total  energy  of  all  ducts  to  a common  level  (fig.  107).  Simpler  but 
less  efficient  Jet  mixing  at  the  duct  ends  may  substitute  for  above  mentioned  booster  ferns  (fig.  107) 
with  the  disadvantage  of  a more  irregular  inflow  into  the  suction  compressor  booster  stages  to  raise 
accordingly  their  noise. 


flight  speed)  due  to  duct  wall  friction 

uTv  /U^  with  the  methods  (a),  (b),  (b * ) 
Duct  o 


Estimates  of  duct  total  energy  losses  ^ * AH/£  (U 
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and  mixing  are  shown  in  the  figures  107-111  versus  the  ratio 

for  different  external  pressure  rises  Ap/q  across  individual  ducts  and  various  duct  lengths. 

Uniform  chord  and  spanwise  suction,  a linear  external  pressure  rise,  constant  duct  velocity  u^  along 
the  duct  (*),  and  turbulent  pipe  friction  losses  without  major  secondary  flow  losses  were  assumed 
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h0).  Additional  duct  wall  friction  losses  due  to  Jet  mixing  of  the 


incoming  suction  air  with  the  duct  flow  as  well  as  total  energy  losses  in  the  external  suction  skin 
and  inlet  flow  turning  nozzles  or  vanes  were  neglected  in  this  simplified  analysis. 


In  view  of  the  smaller  duct  losses  with  methods  (b)  and  (b*),  as  compared  to  throttling  method  (a), 
primary  emphasis  is  given  to  the  methods  (b)  and  ( b ' ) . With  increasing  duct  velocity  u^  the  duct 
friction  losses  increase  approximately  proportional  to  u^  (more  accurately  for  turbulent  duct 

flow),  while  the  duct  mixing  losses  with  methods  (b)  and  to')  (proportional  to  (ug  - u^)^)  decrease  at 
larger  duct  velocities  u^  (see  figs.  108-110)  as  a result  of  the  smaller  velocity  difference  Ug  - u^ 
between  the  suction  air  tangentially  entering  the  duct  at  velocity  u^  and  the  mean  duct  flow. 

Correspondingly  higher  Jet  mixing  efficiencies  n then  result  at  higher  duct  velocities 

mixing  D 

(figures  112,  113;  rlnlxing  versus  up/u0  for  different  external  pressure  rises  Ap/^  across 

individual  ducts  with  methods  (b)  and  (b1)).  The  duct  total  energy  losses  AH.  ...  . , , then 

~ friction  ♦ mixing 

minimize  at  an  optimum  duct  velocity  u^  /U  . For  smaller  or  larger  duct  velocities  the  respective 

opt  ° 


•Figure  105 

•In  practice,  the  duct  velocity  will  usually  increase  from  the  beginning  to  the  end  of  the  duct. 
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mixing  or  friction  losses  dominate.  For  longer  ducts,  duct  friction  losses  increase,  shifting  the 
optimum  duct  velocity  to  lower  values,  and  vice  versa.  In  contrast,  the  duct  total  energy  losses 
with  the  throttling  method  (a)  increase  continuously  with  increasing  duct  velocity  and  are  substantially 
larger  thanwith  the  more  efficient  methods  (b)  and  especially  (b')«  Furthermore,  duct  total  energy 
losses  due  to  the  formation  of  thick  duct  wall  boundary  layers,  when  the  suction  air  is  introduced  at 
a normal  angle  into  the  duct  through  throttling  holes,  are  substant ially  larger  than  the  conventional 
turbulent  pressure  drop  in  pipes,  as  verified  experimentally.  Therefore,  throttling  method  (a)  should 

be  used  only  for  smaller  Ap  _ /q  and  with  low  duct  velocities. 

^surface  x> 

With  increasing  external  pressure  rises  **or  individual  ducts  the  duct  mixing  losses 

increase,  while  the  duct  wall  friction  losses,  on  the  other  hand,  decrease  as  a result  of  the  smaller 
total  duct  wetted  area  and  the  correspondingly  increased  duct  hydraulic  diameter  with  the  fewer  larger 

size  ducts  for  larger  ratios  Ap  „ /q:  the  total  duct  losses,  i.e.  the  sum  of  duct  friction  and 

^surface 

mixing  losses,  then  increase  with  increasing  ^Psurface/(1o* 

The  duct  mixing  and  total  losses  decrease  further  by  connecting  the  low  pressure  rise  areas  on  the 
external  surface  with  the  lower  total  pressure  areas  at  the  beginning  of  relatively  short  mixing  ducts 
in  a suitable  manner,  and  vice  versa  (method  (b')»  fig.  10b).  With  the  resultant  smaller  pressure 

differences  between  the  external  surface  and  the  duct  (at  a given  Ap  _ /q  for  an  individual  duct) 

^surface  o 

the  duct  mixing  losses  are  inherently  smaller  in  addition  to  the  correspondingly  higher  Jet  mixing 
efficiency  (fig.  113)  due  to  the  smaller  total  pressure  difference  between  the  duct  and  the  external 
surface  with  method  (b*)»  as  compared  to  (b).  Under  otherwise  the  same  conditions  the  optimum  duct 
velocity  for  minimum  duct  friction  ♦ mixing  losses  is  lower  with  method  (b')  than  with  (b)  (figures 
108-110). 

Equal  duct  mixing  losses  with  methods  (b)  and  ( b ' ) result  when  the  pressure  differences  between 
the  duct  and  the  external  surface  are  equal.  ^Psurface^S>  **°r  a P^^icular  duct  then  increases  by  the 

factor  (1  ♦ Hm^x)  to  decrease  accordingly  the  duct  number  by  the  ratio  (l  ♦ r^^)  With  such  fewer 

ducts  turbulent  duct  wall  friction  losses  (assuming  the  same  total  cross-sectional  area)  decrease 

by  a factor  (1  ♦ D . )”0«6;  i.e.  , for  a given  sum  of  duct  friction  + mixing  losses  (fox  the  same  duct 
mix 

length  and  - cross-sectional  area)  the  number  of  suction  ducts  with  method  (b' ) may  be  Uo  percent  to 
U5  percent  smaller  than  with  method  (b).  This  consideration  can  become  crucially  important  in 
simplifying  the  LFC  suction  ducting  design. 

In  many  practical  applications  the  suction  ducts  cannot  always  be  designed  according  to  loss 
minimization  considerations.  At  the  beginning  or  end  of  the  duct  the  duct  flow  velocity  will  usually 
be  smaller  or  larger,  respectively,  than  the  optimum  duct  flow  velocity.  However,  considerable 
deviations  from  the  optimum  do  not  raise  the  duct  losses  appreciably.  To  reduce  duct  cross-sectional 
areas  somewhat  larger  duct  velocities  than  for  minimum  duct  friction  ♦ mixing  losses  will  usually  be 
chosen. 

Additional  mixing  losses  must  be  accepted  when  suction  ducts  of  different  total  energy  levels  are 
Joined  to  a larger  common  duct  prior  to  entering  the  booster  suction  compressors,  which  reenergize  the 
suction  air  to  a common  toted  energy  level.  These  additional  losses  can  be  kept  relatively  small  by 
accelerating  the  flow  of  the  various  ducts  in  the  mixing  region  to  a higher  velocity,  being  feasible 
as  long  as  the  suction  air  does  not  have  to  be  decelerated  into  the  booster  suction  compressors. 

Assuming,  for  example,  U_  * 0,39  U » Ap  _ /q  =0.1  and  mixing  two  adjacent  ducts  with  a total 
D,,  , o surface  o 

End 

pressure  difference  of  0.1  • qQ  the  additional  mixing  losses  at  the  end  would  be  AH  = 0,005  * qQ. 


6.2  Experimental  Auction  Duct  Investigations  (Pefs.  88,  89,  93-97). 


In  order  to  develop  sucj^on  du£ts  with  minimum  losses,  the  total  pressure  losses  in  various  ducts 
were  investigated.  Ducts  (l)  , are  relatively  simple  ducts  where  the  suction  air  entered  the 

duct  through  a 2-dimensional  slot  or  through  holes  in  the  direction  normal  to  the  duct  flow  (figs. 

Ill*,  115);  no  attempts  had  been  made  to  retain  the  momentum  of  the  suction  air  in  duct  flow  direction 
during  its  entry  into  the  duct.  Figure  116  represents  the  measured  static  pressure  distribution  along 
ducts  1 and  2 , indicating  large  duct  total  energy  losses 
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friction  losses  (AH/q, 


2 and  2.3  with  JL /<L  d * 22.5  for  ducts  (T)  and  , respectively). 
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Evidently,  with  the  suction  air  entering  duct  Ql)  through  a 2-dimensional  slot  without  flow  turning 
vanes,  a strong  secondax*y  flow  with  correspondingly  high  losses  must  have  developed  in  duct  Qj  . 

With  the  suction  air  entering  duct  \2J  through  holes  nonnal  to  the  duct  flow,  even  higher  ductiosses 
apparently  resulted  from  the  accumulation  of  a very  thick  low-energy  boundary  layer  on  the  duct  wall 
containing  the  holes,  with  the  duct  flow  passing  at  high  velocity  through  a small  effective  duct  area 
towards  the  opposite  duct  wall.  These  high  duct  losses  could  be  greatly  reduced  by  turning  the 
incoming  suction  air  tangentially  into  the  direction  of  the  duct  flow  by  means  of  vanes  or  nozzles. 

TJ^e  figures  117-119  show  the  geometry  and  cross-sectional  area  variation  along  the  length  of  such  duct 
Uv)  , Qv)  with  flow  inlet  turning  vanes  and  duct  (2n)  with  flow  inlet  turning  nozzles.  The  figures 
120-1 22  show  the  static  pressure  along  the  duct  length,  from  which  the  duct  pressure  variation  due  to 
duct  flow  acceleration  and  Jet  mixing  of  the  incoming  suction  air  with  the  mean  duct  flow  were  sub- 
tracted to  obtain  the  duct  total  energy  losses  due  to  duct  wall  friction  and  secondary  flow.  The 
exit  cross-section  of  the  inlet  vanes  and  nozzles  had  been  constant  along  the  duct  length;  thus, 
with  suction  reasonably  uniform  in  spanwise  direction,  the  suction  air  entered  the  duct  at 
approximately  the  same  tangential  velocity  u^,  along  its  entire  length.  As  a result,  with  the  lower 
duct  velocities  and^the  correspondingly  largex*r®i°c^y  differences  u^  - u^  towards  the 

beginning  of  the  ducts  (2ry  , Hv)  and  especially  Qv)  , Jet  mixing  caused  a rather  rapi  rise  of 
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the  duet  static  pressure  in  this  region,  compensated  further  downstream  in  the  region  of  higher  duct 
velocities  by  increased  duct  friction  and  secondary  flow  losses.  The  duct  pressure  rise  due  to  Jet 
mixing  increased  with  increasing  suction  air  inlet  velocity  ratio  u^/u^  from  a ratio  0.88  for  duct 

to  1.05  for  duct  (jv)  and  1.5  for  duct  (^)  • The  duct  wall 
follow  by  subtracting  from  the  measured  duct  static  pressure  the 
federation  and  Jet  mixing  (figures  120-122  for  ducts  ^v)  , (2n)  , ( 
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at  higher  Re. 


P'urther  investigations,  however,  showed  substant ially  smaller  losses  with  duct  © 
indicating  that  laminar  separation  on  the  turning  vanes  of  duct  at  their  low  flow  Reynolds 

numbers  must  have  caused  substantially  increased  local  pressure  drag  and,  as  a result,  duct  total 
energy  losses  at  lower  duct  length  Reynolds  numbers  (ref.  123). 


In  summary,  as  compared  to  plain  ducts  or  plenum  chambers,  where  the  tangential  momentum  of  the 
suction  air  in  duct  flow  direction  was  not  retained,  duct  total  energy  losses  decreased  by  a factor 
3 to  1*  when  the  incoming  suction  air  was  turned  tangentially  into  duct  flow  direction  by  suitable  vanes 
or  nozzles. 


Since  the  duct  total  energy  losses  thus  evaluated  still  appeared  relatively  large  as  compared  to 
theoretical  values  expected  from  turbulent-pipe  friction  losses,  the  question  arose  concerning  the 
origin  of  such  additional  duct  losses  and  the  possibility  for  a further  substantial  reduction  of 
duct  losses. 


The  measured  static  duct  pressure  depends  on  the  duct  total  energy  losses,  the  mean  duct  flow 
acceleration,  and  the  Jet  mixing  of  the  incoming  suction  air  with  the  mean  duct  flow.  Therefore,  in 
order  to  eliminate  or  minimize  any  uncertainties  associated  with  the  duct  pressure  rise  due  to  Jet 
mixing,  further  suction  ductB  Qj  to  Q were  investigated  whose  suction-air  inlet  velocity  u_^_ 
into  the  duct  was  everywhere  equal  or  cJ^Be  to  the  local  mean  duct  velocity  u^.  The  first  duct^Ql) 
thus  investigated  was  similar  to  duct  Ow  and  had  flow-turning  vanes  designed  and  located  similarly  as 
with  duct  Hv)  , except  that  u-  ~ u everywhere  along  the  duct  (fig.  123).  In  order  to  separate  duct 
total  energy  losses  due  to  the  formation  of  duct  wall  boundary  layers  from  those  resulting  from  duct 
secondary  flow  boundary  layer  measurements  were  conducted  at  the  downstream  end  of  the  duct  at  different 
Re^’s.  The  duct  total  energy  losses,  subtracting  the  duct  flow  acceleration  and  *, hp  very  minor  pressure 
rise  due  to  Jet  mixing  was  of  the  same  order  as  with  the  previous  ducts  Qev)  , ' 2n)  , /3v;  (fig.  12U ) . However, 
the  duct  total  energy  losses  due  to  the  formation  of  the  wall-boundary  layer  at  the'  downstream  end  of 
the  duct  were  substantially  smaller  and  consistent  with  turbulent  pipe-flow  estimates;  hence, 
rather  strong  secondary  flow-duct  losses  must  have  substantially  contributed  to  the  duct  losses 
(figure  12b).  Therefore,  in  order  to  minimize  such  secondary  flow  losses,  suction  duct  (i)  was 
modified  in  such  a manner  at  secondary  flow  in  the  suction  ducts  induced  by  the  incoming  air  should 
be  greatly  reduced  (duct  , figure  125),  maintaining  the  same  duct  cross-sectional  areas  and 

inlet  vane  geometry  as  with  duct  Cl)  • Subtracting  the  duct  pressure  variation  due  to  mean  duct  flow 
acceleration  and  the  weak  Jet  mixing  from  the  measured  duct  static  pressure,  gave  substantially  smaller 
duct  total  energy  fosses  due  to  duct-wall  friction  and  secondary  flow  (figure  126),  as  compared  to  ducts 
Cl  ■ Uv)  , (3v)  , (2n)  , (7).  Subtracting  the  duct  total  energy  losses  due  to  the  formation  of  wall 
Dounuary  layers  at  the  downstream  duct  end  from  the  duct  total  energy  losses  showed,  indeed, 
substantially  reduced  duct  secondary  flow  losses  with  the  more  ideal  duct  uu  where  the  suction  air 
entered  the  duct  symmetrically  without  major  secondary  flow,  as  compared  to  ductfl),  where  the  suction 
air  entered  the  duct  asymmetrically  to  cause  a secondary  flow  in  the  duct  (figs.  123,  12b  L.  The 
puzzling  question,  though,  arose  as  to  the  higher  duct-wall  boundary  layer  losses  of  duct  UD,  as 
compared  to  ductQl).  Apparently,  the  duct  inflow  turning  vanes  of  duct  Ql)  had  been  improperly  sealed 
against  the  side  walls,  increasing  as  a result  duct  friction  and  secondary  flow  losses.  After 
correcting  this  deficiency,  the  duct-wall  boundary  layer  losses  were,  indeed,  further  reduced,  while 
duct  secondary  flow  losses  practically  vanished,  at  least  at  higher  Ren's  (figs.  127,  128).  Thus, 


extremely  small  duct  total  energy  losses  (AH^/q^  * 0.125  for  l^/d^ 


20)  appear  feasible 
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with  carefully  designed  ducts,  introducing  the  suction  air  tangentially  into  the  suction  duct  by 
properly  designed  vanes  at  the  local  duct  velocity  in  such  a manner  that  duct  secondary  flow  is 
minimized. 


Boundary  layer  measurements  at  the  duct  end  showed  laminar  and  turbulent  duct  wall  boundary  layers, 
respectively,  at  low  and  higher  duct  length  Reynolds  numbers  Re^ , respectively  (figs.  129,  130). 

The  duct  losses  due  to  the  boundary  layer  displacement  thickness  6*  at  the  end  of  the  duct  with 
laminar  duct  flow  at  lower  Re^ 1 s might  be  reduced  by  about  bO  percent  by  enforcing  transition  at  the 
duct  ends  and  lowering  6*  by  bo  percent  (assuming  0 remains  constant  during  transition). 

In  view  of  the  strong  flow  acceleration  in  LFC  suction  ducts,  one  might  speculate  from  the 
standpoint  of  amplified  TS-duct  wall  boundary  layer  oscillations  for  laminar  duct  flow  and,  as  a 
result,  extremely  low  duct  losses  up  to  higher  duct  flow  Reynolds  numbers  (figure  131).  This  may  be 
accomplished  by  strongly  accelerating  the  duct  flow,  minimizing  duct  secondary  flow  losses, 
introducing  the  suction  air  everywhere  at  the  local  duct  velocity  into  the  duct,  and  maintaining 
laminar  vakes  downstream  of  the  duct  inflov  turning  vanes  through  local  suction  close  to  their 
trailing  edges. 


3*22 


Duct  flj  is  an  ideal  suction  duct  of  negligibly  small  secondary  flow  losses  with  symmetrically 
located  suction  air  inlet  vanes,  where  the  suction  air  enters  the  duct  everywhere  at  or  close  to  the 
local  duct  velocity.  The  duct  total  pressure  decreases  then  essentially  according  to  the  duct  wall 
friction  losses,  while  the  duct  flow  acceleration  must,  in  addition,  be  taken  into  account  to  obtain 
the  duct  static  pressure.  In  order  to  ensure  the  uniform  spanwise  suction  variation  desirable  in  most 
cases,  the  suction  ducts  should  preferably  be  connected  with  the  external  LFC  surfaces  in  such  a 
manner  that  the  difference  between  the  external  surface  static  pressure  (being  about  equal  to  the  total 
pressure  of  the  sucked  boundary  layer  when  area  suction  is  closely  approached)  and  the  duct  total 
pressure  (assuming  u^.  * u^  ) is  reasonably  uniform  along  the  span.  In  other  words,  the 

local  local 

downstream  duct  areas  at  the  duct  end  of  lower  total  energy  should  preferably  be  connected  with  upstream 
external  LFC  surfaces  of  somewhat  lower  static  pressure  in  the  rear  pressure-rise  area  of  LFC  wings, 
and  vice  versa. 

In  many  cases,  long  suction  ducts  of  constant  total  energy  along  their  length  with  their  slots, 
etc.  along  isobars,  appear  simpler  in  securing  uniform  spanwise  suction,  especially  in  the  flat-pressure 
region  of  LFC  wings.  This  can  be  accomplished  by  compensating  for  the  duct-wall  friction  and  secondary 
flow  total  pressure  losses  by  a pressure  rise  due  to  Jet  mixing,  when  the  suction  air  enters  the  duct 
at  a velocity  Ug  somewhat  larger  than  the  mean  duct  flow  velocity  up.  For  carefully  laid-out  ducts 
with  negligible  secondary  flow  and  small  wall  friction  losses,  this  duct  pressure  rise  due  to  Jet  mixing 
can  accordingly  be  relatively  small. 

In  other  cases,  as  experienced  for  example  sometimes  in  the  flat-pressure  region  of  the  X-21 
upper-wing  surface,  the  static  pressure  on  the  external  LFC  surface  may  be  lower  at  the  beginning 
of  the  duct  than  at  the  duct  end.  To  ensure  adequate  suction  in  the  low-pressure  region  of  the  wing 
at  the  beginning  of  the  duct,  suction  ducts  with  a rising  total  pressure  >-  vong  the  duct  are  needed. 

This  can  be  accomplished  by  further  increasing  the  ratio  (u^/u^)  and  the  resulting  duct  total 

local 

pressure  rise  due  to  Jet  mixing  to  more  than  compensate  for  duct-wall  friction  and  pressure-drag  losses. 
In  other  words,  the  static  and  total  pressure  distribution  in  suction  ducts  can  be  tailored  within  a 
rather  wide  range  by  Judiciously  selecting  u^  and  u,  along  the  duct  length.  It  should  be 
cautioned,  though,  that  the  duct-wall  boundary  layer  tnickness  increases  more  rapidly  in  the  presence 
of  a rising  duct  pressure  due  to  Jet  mixing,  resulting  from  the  pressure  gradient  term  in  the  momentum 
equation  of  the  duct-wall  boundary  layer.  Furthermore,  with  the  suction  air  entering  the  ducts  at 
velocities  larger  than  mean  duct  velocity,  correspondingly  higher  duct-wall  friction  losses  must  in 
addition  be  expected.  In  other  words,  strong  Jet  mixing  in  suction  ducts  should  preferably  not  be  used 
to  compensate  for  a sloppy  design  of  the  external  LFC  surfaces. 

Figure  132  8 hows  the  measured  static  pressure  distribution  in  duct  when  the  suction  air  inlets 
to  the  duct  were  partially  taped  off  at  the  beginning  of  the  duct  and  u£  of  the  incoming  suction  air 
was  therefore  larger  than  the  local  duct-flow  velocity  to  raise  the  static  pressure  over  a large 

part  of  the  duct  length  in  spite  of  the  pressure  drop  due  to  duct-flow  acceleration.  Theoretical 
estimates  of  K.  Rogers,  using  conservation  of  momentum  and  mass,  agree  reasonably  close  with  the 
measured  duct  static  pressure  distribution. 


7.  STRUCTURAL  LFC  INVESTIGATIONS. 


Structural  aspects  of  LFC  wings  have  been  studied  in  considerable  detail  by  the  Northrop  Boundary 
Layer  Research  Group,  leading  essentially  with  relatively  minor  modifications  to  the  structural 
development  of  the  X-21  LFC  wing.  The  enclosed  appendix:  "Stiuctural  Aspects  of  Low  Drag  Suction 

Airfoils,”  by  J.  Wieder  and  W.  Pfenninger,  presents  a summary  of  some  of  these  activities. 


CONCLUDING  REMARKS 


1.  100*  laminar  flow  with  * .0011  was  obtained  up  to  Re  * 17  • 106  on  a 15*  thick  slotted 

00  c 

Northrop  LFC  wing  in  the  NAP&nLangley  TDT-tunnel , confirming  suction  laminarization  at  much  higher 
Rec's  at  lower  turbulence  levels. 

2.  A practical  aerodynamically  and  structurally  satisfactory  LFC  suction  method,  using  closely  spaced 
spanwise  slots,  was  developed. 

3.  100*  laainar  flow  existed  on  the  F9U  LFC  wing  glove  up  to  Re  * 37  • 10^  (test  limit),  with 

CD  * .C00U5  (upper  surface)  at  Rec  * 30  • 10^.  Laminar  flow  in  flight  on  LFC  wings  is  thus 

min 

possible  at  much  higher  Rec’s  than  in  low  turbulence  tunnels  due  to  the  vanishing  influence  of 
the  atmospheric  microscale  turbulence  on  transition. 

U.  On  a 8:1  fineness  ratio  Reichardt  LFC  body  of  revolution  with  llU  slots  (between  X/L  •0.03  and 

0.99) t 100*  laminar  flow  with  * .00027  (baaed  on  wetted  area)  existed  up  to  ReL  » 57.8  • 10^ 

min 

in  the  Ames  12- foot  tunnel.  The  theoretically  predicted  strong  boundary  layer  stabilization  by 
distributed  suction  was  thus  verified,  being  much  more  effective  than  geometry  alone.  For  the 
Reichardt  LFC  body  and  other  LFC  surfaces  Rei  - (u'/U  )”^;  i.e.,  drastically  reduced  initial 

lam.  00 

disturbances  enable  much  higher  Re  on  LFC  surfaces. 

ha. 
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5.  To  prevent  transition  and  control  the  particularly  critical  boundary  layer  crossflow  instability 
especially  in  the  leading  edge-  and  rear  pressure-rise  areas  of  swept  LFC  wings  at  higher  Re  ' s, 
suction  is  needed  along  the  entire  chord  with  somewhat  higher  overall  suction  rates  than  for 
straight  LFC  wings,  with  particularly  strong  suction  in  the  leading  edge-  and  rear  pressure 

rise  areas  (according  to  an  analysis  of  the  boundary  layer  development  and  stability  on  swept  LFC 
wings,  confirmed  experimentally  on  30°  swept  modified  NACA  66012  slotted  LFC  wing  in  Ames  12-foot 
tunnel  with  full  chord  laminar  flow  up  to  Rep  * 29  • 10  , with  C^  * .00096  at  small  a's). 

min 

6.  Without  special  precautions,  spanwise  turbulent  contamination  along  the  front  attachment  line  of 
swept  LFC  wings  usually  destroy  their  laminarization  at  Rea  > 90  to  100.  It  is  delayed  to 

6a.l.  ~ 

higher  Re.  by  establishing  a new  undisturbed  laminar  initial  attachment  line  boundary  layer 
a.l. 

by  means  of  a laminarized  leading  edge  suction  fence,  suitable  leading  edge  extensions,  etc. 

7.  The  influence  of  external  and  internal  acoustic  disturbances  on  LFC  surfaces  was  studied.  A 
better  understanding  of  physical  phenomena  involved  was  gained.  Methods  were  established  to  raise 
the  permissible  external  and  internal  sound  pressure. 

8.  The  influence  of  various  types  of  suction  induced  disturbances  on  LFC  was  studied,  and  approaches 
were  developed  to  minimize  or  avoid  such  disturbances. 

9.  Permissible  LFC  surface  tolerances  were  established  for  unswept  and  swept  LFC  wings.  (2-  and 
3-dimensional  surface  disturbances).  Properly  placed  local  suction  in  areas  of  surface  steps 
doubled  the  permissible  step  height. 

10.  Laminar  flow  existed  on  a supersonic  low  drag  suction  plate  and  a suction  ogive  of  revolution 

up  to  Re^  * 51  • 10^  with  three  to  four  times  smaller  drags  than  for  a turbulent  plate.  Laminar 

flow  by  means  of  suction  was  demonstrated  on  laminar  suction  plates  through  and  downstream  of 

relatively  strong  incident  shocks  up  to  Re.  * 26  • 10^  at  M * 3 (1.6  shock  pressure  ratio). 

u 

11.  Structural  and  suction  duct  design  investigations  verified  low  structural  LFC  weight  penalties 
and  duct  losses  through  careful  designs. 


APPENDIX  A 


STRUCTURAL  ASPECTS  OF  LOW  DRAG  SUCTION  AIRFOILS 

J.  Wieder  and  W.  Pfenninger 
Presented  at  IAS-Meeting,  June  196l , L.A. 


1 . Introduction 

Extensive  laminar  flow  on  the  surfaces  of  an  airplane  by  means  of  boundary  layer  suction  will  increase 
its  range  and  endurance.  The  airplane  range  depends  on  the  airplane  lift  to  drag  ratio,  the  specific  fuel 
consumption  of  the  propulsion  system  and  the  airplane  weight  ratio  between  beginning  and  end  of  the  flight, 
which  in  turn,  is  influenced  by  the  airplane  structural  weight. 

With  the  reduction  in  friction  drag  by  means  of  boundary  layer  suction,  the  induced  drag  becomes 
increasingly  important.  In  order  to  achieve  the  full  advantage  from  the  application  of  boundary  layer 
suction,  it  is  desirable  to  reduce  the  induced  drag  at  the  same  time  as  the  friction  drag  by  increasing 
the  wing  span.  With  the  large  wing  spans  of  an  optimized  laminar  suction  airplane,  the  structural  designer 
is  thus  immediately  faced  with  the  problem  of  designing  these  large  suction  wings  with  minimum  structural 
weight  within  the  requirements  of  strength  and  stiffness,  with  the  suction  air  ducting  system  installed, 
and  with  the  close  surface  tolerances  required  for  extensive  laminar  flow.  In  order  to  minimize  the  wing 
structural  weight,  the  inertia  weights  should  be  distributed  over  the  wing  span,  the  walls  of  the  suction 
air  ducts  should  preferably  be  combined  with  the  structural  elements  of  the  wing,  such  as  wing  skin,  shear 
webs,  longitudinal  stiffeners,  ribs,  etc.  Continuous  suction  on  the  wings,  being  optimum  aerodynamically , 
can  be  closely  approached  by  removing  the  slowest  boundary  layer  air  particles  close  to  the  wing  surface 
through  a large  number  of  fine  slots.  The  resulting  low  flow  velocities  and  small  Reynolds  numbers  for 
the  slot  flow  enable  the  use  of  relatively  simple  suction  slots,  which  can  be  cut  into  a thin  outer  wing 
skin,  which  in  turn  is  bonded  to  a continuous  thicker  inner  skin.  The  suction  air  passes  through  the 
slots,  spanwise  grooves  and  holes,  drilled  into  the  inner  skin  underneath  the  slots,  into  the  suction  ducts 
and  to  the  suction  compressor.  With  the  exception  of  the  holes  in  the  inner  skin,  both  wing  skins  are 
structurally  efficient  for  wing  bending  strength  and  stiffness. 


2 . ELC  Wing  Components 

Two  current  wing  skin  versions  (fig.  133)  type  A,  the  solid  skin,  representative  of  inboard  loading 
indices,  and  type  B,  the  honeycomb  sandwich,  of  outboard  loading  indices  and  trailing  edge  surfaces, 
exemplify  upper  and  lower  high  subsonic  wing  surfaces.  The  range  of  geometries  indicated  is  determined 
by  the  chordwise  location  of  the  slot.  These  are  all  bonded  assemblies  with  drilled  holes  and  the  slots 
cut  by  means  of  a trackmounted  saw  with  a rotating  blade.  The  sheet  with  plenums  in  the  honeycomb  sandwich 
is  chemically  milled  to  the  proportions  shown. 

Previously  reported  static  tension  and  shear  tests  of  perforated  sheets  of  an  aluminum  alloy  with  com- 
parable hole  diameter  to  row  ratios  (ref.  99)  indicate  no  measureable  loss  of  net  area  efficiency.  Built- 
up  panels  tested  in  compression  similarly  developed  net  area  deformations  and  buckling  stresses.  Groups 
of  U”  x 20”  simply  supported  panels,  representative  of  low  loading  indices  and  trailing  edge  upper  skins, 
were  compressed  in  the  spanwise  direction.  Figure  13^  shows  the  cross  section  of  .16  overall  depth,  and 
their  specific  strengths.  Of  the  three  types,  the  chemically  milled  core  sandwich  was  unreliable  due  to 
the  narrow  bond  ledges  of  the  core;  the  corrugated  core  type  is  promising  when  the  core  is  fabricated  with 
precision  dies,  and  the  honeycomb  sandwich  is  a current  design  choice. 

A series  of  19”  long  6o6l-T6  aluminum  alloy  tubes  was  tested  in  torsion  (fig.  135,  136).  The  encircled 
3 and  5 on  the  relative  rigidity  and  yield  stress  diagram  designated  spacings  skin  to  those  of  BLC  main 
wing-box  surfaces  and  indicate  torsional  rigidity  losses  of  about  55G.  The  25^  decrease  in  shear  yield 
stress  is  consistent  for  all  configurations;  in  actual  design,  a replacement  of  local  area  removed  will 
bring  these  values  close  to  normal  allowables.  In  those  specimens  taken  to  failure,  there  was  the  expected 
elliptical  shape  of  the  holes  with  a U 5°  major  axis;  the  failure  proceeded  along  the  plenum  chamber  from 
the  top  of  one  ellipse  to  the  bottom  of  the  next  following  the  least  net  section  in  a saw-tooth  fashion. 

Fig.  137  shows  the  twist  at  failure  relationship  among  the  various  slot  locations  with  holes;  the  fail 
stress  was  22,000  psi  based  on  effective  transverse  shell  thickness.  Thus,  the  strength  is  a function  of 
the  least  net  area;  the  rigidity,  in  the  elastic  range,  approximately  of  the  net  cross  sectional  area 
transverse  to  the  axis,  and  the  twist,  in  the  plastic  range,  a non-linear  function  of  the  number  of  slots. 

In  the  region  of  the  main  structural  box  of  the  wings  of  large  long  range  or  endurance  airplanes,  the 
Integration  of  the  internal  suction  air  ducting  system  with  the  structural  layout  usually  leads  to  an  open 
double  skin  panel  for  the  upper  and  lower  wing  surface.  The  small  suction  velocities  on  straight  as  well 
as  swept  wings  in  the  area  of  the  main  box  (-vQ/U0  * 1 to  2 x 10”M*,  with  a chordwise  slot  spacing  of 
approximately  2%  of  the  wing  chord,  generally  permit  suction  duct  arrangements  on  the  basis  of  structural 
optimization.  Over  a range  of  8,000  to  20,000  lbs/inch  of  chord,  optimized  open  sandwiches  would  give 
clear  duct  depths  of  l"  to  2.75” » which  are  sufficient  for  keeping  duct  losses  minimal. 

The  family  of  open  sandwiches  is  limited  to  continuous  corrugations  or  a variety  of  discrete  element 
geometries  and  cover  plates.  Corrugated  sandwiches  would  be  a first  choice  from  the  standpoint  of  chord- 
wise  stiffness,  and  as  a torsional  shear  transfer  medium  from  the  partial  depth  intermediate  ribs.  However, 
they  have  the  following  disadvantages:  1.  increased  fabrication  difficulties  of  tapering  corrugations  in 

»v0  * suction  velocity  for  equivalent  area  suction  (FPs) 

UQ  * free-stream  velocity  (FPS) 
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planform  and  elevation  to  maintain  structural  efficiency  along  the  span,  2.  in  some  cases  the  variation 
of  the  suction  velocities  along  the  chord  may  lead  to  a chordvise  variation  of  the  depth  and  spacing  of 
the  suction  ducts,  and  certain  duct  depths  may  exceed  those  for  structurally  optimum  corrugation  thickness. 
With  the  relatively  many  ribs  necessary  in  a wing  with  fuel,  the  use  of  extruded  stiffeners  with  cover 
plates  eliminates  most  of  these  objections  and  permits  more  flexibility  in  arrangement. 

A BLC  compression  skin  assembly  for  a wet  wing  is  shown  in  fig.  138.  The  solid  upper  cover  becomes 
the  honeycomb  type  at  the  lower  loading  indices;  the  "I"  sections,  or  equivalent  stringer  types,  are 
extruded  and  machined  (with  controllable  warpage  because  of  their  two  axis  symmetry);  the  inside  face  of 
the  skin  assembly  is  a minimum  gauge  aluminum  honeycomb  panel.  In  a BLC  airfoil  this  panel  partially  func- 
tions as  a lifting  surface  and  as  a fuel  liner;  it  further  functions  to  prevent  rolling  of  the  "I"  at  high 
stress  levels  which  might  wave  the  skin  locally.  This  type  of  main  box  eliminates  mechanical  fasteners  in 
the  upper  and  lower  surfaces  of  the  integral  fuel  tanks  and  minimizes  leaks  into  the  ducts.  All  elements 
are  bonded  to  provide,  with  the  non-wrinkling  structural  members,  smooth  suction  ducts  and  to  minimize 
possible  local  depressions  on  the  outer  surface,  as  in  the  case  of  mechanical  fasteners.  As  some  prying 
action  occurs,  it  is  important  that  suitable  taper  be  given  the  flange  legs  to  decrease  peel  tendencies; 
a 1:3  taper  ratio  is  satisfactory  for  transferring  about  100  in-lbs.  of  moment  per  square  inch  of  bonded 
flange  surface.  With  this  arrangement,  bending  material  and  torsional  material  is  kept  primarily  in  the 
upper  skin  with  a minimum  in  the  lower  skin;  the  neutral  axis  is  for  a large  part  of  the  span  considerably 
above  the  geometric  center  of  the  open  sandwich.  All  elements  are  non-buckling  to  yield.  A group  of 
columns  20"  long  and  a 3"  stringer  pitch  involving  equivalent  cross  sections  with  riveted  Z's  and  bonded 
I-stringers  gave  a favorable  specific  strength  ratio  of  1.15  Tor  the  cross  section  of  fig.  138.  The  insta- 
bility shape  of  the  latter  was  undistorted  in  cross  section  and  sinusoidal;  some  of  the  former  failed  in 
a twisting  and  explosive  tearing  of  the  Z-flange.  It  is  noted  that  the  increasing  thickness  ratio  of  the 
inner  skin  to  outer  skin  in  the  outboard  half  of  the  wing  is  a fail-safe  aspect  of  this  double  skin 
configuration. 

In  relation  to  the  wing  torsional  stiffness,  it  may  be  pointed  out  that  for  the  inboard  third  of  the 
wing,  85  percent  of  the  skin  face  material  is  in  the  outer  face,  and  for  the  outboard  two-thirds  of  the 
wing,  it  may  vary  from  85-65  percent.  A series  of  torsional  load  applications  for  a straight  rectangular 
box  100"  long  and  with  cross  sectional  dimensions  shown,  (fig.  139),  demonstrated  that  the  "J"  value  is 
calculated  as  a three  cell  box  or  as  a single  cell  system  with  the  inner  and  outer  skins  assumed  at  the 
bending  center  of  gravity  of  the  skin  system.  This  may  be  conservative  as  the  tests  were  run  with  no  direct 
attachment  of  stringers  to  either  the  loading  devices  or  reacting  column.  A possible  5 percent  reduction 
in  "J"  over  a comparable  skin  stringer  arrangement  is  estimated.  It  was  further  demonstrated  that  the 
skin  system  developed  full  rigidity  regardless  of  the  load  applications  being  at  inner  and  outer  skins 
directly  or  at  the  inner  skin  only.  It  is  of  significance  that  this  or  equivalent  systems  function  in  this 
manner,  as  a BLC  wing  would  have  a minimum  of  ribs  attached  to  the  outer  skin  since  the  consequent  inter- 
ruption of  the  suction  airflow  in  the  ducts  should  be  minimized.  This,  in  effect,  means  that  the  inter- 
mediate ribs,  attached  to  the  inside  honeycomb  sandwich  only,  transfer  airload  torsion  to  the  box.  The 
box  failed  in  the  web  of  the  stringers,  at  an  applied  shear  of  2800#/in.  on  the  inside  surfaces  (ref.  100). 

In  the  rear  part  of  the  wing  in  tne  region  of  the  rear  pressure  rise,  considerably  higher  suction 
velocities  are  required  to  maintain  full  chord  laminar  flow,  (-vQ/U  = 5 to  8 x 10"M,  as  compared  with  the 
suction  rates  in  the  region  of  the  main  structural  box.  As  a result,  in  order  to  avoid  excessive  pressure 
losses  in  the  suction  ducts,  the  full  wing  thickness  has  to  be  used  for  the  air  flow  in  this  part  of  the 
wing.  In  order  to  minimize  the  duct  losses  in  critical  areas,  it  may  become  necessary  to  deflect  the  in- 
coming suction  air  into  the  direction  of  the  duct  flow  by  means  of  turning  vanes  or  turning  nozzles.  The 
suction  air,  after  passing  through  the  skin,  would  first  be  ducted  in  a spanwise  direction  through  small 
auxiliary  spanwise  ducts,  formed  for  example,  by  closed  longitudinal  stiffeners  or  by  spanwise  corrugations 
in  the  outer  skin,  into  turning  nozzles  and  into  the  main  suction  ducts.  In  this  manner  secondary  flow 
pressure  losses  in  the  suction  ducts  are  drastically  reduced  (refs.  90,  95). 

One  version  of  the  wing  trailing  edge  design  is  a Warren  truss  type  structure  with  continuous  spanwise 
honeycomb  webs  forming  smooth  full  depth  duct  walls  (Fig.  1 '* 0 ) . The  eccentric  web  attachment  facilitates 
assembly;  the  straight  web  face  is  thicker  than  its  opposite.  Stress  coating  showed  that  a compression 
web  of  this  type  carried  its  load  through  the  thicker  skin  acting  on  an  elastic  medium.  A 9"  x 50"  simple 
beam  of  "T"  flanges  and  eccentric  sandwich  web  failed  at  90  percent  of  calculated  with  a deep  buckle  at 
the  center;  there  were  no  local  separations  due  to  the  offset  of  load.  Similarly  a two  cell  box  beam  with 
.25  inch  thick  sculptured  compression  skins  loaded  in  shear  and  bending,  failed  in  a full  panel  buckle  of 
the  eccentric  sandwich  web  (.016  faces,  .156"  thick  It. 5#  honeycomb)  at  95  percent  ultimate.  The  all  sand- 
wich trailing  edge  is  non-wrinkling;  a 2h"  chord  deforms  about  .12"  at  the  trailing  edge  at  limit  load  or 
a nominal  deflection  at  cruise.  Another  version  of  the  non-buckling  trailing  edge  consists  of  chordwise 
machined  truss-like  ribs  and  vertical  spanwise  sandwich  webs,  with  the  rib  members  streamlined  to  maintain 
small  suction  air  duct  losses. 

With  the  suction  ducts  installed  in  the  wing,  one  might  superficially  conclude  that  a laminar  suction 
wing  cannot  carry  as  much  fuel  aB  a turbulent  non-suction  wing.  However,  since  wing  span  and  area  of  an 
optimized  low  drag  suction  airplane  are  considerably  larger  than  for  an  optimized  turbulent  airplane,  the 
wing  volume  remaining  for  fuel  is  generally  considerably  larger  for  the  optimized  low  drag  suction  airplane, 
as  compared  with  the  corresponding  turbulent  airplane. 

3.  Surface  Limits 


Surface  irregularities  cause  velocity  fluctuations  in  the  laminar  boundary  layer  leading  to  transition. 
Allowable  limits  to  roughness,  steps,  gaps  and  waviness  have  been  established  through  wind  tunnel  models 
and  in  flight  tests.  Figs.  l'*l  and  142  show  these  allowable  and  current  production  standards.  It  is 
observed  that  high  subsonic  transports  cruising  at  30,000  ft.  and  above  fall  within  the  surface  tolerance 
limits  with  the  exception  of  surface  steps.  This  area  requires  special  attention  and  the  submerged  splice 
is  a possible  solution  to  this  problem.  As  the  down  step  is  more  critical,  design  and  manufacturing  toler- 
ances should  accumulate  as  positive  or  up  steps.  The  waviness  allowables,  in  terms  of  a sinusoidal  shape 
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in  the  chordvise  direction  are  shown  in  fig.  lU2.  The  requirements  depicted  here  are  for  the  one  G cruise 
condition.  The  limits  of  contemporary  products  presently  meet  a fair  proportion  of  these  requirements. 

Waviness  and  slot  deformations  were  frequently  checked  in  the  course  of  axial  load  U"  x 20"  specimen 
testing  at  one  G and  two  G load  levels  and  found  to  be  within  acceptable  limits.  In  the  aforementioned 

torsion  box  test,  the  6 mil  slots  were  checked  along  the  span  with  feeler  gauges  for  all  loading  conditions  ^ 

to  over  3°  of  box  twist;  no  measurable  variation  was  obtained.  The  waviness  was  within  1 mil  per  inch. 

A leading  edge  segment  lU"  of  cantilever  by  2*  wide,  representative  of  a BLC  6 percent  wing  and  weighing 
U#/ft2,  was  tested  under  simulated  air  load.  The  maximum  tip  deformation  was  .05"  at  1.25  G and  the  load 
induced  waviness  was  .0005  in/in. 

Akin  to  the  surface  irregularity  problem  is  the  surface  corrosion  problem.  An  initial  effort  to 
evaluate ' environmental  effects  was  the  exposure  of  3"  x 12"  solid  and  honeycomb  skin  panels  to  an  indus- 
trial climate  and  an  ocean  and  a Jungle  site.  Suction  efficiencies  subsequent  to  exposure  were  checked 
with  and  without  steam  cleaning  of  surfaces.  Results  are  shown  in  fig.  1^2. 

Successful  anodic  treatment  of  exposed  edges  and  holes  on  bonded  assemblies  with  no  loss  of  bond 
strength  has  been  gained  and  is  under  continuing  investigation  (refs.  101,  102).  j 

. Concentration  Factors 

I 

In  common  with  most  design  efforts,  we  seek  to  incompass  aspects  of  the  safe-life  and  the  fail-safe 
approach  to  fatigue  problems.  One  trend  of  long  range  or  endurance  BLC  operation  which  may  relax  somewhat 
the  criteria  of  the  first,  is  suggested  by  fig.  lUU.  For  an  assumed  like  a BLC  long  range  aircraft  type, 
with  an  efficient  laminar  wing  and  tail,  and  turbulent  fuselage,  cruising  at  over  U0,000  ft.  has  a poten- 
tially more  favorable  cumulative  damage  history  than  equivalent  turbulent  aircraft  by  about  U3  percent  in 
the  lower  wing  surface  root  area  and  about  55  percent  in  the  mid-span  area.  These  estimates  are  based  on 
an  optimum  aircraft  usage  involving  Uo  percent  fewer  ascents  and  descents,  and  cruising  encounters  with 
5 to  10  fps  gusts  at  1/U  normal  frequency. 

Significant  design  questions  are  concerned  with  the  concentration  factors  of  holes,  plenum  chambers  and 
slots.  Of  these  discontinuities,  the  holes  are  influential  in  all  directions  and  their  small  size  precludes 
shaping  for  possible  stress  neutralization,  or  effective  symmetrical  local  reinforcing.  Some  cycling  gains 
were  noted  in  minimum  tests  of  pre-stressed  hole  rims.  However,  the  depth  of  the  pre-stressing  effect 
involves  areas  around  the  hole  which  are  in  multi -axial  stress  fields  where  yield  increases  in  one  direc- 
tion may  be  offset  by  decreases  in  another,  according  to  the  Bauschinger  effect.  Although  75ST  has  been 
used  for  BLC  specimens,  fabrication  and  tests,  it  is  believed  only  representative  of  the  aluminum  spectrum; 
for  example,  7178  or  the  more  notch  accommodating  202U  could  be  used.  To  the  increasing  evidence  of  the 
superiority  of  202U  in  all  facets  of  crack  life,  with  the  exception  of  reversed  high  stress  levels,  is 
added  some  evidence  of  a possible  35  percent  gain  in  nominal  fatigue  strength  over  75ST  for  sheet  with 
holes  such  as  are  encountered  in  BLC  skins  (ref.  103).  In  a single  instance  of  investigation  of  a row  of 
.0U  holes  in  a contour,  this  percentage  was  not  borne  out.  However,  the  use  of  202h  for  lower  main  box 
skins  is  a design  consideration. 

The  development  of  maximum  tangential  stresses  in  the  elastic  range  for  intermediate  holes  in  typical 
BLC  patterns  is  based  on  photoelastic  results  and  summarized  in  Fig.  1U5  (ref.  IOU).  A simple  superposition 
of  the  tangential  stresses  at  the  rim  of  the  hole  due  to  the  applied  multiaxial  stresses  results  in 
critical  planes  at  90°  and  135° , to  the  direction  of  applied  tension  or  shear.  Where  the  shear  stress  to 
spanwise  tension  stress  ratio  exceeds  2,  the  shear  effect  dominates;  below  2,  the  tension  effect  dominates, 
with  combined  load  Kr*s  between  2.75  and  3.5. 

The  plenum  chamber  with  its  full  depth  radii  has  notch  effects  due  to  loadings  in  planes  transverse 
to  its  axis.  The  effect  of  tension  stress  at  the  base  of  the  fillet  for  a representative  width  to  depth 
plenum  in  a solid  skin  is  shown  in  fig.  lU6.  For  the  heavy  skins  with  little  induced  bending,  the  ratio 
a max/a  gross  * 3.0;  for  .1  thick  skins  o max/a  gross  is  in  the  vicinity  of  3.9.  The  problem  of  the  thinner 
skins  with  increasing  eccentricity  is  circumscribed  by  the  use  of  the  honeycomb  sandwich.  Results  ct  chord- 
wise  tension-tension  tests  of  the  honeycomb  sandwich  type  showed  the  significance  of  controlling  flexibility 
in  the  notched  sheet.  On  fig.  ll*7  the  dashed  S-N  curve  is  a run  with  the  base  of  the  plenum  not  bonded  to 
the  honeycomb  and  the  honeycomb  sandwich  curve  with  the  base  bonded;  the  line  increase  is  almost  10:1. 

If  the  row  of  holes  is  assumed  dominant,  a Kpnet  spanwise  * 2.65,  and  chordwise  = 2.U0.  Assuming 

Kf  * 1 ♦ — !2 — — . and  a * .02",  a material  constant,  for  75ST  sheet,  then  Kf  at  the  fatigue  limit  * 1,82 
1 ^ a / r 

and  1.70  respectively.  The  value  from  the  S-N  diagram  of  the  spanwise  and  chordwise  honeycomb  sandwich  at  • ■ 

fatigue  limit  la  approximately  Kf;jET  = 1.85,  indicating  the  prime  effect  of  the  holes. 

Similarly,  the  solid  skin  spanwise  is  Kf]jET  * 1.85  hut  chordwise  « 2.5  where  the  plenum 

eccentricity  dominates  (fig.  lU8). 

There  are  seemingly  more  favorable  basic  shapes  for  the  plenum  chamber  Itself  than  the  one  shown;  for 
example,  an  arc  of  a circle,  "U"  type,  or  elliptical  notches.  In  most  of  these  the  presence  of  the  hole 

in  the  critical  base  area  of  the  notch  is  an  additive  concentration  factor.  In  the  concept  shown,  the  ^ 

concentrations  are  adequately  separated,  at  least  on  the  generally  verified  basis  of  the  very  local  deter- 
ioration of  the  maximum  stress  of  steep  stress  gradients.  As  a result  of  these  investigations,  it  is 
believed  that  with  a Judicious  replacement  of  material  removed  from  BLC  skins,  the  design  Kj.  and  gross 
stress  of  comparable  riveted  airfoils  may  be  used  in  the  design  approach. 

It  has  been  noted  that  wing  span  is  a singif leant  parameter  in  BLC  airplane  performance.  A tradi- 
tional method  of  obtaining  additional  span  within  the  range  of  contemporary  cantilever  deformations  is 


radius  of  hole,  in. 
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with  external  bracing.  If  either  a straight  or  swept  wing  is  braced  at  1/3  of  its  semi -span  with  a Jury 
strut  system,  a potential  15  percent  increase  in  span  results  in  a 12  to  15  percent  increase  in  range 
(ref.  105).  The  brace  system  is  composed  of  laminarized  airfoil  shapes  and  designated  by  reverse  loads. 

Northrop  has  been  conducting  a BLC  research  and  development  program  for  several  years.  Many  aero- 
dynamic wind  tunnel  and  in  flight  models  have  demonstrated  the  effectiveness  of  laminar  flow  control. 
Similarly,  structural  and  environmental  components  were  tested  in  the  laboratories . 

To  demonstrate  further  the  practicality  of  this  system,  Northrop  is  presently  modifying  a B66  airplane 
by  substituting  an  increased  planform  suction  wing  for  the  present  wing.  This  flight  program  of  a load 
bearing  laminar  flow  controlled  wing,  comprising  a wide  spectrum  of  off  design  conditions,  will  establish 
limits  of  operational  effectivity  of  a swept,  high  subsonic  wing  and  the  percent  efficiency  of  the  laminari- 
zation  under  a variety  of  uses.  Significant  answers  to  corrosion  fatigue,  variable  amplitude  cycling  with 
combined  stress,  the  effects  of  highly  local  skin  variations  under  fuel  pressure  and  curvature,  and  the 
required  maintenance  of  a live  wing  will  be  obtained. 


T.  — ■ 
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APPENDIX  B 

NORTHROP 'S  STRUCTURAL  LFC  INVESTIGATIONS  OF  BLC  GROUP 


BLC 

Hmber 

non 

Humber 

Title  and  Authors 

8 

Hone 

DESIGN  TESTS  OF  Y -STIFFENED  PANELS  ETR  7980-1 — DESIGN  TEST 
OF  "Y"  STIFFENED  PANELS 

(SPECIMENS  2 and  lL),  J.  A.  Ralls  and  V.  L.  Cole,  June  1953 
ETR  7980-2— DESIGN  TEST  OF  "Y"  STIFFENED  PANELS 
(SPECIMEN  12),  V.  L.  Cole,  August  1953 

9 

None 

Y-STIFFENED  PANEL  EVALUATION,  J.  E.  Jean  and  I.  R.  Stoughton, 
August  1953 

10 

Hone 

STABILITY  OF  Y-STIFFENED  MULTI -WEB  BEAMS,  H.  C.  Schjelderup, 
August  1953 

15 

Hone 

DEFLECTION  OF  AH  INITIALLY  CURVED  PLATE  CAUSED  BY  AXIAL 
FORCES,  H.  C.  Schjelderup,  November  1953 

17 

Hone 

COMPRESSION  TESTS  OF  ANGLE-STIFFENED  PANELS  WITH  CORRUGATED 
WINGS,  J.  R.  Clem  and  W.  W.  Dedon,  February  195** 

18 

Hone 

COMPRESSION  TEST  OF  A 3-WEB  Y-STIFFENED  BONDED  PANEL, 
J.  R.  Clem  and  W.  W.  Dedon,  December  1953 

19 

Hone 

COMPRESSION  TESTS  OF  SINGLE-WEB  Y-STIFFENED  PANELS  USING 
RETURN  FLANGES,  J.  R.  Clem  and  W.  W.  Dedon,  December  1953 

20 

None 

COMPRESSION  TESTS  OF  SINGLE-WEB  Y-STIFFENED  PANELS  WITH 
BONDED  REINFORCEMENTS,  J.  R.  Clem  and  W.  W.  Dedon, 
January  195** 

26 

Hone 

SHEAR  TEST  OF  ALUMINUM  ALLOY  STRIP  CUT  WITH  HOLES,  J.  R.  Clem 
and  W.  W.  Dedon,  January  195** 

27 

None 

THICKNESS  OF  ATTACHMENT  ANGLE  NECESSARY  FOR  MULTISPAR,  THICK 
SKIN,  WING  BOX  CONSTRUCTION,  H.  C.  Schjelderup,  January  195*» 

32 

None 

BENDING  TESTS  OF  HONEYCOMB  SPARS,  J.  R.  Clem  and  W.  W.  Dedon, 
March  195** 

3** 

None 

COMPRESSION  TEST  OF  TWO  SINGLE-WEB  Y-STIFFENED  PANELS  WITH 
BONDED  REINFORCEMENTS,  J.  R.  Clem  and  W.  W.  Dedon,  April  195** 

35 

None 

TENSILE  TEST  OF  SLOT  CONNECTION  PANEL,  J.  R.  Clem  and 
W.  W.  Dedon,  April  195U 

39 

None 

DEFLECTION  INDUCED  LOADS  ACTING  ON  A CONTINUOUSLY  HINGED 
UNLOADED  AILERON,  H.  C.  Schjelderup,  April  195** 

Itl 

None 

SHEAR  AND  COMPRESSION  TESTS  OF  SANDWICH  PANELS  WITH  BONDED 
OVERLAY  STRIPS,  J.  R.  Clem  and  W.  W.  Dedon,  May  195** 

UU 

None 

THE  STABILITY  AND  LINEAR  DEFORMATION  OF  A FRAMEWORK  FORMED 
BY  A CANTILEVER,  KNEE  BRACE,  AND  JURY  STRUT,  H.  Schjelderup, 
May  1951* 

55 

RA1-5U-U90 

A METHOD  OF  MANUFACTURE  OF  SUCTION  SLOTS  FOR  A LAMINAR  SUCTION 
AIRPLANE,  R.  N.  Worth  and  W.  R.  Slagg,  July  195** 

60 

NA1-5U-6U3 

THEORETICAL  ANALYSIS  AND  COMPRESSION  TEST  OF  A SLOTTED 
SANDWICH  PLATE,  H.  C.  Schjelderup  and  W.  W.  Dedon,  August  1951* 

66 

NA1-5U-799 

ADDITIONAL  THEORETICAL  STUDIES  OF  DEFLECTION  INDUCED  LOADS 
ACTING  ON  A CONTINUOUS  HINGE  CONTROL  SURFACE,  H.  C.  Schjelderup 
and  W.  W.  Dedon,  November  195** 

81 

NA1-55-9U5 

STRUCTURAL  DESIGN  CONSIDERATIONS  FOR  LOW  DRAG  BOUNDARY  LAYER 
CONTROL,  W.  W.  Dedon,  W.  R.  Slagg  and  W.  Pfenninger,  October 
1955 

128 

59-608 

EFFECT  OF  WEATHERING  ON  TYPICAL  BONDED  BOUNDARY  LAYER  CONTROL 
STRUCTURE,  R.  N.  Worth,  November  1959 

133 

61-211 

EFFECT  OF  ENVIRONMENTAL  EXPOSURE  ON  BOUNDARY  LAYER  CONTROL 
SURFACE8  AND  OPERATIONS,  R.  N.  Worth,  September  1961 

Class ■ 
U 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 

u 
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SUMMARY  REPORT  ASD-TDR-63-55^  (196^:  Summary  of  Laminar 

Boundary  Layer  Control  Research: 

J.  Wieder  and  W.  Pfenninger:  Structural  Aspects  of  Low 

Drag  Suction  Airfoils,  pp.  79^-800. 

R.  N.  Worth:  Skin  Directing  System  Configuration  for 

LFC  Aircraft,  pp.  801-808. 

R.  N.  Worth:  Effect  of  Weathering  on  Typical  Bonded 

LFC  Structure,  p.  809. 


STUDIES  OF  LFC  AIRPLANE  PROPULSION  PROBLEMS: 

Pfenninger,  W. : Cycle  Studies  of  Gas  Turbines  for  Laminar  Boundary  Layer  Control  Aircraft. 

Northrop  Report  AM-88,  19^9* 

Newton,  J.  S.  and  Pfenninger,  W. : Studies  of  Gas  Turbine  Power  Plants  Suitable  for  Laminar 

Suction  Airplanes.  Northrop  Report  BLC-U9,  NAI-5^-U85,  195^. 

Connors,  J.  W.;  Pfenninger,  W. ; and  Smith,  D.  B.:  Propulsion  Systems  for  Laminar  Flow 

Aircraft.  IAS  Paper  6l-52,  January  1961. 

Pfenninger,  W. : Cycle  Calculations  of  the  Propulsion  System  of  a Subsonic  Laminar  Suction 

Airplane  with  Turbo  Fan  Gas  Turbines  with  Suction  Compressors  Driven  by  a Bleed  and  Burn 
Cycle.  BLC-110,  NAI-58-U89,  Northrop,  July  1958. 

Pfenninger,  W.:  Propulsion  Studies  of  Laminar  Suction  Airplanes  of  Moderate  Size. 

Northrop  Report  BLC-118,  NOR-59-260,  April  1959. 

Pfenninger,  W. : Design  Considerations  of  Propulsion  Systems  for  Low  Drag  BLC  Airplanes 

Cruising  at  High  Subsonic  Speeds.  Northrop  Report  BLC-122,  NOR-59-^l8,  July  1959. 

Pfenninger,  W. : Propellers  for  Long  Range  Laminar  Suction  Airplanes  Flying  at  High 

Subsonic  Speeds.  Northrop  Report  BLC-37,  April  195U. 

LFC  AIRPLANE  DESIGN  STUDIES: 

Design  Considerations  for  Hypothetical  Boundary  Layer  Control  Airplane: 

Part  1 - Pfenninger,  W.:  Design  Considerations.  May  1951 

Part  2 - Bacon,  J.  W. : Aeroelastic  Study.  March  1953 

Northrop  Report  BLC-1 

Bacon,  J.  W.  , Jr.:  An  Aeroelastic  Study  of  Configuration  II  of  a Laminar  Boundary  Layer 

Control  Airplane.  Northrop  Report  BLC-2,  May  1953 

Bacon,  J.  W.,  Jr.:  Experimental  Investigation  of  Structural  Effect  of  Sweepback  on  a 

Strut-Braced  Wing.  Northrop  Report  BLC-U7,  NAI-5U-U75,  July  195^. 

Fiul,  A.:  A Preliminary  Report  on  a Comparison  of  Aeroelastic  Effects  on  Cantilevered 

and  Strut-Braced  Swept  Wings.  Northrop  Report  BLC-67 , NAI-5^-800,  November  195^. 

Pfenninger,  W. : Note  About  the  Range  Performance  of  High  Altitude  Long  Range 

Photoreconnaissance  Airplanes  with  Low  Drag  Boundary  Layer  Suction.  Northrop  Report 
BLC-35,  NA 1-56-26*,  Mar^h  1956. 

Pfenninger,  W.;  *nd  Bncon,  John  W.,  Jr.:  General  Design  Investigations  of  Long  Rarge 

Laminar  Suction  Airplanes.  Northrop  Report  BLC-90,  NAI-56-615,  August  1956. 

Pfenninger,  W. • Note  on  Lcng  Range  Photoreconnaissance  Airplane  with  Low  Drag  Cruising 
at  Very  High  Altitudes.  Northrop  Report  BLC-98,  NAI-57-710,  May  1957. 

Bacon,  John  W. ; Fiul,  A.;  and  Pfenninger,  W.:  WADC  10-Ft  Transonic  Wind  Tunnel  Tests  on 

St rut -braced  Boundary  Layer  Airplane.  Northrop  Report  BLC-99,  NAI -57-826,  June  1957. 

Pfenninger,  W.:  Design  Considerations  of  Large  Subsonic  Long  Range  Transport  Airplanes 

with  Low  Drag  Boundary  Layer  Suction.  Northrop  Report  BLC-111,  NAI-58-529,  July  18,  1958, 
revised  April  I960. 


Pfenninger,  W.:  Preliminary  Design  Studies  of  Large  Low  Drag  BLC  Long  Endurance  Airplanes. 

Northrop  Report  BLC-1 27,  59-613,  December  1959. 
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Figure  1.-  17%  thick  Zurich  LFC  airfoil,  cross-section 
and  drag. 
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Figure  5.-  Critical  suction  rates  for  a single  row 
ot  suction  holes  for  different  hole 
apacings . 
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Figure  2.-  Atmospheric  turbulence  spectrum  (sail- 
plane measurements  by  P.  McCready) . 


Figure  6.  Slotted  LFC  wing  skin  with  closely 
spaced  slots  and  suction  holes, 
located  underneath  the  slots 
(schematic) . 


Figure  3.  15Z  thick  slotted  Northrop 

modified  NACA  66  1.8  15  LFC  airfoil. 
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Figure  4. 


Minimum  profile  drag  including  equivalent 
auction  power  drag. 


Figure  7(a).-  Spanwiae  auction  variation  between 
adjacent  auction  holes. 
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Figure  7(b).-  SpanKlse  suction  variation  between 
adjacent  suction  holes. 


Figure  10.-  Pressure  distribution  in  suction  region 

of  the  inlet  length  of  a laminar  flow  tube 
with  80  slots,  located  upstream  of  a 26  ft. 


Figure  11.-  u/uref  with  laminar  flow  in  rear  pressure 

rise  area  of  a laminar  flow  tube  with 
suction  through  8 slots, 

(~)Tr  - 12.8  • 106. 

Figure  8.-  Structural  variations  of  LFC  wing  skins  with  u/U  „ ^ ^ / 

closely  spaced  slots.  re^  ref 


Figure  9.-  Low  drag  suction  test  setup  with  80  slots 
in  the  inlet  length  of  a laminar  flow  low 
turbulence  tube  at  high  Reynolds  number. 


Figure  12.-  LFC  experiments  in  the  inlet  length  of  s laminar 
flow  low  turbulence  tube,  suction  quantity 
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Figure  13(a).-  LFC  experiments  in  the  inlet  length  of 

a laminar  flow  tube  with  suction  through 
80  slots;  evaluation  of  wing  profile 
drag  of  8.3%  thick  equivalent  LFC 
airfoil. 


Figure  15.  F94A  LFC  wing  glove. 


Figure  14.  F94A  test  airplane  with  LFC  wing 
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Figure  16.-  Experimental  setup  of  F94A  LFC  wing 
glove. 


Figure  13(b).-  Ratio  of  profile  drag  due  to  drag  of 
laminar  flat  plate  versus  thickness 
ratio. 
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Figure  17.-  F94  LFC  wing  glove  with  69  slots  located 
from  0.41c  to  0.97c. 


Figure  20.-  F94  LFC  wing  glove  (upper  surface)  with 
suction  through  81  slots  from  0.08c 
to  0.96c  full  chord  laminar  flow. 


Figure  21.- 


Chordwise  pressure  distribution  with  full 
chord  laminar  flow,  M 

crit 


(M. 


local 


1.08  to  1.10). 


Figure  18.-  F94  LFC  wing  glove  (upper  surface)  with 
69  slots  from  0.41c  to  0.97c. 
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AND  SUCTION  fLOW  METERING  HOLES 


MODEL  CROSS  SEC T ION  WITH  DETAILS  OF  SUCTION  SLOTS 


Figure  19.-  F94  LFC  wing  glove  with  69  slots  from 
0.41c  to  0.97c.  Upper  surface.  Full 
chord  laminar  flow.  Pressure  distribu- 
tion Cp(— ) with  minimum  flow 

acceleration  in  front  part  of  wing. 


Figure  22.-  Relchardt  LFC  body  of  revolution  with 
114  0.003"  wide  slots  (L  ■ 12  feet, 
L/D  - 8.0). 
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Figure  23.-  Comparison  of  measured  and  theoretical 


velocity  distributions  for  Reichardt 

LFC  body  (L/D  - 8).  Figure  26.-  Reichardt  LFC  body  (L/D  -8).  C , C , 

CD  - f<CQ  >•  8 " 

tot  t 


Figure  24.-  Drag  versus  suction  quantity 
for  various  Reynolds  numbers  R^ 

and  angles  of  attack  for  Reichardt  LFC 
body  (L/D  -8).  R - 37.18  x 106  and 
a - 0°.  ^ 


R - 55.71  x 106 

eL  C„  = f(C„  I (BASED  ON  BODY  WETTED  AREAI 

„ = ! f ° Q1 


Figure  25.-  Reichardt  LFC  body  (L/D  - 8)  with 
auction  through  114  slots.  Drag 


angle  of  attack.  Flow  entirely 
laminar . 


Figure  27.-  Reichardt  suction  body  of  revolution, 
variation  of  minimum  total  drag 
Cp  and  suction  coefficient  at 

tmln 

minimum  total  drag  with  length 


Reynolds  number 
ratio  8:1. 
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Figure  28.-  Maximum  length  Reynolds  number,  Re  , 
with  full  laminar  flow  versus 
= 7U„  for  low  drag  suction  wings  and 
bodies  of  revolution. 
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Figure  29.-  Reichardt  laminar  suction  body  of  revolu- 
tion (L/D  - 8) . Lengthwise  distribution 
of  equivalent  distributed  suction 
velocity  vq*  for  several  Reynolds 
numbers  R7  . 


Figure  30.-  Reichardt  LFC  body  (L/D  - 8).  Comparison 
of  calculated  and  measured  boundary  layer 
velocity  profiles  at  rear  end  of  body  for 
the  conditions  of  test  point  no.  287. 

Re^  - 56.74  x 106;  C - 1.789  x 10-4; 

a - 0°. 


_u 

U 


dimensional  equivalent  distributed 
suction  velocity  distribution  and 
boundary  layer  development  for  test 
point  no.  287,  Re^  ■ 56.74  x 10^, 
Cq,.  - 1.789  x 10~4,  a - 0°. 


s/L 


Figure  33.-  Reichardt  LFC  body  (L/D  - 8).  Calculated 
boundary  layer  profiles  at  various  length- 
wise positions  s/L  for  the  conditions  of 
test  point  no.  287. 
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Figure  31. - Reichardt  LFC  body  (L/D  - 8).  Variation 
of  aft  end  boundary  layer  velocity  pro- 


file with  suction  coefficient  C, 


R^  - 56.740  x 


10° 


Qt 


Figure  34.-  Reichardt  LFC  body  (L/D  ■ 8).  Calculated 
boundary  layer  profiles  at  various  length- 
wise positions  s/L  for  the  conditions  of 
test  point  No.  287.  ” - 11  7/  » in6 

Cn  - 1.789  x 10~4, 


R„  - 56.74  x 10' 

_ O 

a - 0 . 
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Figure  35.  China-Clay  flow  observations  in 
leading  edge  region  swept  wing 
(NASA  Ames  12  ft  tunnel  experiments). 
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Figure  36.-  Yawing  LFC  wing;  chordwise  pressure  dis- 
tribution, potential  flow  and  boundary 
layer  streamlines,  tangential  — and 
crossflow  boundary  layer  profiles. 
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Figure  37.-  Chordwise  potential  flow  and  auction 
distribution. 


30°  SWEPT  WING 


Figure  38.-  Tangential  and  crossflow  boundary  layer 

profiles  at  different  chordwise  stations. 
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Figure  39.-  Brown’s  boundary  layer  crossflow  stability 
limit  Reynolds  number  curves  x (based  on 
maximum  velocity  W and  boundary  layer- 
max 

thickness  where  W = -0.1  W versus 

max 

crossflow  disturbance  vortex  wave  number 
a ■ 2tt/X  (X  - vortex  spacing)  for  various 
normalized  boundary  layer  crossflow 
profiles. 
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Figure  40.-  Constant  amplification  and  phase  velocity 
curves.  Swept  wing  stagnation  line  trans- 
verse profile  (pure  crossflow  profile). 
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Figure  41.-  Constant  amplification  and  phase  velocity 
curves  critical  profile,  stagnation  line 
(Wn  - 0 at  inflexion  point),  (swept  wing). 
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Figure  44.-  Pure  crossflow  profile  8 in  rear  pressure 
rise  area  towards  the  trailing  edge  of 
swept  LFC  wing.  Constant  amplification 
and  phase  velocity  curves. 


Re  • BOUNDARY  LAYER  REYNOLDS  NUMBER  = R^ 
0 • NONDIMENS  I ON  AL  WAVE  NUMBER 
Cf  • NONDIMENS I0NAL  PHASE  VELOCITY 


Re 


Figure  42.-  Curves  of  constant  amplification  and  wave 
velocity.  Rotating  disc  radial  (pure 
crossflow  profile). 
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Figure  45.-  "Critical"  profile  9 (W  - 0 at 

inflexion  point)  in  rear  pressure  rise 
area  towards  the  trailing  edge  of  a 
swept  LFC  wing.  Constant  amplification 
and  phase  velocity  curves. 
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Figure  43.-  Curves  of  constant  amplification  and  wave 
velocity.  Rotating  disc  critical. 

(Wn  ■ 0 at  Inflexion  point) 


W • CROSSFLOW  VELOCITY.  U • UNDISTURBED  (REFERENCE) 
n 

VELOCITY  FOR  SWEPT  WING.  U • R u FOR  ROTATING  DISC 
y • WALL  DISTANCE,  X • DISTANCE  FROM  STAGNATION 
LINE  IN  DIRECTIONS. LEADING  EDGE. 

N y -(y/i^Ro  .(y/^UxTy  FOR  SWEPT  WING 
V y • y^whT  FOR  ROTATING  DISC  (RADIUS  R.  ANGULAR 
VELOCITY  w) 

CRITICAL  (Wn  ■ 0 AT  INFLEXION  POINGI 


TRANSVERSE  (PURE  CROSSFLOW  PROFILE) 
ROTATING  DISC 
STAGNATION  LINE  SWEPT  WING 


y*  FOR  SWEPT  WING 

■ y V«(v  FOR  ROTATINC  DISC 


NAI  59-SlBLC  117) 
W.B.  BROWN 


Figure  46.-  Three-dimensional  transverse  and  critical 
profiles. 
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Figure  47.-  Pure  crossflow  and  "critical"  profiles  8 Figure  50.-  Disturbance  velocities  parallel  and  perpen- 
and  9 in  rear  pressure  rise  area  towards  dicular  to  the  surface  of  the  rotating  disc, 

the  trailing  edge  of  a swept  LFC  wing.  Rotating  disc  critical  profile. 
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Figure  48.-  Streamlines  in  the  crossflow  boundary 

layer  with  crossflow  disturbance  vortices  Figure  51.-  30°  swept  laminar  suction  wing  model.  Mod- 
for  relatively  weak  initial  disturbances.  ified  66-012  airfoil  section.  Test  setup 

Rotating  disc  flow  field.  Cr  - - 0,  ln  University  of  Michigan  5 x 7 ft.  wind 

a - .15356,  R - 294.79,  K - +.1.  tunnel. 


Figure  49.-  Stffeamllnes  ln  the  crossflow  boundary 

layer  with  crossflow  dlstrubance  vortices 
for  strong  initial  disturbances.  Rotating 
disc  flow  field.  C_  - Ct  - 0,  a - .15356, 
R - 294.79,  K - .346. 


MODIFIED  NACA  MOW  SECTION 
SUCTION  ALONG  ENTIRE  WING  CHORD 

Figure  52(a).-  30°  swept  laminar  suction  wing  model. 

Wing  cross  section  with  detail  of 
auction  chambers  and  suction  slots. 
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Figure  52(b).-  Comparison  between  measured  velocity 
distribution  and  approximate 
velocity  distribution  used  for  calcu- 
lations of  boundary  layer  development 


Figure  54.-  30°  swept  laminar  suction  wing  — optimum 
suction  quantity,  C vs  Rec  for 
upper  wing  surface, 


Figure  53(a).-  Wing  profile  drag  Cp  of  upper  wing 

surface  of  30°  swept,  12%  thick 
symmetrical  laminar  suction  wind 
(lncl.  equivalent  suction  drag). 


measured  drag  coefficients  (CD  , C^, 

CDa>)  versus  suction  coefficient  (Cq)  at 

various  a and  RN  Re  . 
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Figure  53(b).-  30°  swept  laminar  suction  wing  — minimum 
wing  profile  drag  (Including  suction 
drag)  vs  Re^  for  upper  wing  surface. 
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Figure  56.-  30°  swept  laminar  suction  wing  — minimum 
wing  profile  drag  (Including  suction  drag) 
vs  Rec  for  upper  wing  surface. 

Ames  12  ft  tunnel  tests,  @ a - 1.5°, 

-1.5°,  -2.0° 


Figure  58(b).-  Chordwise  plots  of  nondimenslonal 

equivalent  area  suction  velocity  for 
different  cases  (one  surface,  Ames 
12  ft  tunnel). 


(Loss  of  laminar  flow  at  higher  Re£  due 
to  spanwise  turbulent  contamination  along 
front  wing  attachment  line,  starting  from 
the  upstream  surbulent  intersection 
between  the  wing  and  endplate.) 


Figure  57.-  30°  swept  laminar  suction  wing  minimum  Figure  59.-  Analysis  of  the  crossflow  boundary  layer 
wing  profile  drag  (including  suction  drag)  development  for  run  13  (a  - 0°, 

vs  Rec  for  upper  wing  surface,  a - 0°,  Rec  . 23.7  • 106,  Cq  - 3.84  • 10-4)  Ames 

1°,  -1°,  suction  from  x/c  • .25  to  .97.  ^ tunnel. 

(Experiments  in  Michigan  5 * 7 ft  tunnel.) 

Note  earlier  loss  of  laminar  flow  at 
a « -1°  due  to  stronger  crossflow  as 
compared  to  case  at  a ■ 0°  and  a • +1°. 


Figure  58(a).-  Chordwise  plots  of  nondimenslonal 

equivalent  area  suction  velocity  for 
different  cases  (one  surface,  Ames 
12-foot  tunnel). 


Figure  60(a).-  Comparison  of  crossflow  Reynolds  number 
with  stability  limit.  Reynolds  number 
at  several  length  Reynolds  numbers, 
suction  coefficients  and  angles  of 
attack  on  30°  swept  LFC  wing. 


Figure  60(b).-  Comparison  of  crossflow  Reynolds  number 
with  stability  limit.  Reynolds  number 
at  several  length  Reynolds  numbers, 
suction  coefficients  and  angles  of 
attack  on  30°  swept  LFC  wing. 
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Figure  62(a).-  Growth  of  stationary  boundary  layer 
crossflow  disturbance  vortices  from 
leading  edge  to  s/c  - 0.60  for 
different  vortex  spacings  for  run  85, 
Rec  - 14.1  • 106,  a-  -1°, 

CQ  - 3.534  • 10-4. 
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Figure  61(a).-  Growth  of  stationary  boundary  layer 
crossflow  disturbance  vortices  from 
leading  edge  to  s/c  - 0.60  for 


NORTHROP  30°  SWEPT  12  % THICK  LFC  WING 


LOCAL  LINEARIZED  GROWTH  OF 
CROSSFLOW  DISTURBANCE 


different  vortex  spacings  X for 
RUN  ■=  73,  Rec  - 13.94  • 106, 

a - 0°,  and  CQ  - 3.206  * Iff4. 


NORTHROP  30°  SWEPT  12  % THICK  LFC  WINC 


Figure  61(b).-  Growth  of  stationary  boundary  layer 
crossflow  disturbance  vortices  from 
leading  edge  to  s/c  - 0.60  for 


Figure  62(b).-  Growth  of  stationary  boundary  layer 
crossflow  disturbance  vortices  from 
leading  edge  to  s/c  - 0.60  for 
different  vortex  spacings  X for 

run  104,  Re  - 27.21  • 106, 
c 

a * -1°,  and  CQ  - 3.354  • 10  . 
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different  vortex  spacings  for  run  13,  pigure  53  - 
Rec  - 23.61  • 106,  a - 0°,  and 

CQ  - 3.84  • 10*4. 


Growth  of  boundary  layer  crossflow  vortices 
in  rear  pressure  rise  area  for  run  33, 


Rec  - 18.84 


106,  and  Cn  - 3.48  • lCf4. 
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Figure  64(a).-  Comparison  of  crossflow  Reynolds  number 
with  stability  limit  Reynolds  number 
at  several  length  Reynolds  numbers, 
suction  coefficients  and  angles  of 
attack  on  30°  swept  LFC  wing. 
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Figure  66.-  Critical  sound  pressure  and  Dartlcle 
velocity  ratio  t'/Qoo  on  30^  swept 
Northrop  LFC  66012  wing  in  the  presence 
of  external  sound  and  on  33°  swept  15Z 
thick  Northrop  LFC  wing  with  internal 
duct  noise. 


Figure  64(b).-  Growth  of  stationary  boundary  layer 
crossflow  disturbance  vortices  from 
leading  edge  to  s/c  ■ 0.60  for 
different  vortex  spacings  X for 
run  178,  a - 1°,  Rec  - 18.86  • 106, 

Cq  - 3.381  • 10-4. 
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Figure  65.-  30°  swept  Northrop  LFC  wing.  Experimental 
setup  In  Northrop  7 x 10  foot  tunnel  In 
the  presence  of  acoustic  disturbances. 


Figure  67.-  30  swept  suction  wing, 


- 0° 


crlt 
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(Rec)  with  external  sound  under  various 
conditions. 
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Figure  68.-  Velocity  fluctuation  V*  at  slot 
inlet  with  duct  noise  Pj). 

Apfl  ■ pressure  drop  through 
suction  skin. 
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Figure  71.-  Spanwise  turbulent  contamination  on 
swept  wing. 
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Figure  71(a).-  Attachment  line  boundary  layer  Reynolds 
number  ReQa  on  various  swept  wings 
in  the  presence  of  large  initial 
disturbances. 


Figure  69.  33°  swept  suction  wing,  a ■ 1.5°. 

Standing,  sound  waves  in  duct  3 
and  transition  pattern. 


Figure  70.  30°  swept  suction  wing;  naphtalene 

sublimation  transition  pattern  in 
the  presence  of  external  sound. 
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Figure  72.-  Attachaent  line  boundary  layer  profiles 
with  area  auction. 
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Figure  72(a).- 


(Table  I)  Asymptotic  spanwlse  attach- 
ment line  boundary  layer  profiles 


with  area 
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Figure  73.-  Reestablis'.iment  of  laminar  attachment 
line  flow  on  swept  wings. 
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Pigure  75.-  45  swept  biUi  '-nosed  wing  with  vertical 
nose  slots,  si.. ted  sheet  detail. 


Figure  74(a).-  45°  swept  blunt-noaed  wing  with 
vertical  note  slots.  Three-view 
drawing  of  experimental  setup  in 
Northrop  7 * 10  ft  tunnel. 
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Figure  76(a). 


Hot  wire  oscillations  in  laminar 
attachment  line  boundary  layer  of 
45  swept  blunt-nosed  wing  with 
and  without  suction  at  the  47-inch 
station  of  the  wing  of  figure  74. 


Figure  77.-  Correlation  of  experimental  boundary  ’ayer 
oscillation  frequency  at  attachment  line 
of  45°  swept  blunt-nosed  wing  with 
Brown's  tneoretlcal  stability  results. 

6r  - angular  frequency  of  attachment  line 

boundary  layer  oscillations. 


at  attachment  line  of  45°  swept  blunt- 
nosed  wing  in  Northrop  7 * 10  ft  tunnel. 


COVERED  LEADING  EDGE  FILTER  SETTINGS 
REGULAR  SYMBOLS  - 100/5000  Hi 
TAGGED  SYMBOLS  - 1000/5000  Hi 
y * 0 010  inches 
A HOT  WIRE  s = 0.5  in.  OFF 


Figure  76(b).-  Velocity  fluctuations  versus  attach- 
ment line  Reynolds  number  on  45° 
swept  blunt-nosed  wing. 


SECTION  A-A 


Figure  79.-  Experimental  setup  of  water  channel  with 
slot  and  plenum  chamber. 


■4 


3-51 


Re 

s 


Figure  80. - Disturbance  velocity  ratio  v'/v  - f (Res) 
at  slot  inlet;  (A)  Single  row  of  holes; 
Circles— h ■ 19s,  a - p ■ 30s; 


deltas— h - 3s 
diamonds— h - 1.5s 
triangles— h - s 


a - 0 

b ■ p ■ 128. 


Figure  83.-  Flow  in  plenum  chamber  slightly  above 
Rescriti 


(B)  Displaced  row  of  holes,  h ■ 3s; 
(circles,  squares,  triangles,  diamonds) 
p » 24s,  a - 0 to  24s;  (black  circle) 
p ■ 12s,  a ■ 6s.  (C)  Two  rows  of  holes 
opposite  slot;  a - ±5s;  (solid  line) 
holes  staggered;  (diamonds  and  triangles) 
h * 1.58;  (deltas)  h ■ s;  (dashed  line 
with  circles)  h * 1.5s,  holes 
nonstaggered. 


(A)  h - s two  rows  of  holes  (dot- 

dashed)  on  opposite  sides 

(B)  h ■ 1.6s  of  slot 

(C)  Displaced  single  row  of  holes, 
h - 1.5s. 


DRAG  COEFFICIENT 
004  r 


NOSE  3.  I E.  RAD.  = 1.7" 
a = 1.5° 


5.0  atm 


TOTAL  DRAG 
(WAKE  ♦ SUCTION) 

WAKE  DRAG 


NORAIR  TESTS  A 

I 5 at  ms  AMts  TESTS  / 

]/  P'>> 


1?  16  20  24 
CHORD  REYNOLDS  NUMBER  Re  x 10 


3?  36  40  44 
-6 


Figure  81.-  33°  swept  152  thick  Northrop  LFC  wing  of 
the  X-21  group.  Variation  of  CD 
(Rec)  for  one  surface  in  °°min 

Ames  12  ft  tunnel  at  various  tunnel 
pressures. 
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Figure  84.-  45  swept  blunt-nosed  wing  with  boundary 
layer  suction  at  the  front  wing  attach- 
ment line  through  rows  of  closely  spaced 
holes. 


Figure  82.-  Chordwlse  equivalent  area  suction  distri- 
bution on  33°  swept  152  thick  Northrop 
LFC  wing. 


e#***^/  if  -«7<,f^-i-[.-n^r' 

'‘•"^♦,!f!^*il'».',*S'.‘tf  **  .-h 

■>'  -■  ' ,1  ;i 

"+rJWW*-  •■  ••  . ;..t: 

7VV'^:V*V‘*?*‘'  v*.  •'•  • •"  t» 

|M  yy,  •>•.  .*f».fi*.  <>  • fyjl 

*•  r.  ««?.*?* 


tp*rmr»n- 

VJltJ*  ry«~* 

p»r,iw*t*^ 

ptj.Mvn’tt'  r 

PWf 

(n>i'i"-T- 


t-  -Mnj 


DISTRIBUTED 
ROUGHNESS  DISC 


SPHERf  S 





• ' ’•  ...'^^i.’-KC.  >T  -.  . .stkt' 


ROUGHNESS  HEIGHT  inches 


Figure  88 


Maximum  permissible  3-dimensional  surface 
roughness  on  F94  LFC  wing  glove  at  0.28c, 
“ 0»6  to  0.7.  Suction  from  0.41c 
to  0.96c. 


Figure  85.  Naphtalene  sublimation  pictures  in 
the  front  attachment  line  region  of 
45°  swept  blunt-nosed  wing  with 
suction  through  a perforated 
attachment  line  suction  strip. 
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Figure  89(a) 


Maximum  permissible  3-dimensional 
surface  roughness  in  leading  edge 
region  of  33°  swept  15  percent  thick 
10  ft  chord  Northrop  LFC  wing  with 
chordwlse  nose  slots. 


F 94  ZERO  SWEEP  j 

M 0.68  . Rf  = 25  x 10* 
crit 


WAVE  LENGTH  % CHORD 


Maximum  permissible  amplitude  ratio  h/X 
of  single  surface  waves  for  full  chord 
laminar  flow  on  the  F94  LFC  wing  glove 
and  the  30°  swept  Northrop  LFC  wing. 


Figure  86 
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Figure  89(b) 


Maximum  permissible  3-dlmensional 
surface  roughness  in  leading  edge 
region  of  33°  swept  15  percent  thick 
10  ft  chord  Northrop  LFC  wing  without 
chordwiae  nose  slots  (only  spanwlse 
slots) . 


Maximum  permissible  surface  wavlness  on 
30°  swept  LFC  wing  at  a - 0°  and 
Re„  • 11.3  • 10®  for  waves  at  0.25c 


Figure  87 
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Figure  90.-  Maximum  permissible  3— dimensional  surface 
roughness  (0.05  inch  diameter  discs)  in 
leading  edge  region  of  45°  swept  Northrop 
nonsuction  wing  of  4 ft  chord. 
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Figure  92(b).-  Backward  facing  step  with  suction. 

Minimum  suction  rate  required  to 
maintain  laminar  flow  at  x/h  - 133.3. 
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Figure  91.-  Variation  of  the  permissible  height  of 

forward  and  backward  facing  2-dimensional 
surface  steps  and  width  of  2-dimensional 
spanwise  surface  gaps  for  laminar  flow  at 
various  flight  altitudes. 
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Figure  93.-  Backward  facing  step  with  suction  velocity 
and  turbulence  intensity  profiles  in 
boundary  layer. 
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Plgure  92(a).-  Backward  facing  step  with  auction, 
teat  setup.  Dimensions  in  Inches 


Figure  94.- 


Supersonic  laminar  suction  plate  with 
closely  spaced  slots  for  Tullahoma  A-tunnel 
experiments.  Dimensions  in  Inches 
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Figure  95.-  Supersonic  LFC  plate  of  figure  94;  cDsUctlon’ 
CDWake*  CDtotal’  versus  ®uctlon 

weight  flow  coefficient  Cy  at  M - 3, 

Rec  - 25.7  • 106. 


SUCTION  BODIES  Of  REVOLUTION 


Figure 


98.- 


Supersonic  LFC  ogive  of  revolution; 

Cn  _ . versus  Re,  . 

utot.  min.  l 


° cDt 

M • 3.0  • CW(  M • 3.5 


Figure  96.-  Supersonic  LFC  plate  of  figure  94;  minimum 
total  drag  cDt0t  min  an<*  °Ptljlmm  tot»l 
suction  weight  flows  Cy  - f(Rec>  at 
M - 3 and  3.5  (c  - 40.2  in.). 


Figure  99.-  Boundary  layer-incident  shock  interaction 
experiments  on  supersonic  flat  plate  with 
suction  in  supersonic  tunnel  of  the  HIT 
Gasdynamlcs  Laboratory.  Details  of  flat 
plate  with  suction  slots. 
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S7RMMWISE  DISTANCE  FROM  IEADINC  EDGE  (INCHES) 


Figure  97.-  Supersonic  ogive  LFC  body  of  revolution  Figure  100.-  Chordvlae  pressure  and  wall  shear  stress 

(77.5  Inches  long,  9.2  inch  diameter)  with  distribution  with  and  without  slot  suction 

150  closely  spaced  slots  for  Tullahoma  on  flat  plate  (fig.  99)  with  incident  shocks. 

A-tunnel  experiments. 
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Ml  ASURE MINTS  ON  MAT  PLATE  WITH  SUCTION  SIOTS  (CONTINUfOl 
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Figure  101.-  Boundary  layer  profiles  at  various  chord- 
wise  stations  of  flat  plate  with  incident 
shock  with  and  without  suction. 


m = 0 (no  suction") 


m = -.116  (with  suet * on) 

Figure  102.  Schlieren  pictures  in  the  plate- 
shock  interaction  region  of  fiat 
plate  with  and  without  suction. 


Figure  104.-  Maximum  pressure  rise  across  the  shock 
on  supersonic  flat  LFC  plate  of  figure 
103  for  different  conditions  at 
X - 39.1  inches  for  different  length 
Reynolds  numbers  Re^, 
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Figure  105.-  Suction  air  mixing  method  (b)  in  rear 
pressure  rise  area  of  LFC  wings. 


Figure  103.-  Boundary  layer-incident  shock  inter- 
action experiments  on  supersonic  flat 
LFC  suction  plate  in  Tullahoma 
A-tunnel.  Pressure  and  suction  dis- 
tribution and  boundary  layer  velocity 
profile  at  X - 39.1  inches,  inclined 
shock  generator,  M - 3.0, 

Rx  - 25.9  x 106,  a - 3.3°, 

S»t  - x 10”4- 
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SANDWICH 

EXTERNAL  SUCTION  SURFACE 
CHORDWISE  DUCTS 
(SANDWICH  WITH  CHORDWISE 
CORRUGATIONS) 


MIXING  DUCT  WITH  RISING  PRESSURE 


Figure  106.-  Schematic  suction  ducting  system  in  rear 
pressure  rise  area  of  LFC  wing  with  duct 
mixing  method  (b*  ) . 
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LOW  PRESSURE  RATIO 
BOOSTER  FANS.  ON  SAME 
SHAFT  AS  BOOSTER  COMPRESSORS 


TO  MAIN  SUCTION 
COMPRESSOR  (WING  MOUNTED! 


Figure  107.-  Mixing  of  suction  air  of  different  total 
energy  levels  at  duct  end. 


^surfsct 

1o 


0.05 


Figure  110.-  Losses  in  suction  ducting  systems  with 
methods  (b)  and  (b'). 
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Figure  108.-  Losses  In  suction  ducting  systems  with 
method  (b)  and  (b1)  .A P surface/q  - 0.1 


Figure  111.-  Losses  In  suction  ducting  systems 

with  method  (a)  and  (b)  and  (b1), 

l-  . - 100X. 
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Figure  109.-  Lossea  in  suction  ducting  systems, 
(b)  and  (b1).  AP.urf«ca/90  - 0.2. 
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Figure  113.“  Losses  in  suction  ducting  systems  with 
method  (bf).  Jet  mixing  efficiency 

H . . for  different  Ap„  • 

mixing  surface  o 
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Figure  116.-  Static  pressure  Cp  and  total  energy 

losses  Ah  in  ducts  and  ^2^ 
without  duct  inlet  turning  vanes. 

%.  end  ~ 

« 600  000. 

Ref.:  Northrop  Rep.  BLC-22  (1953). 

Sp  as  with  duct  . 


Figure  114.-  Duct  No.  1 — typical  sections. 


SLOT  OR  CHANNEL  — 


TURNING  VANES 


DUCT  INLET 
DUCT  - 


Figure  117.-  Duct  No.  with  suction  air  inlet 

turning  vanes. 
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Figure  115.-  Duct  No.  2 - typical  sections. 


Figure  118.“  Duct  No. Qv) with  suction  air  inlet 
turning  vanes. 
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Figure  124.-  Static  pressure  and  total  energy 

losses  Ah  in  duct  I,  i^/u^  * 

to  1.08  of  along  duct,  — . 

580,000.  Ref.:  Northrop  Rep. 

NAI-54-486,  BLC-50  (1954). 


Figure  126.-  Static  pressure  c and  total  energy 
losses  Ah  in  ideal  suction  duct  II, 
y«D~  1.0  to  1.08  of  along  duct, 
^.End 

- 630,000.  Duct  turning 

vanes  Improperly  sealed. 

Ref.:  Northrop  Rep.  NAI-54-716, 

BLC-64. 
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Figure  125a.-  Improved  suction  duct  (II  and  III). 


Figure  125b.-  Typical  cross-sections  — Improved 
suction  duct  (II  and  III). 


'lgure  127.-  Static  pressure  c and  total  energy 
Ah  in  Ideal  suction  duct  III, 


losses 


1 1 no 


^ ‘En^ — - 1.3  • 10E.  Duct  turning 

vanes  properly  sealed  (Improved  suction 
duct).  Ref.:  Northrop  Rep.  NAI-55-547, 
BLC-70  (1955). 


Figure  128.-  Total  energy  losses  Ah  of  various 
ducts  versus  duct  length  Reynolds 
number  Re^ . 
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Figure  129.-  Boundary  layer  profile  at  low  velocity  — 
station  56.7  opposed  to  inlet. 


Figure  131.-  Total  energy  losses  of  Duct  III, 

Vd  hydD  End  ' 20- 


Figure  132.-  Pressure  distribution  along  duct 

showing  effect  of  taping-off  part  of 
inlet  slot. 
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Figure  130.-  Boundary  layer  profile  at  high  velocity 
station  36.7  aids  position. 
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Figure  134.-  Outboard  and  trailing  edge  skins. 
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Figure  135.-  20-inch  torsion  tubes. 
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Figure  136.-  Relative  rigidity  and  yield  stress. 
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Figure  139.-  Untapered  torsion  box. 


Figure  140.-  Continuous  truss  type  trailing  edge. 


Figure  137.-  Twist  at  failure. 
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Figure  138.-  All  bonded  upper  and  lower  skin  assembly 


Figure  141.-  Altitude-local  disturbances 
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Figure  142.-  Altitude-vraviness  chart. 
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Figure  146.-  Solid  skin  plenums  chordwlse  tension. 
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Figure  i43.-  Corrosion  test  results. 
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Figure  147.-  S-N  curve  — chordwlse  specimens. 
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Figure  144.-  Potential  cumulative  damage  reduction 
for  BLC  aircraft. 
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Figure  148.-  S-N  curve  “ spanvise  specimens. 
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Figure  245.-  Envelope  of  maximum  stresses  interior 
holes. 
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DESIGN  CONSIDERATIONS  OF  LARGE  GLOBAL  RANGE  HIGH 
SUBSONIC  SPEED  LFC  TRANSPORT  AIRPLANES* 


The  low  laminar  friction  drag  with  LFC  increases  substantially  the  cruise  lift  to  drag  ratio  L/D 
and  range  of  LFC  airplanes  to  stimulate  long-range  transportation  of  heavy  loads  at  high  subsonic  speeds 
without  refueling.  The  question  then  arises  concerning  the  design  problems  of  such  high  performance  LFC 
transports . 


1 . Aerodynamic  Considerations. 


According  to  the  drag  polar  (fig.  l)  of  a large  high  subsonic  speed  LFC  transport  with  an  all-laminar 
cantilever  wing  of  10.1*  aspect  ratio  and  split  tips  (effective  aspect  ratio  12) , the  induced  drag  D 
dominates  down  to  relatively  low  lift  coefficients  C , followed  by  the  parasite  drag  of  the  turbulent 
surfaces,  while  the  suction  laminarized  surfaces  contribute  but  a small  percentage  to  the  total  airplane 
drag  at  optimum  cruise.  Therefore,  to  optimize  the  performance  of  long  range  LFC  transports,  the  ratio 


ind 

L 


W 


airplane 


should  be  reduced  simultaneously  with  D^.  Following  nature's  example  of  large 


Trqb 


land  soaring  birds  like  the  Condor  (fig.  2)  with  split  wing  tips,  the  induced  drag  may  thus  be  reduced  by 
12  percent  to  15  percent  (fig.  3).  In  addition,  active  control  on  split  wing  tips**  for  maneuvering, 
load  alleviation,  etc.,  following  again  nature  with  the  Condor,  appears  particularly  attractive  due  to 
the  short  response  time  and  reduced  power  needed  for  active  control  as  a result  of  the  small  chords  of 
the  split  tips;  furthermore,  undesirable  wing  torsional  moments  and  deformations  associated  with  lift 
changes  on  split  wing  tips  for  active  control  are  considerably  smaller  than  with  wing  trailing  edge  flaps. 


At  a given  cruise  dynamic  pressure  q and  airplane  cruise  weight,  the  ratio 
lowering  the  span  loading  W/b^;  i.e.,  raising  the  wing  span  b. 


Dind/L  decreases  by 


This  aerodynamic  advantage  of  a large  span  LFC  wing  of  low  induced  and  friction  drag,  though,  is 
bought  at  the  price  of  an  increased  wing  structural  weight,  unless  overall  and  detail  design  philosophies 
are  applied  which  enable  reasonably  low  structural  weights  for  such  large  span  wings.  Thus,  the  key 
problem  in  designing  wings  of  low  span  loading  for  large  long-range  LFC  transport  airplanes  becomes 
immediately  a problem  of  wing  structural  weight  minimization.  This  may  be  accomplished  by  limiting  the 
flight  load  envelope  by  designing  the  airplane  for  relatively  high  cruise  lift  coefficients  and  thus 
smaller  cruise  dynamic  pressures,  combined  with  gust-,  maneuver-,  dynamic-,  and  fatigue-load  alleviation 
through  active  control  and  fly-by-wire  techniques,  as  well  as  the  choice  of  advanced  structural  materials 
of  high  strength  and  stiffness  (advanced  composites)  and  possibly  a suitable  distribution  of  the  payload 
in  the  wing  along  the  wing  span.  The  latter  approach  may  not  always  be  feasible,  expecially  for  high 
subsonic  speed  transport  airplanes  with  relatively  thin  wings  carrying  very  bulky  loads  to  require  in 
many  cases  a large  central  fuselage  for  the  payload;  furthermore,  the  large  moments  of  inertia  around  the 
longitudinal  axis  of  airplane  configurations  with  distributed  payloads  along  the  span  limit  airplane  roll 
acceleration  at  low  speeds.  In  addition,  the  wide  landing  gear  treads  required  to  avoid  excessive 
ground- air-ground  loads  with  distributed  loads  lead  to  wider  runways  and  are  another,  though  not  neces- 
sarily decisive,  disadvantage.  To  further  reduce  the  structural  weight  of  large  span  LFC  wings,  without 
resorting  to  distributed  payloads  along  the  span,  unconventional  design  approaches  may  have  to  be 
accepted  and  design  philosophies  possibly  adopted  which  had  been  used  in  the  past  when  the  airplane 
designers  had  to  build  relatively  thin  large  span  wings  of  sufficiently  low  induced  drag.  Just  as  the 
externally  braced  thin  biplane  wings  of  the  WW-I  fighters  proved  superior  in  combat  during  circling 
flight  at  high  CL's,  where  induced  drag  dominated,  it  should  not  be  surprising  if  large  LFC  transport 
airplanes  with  large  span  wings  of  low  span  loading,  braced  externally  with  carefully  designed  suction 
laminarized  struts  in  composite  structure,  may  show  superior  performance  over  equivalent  transport  air- 
planes with  cantilever  LFC  wings  of  comparable  structural  weight  and  correspondingly  smaller  span  and 
aspect  ratio  (refs.  1-10).  The  lower  induced  drag  of  the  long  strut-braced  LFC  wing  then  more  than  com- 
pensates for  the  small  parasite  drag  of  the  suction  laminarized  struts  to  increase  L/D  and  range  of 
large  LFC  transport  airplanes  by  about  20  percent  or  more,  depending  on  the  sophistication  of  the  strut 
system.  Such  strut-braced  designs  might  even  prove  superior  for  nonsuction  airplanes,  as  verified 
experimentally  in  the  Wright  Field  transonic  tunnel  on  a complete  airplane  model  with  a 35-degree  swept 
strut-braced  wing  designed  by  the  Northrop  Boundary  Layer  Research  Group  (ref.  10).  On  this  model,  a 
maximum  L/D  * 20.3  was  achieved  at  Re-  ~ 1.2  • 10°  and  ^ * .89  for  the  complete  airplane  con- 
figuration (including  tail  surfaces  and  simulated  engine  nacelles).  Taking  into  account  the  smaller 
chord  and  higher  optimum  ^Lcruiae  and  cruise  altitude  of  large  span  high  aspect  ratio  strut -braced  LFC 

wings,  their  maximum  wing  chord  Reynolds  number  Recmax  (based  on  maximum  wing  chord  Cmax)  is  about  1*0 

to  1*5  percent  lower  than  for  equivalent  cantilever  LFC  wings  of  smaller  span  with  the  same  structural 
weight,  reducing  ReC|llftY  from  about  80  to  90. 10^  for  cantilever  wing  LFC  transports  of  1*00,000  kg  T0WG 

to  1*5. 10^  with  strut-braced  LFC  transports.  The  latter  values  correspond  to  maximum  values  observed 
locally  on  the  30-degree  swept  in-board  X-21  wing  with  full  chord  laminar  flow.  In  contrast,  laminar 
Rec  - values  on  swept  LFC  wings  of  80.16^  to  90.16°  are  far  beyond  presently  achieved  experimental  values. 

According  to  table  1 the  average  cruise  unit  length  Reynolds  numbers  U^/v  decrease  from 
U.8  * 10°/m  at  R * 1*0, 600  ft.  for  the  optimum  M * 0.78  cantilever  LFC  wing  of  aspect  ratio  10.1*  with 
split  tips  to  3.66  • 10°/m  at  fl  ■ 1*6,200  ft.  for  the  optimum  M * 0.78  Bingle  strut-braced  16 . U 
aspect  ratio  LFC  wing  to  allow  30  percent  larger  surface  roughness  tolerances.  The  reduced  difficulties 
with  loss  of  LFC  due  to  ice  cloud  particles  and  turbulence  at  these  higher  cruise  altitudes  are  further 
advantages  of  such  large  span  strut-braced  LFC  airplanes. 


• Summarized  from  report  by  W.  Pfenninger,  "Some  Thoughts  on  the  Design  of  Large  Globed.  Reuige  LFC 
Trauisport  Airplanes,”  January  1976. 

••  Using  for  example,  small  chord  trailing  edge  flaps. 
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After  selecting  wing  span  the  choice  of  wing  chord  or  aspect  ratio  depends  on  secondary  considerations 
such  as  high  lift  characteristics , gust  loads  and  their  possible  alleviation  through  active  control,  type 
of  wing  structural  layout  and  especially  of  sandwich  wing  skins  which  minimize  the  structural  weight  of 
larger  chord  wings  with  thin  skins,  critical  Mach  number  considerations,  fuel  load  distribution  along  the 

span,  etc.  i 

2.  Preliminary  Design  and  Structural  Considerations. 

Preliminary  designs  of  hypothetical  LFC  transport  airplanes  carrying  250,000  lbs.  (113,500  kg)  payload 
at  high  subsonic  speeds  over  global  ranges  were  laid  out  (figs.  ^ and  5)*  In  view  of  their  superior  per- 
formance and  easier  laminar izat ion  externally  braced  LFC  transport  designs  were  emphasized.  Every  effort 
was  made  to  take  maximum  advantage  of  the  strut-braced  design  by  assuming  wide-chord  suction  laminar i zed 
graphite  struts  of  low  parasite  drag,  taking  out  wing  bending  as  well  as  torsional  moments  at  the  wing 
strut  intersection  and  minimizing  the  bending  moments  in  the  in-board  strut-braced  region  of  the  wing. 

Of  course,  the  aerodynamic  interference  at  high  subsonic  speeds  between  the  struts  and  the  lower  wing 

surface  must  be  minimized  or  eliminated  by  suitable  area  cutouts  on  the  lower  wing  surface  (fig.  6),  as 

demonstrated  successfully  by  the  strut-braced  airplane  model  of  the  Northrop  LFC  research  group  in  the 
Wright  Field  transonic  tunnel  (ref.  10).  Furthermore,  local  suction  is  required  to  maintain  laminar  flow 
in  the  Juncture  region  of  the  strut  with  an  LFC  wing  (ref.  ll). 

A relatively  bulky  payload  similar  to  that  of  the  C-5  airplane  was  assumed,  requiring  a rather  large 
central  fuselage  to  carry  the  payload.  In  principle,  at  least  part  of  the  less  bulky  payload,  such  as 
containers,  might  be  carried  in  smaller  payload  nacelles  relatively  far  outboard  on  the  wing,  strongly 

alleviating  the  wing  bending  moments  in  flight  (fig.  7)  and  thus  further  raising  wing  span  and  lowering 

induced  drag  without  a wing  structural  weight  penalty.  The  length  Reynolds  numbers  of  such  nacelles  can 
be  cuff iciently  low  during  cruise  to  allow  very  extensive  suction  laminarization  with  the  present  state  of 
knowledge;  i.e.*  the  parasite  drag  of  such  payload  nacelles  might  thus  be  drastically  reduced.  Of  course, 
with  the  particularly  large  wing  span  of  such  a design,  wing  torsional  deflections  become  critical,  this 
problem  may  be  solved  by  actively  controlling  the  wing  torsional  deformation  by  means  of  suitable  horizon- 
tal active  control  surfaces  on  these  payload  nacelles.  Landing  gears  in  these  nacelles  (in  addition  to 
the  main  central  landing  gear)  minimize  negative  ground-air-ground  loads  during  taxiing,  ground  roll,  and 
touchdown  resulting  from  their  weight,  requiring  rather  wide  run-  and  taxiways.  Even  though  such  a design 
approach  could  provide  substantial  performance  improvements  with  further  increased  payloads  ( - U00,000 
lbs.)  at  global  ranges  with  reasonable  takeoff  gross  and  fuel  weights,  this  approach  was  finally  abandoned 
because  of  the  wide  runways  needed  for  the  wide  landing  gear  tread  of  such  designs.  The  situation  in  this 
respect,  though,  might  change  in  the  future;  after  all,  adding  concrete  on  the  sides  of  runways  is  rela- 
tively inexpensive  as  compared  to  all  the  other  costs  involved. 

For  the  same  reason,  large  span  configurations  with  twin  fuselages  spaced  relatively  far  apart  to 
minimize  wing  bending  moments  in  flight,  carrying  in  each  fuselage  possibly  150,000  lbs.  payload  or  so, 
were  not  further  considered  in  spite  of  their  possibly  superior  performance;  again,  the  large  landing  gear 
tread  would  require  rather  wide  runways  and  might  therefore  be  presently  unacceptable.  Similarly,  "span- 
loaders,"  with  the  payload  located  in  the  wing  along  its  span,  were  ruled  out  for  the  time  being;  the 
bulky  C-5  type  payload  would  have  required  an  excessively  thick  wing  in  addition  to  a wide  landing  gear 

tread.  Therefore,  designs  with  a large  central  fuselage,  carrying  the  entire  payload,  were  chosen,  using  i 

a central  landing  gear  in  the  fuselage  and  if  necessary  carrying  a small  percentage  of  the  ground  loads  j 

by  smaller  gears  supported  from  the  wing  strut  system  or  the  engine  nacelles. 

Within  this  design  constraint,  every  effort  was  made  to  minimize  wing  structural  weight  and  design  , 

as  large  a span  wing  of  low  span  loading,  W/b^,  and  small  induced  drag  with  reasonably  low  structural 
weight  of  the  lift-carrying  system.  In  general,  the  wing  span  was  chosen  so  as  to  keep  the  weight  of  the 
lift-carrying  system  at  about  12  to  lU  percent  of  the  take-off  gross  weight,  WQ,  assuming  titanium  for 
the  wings  and  graphite  for  the  struts  and  split  wingtips.*  To  keep  the  maximum  gust  load  factors  below  2 
to  2.5  g and  minimize  dynamic  loads  in  gusts  due  to  wing  overshoot  in  bending  (by  raising  the  aerodynamic 
damping  in  wing  bending),  active  control  was  assumed  deflecting  a small  chord  trailing  edge  cruise  flap 
in  the  outer  wing.  Active  horizontal  control  surfaces  mounted  on  suetion-laminarized  external  wing  fuel 
nacelles  of  extremely  low  parasite  drag  (probably  usually  needed  only  in  rear  part  of  these  nacelles), 
located  in  the  outer  wing  similar  to  the  B- 52,  control  wing  torsional  deflections  and  thus  largely  compen- 
date  for  the  torsional  wing  deformation  resulting  from  deflecting  the  previously  mentioned  trailing  edge 
flaps  for  gust  load  alleviation  through  active  control.  A small  chord  trailing  edge  cruise  flap  can  thus 
be  far  more  effective  in  alleviating  gust  loads  through  active  control,  especially  on  swept  LFC  wings. 

The  same  horizontal  surfaces  on  the  external  fuel  nacelles  increase  the  damping  in  pitch  to  raise  accord- 
ingly the  wing  flutter  speed  — provided  their  support  structure  with  the  wing  is  sufficiently  stiff  in 
vertical  bending  requiring  possibly  graphite),  as  verified  by  flutter  calculations  of  A.  C.  Kyser. 

The  previously  mentioned  external  wing  fuel  nacelles,  containing  primarily  reserve  fuel,  alleviate 
the  wing  bending  moments  to  reduce  accordingly  wing  structural  weight.  Outrigger  landing  gears,  of 
course,  appear  desirable  to  minimize  negative  ground-air-ground  loads  induced  by  these  fuel  nacelles. 

Alternatively,  a large  percentage  of  their  fuel  might  be  stored  further  inboard  when  high  negative  loads 
may  be  encountered  during  taxiing,  ground  roll,  and  touchdown;  after  liftoff,  this  fuel  could  then  be 

transferred  to  the  external  fuel  nacelles.  Since  the  maximum  load  factors  at  high  C.  ' s shortly  after  A 

liftoff  are  limited  by  wing  stall  and  the  aerodynamic  lift  with  deflected  flaps  at  takeoff  and  the  initial  I 

climb  is,  in  addition,  concentrated  further  inboard  such  a procedure  may  be  permissible  from  the  stand- 
point of  allowable  wing  bending  moments.  In  this  manner,  excessive  negative  ground-air-ground  loads 
during  taxiing,  takeoff  ground  roll,  and  touchdown  would  be  avoided  while  still  maintaining  the  favorable 
wing  bending  relief  by  these  external  nacelles  at  higher  flight  speeds. 


• Lower  wing  structural  weights  would  result  with  an  all  composite  or  hybrid-composite  titanium  wing. 
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The  relatively  high  optimum  cruise  lift  coefficients  of  large  span  high  aspect  ratio  strut-braced  LFC 
wings  limit  the  maximum  cruise  load  factor  before  the  wing  stalls i thus,  a spanwise  lift  distribution  for 
low  induced  drag  can  easier  be  chosen  at  cruise  to  optimize  the  airplane  cruise  lift-to-drag  ratio. 

At  C^'s  < CLcrulae  and  correspondingly  higher  flight  dynamic  pressures,  the  outer  wing  may  be  unloaded 

by  deflecting  up  the  trailing  edge  flaps  on  the  outboard  wing  and  split  wing  tips  (through  active  control) 
to  raise  the  permissible  gust  load  factors  over  those  at  cruise.  The  same  method  reduces  wing  bending 
under  maneuver  loads  as  well  as  during  the  last  flight  phase  when  the  fuel  of  the  external  fuel  nacelles, 
most  of  which  is  reserve  fuel  anyhow,  has  been  consumed. 

Wing  bending  moment  calculations  were  conducted  at  2. 5 g limit  load  factor  for  a strut-braced  LFC  wing 
with  a simple  single  as  well  as  a longer  kinked  single  strut,  supported  at  the  kink  location  by  a Jury 
strut  (fig.  8).  The  bending  moments  in  the  strut-braced  inboard  wing  area  are  drastically  reduced  to 
minimize  accordingly  wing  structural  weight  in  this  region.  The  inboard  wing  bending  moments  are 
particularly  small  with  a kinked  strut  and  a Jury  strut  located  at  the  kink  location.  The  Jury  strut 
kink  load  induced  by  the  kinked  main  strut  substantially  reduces  the  bending  moments  in  the  inboard  wing 
(refs.  2-7).  At  the  same  time,  the  strut  kink  increases  the  angle  between  wing  and  strut  to  alleviate 
accordingly  the  aerodynamic  wing-strut  intersection  problem. 

Of  course,  the  strut  is  structurally  far  more  effective  if  it  takes  out  wing  torsional  moments  at  the 
wing  strut  intersection  besides  wing  bending  moments,  accomplished  with  wide  chord  and/or  V-type  struts. 

With  the  parasite  drag  of  suction  laminarized  struts  being  inherently  very  small  and  increasing  only 
approximately  proportional  to  *^cst,rut  *n  the  ran&e  ° f the  strut  Reynolds  numbers  rather  wide  chord  struts 

appear  acceptable  at  the  wing-strut  intersection. 

To  increase  the  wing  chord  and  thickness  in  the  structurally  critical  wing-strut  intersection  region, 
with  the  purpose  in  mind  of  minimizing  wing  structural  weight,  relatively  low  C^'s  are  chosen  in  this 
area,  while  increases  continuously  towards  the  wingtip  where  percentage-wise  thinner  wing  sections 

are  structurally  acceptable.  The  smaller  local  — values  in  the  wing-strut  intersection  region  allow 

correspondingly  larger  local  wing  thickness  ratios  (t/c);  locally  further  increased  (t/c)'s  are,  in  addi- 
tion, possible  due  to  the  fact  that  the  local  super  velocities  due  to  wing  thickness,  tapering  spanwise 
both  towards  the  fuselage  and  the  wing  tip,  are  considerably  smaller  than  on  a yawing  wing  of  constant 
chord  and  thickness,  especially  at  high  subsonic  speeds.  A still  thicker  wing  in  the  wing-strut  inter- 
section region  appears  feasible  by  placing  the  main  propulsion  fan  engine  nacelles  as  well  as  the  suction 
drive  nacelles  in  the  form  of  "Whitcomb  bumps"  up-  and/or  downstream  of  the  wing  trailing  edge  in  the 
wing-strut  intersection  region  to  reduce  accordingly  the  local  super  velocities  on  the  wing  in  this 
region.  In  view  of  the  torsionally  very  stiff  inboard  *ing-graphite  strut  system,  engines  at  the  wing- 
strut  intersection  location  may  be  placed  to  the  rear  of  the  wing  (fig.  5)  without  major  structural  and 
flutter  problems;  this  may  be  impossible  on  a cantilever  wing.  Still  further  increased  wing  thickness  in 
the  wing-strut  intersection  area  may  be  permitted  by  locally  increasing  the  isobar  sweep  angle  on  the 
upper  wing  surface.  The  combination  of  all  these  methods  is  a substantially  increased  wing  thickness  in 
the  wing-strut  intersection  region,  where  wing  bending  moments  are  a maximum,  to  minimize  wing  bending 
structural  weight. 

Compression  and  buckling  loads  in  the  inboard  wing  region,  combined  with  bending  loads,  must  be  care- 
fully considered  at  higher  positive  load  factors.  To  minimize  or  preferably  eliminate  eccentricity  of  the 
inboard  wing  at  high  loads,  adversely  affecting  its  buckling  load,  and  avoid  additional  bending  moments  in 
the  deflected  inboard  wing  at  high  positive  loads  by  strut-induced  compression  loads,  the  inboard  wing 
might  preferably  be  built  precurved  such  that  it  becomes  more  or  less  straight  at  high  positive  load 
factors. 

From  the  standpoint  of  compression  and  buckling  loads,  high  strength  graphite  appears  as  a particularly 
promising  structure!  material  for  the  inboard  strut-braced  portion  of  the  wing,  for  it  could  then  be  of 
surprisingly  low  weight.*  The  outer  wing  might  be  an  all-graphite  or  graphite-titanium  design. 

Strut  buckling  load  calculations  under  negative  ground-air-ground  loads  and  negative  gust  loads  show 
that  strut  buckling  can  easily  be  handled  with  relatively  low  strut  weights  so  long  as  graphite  or  other 
high  modulus  materials  are  used  for  the  struts.  With  the  struts  representing  rather  slender  columns 
operating  at  relatively  low  stress  levels,  high  modulus  graphite  (E  - 3.10°  kg/cra^,  ~ 6000  kg/cm^) 

often  appears  superior  over  high  strength  graphite  (E  - 1.6  • 10^  kg/cm^,  - 12,500  kg/cm^).  To 

minimize  eccentricity  under  high  negative  loads,  the  struts  might  be  precurved  such  that  they  become 
straight  at  high  negative  loads  (this  may  not  always  be  feasible,  and  graphite  of  higher  strength  and 
low*  r E might  then  be  preferable).  With  the  small  inboard  wing  deflections  under  load,  fixed  Joints 
appear  feasible  at  the  inboard  strut-fuselage  intersection  to  decrease  accordingly  the  buckling  length  of 
the  inboard  struts.  The  Jury  strut  supports  the  main  strut  at  the  kink  location  from  the  wing.  Similarly, 
since  the  tension  load  in  the  main  strut  at  high  positive  loads  is  approximately  equal  to  the  correspond- 
ing compression  load  in  the  inboard  wing,  the  Jury  strut  (supported  from  the  main  strut)  effectively 
stabilizes  the  inboard  wing  against  buckling;  the  buckling  length  of  the  inboard  wing,  especially  with  a 
fixed  wing-fuselage  Joint,  is  thus  drastically  reduced. 

In  summary,  bracing  an  LFC  wing  with  wide  chord  suction  laminarized  graphite  struts  is  equivalent  to 
adding  a very  rigid  inboard  wing  to  a much  more  flexible  cantilever  outer  wing  to  substantially  increase 
wing  span  and  aspect  ratio  without  raising  the  structural  weight  of  the  lift  carrying  system,  thereby 
reducing  induced  drag  at  a very  minor  penalty  in  strut  parasite  drag  to  increase  the  range  by  20  percent 
at  Up  percent  lower  maximum  wing  chord  Reynolds  numbers. ___ 

• Truss-type  structures  like  wing-strut  systems,  loaded  axially  in  tension  and  compression,  lend  themselves 
inherently  better  to  unidirectional  advanced  composites  as  compared  to  cantilever  wings,  which  need 
longitudinal  plies  for  bending  strength  and  additional  diagonal  plies  for  torsional  stiffness.  In  other 
words,  the  reduction  of  wing  structural  weight  through  advanced  composites  can  be  substantially  larger 
for  strut-braced  than  for  cantilever  wings  to  favor  strut-braced  wings  in  advanced  composite  structure. 
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To  achieve  M ru^e  s 0*7®*  20°  to  2U°  swept  conservatively  laid  out  transonic  LFC  wings,  were 

assumed  for  the  time  being.  With  gust  loads  limited  by  active  control  and  extensive  use  of  sandwich 
structures  in  the  LFC  wings  relatively  low  wing  loadings  W/S  will  optimize  performance  (fig.  9) » 
especially  taking  into  account  the  fact  that  increasingly  extensive  and  eventually  full  chord  laminar  flow 
becomes  easier  feasible  with  the  simpler  high  lift  flaps  and  the  lower  cruise  unit  length  Reynolds  numbers 
which  are  possible  at  lower  wing  loadings.  Furthermore,  the  ratio  of  skin  thickness  to  wing  chord  is 
inherently  larger  for  optimized  large  span  high  aspect  ratio  strut-braced  LFC  wings  of  smaller  chord  than 
for  optimized  cantilever  LFC  wings  of  small  span  and  larger  chord.  Therefore,  it  appears  easier  to  design 
strut-braced  LFC  wings  of  lower  wing  loading  especially  for  local  buckling,  while  maintaining  high  stress 
levels  and  low  wing  weights.  From  a structural  standpoint  large  span  strut  braced  wings  may  then  optimize 
at  somewhat  lower  wing  loadings  than  cantilever  LFC  wings,  provided  gust  loads  can  be  limited  through 
active  control. 

Large  span  high  aspect  ratio  strut-braced  wings  with  very  thin  inboard  wings,  with  the  thickest  por- 
tion of  the  wing  located  in  the  wing-strut  intersection  region  at  a considerable  distance  from  the  fuse- 
lage, lend  themselves  inherently  well  to  minimize  the  aerodynamic  interference  between  wing  and  fuselage 
at  high  subsonic  speeds.  In  many  cases  a favorable  "high  subsonic  speed  equivalent  area  distribution" 
appears  possible  with  essentially  a cylindrical  unwaisted  fuselage  desirable  from  many  aspects,  even  at 
cruise  Mach  numbers  up  to  = .9*  With  the  gradual  upstream  fall-off  of  the  cross-sectional  area  of  the 
thin  strut-braced  inboard  wing,  leading  edge  strakes  and  similar  devices  are  then  unnecessary  to  achieve 
a smooth  equivalent  high  subsonic  speed  area  distribution. 

After  gaining  design  experience  with  various  large  strut-braced  LFC  transports,  preliminary  design 
type  studies  on  such  airplanes  were  continued  with  more  elaborate  double-strut-braced  LFC  wings  of  further 
increased  wing  3pan  and  aspect  ratio  (fig.  10).  Their  lower  induced  drag  by  f ar  compensates  the  increased 
parasite  drag  of  the  more  elaborate  suction  laminarized  strut  system  to  substantially  improve  the  airplane 
range/payload  performance,  at  least  in  principle.  At  the  same  time,  with  the  smaller  wing  chord  and  higher 
optimum  ^Lcruj_se  811(1  ^cruise  °**  8ucl1  designs,  their  wing  chord  Reynolds  numbers  are  substantially 

smaller  than  for  the  simpler  strut-braced  wing  designs  to  alleviate  accordingly  the  suction  laminar! zation 
problems  of  large  LFC  wings,  associated  especially  with  boundary  layer  crossflow  due  to  sweep.  Structural 
load-  and  buckling-calculations  of  the  various  strut  components  and  inboard  as  well  as  outboard  wing  indi- 
cate that  the  double-braced  wing-strut  system  can  be  designed  structurally  highly  efficiently  with  respect 
to  bending  and  torsional  loads  and  deformations  at  surprisingly  low  structural  weights,  especially  if  high 
strength  or  high  modulus  graphite  material  is  used  Judiciously  for  the  various  strut  members  and  the 
inboard  wing,  depending  on  the  effective  column  buckling  length-to-thickness  ratio.  LFC  transports  with 
such  double  strut-braced  wings  of  further  increased  span  pose  more  severe  handling  problems;  furthermore, 
their  larger  wing  aspect  ratios  and  reduced  wing  volumes  complicate  the  LFC  suction  ducting  design  in  the 
wing,  though  not  necessarily  in  a decisive  manner. 

For  turbulent  airplanes  such  double  strut-braced  wing  designs  of  very  high  aspect  ratio  may  become 
questionable  in  view  of  their  very  higu  optimum  cruise  lift  coefficients,  resulting  from  the  rather  high 
wing  aspect  ratios,  adversely  affecting  Mc^  of  the  wing  as  well  as  the  rear  pressure  recovery  on  the 

upper  wing  surface  at  such  high  cLcruise*  Therefore,  the  performance  of  such  large-span,  high  aspect 

ratio,  double-braced  turbulent  comparison  airplanes  was  not  further  studied.  With  the  small  friction  and 
parasite  drag  of  LFC  airplanes,  ^Lcruise  t is  substantially  lower  than  for  comparison  turbulent  air- 
planes; hence,  of  double-braced  LFC  airplanes  is  not  yet  as  severely  compromised  by  the  higher 

C^cruige  °*  double  strut-braced  configurations,  especially  if  the  fuselage  drag  could  be  minimized 
through  LFC. 

3.  Performance  Improvements  Through  Fuselage  Drag  Reduction. 

After  lowering  induced  drag  by  means  of  a large  wing  span  and  minimizing  wing  and  empennage  profile 
drag  through  suction  laminarization,  the  fuselage  parasite  drag  becomes  important  and  should  preferably 
be  further  reduced.  This  may  be  possible  by  thickening  the  laminar  sublayer  of  the  turbulent  fuselage 
boundary  layer  end  lowering  accordingly  turbulent  fuselage  skin  friction  drag,  accomplished  for  example 
with  flexible  surfaces,  as  demonstrated  by  Blick  (ref.  18)  as  well  a®  Bushnell  (ref.  19) » or  perhaps  by 
the  somewhat  controversial  method,  suggested  first  by  Betz,  of  injecting  low  energy  boundary  layer  air, 
removed  by  suction  from  the  rear  pressure  rise  area  of  the  fuselage,  into  the  turbulent  boundary  layer  in 
the  flat  pressure-  and  accelerated-front  region  of  the  fuselage.  The  practical  feasibility  and  weight 
penalties  of  such  flexible  fuselage  surfaces  and  of  injection  of  low  energy  air  into  the  fuselage  boundary 
layer  must  be  further  studied. 

Pressure  drag  in  the  rear  pressure  rise  area  of  the  fuselage  can  be  minimized  by  thinning  the  fuse- 
lage boundary  layer  in  this  region  by  means  of  suction  (ref.  12);  reacceleration  of  the  suction  air  to 
flight  speed  or  somewhat  higher  speeds  recovers,  in  addition,  a large  percentage  of  the  kinetic  wake 
energy  of  the  sucked  fuselage  boundary  layer  (ref.  13).  Estimates  of  the  minimum  propulsive  power  for  a 
turbulent  fuselage  with  carefully  laid  out  suction  in  the  rear  pressure  rise  area  indicate  a saving  of 
15  percent  in  propulsion  power  for  the  fuselage,  as  compared  to  the  product  fuselage  drag  times  flight 
speed  (ref.  12,  fig.  ll).  The  reduction  of  the  fuselage  pressure  drag  by  means  of  suction  in  the  rear 
part  of  the  fuselage  becomes  essential  when  the  turbulent  fuselage  boundary  layer  in  the  upstream  flat 
pressure  area  has  seen  thickened  artificially  by  low  energy  blowing  of  decelerated  fuselage  boundary 
layer  removed  from  the  rear  end  of  the  fuselage. 

On  upswept  rear  fuselages,  boundary  layer  thinning  through  suction  enables  a closer  approach  towards 
potential  flow,  especially  when  local  boundary  layer  crossflow  in  this  region  can  be  compensated,  if 
necessary,  by  a counter-secondary  flow  generated  by  suitable  guide  vanes  (ref,  lU).  The  fuselage  drag 
may  then  closely  approach  the  drag  of  aerodynamically  more  ideal  symmetrical  fuselages  with  suction  in 
their  rear  pressure  rise  areas. 
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Of  course,  fuselage  drag  could  basically  be  much  further  reduced  by  extensive  suction  larainarizat Ion. 
Indeed,  experiments  In  the  Ames  12-foot  tunnel  on  a Relchardt  low  drag  suction  body  of  revolution  of  the 
Northrop  LFC  Research  Group  verified  extremely  low  equivalent  body  drags  (Cp  ~ 2.7  * 10'1*,  based  on  body 
wetted  area,  including  the  equivalent  suction  drag)  up  to  Rep  - 60  x 10°  with  very  small  suction  mass 
flow  rates  (ref.  15);  i.e.,  the  laminar  fuselage  drag  at  high  Rep  with  full  length  laminar  flow  might, 
in  principle  at  least,  be  reduced  by  a factor  of  8 to  10.  The  question,  of  course,  arises  concerning  the 
maximum  laminar  flow  length  Reynolds  number  on  such  suction  laminarized  bodies.  With  atmospheric  small 
scale  turbulence  too  weak  to  influence  transition  in  flight,  as  compared  to  the  destabilizing  influence  of 
the  microscale  turbulence  of  even  the  best  low  turbulence  tunnels,  one  might  expect  Re_  - 1.2  x 

g ^Transition 

10  on  a suction  body  under  otherwise  the  same  conditions  as  on  the  Reichardt  body.  With  a more 
sophisticated  approach  towards  the  aerodynamically  ideal  area  suction  and  with  disturbances  from  the  air- 
plane and  its  propulsion  and  suction  drive  system  minimized,  still  higher  transition  length  Reynolds 
numbers  than  1.2  x 10°  appear  basically  feasible  on  LFC  bodies,  as  expressed  in  reference  l6.  This 
theoretical  expectation,  though,  must  be  verified  experimentally. 

1).  LFC  Airplane  Performance. 

The  performance  of  various  large  M = 0.78  LFC  transports,  carrying  113,500  kg  payload  over  global 
ranges  without  refuelling,  was  studied.  For  most  of  the  performance  calculations,  a fully  turbulent 
fuselage  with  suction  in  its  rear  pressure  rise  area  (to  minimize  fuselage  pressure  drag  and  recover  part 
of  the  kinetic  energy  of  the  sucked  fuselage  boundary  layer)  was  assumed.  Reduction  of  turbulent  fuselage 
skin  friction  by  flexible  surfaces  or  injection  of  low  energy  boundary  layer  air  was  not  considered  in  the 
present  studies.  The  influence  of  partial  suction  laminar izat ion  of  the  fuselage  on  airplane  performance 
was  studied  for  several  cases,  tentatively  assuming  Rev  = 120  x 10°. 

^Transition 

The  figures  1,  12,  and  13  show  the  drag  polars  Cp  (Cp)  for  turbofan-powered  cantilever  and  various 
strut-braced  M = .78  LFC  transports  with  split  wing-tips  of  WQ  = 1)00,000  kg  and  113,500  kg  payload  with 
the  drag  contributions  of  the  different  airplane  components.  It  is  immediately  evident  that  the  drag 
contributions  of  the  suction-laminarized  airplane  surfaces  is  relatively  insignificant  as  compared  to  the 
airplane-induced  drag  and  the  turbulent  fuselage  friction  drag.  The  small  parasite  drag  contribution  of 
the  suction-laminarized  wing  struts  is  evident,  even  with  more  sophisticated  double  strut-braced  systems 
of  further  increased  wing  aspect  ratios.  The  drag  polars  show  the  very  substantial  reduction  of  the 
induced  drag  from  the  aspect  ratio  10.1)  cantilever  LFC  wing  to  the  single  strut-braced  wing  of  aspect 
ratio  16.1)  and  the  double  strut-braced  wing  of  aspect  ratio  2l).l>  of  the  same  wing  structural  weights.  The 
airplane  cruise  lift-to-drag  ratio  L/D  thus  increases  progressively  from  about  1)0  for  the  cantilever 
M = 0.78  LFC  airplane  without  split  tips  to  1)2. U with  split  tips  and  50  for  the  single  strut-braced  LFC 
airplane  of  16.1)  aspect  ratio  and  57  for  the  double  strut-braced  wing  of  2l).l)  aspect  ratio  (all  with  fully 
turbulent  fuselage),  see  figure  lU.  Similar  plots  for  L/D  versus  Cp  are  given  in  the  figures  ll),  and 
15  for  cantilever  and  various  strut-braced  LFC  transport  configurations  with  a partially  laminar  fuselage 
as  well  as  for  configurations  with  counterrotating  pusher  propellers  mounted  downstream  of  the  wing 
trailing  edge. 

The  comparison  drag  polar  of  turbofan-powered  strut-braced  turbulent  nonsuction  airplanes  (fig.  lb) 
shows  the  dominating  influence  of  the  wing  profile-  and  induced  drag,  with  the  fuselage  parasite  drag  being 
relatively  less  important  - with  figure  17  showing  L/D  (Cp)  for  various  nonsuction  turbulent  airplanes. 

Assuming  gust  load  limitation  by  active  control  and  laminarization  of  the  entire  wing,  empennage, 
struts  and  a fully  turbulent  fuselage  on  a turbofan  powered  Mcr  = .78  strut-braced  LFC  transport  of 
aspect  ratio  16.1)  with  split  wing-tips,  WQ  = 1)00,000  kg  and  113,500  kg  payload,  the  airplane  range 
optimizes  at  relatively  low  takeoff  wing  loadings  WQ/S  = U50  kg/m2,  ^L  p jse  “ 0*55,  Rpruise  * 1*5.000 

feet,  (L/D)crup8e  = 1*8  (fig.  9).  Evidently,  the  parasite  drag  of  the  turbulent  fuselage  is  comparatively 

so  large  and  dominant  as  to  optimize  L/D  and  range  at  relatively  low  wing  loadings  and  much  higher  Cl's 
and  altitude. 

For  comparison,  a large  LFC  transport  with  cantilever  wings  of  the  same  structural  weight  with  10.1* 
aspect  ratio  would  optimize  at  slightly  higher  wing  loadings,  Cl  - 0.1)  and  R - 1)0,000  feet. 

Assuming  a partially  laminar  flow  fuselage  for  the  above-mentioned  strut -braced  LFC  transport  of 
WQ  = 1)00,000  kg  T0GW  under  otherwise  the  same  conditions,  assuming  tentatively  ReXTransjt ion  * 120.10° 

on  the  fuselage,  the  range  optimizes  at  a somewhat  lower  wing  loading  W0/S  = 1)25  kg/m^,  L/D  - 55, 

Cl  - 0.55,  H - 1)6,000  feet  (fig.  18).  Evidently,  as  the  fuselage  length  Reynolds  number  decreases  at 
larger  Cl  transition  on  the  fuselage  moves  downstream  to  decrease  fuselage  drag  (see  drag  polar  (fig.  12). 
Under  such  conditions  L/D  optimizes  at  surprisingly  high  Cl  - values,  with  Cp  being  substantially 

larger  than  Cp  . *nd 

+ par. 

As  shown  by  the  summary  Table  1,  double  strut-braced  LFC  airplanes  of  further  increased  wing  span  and 
aspect  ratio  (both  with  fully  turbulent  as  well  as  partially  laminar  flow  fuselage)  optimize  at  still 
higher  cruise  Cl's  (~  0.65)  and  H (-  50,000  ft.)  and  surprisingly  low  unit  length  Reynolds  numbers 
(0 Jy~  3.10°/m).  Table  1 presents  results  for  turbofan  powered  LFC  transports  carrying  250,000  lbs  payload 
over  lU,000  nautical  miles  still  air  range  without  refueling. 

For  comparison,  figure  19  shows  the  corresponding  results  of  optimization  studies  for  turbofan  powered 
strut-braced  turbulent  Mcr  * .78  transport  airplanes  of  16. U aspect  ratio,  1)00,000  kg  T0GW  and 

1113,500  kg  payload.  Extensive  natural  laminar  flow  on  the  struts,  gust  load  limitation  by  means  of  active 

control  and  split  wing  tips  were  assumed.  The  range  optimizes  at  WQ/S  - 550  to  600  kg/m^,  H - 1)5,000  feet. 
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Cl  - 0.75*  L/D  ~ 28.5.  For  comparison,  the  range  of  turbofan  powered  turbulent  Mcr  * .78  transports 
of  U00,000  kg  TOGW  and  113,500  kg  payload  with  cantilever  wings  of  10. U aspect  ratio  with  and  without 

split  wing  tips,  optimizes  at  WQ/S  * 600  kg/m^,  L/D  = 2h  and  22.5,  respectively.  Cl  = 0.6  to  O.65, 

H - U0,000  feet. 

Figure  20  shows  the  variation  of  airplane  range  with  WQ  for  reasonably  well  optimized  turbofan- 
powered  cantilever  and  strut-braced  Mcruise  s 0.78  LFC  airplanes,  carrying  113,500  kg  payload,  and 
corresponding  comparison  turbulent  nonsuction  airplanes,  assuming  graphite  composite  material  for  the 
struts  and  split  wing-tips  and  metal  (preferably  titanium)  for  wing,  fuselage  and  empennage.  The  range, 

of  course,  increases  with  WQ;  it  increases  progressively  from  cantilever  LFC  configurations  with  ordinary 

wingtips  to  ones  with  split  tips,  to  single  strut-braced  LFC  configurations  and  double  strut-braced  LFC 
airplanes.  A similar  trend  is  observed  with  the  turbulent  nonsuction  comparison  airplanes,  except  that 
the  range  at  the  same  TOGW  is  about  1.65  or  1.75  times  smaller  than  corresponding  LFC  airplanes  with  fully 
turbulent  or  partially  laminar  flow  fuselages,  respectively. 

Figure  21  shows  under  otherwise  the  same  conditions,  plots  of  the  range  versus  WQ  of  strut -braced 
M = 0.78  LFC  airplanes  in  all  graphite  construction  as  well  as  with  only  the  inboard  wing  in  graphite, 
indicating  a substantial  range  increase  by  the  use  of  graphite  composites  as  structural  material. 

Figure  21,  furthermore,  shows  the  theoretically  possible  range  of  turboprop- powered  M = 0.78  LFC  trans- 
ports, indicating  a surprisingly  large  range  improvement  over  corresponding  turbo fan -powered  LFC  transports. 

Figure  22,  finally,  shows  the  variation  of  the  mean  wing  chord  Reynolds  number  Be-  during  average 
cruise  for  various  Mcrujse  = 0.78  LFC  transports  carrying  113,  500  kg  payload.  Under  otherwise  the  same 

conditions  Rec  -ifWoi  it  decreases  very  substantially  from  the  high  values  of  the  cantilever  wing 

configuration  (b2/S  = 10. k)  to  the  single  strut-braced  wing  designs  (b^/S  = 2U.U)  to  alleviate  accordingly 
the  ving  laminarization  problems,  especially  under  crossflow  conditions  due  to  wing  sweep. 

5.  Reduction  of  Induced  Drag  and  Range  Improvements  of  LFC  Airplanes  by  Formation  Flight. 

Substantial  reductions  in  induced  drag  and  corresponding  improvements  in  (L/D)cruise  and  airplane 
range  could,  in  principle,  be  possible  by  distributing  part  of  the  payload  along  the  span  (for  example,  in 
suet  ion-laminar i zed  payload  nacelles  and  increasing  the  wing  span  accordingly).  In  the  present  study, 
such  an  approach  - though  highly  attractive  from  the  standpoint  of  performance  as  well  as  alleviation  of 
the  LFC  problems  (lower  length  and  unit  length  Reynolds  numbers  as  a result  of  the  large  span,  high  aspect 
ratio  wings)  - was  finally  abandoned  in  view  of  the  wide  landing  gear  grends  of  such  designs.  The  same 
goal,  though,  may  be  accomplished  by  distributing  the  payload  in  several  airplanes  flying  in  formation  and 
linked  together  electronically  by  active  control  using  laser  or  other  advanced  electronic  methods  to  align 
the  individual  airplanes  in  such  a manner  as  to  minimize  the  induced  drag  at  cruise.  As  with  birds  flying 
in  formation,  the  wings  can  be  staggered  in  flight  direction  as  the  induced  losses  (neglecting  dissipation) 
are,  according  to  Munk's  theorem,  not  affected  by  such  stagger.  The  induced  drag  of  such  a formation  of 
wings  is  then  essentially  a function  of  the  span  of  the  entire  lifting  system  of  wings,  with  the  downwash 
in  the  Tref ftz-plane  far  behind  the  wings  constant  for  minimum  induced  drag.  The  minimum-induced  drag  of 
a combination  of  wings  in  formation  flight  was  analyzed  in  reference  17  by  means  of  measurements  in  an 
electrolytic  tank  using  the  electrolytic  analogy  (results,  see  figs.  23-26). 

For  minimum-induced  drag  in  formation  flight  with  a combination  of  several  wings,  the  individual  wings 
should  be  aligned  such  that  the  vertical  displacement  "s"  of  the  induced  trailing  vortex  sheets  of  the 
individual  wings  at  cruise  are  minimized  or  preferably  reduced  to  zero.  This  may  be  closely  approached 
with  modern  laser-  or  electronics  methods  and  active  control.  To  minimize  Dpn<j  the  circulation  ^ 

of  two  adjacent  wings  in  their  tip  region  should  vary  such  that  the  downwash  of  the  wing  combination  in  the 
Tref ftz-plane  is  approximately  constant;  i.e.,  the  resultant  circulation  of  both  wings  Ires  = + T- 

should  be  reasonably  continuous  in  the  tip  region  of  adjacent  wings  for  small  vertical  displacements  "s" 
of  the  individual  induced  vortex  sheets  (fig.  23).  With  the  tips  of  downstream  wings . trailing  directly 
downstream  of  preceding  upstream  wingtips,  rectangular  F-dl st r i but ions  would  be  needed,  which  are 
practically  impossible  to  realize.  It  appears  far  easier  to  achieve  a continuous  resultant  T-distribution 
in  the  wingtip  region  by  overlapping  the  wingtips  in  spanwise  direction  by  a distance  "a"  (fig.  23)  and 
letting  the  circulation  of  each  individual  wing  decrease  approximately  linearly  from  its  maximum  value 
to  zero  at  the  tip  over  the  distance  "a"  (for  small  "s"  values).  Indeed,  as  observed  by  the  author, 
pelicans  seem  to  fly  in  this  manner  in  formation  (ref.  17).  Furthermore,  with  the  induced  secondary  flow 
through  the  "frozen"  vortex  sheets  increasingly  restricted  with  larger  overlap  distances  "a",  the  induced 
Di 

drag  factor  k = — increases  at  a substantially  slower  rate  when  the  vertical  displacement  "s" 

indiv.  wings 

of  the  induced  vortex  sheets  increases.  K is  then  a minimum  for  relatively  large  overlap  ratios  a/b  for 
3,  5,  and  Infinitely  many  wings  (figs.  23-25),  with  b = individual  wing  span.  For  s/b  = 0,  2 of  each 

individual  wing  decreases  linearly  from  ro  to  zero;  with  increasing  s/b  - ratios,  T (y ) gradually 
approach  elliptic  distribution  and  k asymptotically  approaches  one  at  large  s/b  - ratios  (fig.  26). 

Assuming,  as  an  example,  3 and  5 wings  flying  in  formation  with  s/b  = 0.02,  the  minimum  induced  drag 
ratio  Is  k = 0.5  and  0.36  (figs.  2h  and  25),  increasing  (L/D)crulge  and  range  by  about  4o  percent  and 

60  percent,  respectively,  assuming  equal  - values  and  percentage  laminar  areas . Of  course,  with  the 

higher  ^Lcruiae  and  *he  correspondingly  lower  length  and  unit  length  Reynolds  numbers  Re^  and  U ^/v 
in  formation  flight,  Cp^  will  be  somewhat  larger,  compensated  partially  by  the  fact  that  more  extensive 
laminar  flow  may  be  possible  at  these  lower  Re^  and  U^/v's  in  formation  flight. 
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The  concept  of  induced  drag  reduction  in  formation  flight  may  be  applicable  particularly  to  cases 
where  the  induced  flow  angles  of  the  upstream  wings  are  not  unduly  large,  as  is  the  case  with  large  span 
high  aspect  ratio  strut-braced  LFC  wings  cruising  at  relatively  modest  C,  's  (as  a result  of  their  low  wing 
profile  and  parasite  drag).  If  necessary,  it  may  be  desirable  to  align  the  downstream  wings  according  to 
the  local  effective  angle  of  attack  in  the  wingtip  region  by  twisting  the  wingtip  by  means  of  suitable 
control  surfaces  located  on  the  external  fuel  pods,  etc.  With  the  much  larger  zero-lift  drag  of 
conventional  turbulent  nonsuction  airplanes,  the  resulting  high  Cj^  ^ and  the  correspondingly  lover 

critical  Mach  number  as  well  as  the  steep  rear  pressure  rise  on  the  upper  wing  surface  and  the  large 
induced  flow  angles  induced  by  the  upstream  wings  on  the  downstream  ones,  associated  with  such  high 
CL^pt  “ values,  may  render  formation  flight  less  attractive  with  turbulent  airplanes. 
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Figure  1.-  Drag  po. ar  of  LFC  transport. 
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Figure  3.-  Induced  drag  factor  < of  wing  with  split 

wing  t ips , comparison  with  closed  rectangle, 
biplane  of  equal  spans,  and  wing  with 
synanetrical  endplates  (calculations  by 
D.  Miller). 
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Figure  4.-  Turbofan  powered  long  range  LFC  transport. 
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Figure  2 


California  Condor.  (Photograph 
courtesy  J.  R.  Pemberton). 


Figure  5.-  Turbofan  powered  long  range  LFC  transport. 
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Figure  6.*  Area  cutouts  of  lower  wing  surface  in  the 
presence  of  wing  struts. 


Figure  8.-  Strut-braced  LFC  long  range  transport  with 
external  fuel  nacelles.  Spanwise  bending 
moment  distribution  at  limit  load  (n  ■ 2.5g) 
at  full  load;  W ■ 454  000  kg. 
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Figure  7.-  Strut-braced  LFC  long  range  transport  with 

external  fuel  nacelles  and  payload  nacelles. 

Spanwise  bending  moment  distribution  at 

limit  load  (n  * 2.5g)  at  full  load; 

V - 400  000  kg. 
o 


j (RIGHT-HAND  SIDE  IS  SHOWN  ONLY) 

Figure  10.-  Turbofan  powered  double-braced  M - 0.78 
LFC  transport,  wing,  empennage,  struts, 
fuel  nacelles  laminar . Fuselage  turbulent. 
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Figure  13.-  Drag  polar  of  LFC  tranaport. 
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Figure  16.-  Drag  polar  of  nonauction  turbulent 
tranaport. 
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Figure  17.-  ^L/D^cruise  °*  turbofan  powered  turbulent 
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Figure  21.-  Range  versus  Wq  of  turbofan  and  turbo- 
prop powered  transports. 
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Figure  19.-  (WD)c|j,1m.  U.11’  Wend/Mo>  “fuel* 
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Figure  23.-  Variation  of  induced  drag  for  an  infinite 
number  of  wings  with  variable  overlap 
and  fixed  gap. 


Figure  26.-  Comparison  of  an  elliptic  circulation 
distribution  with  the  experimental 
circulation  distribution  of  an  infinite 


number  of  wings  with  an  overlap  of 
174b  and  variable  gap  s. 
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Figure  24.-  Variation  of  induced  drag  for  5 wings 
in  formation  flight. 


Figure  25.-  Variation  of  induced  drag  for  3 wings 
with  overlap  a and  vertical  gap  s. 
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LAMINAR  FLOW  CONTROL  - CONCEPTS,  EXPERIENCES,  SPECULATIONS 

by 

V!f 

Brian  Edwards 

Aerodynamics  Department,  Royal  Aircraft  Establishment 
Farnborough,  Hampshire,  GU14  6TD,  England 


SUMMARY 

The  paper  describes  the  twin  concepts  of  laminar  flow  control  by  suction,  and  of 
propulsion  by  restoring  the  momentum  of  the  sucked  mass  flow.  It  goes  on  to  discuss 
briefly  how  these  concepts  could  be  applied  to  reduce  the  fuel  consumption,  and  perhaps 
also  the  operating  costs,  of  transport  aircraft.  An  account  is  given  of  the  progress 
of  some  work  relating  to  laminar  flow  control.  This  work  took  place  during  the  1950s 
and  early  1960s  and  the  author  was  involved  in  much  of  it.  The  position  reached  at  the 
end  of  this  work  is  reviewed.  Doubts  about  the  practical  application  of  laminar  flow 
control  are  aired  and  the  reasons  why  the  work  was  not  continued  are  briefly  discussed. 

The  view  is  expressed  that,  despite  the  recent  rapid  rise  in  the  price  of  fuel,  future 
prospects  for  the  application  of  laminar  flow  control  are  still  uncertain. 

1 . CONCEPTS 

1.1  The  concept  of  laminar  flow  control 

When  air  flows  along  a solid  surface,  vorticity  is  generated  in  the  flow  adjacent 
to  the  surface  so  that  there  is  no  relative  velocity  between  the  surface  and  the  air  in 
contact  with  it1 . This  vorticity,  being  in  the  flow,  is  convected  at  a mean  velocity,  aid 
in  addition  it  is  diffused  into  the  flow  in  consequence  of  the  momentum  diffusivity  (or 
kinematic  viscosity)  of  the  air  (see  Fig.  1).  Momentum  diffusivity  is  associated  with 
the  random  motions  of  the  individual  gas  molecules  but  diffusion  can  also  occur  through 
random  motions  of  "lumps"  of  vorticity  and  this  is  called  turbulent  diffusion2 . The 
region  into  which  vorticity  is  carried  by  the  combined  effects  of  convection  and  diffusion 
(including  turbulent  diffusion  when  it  occurs)  is  known  as  the  boundary  layer  or  the  wake 
depending  on  whether  it  borders  the  surface  or  lies  further  downstream.  Boundary  layers 
in  which  turbulent  diffusion  does  not  occur  are  called  laminar  boundary  layers.  Boundary 
layers  in  which  turbulent  diffusion  does  occur  are  called  turbulent  boundary  layers. 

A boundary  layer  can  change  from  laminar  to  turbulent  or  from  turbulent  to  laminar, 
but  the  way  in  which  it  changes  from  laminar  to  turbulent  is  of  greatest  interest  in  the 
present  context  since  that  is  what  laminar  flow  control  is  intended  to  prevent.  The 
change  from  laminar  to  turbulent  flow  takes  place  through  a transition  region  in  which 
the  boundary  layer  alternates  between  the  laminar  and  turbulent  states.  The  fraction  of 
the  time  for  which  the  flow  is  turbulent  is  called  the  intermittency  factor.  The  onset 
of  intermittent  turbulent  flow  is  preceded  by  a region  in  which  the  boundary  layer  is 
unsteady  although  it  is  laminar  all  the  time  (see  Fig.  2).  This  unsteadiness  results 
from  the  amplification  within  the  laminar  boundary  layer  itself  of  extraneous  distur- 
bances. 

There  are  a number  of  processes  (or  mechanisms)  through  which  amplification  of 
various  kinds  of  disturbance  can  occur.  However,  small  disturbances  cannot  be  amplified 
unless  certain  boundary  layer  stability  criteria  are  exceeded.  These  criteria  are  re- 
lated to  the  velocity  profile  of  the  laminar  boundary  layer  and  this,  in  turn,  is  char- 
acterised by  its  shape  and  its  thickness.  For  any  laminar  boundary  iayer  velocity  pro- 
file shape  there  is  a critical  thickness  Reynolds  number  below  which  all  small  distur- 
bances will  decay  but  above  which  some  small  disturbances  are  amplified.  Under  smooth 
conditions,  that  is  to  say  with  a relatively  disturbance-free  exterior  flow  and  with 
low  surface  roughness,  vibration,  etc.,  considerable  amplification  may  be  necessary  be- 
fore turbulence  appears. 

In  cases  where  the  boundary  layer  velocity  profile  is  only  changing  shape  slowly, 
and  its  thickness  is  only  increasing  slowly,  the  rate  of  amplification  of  disturbances 
will  remain  low  after  the  boundary  layer  has  become  unstable,  and  so  the  strength  of 
any  disturbance  will  only  increase  slowly.  Thus  they  will  have  been  convected  a long 
way  downstream  before  the  disturbances  have  been  amplified  enough  for  turbulence  to 
appear.  In  this  wav  the  onset  of  Intermittent  turbulence  can  be  far  downstream  of  the 
position  where  instability  first  develops.  On  the  other  hand,  the  distance  to  the  onset 
of  turbulence  can  be  quite  short.  This  would  be  the  case  if  the  boundary  layer  were  to 
thicken  rapidly  whilst  its  velocity  profile  shape  changed  so  that  the  thickness  for  neu- 
tral stability  decreased  rapidly.  Then  again,  a boundary  iayer  which  is  just  stable  to 
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small  disturbances  can  bo  unstable  to  large  disturbances,  and,  allowing  for  some  ampli- 
fication, the  onset  of  turbulence  may  be  close  to  the  position  where  the  boundary  layer 
would  have  first  become  unstable  to  small  disturbances. 

By  applying  suction  at  the  surface,  that  is  to  say  by  the  continuous  removal  of  ■ 

part  of  the  boundary  layer  through  the  surface  on  which  it  is  developing,  the  thickness 
of  a boundary  layer  may  be  controlled  and  the  shape  of  its  velocity  profile  improved  so 
that  the  thickness  Reynolds  number  for  neutral  stability  to  small  disturbances  is  in- 
creased. By  this  means,  and  by  avoiding  large  disturbances,  the  development  of  turbul- 
ence can  be  prevented.  This  method  of  laminar  flow  control  was  first  proposed  by 
Griffith  and  Meredith  3 in  1936,  and  is  the  subject  of  these  notes. 

As  an  example  the  case  of  a thin  flat  plate  tangential  to  an  airstream  or  moving 
in  its  own  plane  will  be  considered.  The  plate  can  only  experience  drag  through  skin 
friction.  The  drag  of  the  plate  must  be  balanced  by  a rate  of  change  of  momentum  in 

the  flow,  and  this  change  occurs  in  the  boundary  layer  where  elements  of  the  flow  ac-  ] 

quire  a different  speed  than  that  which  they  would  have  had  if  the  flow  had  been  in- 

viscid  (see  Fig.  3).  In  the  boundary  layer  the  elements  of  the  flow  with  the  greatest 

momentum  change  are  those  closest  to  the  surface  since  their  speed  has  been  changed  to 

that  of  the  plate  itself.  When  the  boundary  layer  is  being  sucked,  all  the  air  drawn 

through  the  surface  comes  from  that  part  of  the  boundary  layer,  so  it  too  has  acquired 

the  same  speed  as  the  plate.  Thus  although  the  momentum  change  takes  place  in  the 

boundary  layer,  it  is  manifested  in  the  sucked  mass  flow  and  the  wake  as  well  as  in 

the  boundary  layer  (see  Fig.  4).  Indeed,  the  greater  part  of  the  flux  of  momentum 

change  may  be  in  the  suction  flow. 

The  drag  of  a part  of  the  plate  extending  from  its  leading-edge  to  any  fraction  of 
its  chord  is  balanced  by  the  total  flux  of  momentum  change  for  that  part  of  the  plate, 
that  is  to  say  the  flux  of  momentum  change  in  any  flow  removed  by  boundary  layer  suc- 
tion on  the  whole  of  that  part  of  the  plate  added  to  the  flux  of  momentum  change  in  the 
boundary  layer  leaving  it.  It  follows  from  this  that  without  boundary  layer  suction  a 
thick  boundary  layer  (and  hence  ultimately  a thick  wake)  is  indicative  of  high  drag  and 
conversely  a thin  boundary  layer  and  wake  indicates  a low  drag.  However,  the  same  in- 
ference cannot  be  validly  drawn  when  the  boundary  layer  is  sucked. 

The  rate  of  change  along  the  plate  of  the  total  flux  of  momentum  change,  as  de- 
fined above,  depends  on  the  local  intensity  of  skin  friction.  This  in  turn  depends 
on  the  local  rate  of  shear  at  the  surface  and  for  a given  shape  of  velocity  profile 
the  rate  of  shear  is  inversely  proportional  to  the  boundary  layer  thickness.  One 
effect  of  suction  is  to  change  the  shape  of  the  boundary  layer  velocity  profile  so 
that  for  the  same  boundary  layer  thickness  the  rate  of  shear  at  the  surface  is  greater 
than  it  would  be  with  the  shape  that  the  velocity  profile  would  have  without  suction. 

However  this  is  more  than  offset  by  the  increased  thickness  that  can  be  accepted  on 
account  of  the  very  much  improved  stability  of  the  velocity  profile  with  suction.  Even 
so,  at  flight  Reynolds  numbers,  a stable  sucked  laminar  boundary  layer  is  thinner  than 
an  unsucked  one  would  be  (supposing  turbulence  did  not  develop),  and  so  the  drag  with  a 
controlled  laminar  boundary  layer  is  greater  than  it  would  be  with  a natural  laminar 
boundary  layer  (see  Fig.  5).  For  example  the  skin  friction  coefficient  of  a flat 

plate  with  chord  Reynolds  number  of  50  x 10°  would  be  only  0.0002  with  a hypothetical  , 

natural  laminar  boundary  layer,  but  with  boundary  layer  suction  it  would  be  0.0010 
assuming  uniform  inflow  and  a suction  coefficient  Cq  “ 0.0005*. 

At  the  same  chord  Reynolds  number  the  skin  friction  coefficient  would  be  0.0023 
with  a turbulent  boundary  layer  assuming  transition  near  the  leading  edge  (see  Fig.  6), 

So  laminar  flow  control  by  suction  could  reduce  the  drag  coefficient  by  0.0013  which 
is  about  607.  of  the  reduction  that  natural  laminar  flow  would  confer.  Thus  from  the 
point  of  view  of  low  drag,  the  boundary  layer  should  not  be  thinned  more  than  is  neces- 
sary to  keep  it  laminar.  Thinning  the  boundary  layer  still  more  increases  skin  fric- 
tion, and  consequently  the  drag  penalty  of  the  increased  suction  flow,  with  its  atten- 
dant flux  of  momentum  change,  more  than  outweighs  the  reduced  wake.  The  emphasis 
should  therefore  be  on  maintaining  laminar  flow  and  not  on  reducing  the  size  of  the  wake. 

So  far  these  notes  have  been  concerned  with  drag  and  how,  in  principle  at  least, 
it  can  be  reduced  by  laminar  flow  control.  The  drag  reduction  offered  by  laminar  flow 
control  can  best  be  exploited  to  reduce  aircraft  fuel  consumption,  thus  enabling  greater 
distances  to  be  flown  by  an  aircraft  capable  of  lifting  a given  fuel  load,  or  reducing 
the  fuel  used  by  an  aircraft  flying  a given  stage.  The  reduction  of  fuel  consumption 
has,  of  course,  always  been  sought  by  designers  of  aircraft  and  engines,  and  the  long 
term  trend  has  been  always  towards  reduced  fuel  consumption.  It  is  true  that  from  time 
to  time  an  increase  in  fuel  consumption  has  been  accepted  (to  enable  the  attainment  of 

freater  speed)  but  then  the  struggle  to  reduce  fuel  consumption  has  recommenced  with  > 

ntensified  efforts. 

The  main  incentive  to  reduce  aircraft  fuel  consumption  is  the  increased  payload 
that  may  be  carried  by  an  aircraft  of  given  size  over  a stipulated  stage  length.  The 


*The  suction  coefficient  Cq  is  defined  in  Fig.  4.  It  would  not  need  to  be  as  high  a9 
this  to  stabilise  the  laminar  boundary  layer  on  a flat  plate,  but  a swept  wing  at  full 
scale  Reynolds  number  would  require  an  overall  suction  coefficient  approaching  0.0005. 


greater  the  stage  length  the  stronger  this  incentive  becomes  because  the  weight  of 
fuel  that  has  to  be  lifted  at  the  commencement  of  flight  increases  and  so  the  payload 
fraction  gets  smaller.  The  payload  fraction  has  a powerful  effect  on  the  economics 
of  an  aircraft,  and  so  apart  from  making  longer  range  flight  possible,  reduced  aircraft 
fuel  consumption  can  greatly  improve  operating  economics  by  increasing  the  payload  frac- 
tion. Certainly  part,  and  possibly  all,  of  the  reduction  of  operating  cost  would  be  due 
to  the  lower  cost  of  the  fuel  consumed  (the  magnitude  of  this  effect  depends  on  the  price 
of  fuel  and  clearly  rising  fuel  prices  in  the  last  few  years  must  have  increased  the 
benefit  of  laminar  flow  control).  But  for  long  and  very  long  stage  lengths  a laminar 
flow  aircraft  could  have  a lower  basic  operating  weight  (see  Fig.  7)  and  a lower  first 
cost. 


The  desirability  of  attaining  low  operating  costs  provides  a good  reason  for  the 
pursuit  of  low  aircraft  fuel  consumption.  This  is  not  to  argue  that  the  lowest  pos- 
sible fuel  consumption  should  be  sought  since  attaining  the  lowest  fuel  consumption 
could  increase  operating  costs  in  other  ways.  But  concern  about  the  availability  of 
fuel  and  the  need  to  conserve  fuel  resources  provides  an  additional  incentive  to  re- 
duce fuel  consumption. 

1.2  The  concept  of  momentum  restoration 

As  well  as  depending  on  its  drag  an  aircraft's  fuel  consumption  depends  on  the 
thermal  efficiency  of  its  power  plant  and  on  the  effectiveness  with  which  the  power 
developed  is  used  to  overcome  its  drag.  Laminar  flow  control  makes  it  possible  to 
improve  this  effectiveness  and  thereby  enables  a greater  reduction  in  fuel  consumption 
than  would  be  inferred  from  the  reduction  in  drag  that  has  already  been  touched  on. 

The  circumstance  that  makes  this  possible  is  the  existence  of  the  sucked  mass  flow. 

With  laminar  flow  control  most  of  the  friction  drag  is  balanced  bv  the  flux  of  momen- 
tum change  in  the  sucked  mass  flow.  It  follows  that  the  thrust  that  could  be  developed 
by  restoring  the  sucked  mass  flow  to  its  original  momentum  would  very  nearly  counter- 
act the  whole  of  the  friction  drag.  It  can  be  shown  that  the  power  required  to  do  this 
is  only  half  the  power  that  would  be  required  to  generate  the  same  thrust  in  the  mo., 
efficient  conventional  propulsive  system,  that  is  to  say,  one  half  the  power  required 
by  a system  with  Froude  efficiency  of  100%. 

The  principle  involved  can  be  demonstrated  very  simply  as  follows.  Consider  a 
propulsion  system  with  air  entering  at  the  undisturbed  pressure  of  the  stream  and 
speed  and  leaving  at  the  same  pressure  and  speed  U2 • Consideration  of  momentum 

leads  to  the  equation 

Thrust  per  unit  mass  flow  - U?  - U, 

In  an  ideal  system  the  power  required  would  be  equal  to  the  rate  at  which  kinetic 
energy  is  added,  so 

Power  required  per  unit  mass  flow  = b(Jj 

= (U2-U,)(U2*  U,)/2 

Hence  Power  required  per  unit  thrust  ~ (U2 ♦ Ui )/2 

The  last  two  equations  are  the  key  since  they  show  that  the  power  required  is  equal  to 
the  product  of  the  thrust  developed  and  the  average  speed  of  the  propulsion  system 
mass  flow  relative  to  the  plate.  Thus  the  lower  the  average  speed  of  the  flow  through 
the  propulsion  system,  the  less  power  is  required  per  unit  thrust. 

The  thrust  equation  shows  that  U2  must  be  greater  than  Ui  for  positive  thrust 
to  be  generated  but  the  value  of  U2  can  be  allowed  to  approach  Ui . As  it  does  so  the 
mass  flow  of  the  propulsion  system  must  increase  tending  to  infinity  in  the  limit. 

Thus  the  limiting  case  is  not  a practical  one  but  it  shows  that  the 

Least  power  per  unit  thrust  ( Ll(  Llj)  = U, 

In  the  conventional  situation  the  initial  speed  Ui  of  the  air  approaching  the 
propulsion  system  is  the  stream  speed  so  for  this  case  the 

Least  power  per  unit  thrust  “ Uo 

The  expression  for  propulsive  efficiency  attributed  to  Froude  was  derived  for  this 
case  and  is  generally  defined  as 

Froude  efficiency  - — ^Pow  V * ^0  % - - - x 100  % 

So  the  least  power  found  above  corresponds  to  a Froude  erficfency  of  100%. 

In  the  laminar  flow  control  case  postulated  above,  where  the  suction  mass  flow  is 
restored  to  its  original  momentum,  the  initial  speed  Ui  is  zero  and  the  final  speed  U2 
is  equal  to  the  speed  Uo  of  the  undisturbed  stream  (see  Fig.  8).  Thus  the 

Power  required  per  unit  thrust  “j-IO  + lb)  = j-Uo 

So  the  power  required  is  halved,  and  moreover  this  is  achieved  with  the  finite  mass 
flow  of  the  suction  system  instead  of  with  an  infinite  mass  flow. 

Of  course,  the  principle  responsible  for  the  power  saving  does  not  only  apply  in 
the  case  of  laminar  flow  control.  In  any  situation  where  drag  is  experienced  as  a 
result  of  viscous  interaction,  savings  would  be  effected  in  the  power  required  for  pro- 
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pulsion  if  each  element  of  the  flow  were  to  be  restored  to  its  original  momentum.  But 
the  saving  would  not  be  proportionately  as  great.  For  example,  if  the  wake  from  a tur- 
bulent boundary  layer*  were  to  have  its  momentum  restored  in  this  way  before  any  viscous 
interaction  could  occur  in  the  wake,  the  power  required  would  only  be  reduced  to  9/10 
instead  of  to  1/2  as  found  above  for  the  restoration  of  the  momentum  of  a sucked  mass 
flow.  And  apart  from  the  theoretical  savings  being  smaller,  great  practical  difficulties 
would  beset  any  attempt  to  restore  the  momentum  of  a boundary  layer  wake.  The  only 
possible  exception  would  be  in  the  case  of  a body  such  as  a fuselage  at  zero  incidence. 

But  it  is  clearly  very  much  simpler  to  act  on  a sucked  mass  flow  which  can  be  ducted 
with  very  low  losses  to  one  or  more  powered  fans. 

If  suction  were  to  be  applied,  not  to  keep  the  boundary  layer  laminar,  but  merely 
to  thin  a turbulent  boundary  layer  so  as  to  leave  only  a thin  wake,  the  surface  friction 
would  be  very  high  (i.e.  very  much  higher  than  for  an  unsucked  turbulent  boundary  layer). 
Consequently  the  flux  of  momentum  change  in  the  sucked  mass  flow  would  be  very  large  (i.e. 
the  sucked  mass  flow  itself  would  be  much  larger  than  in  the  case  of  laminar  flow  control). 
As  a result,  the  power  required  for  propulsion  would  be  very  large  even  though  halved 
by  restoring  the  momentum  of  the  sucked  mass  flow.  Thus  it  is  important  to  maintain 
laminar  flow  as  well  as  to  restore  the  momentum  of  the  sucked  mass  flow. 

Before  leaving  the  propulsion  aspect  of  laminar  flow  control  it  is  perhaps  worth- 
while to  attempt  a physical  explanation  for  the  power  saving  that  has  been  shown  to  be 
possible  by  the  restoration  of  momentum.  To  avoid  complication  the  flat  plate  will 
again  be  considered  and  first  it  will  be  studied  from  a stationary  viewpoint  so  that  the 
air  is  seen  to  be  at  rest  everywhere  except  where  it  has  been  disturbed  by  the  passage 
of  the  moving  plate.  Suppose  that  the  plate  is  propelled  by  a force  F.  The  speed  V 
of  the  plate  will  tend  to  that  value  at  which  the  drag  due  to  skin  friction  balances 
the  propulsive  force.  At  that  speed  the  entire  propulsive  force  is  transmitted  by 
skin  friction  to  the  air  in  contact  with  the  plate  and  from  there  its  influence  spreads 
through  the  boundary  layer,  tending  to  draw  the  air  in  it  along  with  the  plate.  At 
any  instant,  every  element  in  the  boundary  layer  is  having  momentum  imparted  to  it  at 
a rate  equal  to  the  net  force  acting  on  it,  and  the  sum  of  the  net  forces  acting  on  all 
the  elements  of  the  boundary  layer  is,  of  course,  equal  to  the  propulsive  force  F. 

Consider  one  such  element.  Let  its  mass  be  Am  and  suppose  that  at  a particular 
instant  it  is  moving  in  the  same  direction  as  the  plate  with  speed  V and  being  acted  on 
by  a net  force  AF  (see  Fig.  9).  The  instantaneous  rate  at  which  the  element  of  pro- 

pulsive force  AF  is  doing  work  on  the  plate  is  AF  V and  all  the  work  it  does  must 
appear  as  energy  added  to  the  air  through  which  it  is  moving  since  the  plate  itself  is 
moving  at  a steady  speed.  The  rate  at  which  the  momentum  of  the  element  is  being  in- 
creased is  given  oy  d dv 

AF  = jr-  (Am  v)  = Amjr- 

dt  dt 

and  the  rate  at  which  its  kinetic  energy  is  being  increased  is  therefore 
dy(yAnv2)  = Amv^-  = AF  v 

So  the  rate  at  which  kinetic  energy  is  being  added  is  only  a fraction  W of  the  rate 
at  which  energy  is  being  added  by  the  force  AF  to  the  flow  as  a whole.  The  rest  is 
dissipated  by  friction  and  appears  as  heat. 

This  dissipation  of  energy  occurs  because  the  force  AF  is  transmitted  from  the 
surface  of  the  plate  to  the  element  on  which  it  acts  (i.e.  as  a net  force)  by  shearing 
stresses  in  intervening  elements  of  the  boundary  layer.  The  rate  at  which  heat  is 
generated  by  this  shearing  action,  being  the  difference  between  the  rate  at  which  the 
element  of  propulsive  force AF  does  work  on  the  plate  and  the  rate  at  which  it  adds 
kinetic  energy  to  the  boundary  layer,  is  equal  to  AF(V  - v)  . This  shows  that  most  of 
the  work  done  by  the  net  force  which  acts  on  an  element  of  flow  near  the  outer  edge 
of  the  boundary  layer  is  dissipated  by  friction,  but  that  hardly  any  of  the  work  done 
by  the  net  force  which  acts  on  an  element  of  the  flow  much  closer  to  the  surface  is 
dissipated  by  friction. 

The  ratio  v/V  is  the  instantaneous  efficiency  with  which  the  thrust  work  being 
done  by  the  net  force  acting  on  an  element  with  speed  v is  being  converted  into  kinetic 
energy.  It  can  be  shown  that  between  the  time  an  element  of  flow  enters  the  boundary 
layer  and  the  time  it  reaches  speed  v , the  overall  efficiency  with  which  the  work 
done  by  the  net  force  that  has  acted  on  it  is  converted  into  kinetic  energy  is  equal 
to  v/2v 

The  steady  rate  at  which  kinetic  energy  and  heat  energy  are  added  to  the  whole 
boundary  layer  may  be  found  by  summing  the  Instantaneous  rates  at  which  they  are  being 
added  by  the  net  forces  associated  with  all  the  elements  in  the  boundary  layer,  or 
alternatively  by  integrating  the  kinetic  energy  and  heat  energy  through  the  mass  flux 
leaving  the  boundary  layer  both  at  the  trailing  edge  of  the  plate  and  through  its  sur- 
face. In  the  case  of  laminar  flow  control  at  flight  Reynolds  numbers  and  with  near  full 
chord  laminar  flow,  practically  half  of  the  thrust  work  appears  as  kinetic  energy  be- 
cause most  of  the  flow  is  sucked  mass  flow  which  has  all  come  from  the  part  of  the 
boundary  layer  adjacent  to  the  surface.  In  the  case  of  a turbulent  boundary  layer  with 
a 1/7  power  low  velocity  profile  the  proportion  of  thrust  work  that  appears  as  kinetic 

*A  1/7  power  law  velocity  profile  has  been  assumed. 
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energy  is  only  1/10,  and  9/10  of  the  energy  appears  In  the  boundary  layer  as  heat  energy. 

Whilst  still  retaining  the  stationary  viewpoint  adopted  above,  consider  the  power 
that  would  be  required  and  the  propulsion  force  that  could  be  developed  by  restoring 
elements  of  mass  to  their  original  momentum.  Consider  an  element  of  mass  Am  leaving 
the  boundary  layer  with  speed  V;  . A constant  propulsive  force  AF’  could  be  developed 
for  a time  At  = ^9^  / AF,  . During  the  time  At  the  plate  would  travel  a distance  VA1 
and  the  mass  element  would  travelV|At/2  in  the  same  direction.  Hence  the  distance 
through  which  the  force  acting  between  the  mass  element  and  the  plate  would  have 
to  extend  is  (V-V,/2)At  and  the  energy  that  would  have  to  be  supplied  would  be£F(V-\^2) At 
which  could  also  be  written  AFiV-Aynvf/2  . Clearly  the  first  term  represents  the 
thrust  work  done  by  the  force  AF  on  the  plate,  and  the  second  term  represents  kinetic 
energy  recovered  from  the  mass  element  when  it  is  returned  to  its  initial  state  of  rest. 

To  maintain  the  propulsive  force  AF  indefinitely  instead  of  for  time  At  the 
propulsion  system  would  require  a succession  of  mass  elements  with  initial  speed  Vi  at 
time  intervals  At  . Alternatively  a steady  mass  flux  &Tt  with  initial  speed  Vi  would 
produce  a steady  thrust  AF=  Am  v,  and  require  power  input  AP  = AFi  ( V - V,/ 2 ) = ARV-  Afh  v,2 
Summing  for  all  the  elements  of  mass  flux  restored  to  their  original  momentum  shows 
that  the  resulting  total  thrust  F,  is  equal  to  ?Amv-(  and  that  the  power  input  required 
is  P = F,V-  Am  v//2  . If  all  the  flow  with  momentum  affected  by  the  passage  of  the 

plate  were  to  be  restored  to  its  original  state  of  rest,  the  thrust  developed  F-  would 
be  equal  to  the  thrust  required  to  propel  the  plate  F,  and  the  term<AFi V^/2  would  be 
the  total  flux  of  kinetic  energy  developed  in  the  boundary  layer.  Thus  all  the  kinetic 
energy  developed  in  the  boundary  layer  at  the  expense  of  part  of  the  thrust  work  re- 
quired to  propel  the  plate  would  be  recovered.  The  flow  discharged  by  the  propulsion 
system  would  only  contain  the  heat  energy  generated  in  the  boundary  layer  and  would 
not  contain  any  kinetic  energy.  By  this  means  the  power  required  for  propulsion  would 
be  minimised  since  the  power  input  would  only  have  to  make  good  the  energy  dissipated 
in  the  boundary  layer. 

It  is  interesting  to  contrast  the  foregoing  observations  with  what  would  be  seen 
by  an  observer  at  a viewpoint  moving  with  the  plate.  This  is  the  more  familiar  view- 
point of  an  observer  in  a wind  tunnel  or  in  an  aircraft,  and  it  is  also  the  viewpoint 
which  is  often  most  convenient  for  theoretical  analyses  of  flow.  If  both  observers 
are  facing  in  the  sarnie  direction,  and  if  the  stationary  observer  sees  the  plate  moving 
from  right  to  left,  it  will  appear  to  the  moving  observer  that  the  plate  is  standing 
still  in  a current  of  air  moving  from  left  to  right.  The  speed  U of  the  airstream  seen 
by  the  moving  observer  is  egual  to  the  speed  V of  the  plate  as  seen  by  the  stationary 
observer,  though  of  course  it  is  directed  in  the  opposite  direction.  The  rate  of 
change  of  momentum  of  elements  of  air  in  the  boundary  layer  does  not  depend  on  the 
viewpoint  of  the  observer  and  so  where  the  stationary  observer  sees  a mass  element  in 
the  boundary  layer  acquiring  speed  v , the  moving  observer  sees  the  same  mass  element 
losing  speed,  i.e.  its  speed  decreases  from  U to u where  U - U-  V . Thus  instead  of 
the  change  of  momentum  being  associated  with  an  increase  of  kinetic  energy  equal  to 
Am  v2/2  as  seen  by  the  stationary  observer,  the  moving  observer  associates  it  with  a 
loss  of  kinetic  energy  equal  to  AmlU  -fr)/2  (see  Fig.  10). 

Another  striking  difference  is  that  whereas  the  stationary  observer  sees  the 
thrust  F doing  work  on  the  plate,  and  hence  also  on  the  boundary  layer,  at  the  rate  FV 
to  the  moving  observer  it  does  no  work  on  the  plate  at  all  because  it  is  not  moving, 
and  hence  it  does  no  work  on  the  boundary  layer  either.  To  the  moving  observer  the 
heat  generated  in  the  boundary  layer  is  balanced  by  the  loss  of  kinetic  energy  in  the 
boundary  layer  so  that  the  total  energy  in  the  boundary  layer  remains  constant,  and 
this  is  consistent  with  the  thrust  force  not  doing  any  work  on  the  boundary  layer.  As 
seen  by  the  moving  observer  the  power  required  by  the  propulsion  system  to  restore  all 
the  mass  elements  to  their  original  momentum  is  the  power  required  to  make  good  the 
loss  of  kinetic  energy  they  have  suffered,  and  it  is  therefore  equal  to  the  rate  at 
which  heat  is  generated  in  the  boundary  layer.  This  is  what  the  stationary  observer 
also  found. 

Thus  the  power  required  for  propulsion,  and  the  rate  at  which  heat  is  generated 
in  the  boundary  layer  ao  not  change  with  the  viewpoint  of  the  observer.  But  if  the 
two  observers  were  to  draw  up  balance  sheets  to  show  the  power  inputs  and  outputs  of 
the  processes  taking  place  in  the  boundary  layer  and  the  propulsion  system  they  would 
differ  about  all  the  other  items,  and  they  would  differ  notably  about  thrust  work.  This 
difference  in  their  assessment  of  thrust  work  demonstrates  that  the  concept  of  thrust 
work  as  being  the  useful  output  of  a propulsion  system  is  dubious  and  suggests  that  it 
is  not  a satisfactory  basis  for  defining  propulsive  efficiency.  This  was  already 
apparent  from  the  discovery  that  the  power  required  for  propulsion  by  the  restoration 
of  momentum  was  less  than  the  power  required  for  a propulsion  system  with  a Froude 
propulsive  efficiency  of  100%,  and  that  with  laminar  flow  control  it  could  be  as  little 
as  half  as  much. 

In  the  case  of  systems,  such  as  propulsion  systems,  where  all  the  energy  is  dis- 
sipated and  there  is  no  useful  output,  it  would  be  better  to  define  efficiency  in 
terms  of  the  minimum  power  input  of  an  ideal  propulsion  system  thus 

F.fftciency  ■ (ideal  minimum  power  input)/ (actual  power  input)  x 100% 

The  ideal  system  could  then  be  specified.  For  an  aircraft  with  air  breathing  engines 
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and  without  boundary  layer  propulsion  (momentum  restoration)  it  would  be  reasonable  to 
adopt  the  Froude  ideal  in  which  only  undisturbed  air  is  regarded  as  being  available  for 
propulsion.  But  with  boundary  layer  control  the  ideal  should  take  into  account  the 
momentum  of  any  boundary  layer  air  considered  to  be  available  for  propulsion. 

For  an  aircraft  with  laminar  flow  control  the  benefit  of  restoring  the  momentum 
of  the  sucked  mass  flow  would  be  so  great,  and  in  practice  it  would  be  so  easy  to 
achieve,  that  it  is  virtually  certain  momentum  restoration  would  be  exploited.  The 
precise  magnitude  of  the  benefit  depends  on  details  of  the  aircraft  and  power  plant, 
but,  in  the  light  of  the  foregoing  discussion,  it  is  clear  that  the  power  required  to 
overcome  the  drag  of  surfaces  on  which  laminar  flow  control  is  exercised  could  be 
halved,  or  better  tlian  halved,  and  so  it  is  reasonable  to  suppose  that  the  fuel  con- 
sumption also  could  be  halved.  Indeed  from  the  point  of  view  of  fuel  consumption,  it 
would  be  as  if  the  drag  of  any  iaminarised  surfaces  were  to  be  halved.  This  suggests 
that  a convenient  way  of  expressing  the  combined  benefits  of  laminar  flow  control  and 
suction  mass  flow  momentum  restoration  would  be  by  defining  an  equivalent  drag  which 
would  reflect  the  propulsion  power  requirement. 


If  this  is  done  for  the  flat  plate  considered  earlier,  and  assuming  that  momentum 
restoration  only  halves  the  power  requirement,  the  following  comparison  is  obtained. 

With  chord  Reynolds  number  = 50  x 10^, 

skin  friction  coefficient  with  turbulent  boundary  layer  = 0.0023 
skin  friction  coefficient  with  laminar  flow  control  = 0.0010 

effective  skin  friction  coefficient  with  laminar  flow 

control  and  momentum  restoration  = 0.0005 


skin  friction  coefficient  with  a hypothetical  natural 

laminar  boundary  layer  = 0.0002 

Thus  in  this  example,  with  momentum  restoration  as  well  as  laminar  flow  control  the 
effective  drag  would  be  less  than  22%  of  the  drag  with  a turbulent  boundary  layer,  the 
effective  reduction  of  drag  being  85%  of  the  difference  between  the  drag  with  a turbu- 
lent boundary  layer  and  the  drag  with  a natural  laminar  boundary  layer.  Fig.  11  shows 
how  the  relative  importance  of  momentum  restoration  increases  as  chord  Reynolds  number 
is  increased.  The  prospect  of  such  a large  reduction  of  drag  certainly  warrants  some 
consideration  being  given  to  what  would  be  involved  in  the  exploitation  of  laminar  flow 
control  and  momentum  restoration  principles. 


1.3  The  concept  of  transport  aircraft  with  laminar  flow  control  and  momentum  restoration 

The  maintenance  of  laminar  flow  on  a transport  aircraft  fuselage  would  be  made 
difficult  by  the  presence  of  such  features  as  nosewheel  doors,  pilot's  windscreen,  passen- 
ger doors  and  windows,  doors  for  baggage  and  freight,  the  wing  roots,  etc.  Moreover, 
the  shape  of  a fuselage,  being  long  in  relation  to  its  perimeter,  is  such  that  even  a 
single  turbulent  wake  starting  from  a point  far  forward  would  affect  a significant  frac- 
tion of  its  total  surface  area.  The  wings  and  possibly  also  the  tail  surfaces  appear 
more  amenable  to  treatment,  and  as  they  account  for  half,  or  more  than  half,  of  the 
total  wetted  area  of  a transport  aircraft,  a drag  reduction  of  at  least  40%  might  be 
anticipated  (see  Fig.  12).  This  would  involve  some  increase  of  span  to  keep  the  in- 
duced drag  in  a reasonable  relation  to  the  friction  and  form  drag.  It  is  likely  that 
a laminar  flow  control  aircraft  would  have  a somewhat  lower  loading  per  unit  wing  area 
than  a conventional  aircraft  because  with  their  lower  effective  drag  there  is  less  incen- 
tive to  reduce  the  size  of  the  wings.  Moreover  the  provision  of  high  lift  devices  on  a 
laminar  flow  wing  poses  special  problems  and  a lower  wing  loading  would  help  by  rendering 
powerful  leading  edge  devices  unnecessary  as  well  as  by  permitting  smaller  rear  flaps 
to  be  used.  With  the  reduced  wing  loading  as  well  as  increased  span,  the  aspect  ratio 
will  be  higher,  though  perhaps  not  very  much  higher,  than  for  a conventional  transport 
aircraft. 

The  main  elements  of  a laminar  flow  system  would  be  special  suction  surfaces, 
ducting,  pumping  installations  and  discharge  nozzles,  controls,  and  instrumentation 
(see  Fig.  13)  The  suction  surfaces  would  embody  means  for  the  withdrawal  of  air  from 
the  boundary  layer  on  their  outer  sides  and  for  its  collection  in  shallow  compartments 
on  their  inner  sides.  The  ducts  would  convey  the  sucked  air  from  these  compartments  to 
the  suction  pumps.  To  enable  restoration  of  the  momentum  of  the  sucked  mass  flow  the 
suction  pumps  would  have  a higher  pressure  ratio  than  would  be  necessary  for  laminar 
flow  control  alone.  The  discharge  nozzles  would  convert  the  extra  pressure  into  velo- 
city (i.e.  relative  to  the  aircraft)  so  that  the  sucked  air  could  be  discharged  rear- 
wards at  a relative  speed  probably  somewhat  in  excess  of  the  forward  speed  of  the  air- 
craft. 


The  function  of  the  controls  would  be  to  regulate  the  distribution  of  inflow  as 
well  as  to  adjust  the  overall  suction  mass  flow  rate  to  suit  the  flight  conditions. 

The  controls  would  have  to  be  designed  to  cope  with  situations  that  could  arise  follow- 
ing a failure,  for  example  failure  of  a suction  pump.  In  such  an  eventuality  it  might 
be  necessary  to  isolate  the  failed  pump  and  prevent  reverse  flow  through  it.  The  con- 
trols might  be  designed  to  enable  the  suction  flow  to  be  redistributed  to  the  remaining 
pumps  and  to  operate  them  at  higher  speeds  and  perhaps  with  their  discharge  nozzles 
opened  to  reduce  the  back  pressure  and  so  enable  increased  flow.  If  the  increased  flow 
that  could  be  attained  were  to  be  insufficient,  the  system  might  be  designed  to  enable 
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suction  to  be  shut  off  completely  from  some  parts  of  the  suction  surfaces  so  as  to  enable 
an  effective  rate  of  suction  to  be  maintained  on  the  remainder.  In  these  circumstances 
the  areas  shut  down  should  be  chosen  so  as  to  minimise  the  adverse  effects,  i.e.  recog- 
nising that  the  payoff  for  suction  will  not  be  so  high  in  some  areas  as  in  others.  It 
is  not  the  intention  to  suggest  that  the  control  system  would  inevitably  exhibit  all 
these  features,  but  they  are  mentioned  to  illustrate  the  kinds  of  considerations  that 
could  arise.  In  any  case,  it  must  be  apparent  that  instrumentation  would  be  required 
to  monitor  the  working  of  what  would  inevitably  be  a complex  system. 

Clearly  a laminar  flow  control  system  would  be  an  extensive  system  affecting  many 
aspects  of  design.  The  interaction  with  the  choice  of  high  lift  system  has  been  touched 
upon.  The  attainment  of  an  acceptable  standard  of  surface  finish  too  is  not  merely  a 
matter  of  the  design  of  the  suction  surfaces.  The  waviness  of  the  surface  of  a completed 
wing  depends  also  on  the  design  of  the  whole  wing  structure  and  on  the  method  of  manu- 
facture of  the  components  and  their  assembly.  Laminar  flow  control  would  also  pose 
serious  problems  in  relation  to  access  and  force  the  designer  into  difficult  compromises. 

The  provision  of  such  a system,  with  all  that  it  Implies,  would  clearly  involve  a mass 
penalty  to  be  set  against  the  reduced  mass  of  fuel.  It  would  also  add  to  the  cost  of 
design,  development,  and  manufacture,  and  hence  to  the  first  cost  of  an  aircraft  with 
laminar  flow  control,  and  would  involve  additional  maintenance  costs.  All  these  addi- 
tional costs  would  have  to  be  set  against  the  reductions  in  the  cost  of  the  fuel  consumed. 

However,  except  for  short  design  stage  lengths,  the  reduced  rate  of  fuel  consumption 
associated  with  the  reduced  effective  drag  would  enable  a reduction  in  the  mass  of  fuel 
required  for  the  design  mission  which  would  more  than  compensate  for  the  mass  of  the 
laminar  flow  control  system,  and  therefore  the  take-off  mass  for  the  design  mission  would 
be  reduced.  For  longer  design  stage  lengths  savings  could  be  made  in  the  structure  mass, 
a smaller  and  hence  lighter  power  plant  would  suffice,  the  wing  could  be  reduced  in  size, 
the  laminar  flow  control  system  would  get  lighter,  the  drag  less,  and  so  on.  Taking  all 
these  effects  and  their  interactions  into  account,  an  aircraft  with  reduced  basic  opera- 
ting weight  would  be  found  as  shown  in  Fig.  7.  Its  reduced  size  would  lead  to  reductions 
in  the  cost  of  structure,  powerplant,  etc.,  and  these  reductions  would  help  to  offset  the 
cost  of  the  laminar  flow  system  which  could  itself  be  reduced  by  the  scaling  process,  and 
there  would  also  be  savings  in  the  cost  of  maintenance.  In  addition,  the  scaling  down 
process  would  enhance  the  reduction  of  fuel  consumed  and  hence  increase  the  saving  in 
the  cost  of  fuel.  The  scaling  down  process  therefore  has  a favourable  effect  on  the  net 
benefit. 

It  can  be  seen  that  the  savings  in  fuel  consumption  and  the  reduction  of  operating 
costs  made  possible  by  laminar  flow  control  are  dependant  on  the  design  stage  length. 

It  would  be  equally  correct  to  state  that  they  depend  on  the  fuel  fraction  of  a con- 
ventional aircraft  for  the  same  design  stage  length,  since  the  benefits  all  stem  in  the 
first  place  from  reductions  in  the  fuel  that  has  to  be  carried.  Thus  other  advances  in 
technology  that  would  reduce  the  fuel  fraction  of  a conventional  aircraft  lessen  the 
benefits  made  possible  by  laminar  flow  control.  Advances  which  could  lead  to  reductions 
in  engine  fuel  consumption  should  therefore  be  taken  into  account  in  any  appraisal  of 
the  future  of  laminar  flow  control. 

Before  turning  from  these  general  aspects  of  laminar  flow  transport  aircraft  it 
seems  worthwhile  to  draw  attention  to  a significant  difference  between  the  range- payload 
characteristics  of  conventional  and  laminar  flow  aircraft.  At  ranges  exceeding  the 
maximum  range  with  full  payload,  the  payload  that  can  be  carried  is  reduced  by  an  amount 
equal  to  the  additional  fuel  required  to  fly  the  extra  distance.  This  reduction  in  pay- 
load  causes  the  direct  operating  cost  per  unit  of  payload  to  increase.  The  additional 
fuel  required  by  an  aircraft  with  laminar  flow  control  would  clearly  be  less  than  the 
additional  fuel  required  by  a conventional  aircraft,  and  so  the  payload  it  could  carry 
would  not  be  reduced  as  much  as  that  of  a conventional  aircraft  (see  Fig.  14)  Conse- 
quently, the  relative  increase  in  the  direct  operating  cost  would  be  less  for  the  laminar 
flow  aircraft  than  for  the  conventional  aircraft  (see  Fig.  15)  and  so  the  benefit  of 
laminar  flow  increases  at  ranges  greater  than  the  maximum  range  with  full  payload.  The 
same  would  only  be  true  for  ranges  less  than  the  maximum  range  with  full  payload  in  in- 
stances where  the  design  stage  length  is  very  long.  In  such  cases  the  laminar  flow  air- 
craft would  have  a lower  basic  operating  weight  than  the  conventional  aircraft  and  could 
cost  less  and  have  lower  annual  and  maintenance  costs  as  well  as  lower  fuel  costs.  It  fol- 
lows that  it  would  have  lower  operating  costs  than  the  corresponding  conventional  air- 
craft at  ranges  shorter  than  the  maximum  range  with  full  payload,  and  hence  at  all  ranges. 

This  may  not  be  true  of  comparisons  between  laminar  and  conventional  aircraft  designed 
for  shorter  stage  lengths  since  if  the  design  stage  length  is  short  enough  the  laminar 
flow  aircraft  could  have  a higher  first  cost  than  the  conventional  aircraft  and  bigger 
annual  and  maintenance  costs.  In  this  case  its  operating  cost  could  only  be  less  on 

account  of  lower  fuel  costs  and  this  advantage  would  decrease  if  the  aircraft  were  to  J 

be  operated  at  ranges  less  than  the  maximum  range  with  full  payload. 

2.  EXPERIENCES 
2.1  Suction  surfaces 

Having  briefly  discussed  laminar  flow  control  by  suction,  its  close  connection 
with  propulsion  by  momentum  restoration,  and  the  possible  application  of  these  two 
principles  in  conjunction  to  transport  aircraft,  it  is  time  to  consider  in  somewhat 
greater  detail  what  is  involved  in  laminar  flow  control  and  to  relate  this  to  some  actual 
experiences.  For  the  most  part  the  experiences  will  be  ones  with  which  the  author  was 
closely  concerned,  though  other  work  will  be  referred  to  where  it  is  particularly 


■i 


relevant  or  for  the  sake  of  continuity.  It  is  hoped  by  this  approach  to  convey  some 
feeling  for  the  subject  and  the  sort  of  problems  It  throws  up.  Difficulties  that  were 
encountered  will  not  be  minimised.  It  is  stressed  that , the  following  account  should  not 
be  construed  as  a balanced  review  of  British  work  on  laminar  flow  control.  The  author 
disclaims  any  intention  of  reviewing  British  work  as  a whole  and  the  American  work  is 
only  mentioned  by  the  way. 

It  is  appropriate  to  begin  by  considering  suction  surfaces.  With  distributed 
suction  the  inflow  velocities  required  for  laminar  flow  control  are  very  small,  only  a 
few  thousandths  of  the  speed  of  the  aircraft,  and  clearly  such  small  inflow  velocities 
have  no  direct  effect  on  the  external  pressure  distribution.  This  is  practically  true 
of  any  of  the  suction  surfaces  to  be  discussed.  Satisfactory  suction  surfaces  have  been 
devised  which,  whilst  they  do  not,  strictly  speaking,  provide  distributed  suction,  never- 
theless produce  some  approximation  to  distributed  suction.  Although  it  is  not  essential 
that  the  suction  should  be  continuously  distributed  it  is  essential  that  the  air  is 
withdrawn  through  the  surface  in  such  a way  that  unacceptably  large  disturbances  are  not 
introduced  into  the  boundary  layer.  The  suction  surface  must  be  smooth.  The  thinned 
laminar  boundary  layer  is  not  less  susceptible  to  roughness  effects  and  in  fact  its  high 
rate  of  shear  at  the  surface  can  make  it  more  susceptible  to  roughness.  The  6urface 
should  be  relatively  wave-free. 

The  inflow  distribution  must  approximate  closely  to  an  ideal  distribution.  Ex- 
cessive inflow  in  any  region  will  thin  the  boundary  layer  more  than  necessary  and  as 
well  as  being  uneconomical  it  also  Increases  sensitivity  to  roughness.  Too  little 
inflow  in  any  region  could  result  in  turbulence  developing.  The  turbulence  will  persist 
aft  of  the  under-sucked  region  as  well  as  spreading  laterally  to  a greater  or  lesser 
extent.  Inflow  velocities  intended  to  control  the  laminar  boundary  layer  have  relatively 
little  effect  on  a boundary  layer  that  has  become  turbulent  and  so  suction  applied  in 
regions  into  which  turbulence  lias  spread  will  be  ineffectual  and  wasted.*  The  very  low 
inflow  velocities  required  make  it  difficult  to  avoid  irregularities  in  the  inflow  dis- 
tribution. On  tne  inside  of  the  suction  surface  there  would  be  a number  of  compartments 
in  which  flow  velocities  are  kept  small  so  that  the  variation  in  pressure  within  any 
one  compartment  is  rather  small.  Nevertheless  there  would  be  some  variation  of  pressure 
within  a typical  compartment  and  some  variation  of  external  pressure  over  it  even  though 
its  boundaries  would  be  defined  with  due  regard  for  the  external  pressure  distribution 
(its  greatest  dimension  would  be  chosen  to  be  more  or  less  parallel  with  the  general 
direction  of  the  pressure  isobars  on  the  exterior  surface). 

If  the  pressure  loss  through  the  surface  is  not  great  enough  gross  distortions 
will  occur  in  the  inflow  distribution  of  the  area  overlying  one  compartment  even  to  the 
extent  that  there  could  be  local  outflow  in  some  places  when  the  total  inflow  has  the 
desired  value.  Porous  sintered  metal  surfaces  could  have  had  a high  enough  loss  coeffi- 
cient but  were  much  too  heavy  except  for  experimental  purposes.  Porous  sintered  plastics 
were  considered  but  suffered  from  low  resistance  to  abrasion  and  also  deteriorated  in 
sunlight  (they  were  affected  by  ultra  violet  radiation).  There  were  also  problems  in 
obtaining  porous  metal  or  plastic  with  sufficiently  uniform  flow  resistance  or  in  large 
enough  sizes. 

An  alternative  which  was  used  experimentally  was  a woven  material.  The  pressure 
drop  through  a woven  material  is  not  sufficient  to  ensure  a reasonable  inflow  distri- 
bution over  the  area  overlying  each  compartment  and  it  was  necessary  to  evolve  a 
method  for  increasing  the  loss  coefficient  of  the  surface.  The  method  adopted  in  a 
number  of  early  experiments  made  use  of  a system  of  cells  immediately  under  a woven 
surface.  The  suction  flow  having  passed  through  the  woven  surface  into  the  cells 
next  passed  through  small  throttling  holes  (one  to  each  cell)  to  reach  the  compartment 
underneath  the  suction  surface  (see  Fig.  lb).  Most  of  the  pressure  drop  occurred  in 
the  throttling  holes  and  the  pressure  drop  through  the  woven  material  had  only  to  be 
sufficient  to  spread  the  inflow  over  the  area  of  one  cell.  The  cells  in  the  surface 
over  which  the  woven  material  was  stretched  were  formed  by  a system  of  raised  lands 
and,  to  provide  additional  support  for  the  woven  material,  some  additional  lands  might 
project  like  fingers  into  the  cells. 

2.2  Experiments  with  unswept  wings 

In  flight  experiments  conducted  by  M.R.  Head  at  Farnborough  in  1953  rolled  Monel 
cloth  was  used  for  the  exterior  covering  but  it  was  found  that  this  surface  picked  up 
and  held  roughness  and  it  was  found  to  be  necessary  to  cover  the  rolled  Monel  cloth 
with  nylon.  Successful  results  were  obtained  in  flight  with  this  surface,  full  chord 
laminar  flow  being  achieved  at  chord  Reynold's  numbers  approaching  30  x 106  and  up  to 
Mach  numbers  close  to  the  critical  Mach  number  of  the  section?  The  surface  was  not 
a practical  one  and  the  Monel  cloth  was  heavy,  but  the  tests  were  the  first  demonstra- 
tion in  flight  of  the  feasibility  of  maintaining  full  chord  laminar  flow  in  full  scale 
conditions.  These  tests  were  completed  in  1954. 

An  attempt  was  then  made  to  develop  a more  practical  surface.  The  possibility  of 
using  a perforated  metal  sheet  was  explored  and  tests  were  carried  out  to  determine 
the  largest  size  and  spacing  of  perforations.  Holes  with  0.18  mm  (0.007  in.)  diameter, 

*It  is  possible  to  re-establish  laminar  flow  behind  a region  of  turbulence  but  the 
suction  rates  required  are  high  and  may  not  be  feasible  with  some  of  the  surfaces 
considered. 


spaced  2.5  mm  (0.1  in.)  apart  in  both  spanwise  and  chordwise  direction,  were  found  to 
work  as  well  as  the  porous  surface  but  satisfactory  results  were  not  obtained  using 
0.51  mm  (0.020  in.)  diameter  holes.  The  latter  was  the  smallest  size  of  hole  that  could 
be  made  by  normal  perforating  methods  and  it  appeared  necessary  to  drill  the  large  number 
of  holes.  A surface  was  manufactured  with  holes  of  0.23  mm  (0.009  in.)  diameter  drilled 
every  2.5  mm  (0.1  in.)  i.e.  about  160,000  holes  per  square  metre  (100  per  in?  ) of  surface 
area.  The  open  area  ratio  with  this  surface  was  about  0.6%.  Despite  the  promising 
results  obtained  in  exploratory  tests  with  a hand-made  surface  the  machine-made  surface 
did  not  work  well  when  it  was  first  fitted. 

Before  discussing  the  reasons  for  this  failure  another  type  of  surface  evolved 
from  the  porous  ideal  will  be  discussed.  This  surface  was  developed  at  the  same  time 
as  the  surfaces  already  described.  In  1949  Dr.  G.V.  Lachmann  of  Handley  Page  Ltd.  sug- 
gested a form  of  suction  surface  embodying  spanwise  stripe  of  porous  material  let  into 
an  otherwise  impervious  surface  (see  Fig.  17)  A surface  was  constructed  having  porous 
strips  of  sintered  metal.  The  porous  strips  were  relatively  thick  and  the  pressure  drop 
through  them  was  sufficient  to  achieve  a good  inflow  distribution.  As  well  as  thinning 
the  boundary  layer  the  relatively  concentrated  inflow  through  the  strips  produced  a very 
stable  boundary  layer  profile.  Before  reaching  tne  next  strip  downstream,  the  boundary 
layer  thickened  and  its  velocity  profile  deteriorated  but  even  if  its  stability  was 
allowed  to  become  marginal,  there  was  insufficient  time  for  disturbances  to  grow  before 
the  next  strip  was  reached. 

A model  wing  with  a chord  of  nearly  2.5  m (actually  8 ft.)  was  constructed^  It 
had  14  porous  strips.  The  strips  were  not  equally  spaced,  but  were  closer  together  near 
the  trailing  edge  where  they  were  about  10  cm  (4  in.)  apart.  The  model  was  tested  at 
the  National  Physical  Laboratory  (NPL)  early  in  1951.  Laminar  flow  to  95%  chord  was 
achieved  at  a cnord  Reynolds  number  of  9 x lO6  in  the  first  few  tests  and  subsequently 
the  Reynolds  number  was  improved  to  15  x 106  (235  ft/sec  tunnel  speed).  Based  on  this 

successful  experiment  Lachmann  proceeded  to  what  was  intended  to  be  a flight  demonstra- 
tion. 


For  the  flight  tests  a suction  surface  embodying  the  same  features  as  in  the  suc- 
cessful wind  tunnel  model  was  built  on  to  a section  of  the  wing  of  a de  Havilland 
"Vampire”  jet  aircraft  (the  two-seater  trainer  version).  Tests  with  this  surface  were 
very  disappointing  for  a number  of  reasons,  some  of  which  were  not  understood  for  a con- 
siderable time.  The  first  problem  stemmed  from  practical  causes.  It  was  soon  realised 
that  the  maintenance  of  smooth  joints  at  the  edges  of  the  Porosint  strips  presented 
greater  problems  on  an  aircraft  wing  which  deformed  under  load  in  flight  than  was  the 
case  with  a wind  tunnel  model.  This  problem  was  sufficiently  serious  for  an  alternative 
construction  to  be  sought,  eliminating  the  need  for  so  many  joints. 

The  possibility  of  employing  bands  of  holes  in  place  of  porous  strips  was  explored 
in  tunnel  tests  at  the  NPL  and  at  the  Royal  Aircraft  Establishment  (RAE/.  In  the  ear- 
lier tests  at  the  NPL,  single,  double  and  multiple  rows  of  holes  were  tested  with  various 
pitch  to  diameter  ratios,  and  staggered  multiple  rows  of  holes  were  found  to  be  the  best. 
The  original  wind  tunnel  model  was  refurbished  for  test  at  the  RAE.  In  these  tests  the 
perforated  strips  were  backed  with  felt  to  achieve  a reasonably  uniform  inflow.  The  felt 
backing  was  not  considered  to  be  a practical  proposition  and  so  some  tests  were  also  done 
with  a small  individual  throttling  hole  in  the  bottom  of  each  large  hole.  Although  this 
was  successful,  it  was  felt  that  it  invited  clogging  and  was  not  adopted. 

A composite  surface  embodying  a cell  system  was  adopted  for  the  surface  with  which 
the  flight  tests  were  resumed  (see  Fig.  18).  Each  suction  strip  in  the  new  surface  had 
three  rows  of  cells  which  were  staggered,  and  each  row  of  cells  had  three  rows  of  holes  in 
a staggered  pattern.  Twenty-one  holes  fed  into  each  cell  and  the  suction  flow  then  passed 
to  the  interior  ducts  through  a single  throttling  hole.  The  size  of  the  holes  in  this 
surface  was  about  0.8  mm  (0.03  in.)  diameter  and  they  were  spaced  at  a pitch  diameter 
ratio  of  about  2\ . The  throttling  holes  were  about  the  same  diameter  as  the  holes  in  the 
surface.  The  overall  width  of  the  band  of  perforations  was  about  20  mm  (o.75  in.)  so  the 
open  area  ratio  of  the  exterior  surface  within  the  band  was  about  11.8%.  The  bands  of 
perforations  were  more  closely  spaced  that  the  porous  strips  had  been.  On  the  reconstruc- 
ted surface  for  the  flight  test  there  were  thirty-nine  strips  of  perforations.  Over  the 
rear  half  of  the  surface  the  gaps  between  the  strips  of  perforations  was  about  30  mm  (1.25 
in.),  so  that  in  that  region  the  overall  open  area  ratio  for  the  surface  was  about  4.4%. 
Thus  compared  to  Dr.  Head's  drilled  surface  with  an  open  area  ratio  of  0.6%  the  velocity 
of  the  air  i -to  the  surface  was  much  lower. 

With  thit.  surface  better  results  were  obtained,  laminar  flow  being  achieved  with 
full  repeatability  up  to  more  than  80%  chord  at  unit  Reynolds  numbers  up  to  nearly 
6.5  x 10°  per  m (2  x 10°  per  ft.)  which  corresponded  to  a chord  Reynolds  number  of  about 
15  x 10.  In  relation  to  roughness  the  unit  Reynolds  number  is  more  significant  than 
chord  Reynolds  number,  and  the  unit  Reynolds  number  achieved  in  these  tests  was  close 
to  that  which  would  be  encountered  by  a transport  aircraft  at  cruise  conditions,  being, 
in  fact,  the  unit  Reynolds  number  at  the  tropopause  at  a speed  of  M = 0.864  in  standard 
conditions  (.see  Fig.  19).  Both  Head's  and  Lachmann's  experiments  were  conducted  on  wings 
of  near  zero  sweep  though,  on  account  of  taper,  the  leading  edge  was  swept  back  and  the 
trailing  edge  swept  forward.  So  in  the  flight  tests  the  flow  was  far  from  two  dimen- 
sional and  It  was  to  this  cause  that  the  difficulties  still  experienced  in  Lachmann's 
flight  work,  even  after  the  new  perforated  surface  was  fitted,  were  eventually  attri- 
buted. But  the  surface  developed  was  a big  step  towards  a practical  form  of  suction 
surface. 
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This  work  brough  home  to  us  the  difference  between  tunnel  and  flight  conditions 
and  the  importance  of  devising  a surface  which  would  be  free  from  deterioration  when 
subjected  to  repeated  flight  loads.  Another  lesson  that  was  learnt  was  the  need  for 
adequate  instrumentation.  In  Lachmann's  earliest  tests  in  the  NPL  tunnel,  in  which 
success  was  so  easily  achieved,  the  possibility  to  vary  wing  incidence  and  speed  inde- 
pendently of  one  another  made  things  much  simpler  than  in  flight  where  speed  and  inci- 
dence were  related  through  the  aircraft  lift  coefficient.  If  the  flight  speed  was  too 
low  the  aerofoil  pressure  distribution  exhibited  a suction  peak  near  the  leading  edge 
which  led  to  turbulence  ahead  of  the  first  strip  of  perforations,  while  if  the  speed 
was  too  high  the  increased  suction  requirement  exceeded  the  capacity  of  the  suction 
pump.  In  the  tunnel,  sublimation  methods  could  easily  be  used  to  reveal  regions  of 
laminar  flow  and  regions  of  turbulence.  Although  a sublimation  method  could  also  be 
used  in  flight,  and  was  used  on  a number  of  occasions,  the  technique  was  difficult  and 
therefore  not  so  useful. 

In  retrospect  it  became  clear  that  insufficient  thought  had  been  put  into  the 
provision  of  instrumentation  and  it  is  probable  that  the  rapidity  with  which  success 
came  in  the  first  tunnel  tests  at  NPL  led  to  overconfidence  when  the  flight  tests 
were  first  planned.  It  is  true  also  that  the  level  of  expenditure,  and  consequently 
also  the  level  of  effort  available,  was  at  a relatively  low  level  in  all  of  this  work. 

At  any  rate  progress  was  made  rather  slowly  and  painfully  and  only  as  instrumentation 
and  techniques  which  could  be  used  in  flight  were  devised  and  brought  into  use.  A 
pitot  comb  which  could  be  traversed  fore  and  aft  on  the  centre  line  of  the  test  panel 
was  eventually  developed  (see  Fig.  20)  and  became  a source  of  much  useful  data  for  ana- 
lysis and  comparison  with  calculation,  and  here  it  is  perhaps  worth  stressing  the  im- 
portance of  theoretical  calculations  for  comparison  with  flight  measurements  if  a 
proper  understanding  is  to  be  achieved.  However,  a stethoscope  mounted  on  the  same 
traversing  carriage  was  of  greater  use  to  the  flight  observer  in  making  adjustments  to 
the  suction  distribution  since  by  means  of  it  he  could  hear  whether  the  boundary  layer 
was  laminar  or  turbulent  and  also  detect  the  beginning  of  any  breakdown. 

With  the  development  of  the  fore  and  aft  traversing  gear  there  was  a tendency  to 
rely  on  it  exclusively  and  in  one  instance  this  led  to  a series  of  tests  during  which 
progress  was  temporarily  halted  due  to  an  unsuspected  phenomenon.  The  cause  of  the 
trouble  would  have  been  discovered  very  quickly  had  there  been  gear  to  enable  instru- 
mentation to  be  traversed  across  the  panel  from  side  to  side.  In  later  work  on  a dif- 
ferent wing  such  instrumentation  was  developed  and  proved  of  great  use.  In  this  instance 
however,  the  problem  was  tracked  down  by  a sublimation  test  which  showed  that  the 
boundary  layer  on  the  outboard  half  of  the  panel  was  turbulent  right  from  the  leading 
edge,  although  the  transition  front  was  well  aft  on  the  inboard  half  of  the  panel.  The 
fore  and  aft  traversing  instrumentation  was  just  inside  the  turbulent  half  of  the  panel. 

The  cause  of  this  phenomenon  was  an  external  fuel  tank  mounted  under  the  wing  a 
short  distance  outboard  of  the  outboard  and  of  the  test  panel.  This  had  been  fitted  to 
increase  the  duration  of  flight  which  was  rather  short,  some  of  the  internal  fuel  tanks 
having  been  removed  to  make  space  for  the  suction  plant.  Clearly  the  interference  effect 
of  this  external  fuel  tank  affected  the  pressure  distribution  in  the  vicinity  of  the 
leading  edge  to  a sufficient  extent  to  cause  premature  transition  on  rather  more  than 
the  outer  half  of  the  test  panel.  This  was  another  reminder  that  the  flow  in  the  flight 
tests  was  not  as  close  to  two-dimensional  flow  as  that  in  the  tunnel  experiments,  and 
that  three-dimensional  effects  should  not  be  overlooked. 

2.3  Three-dimensional  effects 

The  importance  of  three-dimensional  effect  had  already  been  demonstrated  in  some 
work  which  was  not  concerned  with  laminar  flow  control  by  suction  but  rather  with  the 
attainment  of  the  maximum  extent  of  laminar  flow  purely  by  geometry,  that  is  to  say,  by 
means  of  a low  drag  aerofoil  having  a favourable  pressure  gradient  extending  well  aft. 

An  aeroplane  having  such  low  drag  aerofoil  sections  was  the  subject  of  flight  experiment 
at  the  Royal  Aircraft  Establishment  in  1951.  This  was  the  Armstrong  Whitworth  AW52,  a 
jet-engined  tail-less  aircraft.  The  centre  section  of  its  wing  had  an  unswept  leading 
edge  but  the  leading  edge  of  the  outer  wing  panels  was  swept  back  at  a moderate  angle. 
Even  with  the  surface  of  the  wing  filled  so  that  it  was  smooth  and  substantially  wave- 
free,  it  was  found  to  be  impossible  on  the  outer  wings  to  achieve  the  extent  of  laminar 
flow  for  which  the  section  was  designed.  But  behind  the  unswept  leading  edge  of  the 
centre  section  of  the  wing,  transition  could  be  far  back.  This  was  reported  by  W.E.  Gray 
late  in  1951® 


Using  sublimation  techniques  Gray  was  able  to  obtain  pictures  showing  the  jump  in 
transition  position  at  the  spanwise  station  where  the  leading  edge  sweep  changed.  Gray 
went  on  to  carry  out  a remarkable  series  of  flight  tests  in  which  he  obtained  visual 
records  of  transition  on  the  swept  back  surfaces  of  a variety  of  high  speed  aircraft. 
These  records  showed  that  for  sufficiently  large  angles  of  sweep,  transition  occurred 
very  close  to  the  leading  edge.  The  work  was  reported  by  Gray  in  February,  1952.  Gray 
was  subsequently  able  to  obtain  records  showing  closely  spaced  striations  and  these 
suggested  that  streamwise  vortices  were  present  in  the  laminar  boundary  layer  and  were 
the  cause  of  the  premature  transition.  It  was  in  this  manner  that  the  occurrence  of 
the  laminar  boundary  layer  instability  associated  with  cross  flow  was  discovered.  Cross 
flow  develops  in  the  boundary  layer  in  any  region  where  the  paths  of  streamlines  pro- 
jected onto  the  surface  exhibit  curvature,  (see  Fig  21)  as  is  the  case  on  swept  wings 
or  low  aspect  ratio  wings. 


The  failure  to  achieve  full  chord  laminar  flow  with  Lachmann's  perforated  strip 
suction  surface  was  attributed  to  flow  curvature  effects  which  had  not  been  taken  into 
account  in  its  design.  Although  the  wing  as  a whole  was  unswept,  it  was  highly  tapered 
and  the  test  panel  conformed  to  the  wing  taper.  Consequently,  the  leading  edge  was 
swept  back  and  the  trailing  edge  was  swept  forward,  and  streamlines  projected  on  to  its 
surface  showed  significant  curvature. 

The  direction  of  the  flow  over  the  surface  in  relation  to  the  pattern  of  holes  also 
turned  out  to  be  the  cause  of  the  failure  experienced  with  Dr.  Head's  drilled  panel. 

It  was  found  that  this  type  of  surface  exhibited  a marked  sensitivity  to  the  direction 
of  the  flow  over  it.  The  inflow  velocity  into  the  very  small  holes  was  large  enough  to 
create  a local  disturbance  which  trailed  downstream.  If  the  flow  direction  was  such  that 
the  disturbance  was  carried  over  a second  hole  before  it  had  decayed  sufficiently,  the 
disturbance  caused  by  the  second  hole  could  interact  with  the  residue  of  the  disturbance 
from  the  upstream  hole.  Even  if  the  streamlines  projected  on  to  the  surface  had  been 
straight  and  parallel,  a large  number  of  possibilities  would  have  existed,  the  worst  of 
which  would  have  been  if  holes  in  successive  rows  had  been  in  line,  the  second  worst  if 
holes  in  alternate  rows  had  been  in  line,  and  so  on. 

It  transpired  that  Head's  drilled  panel  had  been  fitted  at  an  angle  differing  from 
that  of  the  earlier  handmade  surface  by  a small  amount.  The  resulting  small  change  in 
orientation  of  the  pattern  of  holes  was  responsible  for  the  disappointing  results.  The 
very  regularity  of  the  hole  pattern  on  the  machine  drilled  panel  may  have  contributed 
to  this  dramatic  change  in  behaviour,  the  earlier  handmade  panel  having  some  small  ran- 
dom variations  in  the  positions  of  the  holes.  A second  panel  was  drilled  and  fitted  at 
a carefully  chosen  angle,  and  with  this  surface  full-chord  laminar  flow  was  obtained, 
the  repeatability  being  entirely  satisfactory.  The  surface  did,  however,  still  show  a 
degree  of  sensitivity  to  over  suction,  and  with  the  total  inflow  quantity  507.  greater 
than  the  minimum  required  for  full  chord  laminar  flow,  transition  moved  forward  to  about 
90%  of  the  chord.  The  composite  surfaces  evolved  by  both  Head  and  Lachmann  were  robust 
and  demonstrated  the  possibility  of  practical  construction. 

Gray's  discovery  raised  the  question  whether  laminar  flow  control  would  be  feasible 
on  swept  wings.  In  fact  Gray  very  quickly  demonstrated  that  a laminar  boundary  layer 
could  be  established  by  means  of  a large  forward  facing  slot  close  to  the  leading  edge 
which  ingested  the  whole  of  the  thin  but  already  turbulent  boundary  layer.  Theoretical 
studies  by  Owen  and  Randall  at  the  RAE10  supported  by  wind  tunnel  observations  as  well 
as  Gray's  flight  results  led  to  a limited  understanding  of  the  problem,  and  it  was  pre- 
dicted that  suction  close  to  the  leading  edge  should  be  capable  of  preventing  transition 
by  keeping  the  boundary  layer  thin  enough  to  suppress  the  instability. 

It  was  clear  that  if  laminar  flow  control  were  to  be  attempted  on  swept  wings  two 
penalties  must  be  faced.  One  was  the  need  to  carry  the  suction  surface  forward  virtually 
to  the  leading  edge  and  the  second  was  the  greater  suction  flow  that  would  be  required. 
The  first  could  be  assessed  as  a weight  penalty  for  the  more  extensive  suction  surface, 
though  in  addition  to  this  quantifiable  aspect  there  were  other  practical  aspects  to  be 
considered,  for  example  de-icing  the  leading  edge  would  be  more  difficult.  The  second 
penalty  in  terms  of  additional  weight  and  increased  fuel  consumption  on  account  of  the 
increased  power  required  to  operate  the  suction  system,  could  only  be  assessed  if  the 
increase  in  suction  quantity  were  known.  Owen  and  Randall  predicted  the  suction  inten- 
sity necessary  to  control  crossflow  instability  in  the  leading  edge  region.  It  turned 
out  to  be  quite  high  but  the  additional  suction  quantity  was  not  too  large  because  only 
a small  area  was  affected.  However,  they  pointea  out  that  there  would  be  a tendency  for 
crossflow  to  develop  in  the  more  extensive  region  where  the  pressure  rises  as  the  trail- 
ing edge  is  approached,  and  although  they  did  not  undertake  a quantitative  prediction  of 
the  level  of  increased  inflow  required  they  did  suggest  that  the  increase  in  the  rate 
of  inflow  would  be  several  times  as  great  as  that  required  at  the  leading  edge.  In  view 
of  the  extent  of  the  region  affected  this  would  have  been  a very  severe  penalty  and  it 
appeared  that  laminar  flow  control  on  swept  wings,  though  in  all  probability  possible, 
would  not  be  attractive. 

As  it  happened,  Owen  and  Randall's  qualitative  assessment  of  the  additional  in- 
flow that  would  be  required  in  the  region  of  pressure  rise  was  unduly  pessimistic.  There 
were  two  reasons  for  this.  First  the  inflow  required  to  control  the  already  recognised 
forms  of  boundary  layer  instability  in  this  region  contributed  to  the  control  of  the 
cross  flow  instability.  Second,  the  inflow  modified  the  cross  flow  velocity  profile  in 
such  a way  that  the  neutral  stability  Reynolds  number  was  increased.  The  credit  for 
deducing  and  demonstrating  that  the  additional  suction  quantity  required  to  control 
cross  flow  instability  in  the  rear  region  was  quite  moderate  is  due  entirely  to  Dr. 
Pfenninger  and  his  co-workers  in  the  United  States. 

For  a time  after  Owen  and  Randall's  predictions  our  work  at  Handley  Page  was  con- 
fined to  studies  of  laminar  flow  control  on  aircraft  with  unswept  wings.  Such  aircraft, 
because  of  their  limited  speed,  were  of  no  interest  for  military  purposes  and  it  slowly 
became  clear  that  they  could  not  command  any  real  interest  in  the  civil  field  either. 

The  incentive  to  tackle  the  problems  of  laminar  flow  control  on  swept  wings  was  therefore 
very  great,  and  for  this  reason,  and  encouraged  by  the  doubts  being  expressed  by 
Pfenninger  about  Owen  and  Randall's  unduly  pessimistic  prediction,  we  were  stimulated 
to  turn  our  attention  to  the  problems  and  possibilities  of  swept  wings. 

In  view  of  the  sensitivity  that  Head's  drilled  surface  had  exhibited  to  the  direc- 
tion of  the  flow  over  it,  we  had  to  consider  the  possibility  that  our  surface,  with  its 


4-i : 


\ 


i 

I 

i 

' 


bands  of  relatively  large  closely  sliced  perforations  might  have  similar  characteristics. 
It  was  important  to  know  whether  this  was  the  case  before  it  could  be  considered  a 
suitable  candidate  for  the  suction  surface  of  a swept  wing  where  the  flow  direction 
would  vary  with  incidence  as  well  as  varying  from  one  position  to  another.  Head  tested 
a sample  of  our  surface  in  the  apparatus  he  had  developed  and  found  some,  but  very  little, 
variability  in  the  level  of  disturbance  downstream  of  it  as  the  flow  direction  was  varied 
whilst  fairly  intense  suction  was  applied.  This  was  reassuring,  but  we  decided  to  con- 
sider a slitted  surface  of  the  type  adopted  by  Pfenninger.  We  eventually  adopted  the 
slitted  surface  (see  Fig.  22)  partly  because  of  lingering  doubts  about  the  possibility 
of  problems  with  the  perforated  surface  but  mainly  because  the  slitted  surface  appeared 
more  attractive  from  a production  viewpoint.  The  manufacture  of  a surface  with  a multi- 
plicity of  drilled  holes  was  slow,  and  therefore  expensive,  and  it  was  thought  that 
slitting,  being  a continuous  process,  would  prove  to  be  faster  and  cheaper  in  the  long 
run. 


2.4  Initial  tests  with  a swept  wing 

It  was  decided  to  build  a swept  wing12  with  slitted  suction  surface  and  to  test 
this  in  flight  mounted  vertically  on  top  of  the  fuselage  of  a Lancaster  (ex-RAF  bomber) 
aircraft  being  operated  by  the  College  of  Aeronautics  at  Cranfield  (now  the  Cranfield 
Institute  of  Technology).  With  this  arrangement  it  was  possible  to  vary  the  incidence 
independently  of  the  speed  - (in  fact  changing  the  aircraft  speed  changed  the  sweep). 
Means  were  provided  inside  the  'wing'  for  varying  the  inflow  distribution  as  well  as  for 
varying  the  overall  inflow,  and  likewise  internal  instrumentation  was  provided  to  measure 
the  distribution  of  inflow.  Each  surface  of  the  wing  was  divided  into  an  inner  zone, 
a mid  semispan  zone  and  an  outer  zone,  and  the  leading  edge  constituted  a separate  zone 
(see  Fig  23).  The  original  plan  was  to  fit  a porous  leading  edge  for  the  first  series 
of  tests.  Unfortunately  it  was  not  possible  to  obtain  a large  enough  piece  of  porous 
metal  sheet  with  sufficiently  uniform  porosity,  and  so  the  tests  were  undertaken  from 
the  outset  with  a slitted  suction  surface  throughout. 

Gear  was  provided  for  traversing  instrumentation  during  flight  in  a fore  and  aft 
(i.e.  line  of  flight)  direction  and  the  instrumentation  could  be  rigged  at  any  spanwise 
position  except  the  extreme  root  and  tip  (see  Fig  24).  A pitot  comb  carried  on  this 
instrument  traversing  gear  could  be  used  to  measure  boundary  layer  velocity  profiles 
at  positions  between  15%  chord  and  about  75%  chord.  It  had  ten  pitot  tubes  logarith- 
mically spaced  betweem  0.2  mm  (0.008  in.)  and  50  mm  (2  in.)  from  the  surface.  When  the 
comb  was  being  traversed  towards  the  leading  edge  it  was  lifted  off  the  surface  to  avoid 
any  possibility  of  the  lowest  tube  digging  into  a slit. 

In  the  earlier  flight  experiments  using  the  Vampire,  each  flight  was  of  short 
duration  and  all  the  analysis  of  results  was  done  on  the  ground.  Each  boundary  layer 
velocity  profile  was  plotted  and  its  momentuiji  thickness  was  computed.  Then  non- 
dimensional  profiles  of  velocity  divided  by  maximum  velocity  versus  height  from  surface 
divided  by  momentum  thickness  were  plotted  for  comparison  with  standard  velocity  pro- 
files. The  experimental  flights  with  the  Lancaster  were  generally  of  about  one  and  a 
half  hours  duration  and  on  this  account  it  was  very  desirable  that  the  main  indications 
from  the  measurements  should  be  available  during  flight  in  order  to  influence  the  course 
of  the  test.  A new  method  of  plotting  the  results  was  devised13  in  order  to  improve 
and  accelerate  the  process  of  being  able  to  recognise  whether  a boundary  layer  profile 
measurement  suggested  laminar  or  turbulent  conditions.  The  velocity  ratios  (which  could 
be  quickly  determined)  were  plotted  directly  against  tube  height,  but  with  a logarithmic 
scale  for  tube  height.  With  this  procedure  it  was  often  only  necessary  to  plot  two  or 
three  points  to  establish  the  type  of  profile  (see  Fi^  25).  However,  even  this  method 
was  found  to  be  slower  than  was  desirable  and  it  was  difficult  to  be  sure  of  the  con- 
dition of  the  boundary  layer  if  it  was  very  thin. 

For  these  reasons  an  additional  type  of  instrumentation  was  developed  in  the  form 
of  "hot  film"  instruments.  These  worked  on  the  same  principle  as  hot  wire  anemometers 
used  in  wind  tunnels,  but  were  much  more  robust.  The  sensitive  element  was  a thin  film 
of  platinum  fired  on  to  the  leading  edge  of  a glass  wedge  tapering  at  15°  to  0.38  mm 
(0.015  in.)  thickness  at  its  forward  extremity.  The  corners  were  rounded  and  the 
platinum  film  carried  round  and  along  either  side  so  that  the  electrical  leads  could 
be  soldered  on  directly.  Provision  was  made  to  process  the  outputs  from  up  to  50  hot 
film  instruments  in  such  a way  that  they  could  be  displayed  on  a bank  of  ' intermittency 
meters'  on  which  a zero  reading  indicated  the  complete  absence  of  turbulence.  The  out- 
puts could  also  be  displayed  one  at  a time  on  a cathode  ray  oscilloscope. 

The  hot  film  instruments  proved  to  be  very  practical  and,  although  there  was  a 
steady  wastage  rate,  they  proved  to  be  so  robust  that  they  could  be  pulled  off  the  wing 
and  allowed  to  trail  behind  with  a fair  prospect  that  they  would  prove  serviceable  for 
use  again  on  a subsequent  flight.  Thus  it  was  possible  to  fix  hot  films  to  the  wing 
surface  in  forward  positions  and  once  an  indication  of  laminar  flow  had  been  obtained 
they  could  be  shed  so  as  to  get  rid  of  their  wakes  on  the  surface  further  aft.  It 
also  proved  possible  to  draw  a hot  film  across  the  surface  in  a spanwise  direction  (at 
approximately  constant  chord).  This  was  not  envisaged  at  the  outset  but  was  evolved 
during  the  test  programme.  When  combined  with  the  facility  provided  by  the  chord-wise 
instrument  traversing  gear,  this  made  it  possible  to  locate  the  edges  of  turbulent 
wakes  so  that  their  sources  could  be  determined  even  if  they  were  ahead  of  the  region 
in  which  the  hot  film  could  be  traversed. 


The  wing  had  suction  surfaces  on  both  sides  extending  from  a root  fence  to  a 
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position  close  to  the  tip.  On  account  of  the  rail  and  mechanism  of  the  instrument 
traversing  gear  it  was  not  worth  extending  the  suction  surface  to  the  extreme  tip. 

The  span wise  extent  of  the  suction  surface  was  2.54  m (100  in.)  and  the  chord  at  its 
inboard  and  outboard  ends  was  2.54  m (100  in.)  and  1.73  m (68  in.).  The  leading  edge 
sweep  was  42'..  decrees.  The  wing  had  a symmetrical  section,  actually  an  RAE  103  sec- 
tion scales  to  12.5,  thickness.  This  gave  a rather  large  leading  edge  radius  which 
together  with  the  large  angle  of  sweep  was  intended  to  present  a severe  cross  flow 
problem.  ['he  suction  surfaces  on  the  two  sides  were  not  identical,  that  on  the  port 
side  having  only  approximately  three-quarters  as  many  slits  as  that  on  the  starboard 
side. 


The  earliest  tests14  were  disappointing,  transition  moving  forward  rapidly  as 
Reynolds  number  increased.  Suction  was  more  effective  on  the  side  with  the  closer  slit 
spacing,  but  even  so  transition  moved  forward  rapidly  as  flight  speed  increased  until 
at  140  knots  EAS  at  10,000  ft.  altitude  transition  was  somewhere  ahead  of  10%  chord  on 
both  surfaces.  At  135  knots  transition  was  ahead  of  10%  chord  on  the  surface  with 
fewest  slits  but  on  the  other  surface  it  was  at  about  50%  chord  at  the  mid  semispan 
station  and  further  outboard. 

It  took  some  time  to  achieve  an  understanding  of  this  behaviour  of  the  transition 

rattern.  It  was  investigated  in  a series  of  flights  at  altitudes  varying  between  3500 
t.  and  22000  ft.  and  speeds  between  100  knots  EAS  and  170  knots  EAS.  This  gave  a two 
to  one  range  of  unit  Reynolds  numbers,  actually  from  about  3 x 1CP  per  m (0.9  x 106  per 
ft.)  to  6 x 106  per  m (1.8  x 106  per  ft.).  In  successive  flights  hot  film  instruments 
were  fixed  at  positions  closer  and  closer  to  the  leading  edge.  Eventually  flights  were 
conducted  with  the  hot  films  at  the  very  leading  edge.  After  observations  had  been  made 
with  the  hot  film  nearest  to  the  root  it  was  pulled  off  so  that  observations  could  be 
made  with  the  next  one  further  outboard.  Then  this  was  pulled  off  in  its  turn  and  so  on. 
Analysis  of  the  results  (see  Fig.  26)  obtained  revealed  the  nature  of  the  problem. 

2.5  Spanwise  contamination  on  swept  wings 

A swept  wing  does  not  have  true  stagnation  at  its  leading  edge.  Instead,  its  attach- 
ment line,  where  the  flow  divides  to  pass  on  either  side,  is  a quasi-stagnation  line, 
there  being  a component  of  the  stream  velocity  along  it.  In  the  case  of  a swept  back 
wing  this  velocity  component  is  directed  towards  the  tip.  Accordingly  when  the  hot  film 
instruments  were  positioned  at  the  leading  edge,  they  were  aligned  facing  the  wing  root. 
The  spanwise  flow  along  the  attachment  line  results  in  the  formation  of  a boundary  layer. 
The  hot  film  readings  showed  that  this  attachment- line  boundary  layer  was  turbulent  in 
certain  conditions.  When  this  was  the  case  it  contaminated  the  boundary  layer  on  both 
surfaces  of  the  wing  and,  the  boundary  layer  being  already  turbulent  before  the  first 
slit  was  reached,  suction  was  ineffective. 

Propagation  of  turbulence  with  the  attachment- line  boundary  layer  was  not  unknown, 
having  been  observed  by  W.E.  Gray  in  1952  during  the  flight  tests  in  which  cross  flow 
instability  was  first  discovered.  Gray  also  reported  that  on  a Meteor  fin  with  25° 
leading  edge  sweep  a trip  wire  round  the  nose  caused  transition  but  that  laminar  flow 
re-established  itself  a short  distance  further  along  the  attachment  line.  Also  in  1952 
Gregory  and  Walker  reported  having  observed  the  spanwise  spread  of  turbulence  from 
a large  excrescence  placed  on  the  attachment  line  of  a swept  model  wing  at  tunnel  speeds 
exceeding  a critical  value.  Further  observation  on  the  spread  of  turbulence  on  a swept 
wing  model  were  reported  by  Gregory  in  1960  . In  these  later  tests  unlimited  spanwise 

contamination  was  only  observed  once,  and  then  only  with  a very  large  excrescence  care- 
fully positioned  to  produce  the  phenomenon.  The  tunnel  floor  boundary  layer  at  the 
model  wing  root  was  undoubtedly  turbulent  in  these  tests  and  yet  did  not  contaminate 
the  wing.  Pfenninger  and  Bacon  reported  on  wind  tunnel  tests  conducted  in  1957  to 
1959  on  a 30°  swept  wing  model  at  chord  Reynolds  numbers  up  to  30  x 106  , and  the  non- 
appearance  of  spanwise  contamination  in  these  tests  together  with  the  extreme  diffi- 
culty which  Gregory  had  experienced  in  his  efforts  to  provoke  the  phenomenon  led  to 
the  probability  of  its  occurring  in  the  British  flight  experiments  being  underestimated. 

The  acceleration  of  the  flow  away  from  the  attachment  line  over  both  surfaces  of  a 
swept  wing  exerts  a controlling  influence  over  the  growth  of  the  attachment- line 
boundary  layer.  Whilst  skin  friction  tends  to  increase  its  thickness,  the  boundary 
layer  is  leaking  away  to  either  side  of  the  attachment  line  and  so  it  is  not  difficult 
to  envisage  that  there  will  be  an  equilibrium  thickness*.  This  equilibrium  thickness 
is  inversely  proportional  to  the  square  root  of  the  velocity  gradient.  A leading  edge 
with  a large  radius  of  curvature  has  a relatively  small  velocity  gradient  at  its  attach- 
ment line  and  therefore  develops  a thicker  attachment-line  boundary  layer  than  a leading 
edge  with  a smaller  radius  of  curvature.  This  means  that  on  a tapered  wing,  such  as 
the  experimental  wing,  the  equilibrium  thickness  decreases  from  root  to  tip. 

In  the  British  flight  tests  it  was  found  that  turbulence  was  spreading  from  the 
large  root  fence  on  to  the  most  inboard  part  of  the  swept  back  leading  edge,  causing 
the  attachment- line  boundary  layer  near  the  root  to  be  turbulent.  The  turbulent  attach- 
ment-line boundary  layer  spread  along  the  leading  edge  until  it  reached  a position  where 
the  notional  momentum  thickness  Reynolds  number  of  an  equilibrium  thickness  attachment- 


*Whereas  in  the  case  of  laminar  flow  control  by  suction  at  the  surface,  flow  is  only 
"drained"  away  from  the  boundary  layer  at  the  lower  extremity,  in  the  present  case  it 
is  removed  to  either  side  throughout  the  whole  depth  of  the  boundary  layer. 
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line  laminar  boundary  layer  would  be  about  88.  Beyond  this  position  the  turbulence  was 
apparently  unable  to  propagate  and  the  attachment- line  boundary  layer  became  laminar  all 
the  way  to  the  tip.  The  equilibrium  momentum  thickness  Reynolds  number  of  a laminar 
boundary  layer  on  the  attachment  line  depends  on  the  flight  unit  Reynolds  number  as  well 
as  on  the  sweep  and  section  geometry  of  the  wing.  Consequently  the  position  of  the 
critical  point,  beyond  which  turbulence  was  unable  to  spread  along  the  attachment  line, 
depended  on  the  flight  unit  Reynolds  number. 

At  low  EAS  and  high  altitude  (low  unit  Reynolds  number)  turbulence  was  unable  to 
travel  far  along  the  leading  edge,  but  at  high  EAS  and  low  altitude  (high  unit  Reynolds 
number)  turbulence  was  able  to  travel  along  the  leading  edge  the  whole  of  the  way  to  the 
tip.  In  fact,  frith  the  geometry  of  the  test  wing  turbulence  spread  halfway  along  the 
leading  edge  when  the  flight  unit  Reynolds  number  was  about  3.9  x 106  per  m (1.2  x 10? 
per  ft.)  and  all  the  way  to  the  tip  when  the  flight  unit  Reynolds  number  was  4.9  x 106 
per  m (1.5  x 10°  per  ft.).  The  suction  surfaces  of  the  wing  were  designed  to  prevent 
turbulence  developing  in  a laminar  boundary  layer  but  not  to  suppress  turbulence  that 
had  already  developed.  Consequently  it  was  not  possible  to  manipulate  the  inflow  dis- 
tribution to  recover  laminar  flew  on  any  part  of  the  wing  surface  lyfhg  downstream  of 
a turbulent  attachment- line  boundary  layer.  Thus  the  failure  of  the  early  flight  experi- 
ments was  fully  accounted  for.  The  phenomenon  also  occurred  on  the  Northrop  X21A  where 
it  was  diagnosed  and  explained  at  about  the  same  time  as  its  discovery  in  the  British 
experiments  (i.e.  in  late  1963). 

The  criterion  established  at  this  stage  of  the  flight  experiments,  namely  the 
momentum  thickness  Reynolds  number  of  a notional  equilibrium-thickness  attachment-line 
laminar  boundary  layer  being  greater  or  less  than  about  88,  makes  it  possible  to  dis- 
tinguish between  cases  in  which  turbulence,  once  it  is  present,  will  or  will  not  propa- 
gate along  the  attachment  line  (see  Fig.  2 7 ) 16  . There  is  also  a higher  Reynolds  number 

above  which  a laminar  attachment- line  boundary  layer  becomes  unstable  even  to  small  dis- 
turbances and  in  cases  where  this  is  exceeded  there  is  a probability  that  a laminar 
attachment- line  boundary  layer  will  degenerate  into  a turbulent  one.  This  higher  criti- 
cal Reynolds  number  was  well  above  the  maximum  that  could  be  reached  in  the  flight  ex- 
periments. It  is  about  2\  times  the  critical  momentum  thickness  Reynolds  number  for  the 
propagation  of  turbulence  and  since  the  laminar  boundary  layer  Reynolds  number  is  propor- 
tional to  the  square  root  of  the  flight  unit  Reynolds  number,  it  would  occur  at  a flight 
unit  Reynolds  number  seven  or  eight  times  greater  than  the  critical  value  for  propagation 
of  turbulence. 

Consequently  all  that  was  necessary  to  enable  the  tests  to  proceed  as  originally 
planned  was  a device  which  would  arrest  the  propagation  of  turbulence  and  which  could 
be  fitted  close  to  the  wing  root.  If  such  a device  could  be  developed,  the  attachment- 
line boundary  layer  would  remain  laminar  unless  excessive  roughness  outboard  of  the 
device  were  to  trip  the  boundary  layer  and  give  rise  to  turbulence  again.  Such  roughness 
would  have  to  be  accidentally  acquired  and  for  the  purposes  of  test  flying  the  risk 
seemed  small  enough.  A number  of  simple  geometric  modifications  were  tried  and  it  was 
found  that  a laminar  attachment-line  boundary  layer  could  be  established  by  means  of  a 
small  local  extension  of  the  leading  edge  enabling  increased  curvature  for  a short  dis- 
tance. 

2.6  Fulfilment  of  the  swept  wing  experiments 

The  method  adopted  and  retained  for  the  whole  of  the  ensuing  programme  was  devised 
by  M.  Gaster19  . It  consisted  of  a bump  astride  the  leading  edge  attachment  line,  about 
12.5  cm  (5  in.)  long  and  standing  about  1.25  cm  (0.5  in.)  high  at  the  end  nearest  to 
the  wing  root.  At  this  end  it  rose  abruptly  from  the  basic  leading  edge  of  the  wing  but 
beyond  its  crest  it  was  faired  back  into  the  wing  leading  edge  very  gradually  (see  Fig. 
28;.  It  was  developed  by  cut  and  try  methods  and  was  found  to  be  effective  throughout 
the  full  range  of  test  Reynolds  numbers  and  to  be  tolerant  to  variations  of  wing  inci- 
dence through  i 2 . 

This  method  of  preventing  turbulence  spreading  from  the  wing  root  was  not  envisaged 
by  us  as  being  suitable  for  application  on  laminar  flow  aircraft  in  normal  operations. 

For  such  cases  it  would  be  desirable,  and  perhaps  necessary,  to  make  provision  to  arrest 
the  spanwise  spread  of  turbulence  at  several  positions  along  the  leading  edge,  so  that 
if  turbulence  were  to  be  accidentally  triggered  anywhere  on  the  attachment  line  its 
spread  would  be  confined  to  an  acceptable  proportion  of  the  whole  wing.  Pfenninger  in- 
vestigated the  effectiveness  of  groups  of  slits  cut  at  right  angles  to  the  attachment 
line  and  ending  at  the  first  spanwise  slit  so  that  their  ends  did  not  create  an  unaccep- 
table disturbance  and  it  seems  probable  that  some  such  active  means  of  control  would  be 
most  suitable  for  an  operational  aircraft. 

However,  Gaster's  bump  proved  adequate  for  experimental  purposes  and  it  enabled 
the  flight  tests  to  be  satisfactorily  concluded20  . The  measured  results  obtained  in 
the  final  test  flights  at  the  end  of  1965  showed  very  good  agreement  with  theoretical 
predictions  (see  Fig.  29)21  and  vindicated  the  aerodynamic  design  of  the  wing  and  its 
suction  system  some  five  and  a half  years  after  it  had  been  finalised. 

For  some  years  the  Handley  Page  company  had  been  the  principal  champion  of  laminar 
flow  control  in  Britain,  though  its  researches  had  been  aided  by  Gov  rnment  contracts. 

But  it  was  now  no  longer  considered  lustlflable  to  continue  to  support  the  work  from 
public  funds,  and  by  the  beginning  of  1966  the  Handley  Page  company  was  so  beset  with 
problems  relating  to  its  survival  that  it  was  unable  to  sustain  further  work  entirely 
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from  its  own  resources.  So  at  the  very  time  when  success  seemed  nearer  than  it  had 

ever  done,  the  work  came  to  an  end.  This  is  perhaps,  to  some  extent  anyway,  an  over- 

simplification of  the  situation.  The  work  had  been  going  on  for  a number  of  years  and 
it  seemed  that  a stage  had  been  reached  when  a much  higher  Level  of  expenditure  would 

be  required  if  it  was  to  continue.  The  time  was  therefore  ripe  for  a re -appraisal  of 

the  prospects  of  laminar  flow  control,  taking  into  account  changes  in  the  general  situ- 
ation as  well  as  the  progress  made  in  laminar  flow  control  technology. 

Before  turning  to  that  re-appraisal  it  is  worth  pausing  to  consider  what  broad 
conclusions  could  be  drawn  from  the  work  which  had  been  done.  A succession  of  aero- 
dynamic problems  had  been  encountered  and  in  every  case  a solution  had  been  found,  once 

the  nature  of  the  problem  had  been  recognised.  This  success  in  surmounting  aerodynamic 
problems  could  be  considered  a good  augury.  In  addition,  advances  had  been  made  in 
theoretical  methods  for  calculating  pressure  distributions  on  wings  and  for  calculating 
the  development  of  three-dimensional  laminar  boundary  layers  with  suction.  Progress  in 
the  development  of  these  methods  had,  of  course,  been  greatly  assisted  by  the  rapid  ad- 
vances being  made  in  computer  technology,  a trend  which  could  be  expected  to  continue. 
Theoretical  predictions  made  with  these  methods  had  shown  good  agreement  with  measurements 
made  in  experiments  and  so  the  methods  would  dearly  be  of  great  value  in  future  design. 
Experimental  techniques  had  been  advanced  and  special  instrumentation  had  been  evolved. 
Above  all,  laminar  flow  control  had  been  shown  to  be  possible  on  wings  with  sweep-back, 
with  inflow  rates  that  were  economical. 

But  many  of  the  difficulties  experienced  with  the  test  wings  demonstrated  that 
satisfactory  solutions  to  design  problems  and  satisfactory  methods  of  manufacture  had 
not  yet  been  evolved.  This  is  not  in  any  way  a criticism  of  the  designers  or  craftsmen 
involved.  Apart  from  the  fact  that  some  lessons  can  be  Learned  only  by  experience,  the 
designers  were  severely  constrained  by  limits  on  expenditure  and  by  limitations  in  the 
manufacturing  facilities  available.  That  success  was  achieved  at  all  was  due  to  the 
wholehearted  efforts  of  the  craftsmen  who  had  to  made  good  every  shortcoming  by  their 
skill  and  unstinting  efforts.  The  fact  remains  that  the  hardware  produced  was  not  good 
enough.  This  was  not  for  lack  of  trying.  From  the  outset,  the  emphasis  in  all  the 
Handley  Page  work  had  been  on  developing  a practical  method  of  wing  construction,  but 
in  the  end  the  results  achieved  fell  short  of  what  was  needed. 

3.  SPECULATIONS 

Two  consequences  followed  from  the  failure  to  produce  a trouble-free  wing.  The 
first  was  that  it  was  still  not  possible  to  produce  reliable  estimates  of  the  cost  of 
constructing  an  aircraft  with  laminar  flow  control.  The  second  was  that  it  would  not 
^ have  been  possible  to  embark  on  the  design  and  construction  of  a demonstrator  aircraft 

r that  would  enable  satisfactory  trials  and  a valid  assessment  of  the  problems  that  could 

arise  in  the  operation  of  laminar  flow  transport  aircraft. 

Until  such  an  assessment  could  be  performed  the  cost  of  maintaining  and  operating 
a laminar  flow  aircraft  could  not  be  determined,  and  the  answers  to  many  important  ques- 
tions would  remain  matters  for  conjecture.  For  example,  would  an  operator  require  special 
facilities,  and  if  so,  what  facilities?  Would  a laminar  flow  aeroplane  be  able  to  stand 
out  in  rain,  snow,  or  freezing  conditions?  If  so,  would  special  maintenance  operations 
be  required  before  flight?  Would  there  be  problems  in  maintaining  the  surfaces  in  a 
smooth  and  wave-free  condition  throughout  the  life  of  the  aircraft  (i.e.  would  there  be 
any  serious  tendency  to  deteriorate)?  Would  the  suction  system  require  any  special 
maintenance  other  than  normal  maintenance  of  the  suction  pumps,  controls,  and  instru- 
mentation? Would  there  be  any  significant  occurrences  of  clogging  of  the  suction  surface 
or  any  of  the  small  passages  communicating  with  the  ducting  system?  Would  the  special 
measures  required  to  provide  access  to  the  systems  inside  the  wing  prove  inconvenient? 
Would  there  be  inspection  problems?  Would  corrosion  problems  arise  in  the  interior  of 
the  wing?  Protection  of  the  edges  of  the  slits  themselves  could  also  be  a problem. 

And  what  about  repair  schemes  for  rectifying  accidental  damage?  These  problems  may  n^t 
j all  be  real,  some  of  them  may  turn  out  to  be  unimportant.  There  is  little  or  no  doubt 

that  solutions  could  be  found  for  the  ones  that  proved  to  be  real;  but  at  what  price? 

Would  the  annual  utilisation  be  adversely  affected? 

And  then,  of  course,  there  were  worries  about  insect  contamination  or  the  fly 
problem  as  it  was  generally  known.  Somebody  was  sure  to  raise  this  topic  at  any  dis- 
cussion on  laminar  flow  control.  It  attracted  so  much  attention  that  other  possible 
problems  may  have  received  less  consideration  than  they  deserved.  But  who  was  to  say 
that  the  fly  problem  was  not  really  a problem  at  all.  Certainly  we  could  not  afford  to 
ignore  it.  We  protected  the  leading  edges  of  our  test  wings  with  strips  of  tracing 
linen  and,  later  on,  with  a plastic  material  known  as  Melanex.  The  latter  was  a poly- 
f ester  film  manufactured  by  Imperial  Chemical  Industries.  The  Melanex  film  ussd  was 

about  0.05  mm  thick,  and  a type  with  a metalised  surface  was  found  to  avoid  electro- 
static problems.  Various  methods  of  attaching  and  shedding  these  protective  covers 

Iwere  investigated.  Problems  could  arise  when  taxying  downwind.  Alternatives  which 

were  discussed  included  low  adhesion  coatings  which  could  be  sprayed  on  and  subsequently 
peeled  off,  and  brittle  lacquers  and  resins  which  could  also  be  sprayed  on  but  which 
would  disintegrate  at  low  temperatures. 

A survey  showed  that  the  leading  edges  of  small  private  aircraft  and  club  aircraft 
that  spent  most  of  their  time  flying  at  low  altitudes  became  liberally  plastered  with 
insect  remains  in  warm  weather.  On  the  other  hand  it  was  rare  to  find  any  recognisable 
insect  remains  on  the  leading  edges  of  commercial  transport  aircraft  that  flew  faster 
and  at  higher  altitudes.  This  was  not  only  true  of  aircraft  examined  at  Heathrow  but 
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at  Malta,  Rome,  Tripoli,  Benghazi,  Athens,  Cyprus  and  Beirut.  Then  wis  therefore  i 
suspicion  that  insect  remains  were  eroded  at  high  altitudes  and  high  true  iir  speids. 

Our  test  flights  were  mostly  at  low  altitude  and  compar Itively  low  trui  lir  1.  I he 
erosion  of  Insect  remains  was  investigated  by  Impinging  flies  on  to  i >p.  i « 1 1 v pre- 
pared panel  on  the  leading  edge  of  a Victor  bomber,  flies  being  bred  specially  I r th. 
purpose.  The  impinged  flies  were  marked  so  that  they  could  b<  identified  wh« n t b.  ;.u.  ! 
was  examined  after  the  aircraft  had  landed.  This  was  necessary  to  iv-  i i - ail  a i a . i . 

caused  in  the  event  of  a fly  or  flies  being  picked  up  accidentally  luring  flight  n! 

especially  during  landing.  It  was  observed  that  the  wings,  legs,  and  ith.  r pr  .tut. 
blew  away  quite  quickly  and  that  the  remains  then  eroded  away  to  i Irgrei  wf.  i t 1. 
on  their  location.  Close  to  the  attachment  line  the  eroded  remain  aid  h.  hi.t 
0.25  mm  (0.01  in.)  but  this  height  decreased  to  zero  over  i short  <11  Lin  • . 

These  results  were  not  quite  good  enough  to  allow  the  problem  I . In  ti  . d.  < 

was  noted  that  if  the  aircraft  flew  through  even  a small  cloud  tin  mum]  mu  Li 
completely,  and  this  led  to  the  speculation  that  it  might  be  posslbli  t 1.  vi  • - .st-i 

to  wash  the  leading  edge  in  flight.  Tests  were  therefore  performed  in  i wind  tui  m ! 

using  a wing  fitted  with  small  flush  nozzles  (see  Fig.  30).  These  could  b<  asi  1 to  pr  ■ - 

ject  jets  of  water  upstream  into  the  airflow.  The  jets  of  water  wn 

I ine  spray  by  the  airflow,  and  this  spray  was  then  blown  buck  on  to  the  win.  le  idin.  ed. 
The  tunnel  was  run  for  various  lengths  of  time  before  the  water  jets  were  iperatid.  hi 
was  done  to  investigate  the  effect  of  allowing  the  fly  remains  to  dry  ind  harden.  Tests 
were  conducted  to  establish  the  minimum  amount  of  water  required  and  to  ucert  iiu  the 
effects  of  various  additives.  A two  shot  action  was  found  to  be  most  economical.  It 
was  found  that  the  weight  of  water  required  would  only  be  a small  fraction  of  the  weight 
of  fuel  saved.  The  possibility  of  using  special  materials  for  the  wing  surface  in  the 
region  of  fly  impingement  was  considered  and  some  tests  were  done  using  a PTFI  plastic 
marketed  as  Fluon.  It  appeared  that  the  fly  remains  adhered  much  less  firmly  to  thi9 
material . 

This  kind  of  work  was  undertaken  to  explore  wFiat  possibilities  there  might  be  and 
to  some  extent  as  an  insurance.  The  cost,  of  course,  was  quite  low.  Another  problem 
which  received  some  attention  was  that  of  de-icing,  for  which  an  electrical  system  was 
favoured.  It  was  thought  that  'run  back'  might  be  a source  of  trouble,  and  arrangements 
were  in  hand  for  wind  tunnel  tests  in  a low  temperature  facility  at  the  time  that  our 
activities  were  brought  to  a stop.  Thus  there  were  many  questions  to  which  a categorical 
answer  could  not  be  given,  and  although  a measure  of  confidence  could  be  achieved  by  the 
kind  of  work  touched  on  above,  conclusive  findings  depended  on  the  availability  of  a 
demonstrator  aircraft.  Moreover,  a demonstrator  aircraft  was  required  that  would  be 
free  from  problems  induced  by  shortcomings  in  its  design  and  manufacture,  so  that  it 
could  be  operated  without  hindrance  from  difficulties  other  than  operating  ones. 

Because  of  these  unresolved  questions,  predictions  of  the  direct  operating  cost 
savings  made  possible  by  laminar  flow  control  depended  on  judgements  which  involved  an 
element  of  conjecture.  In  1959  a joint  exercise  was  undertaken  by  Handley  Page  with 
government  scientists  and  representatives  of  the  British  operators,  in  an  attempt  to 
arrive  at  as  soundly  based  a prediction  of  the  benefit  to  be  gained  as  was  possible. 

It  was  also  hoped  that  the  prediction  would  find  some  measure  of  acceptance  by  the*2 
other  parties.  A comparison  was  made  between  a conventional  and  a laminar  flow  aircraft 
with  transatlantic  range.  When  all  the  assumptions  had  been  discussed  and  agreement 
reached,  it  appeared  that  it  should  be  possible  to  reduce  the  direct  operating  cost  by 
about  16%.  This  would  have  been  a very  large  saving  indeed,  and,  despite  the  significant 
level  of  uncertainty,  it  was  sufficiently  promising  to  gainra  measure  of  Government 
funding  and  sustain  interest  in  the  laminar  flow  work. 

By  1966,  the  situation  had  changed.  The  price  of  fuel  in  real  terms  had  been 
falling  for  many  years  at  a rate  of  6%  per  annum,  and  it  seemed  likely  to  continue 
falling.  In  addition,  considerable  progress  had  been  made  and  could  be  foreseen  in  the 
technology  of  gas  turbine  propulsion  systems  which  were  therefore  becoming  more  effi- 
cient and  less  thirsty  for  fuel.  On  account  of  this  the  reduction  in  fuel  consumption 
that  laminar  flow  control  would  make  possible  was  getting  smaller,  and,  of  course,  all 
the  benefits  of  laminar  flow  control  stem  in  the  first  instance  from  this  reduction. 

In  fact,  for  a design  stage  length  of  about  5700  km  (3000  nautical  miles)  the  Handley 
Page  project  study  already  referred  to,  showed  that  reductions  of  structure  weight, 
power  plant  weight,  etc.  would  not  much  more  than  balance  the  added  weight  of  tne  suc- 
tion system,  and  aircraft  basic  operating  weight  would  only  be  slightly  reduced.  The 
take-off  weight,  of  course,  would  be  greatly  reduced  on  account  of  the  lessened  fuel 
weight. 

For  longer  design  stage  lengths  the  reduction  of  basic  operating  weight  would  have 
been  more  significant,  but,  at  tne  time,  operators  did  not  evince  much  interest  in 
longer  ranges.  This  being  the  case  most  of  the  reduction  in  aircraft  operating  cost 
resulted  from  savings  in  the  cost  of  the  fuel  used.  With  the  advent  of  more  efficient 
power  plant  lessening  the  fuel  mass  from  which  to  make  savings,  and  with  the  price  of 
turbine  engine  fuel  continuing  to  fall,  it  seemed  Inevitable  that  the  potential  benefits 
of  laminar  flow  control  would  be  continuously  eroded  in  the  years  to  come.  And,  of 
course,  there  was  no  concern  about  dwindling  fuel  reserves  at  that  time.  Updating 
Handley  Page's  1959  study  to  take  account  of  the  power  plant  available  in  1972  and  also 
the  fuel  price  prevailing  in  1972.  it  appears  that  the  originally  predicted  16%  reduc- 
tion of  direct  operating  cost  would  almost  have  disappeared.  By  1972  a design  stage 
length  of  8000  km  was  of  Interest  to  operators  and  for  that  stage  length  the  predicted 
reduction  of  direct  operating  cost  would  have  been  around  8%. 
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The  abrupt  rise  of  fuel  prices  that  commenced  In  the  following  year  has,  of  course, 
transformed  these  findings.  But  looking  further  ahead  to,  say,  the  last  decade  of  this 
century  it  is  necessary  to  allow  for  further  reduction  of  engine  fuel  consumption  and 
so  the  economic  argument  for  laminar  flow  control  will  be  dependent  on  the  extent  to 
which  fuel  prices  continue  to  increase  in  real  terms.  The  future  prospects  for  laminar 
flow  control  therefore  remain  tantalisingly  obscure. 
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Fig.  5 Comparison  of  sucked  and  unsucked  laminar  boundary  layers 
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'ig.  6 Comparison  of  flat-piate  skin  friction  coefficients. 
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Fig.  7 Weight  break-down  comparisons. 
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Fig.  11  Comparison  of  effective  skin  friction  coefficients  showing  the 
benefit  of  momentum  restoration. 
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Fig.  12  Comparison  of  possible  laminar  and  conventional  aircraft  drag  break-downs. 
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Fig.  17  Handley  Page  suction  surface  with  porous  strip  Inserts 


Fig.  18  Vampire  with  original  Handley  Page  teat  surface  and  enlarged 
view  of  later  drilled  strip  suction  surface. 
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Fig.  22  Slitted  suction  surface. 
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Fig.  23  Dimensions  and  zoning  of  Handley  Page  experimental  swept-back  wing 


Fig.  25  Boundary  layer  velocity  profiles  plotted  on  log  height  basis 
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Fig.  26  Transition  fronts  on  Handley  Page  experimental  swept-back  wing  showing 
the  effect  of  spanwise  contamination. 
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remains  from  wing  leading  edges. 
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NOMENCLATURE 
A Area 

Cy  Wall  concentration 

Cj  Skin-friction  coefficient 

1 X 

CB  Total  skin-friction  drag,  — [ Cc  dx 

F ° x Jo  f 

Cpg  Base  pressure  coefficient 

D Drag 

l Length 

M Mach  number 

N Number  of  slots 

p Pressure 

P Turbulent  Prandtl  number 

r,t 

S Slot  height 

T Temperature 


u Velocity 

x Coordinate  along  the  wall  (downstream  of 

8 1 0 1 ) 

y Coordinate  normal  to  the  wall 

6 Boundary- layer  thickness 

A Mass  flow  ratio,  Pjuj/P0ouQO 

p Density 

Subscripts 

EQ  Equilibrium  value 

e,°°  Free-stream  conditions 

j Slot  flow  conditions 

o No-slot  or  no- inject  ion  value 

T Total  or  stagnation 

w Wall  value 
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1.  INTRODUCTION 

Slot  injection  defined  in  the  conventional  manner  describes  the  process  of  injecting  a gas  from  a slot 
such  that  the  Injected  gas  lowers  the  downstream  equilibrium  surface  temperature  and,  if  of  sufficiently 
low  momentum,  reduces  downstream  skin-friction  drag.  Most  available  experimental  information  on  slot 
injection  describes  the  effects  of  injection  on  downstream  cooling  effectiveness  with  only  limited  data 
available  on  the  effects  of  injection  on  skin-friction  drag  reduction.  It  is  the  drag  reduction  aspects 
of  slot  injection  that  form  the  main  theme  of  this  paper. 

The  most  common  configuration  for  slot  injection  found  in  the  literature  is  for  tangential  injection 
of  air  along  a two-dimensional  surface  with  air  as  the  mainstream  flow  (illustrated  for  subsonic  flow  in 
Fig.  1).  For  low  slot  flow  momentum  relative  to  the  mainstream  (wall  wake  flow),  skin-friction  drag  is 
reduced  downstream  of  the  slot;  as  the  slot  and  mainstream  flow  mix  downstream,  the  skin  friction  slowly 
approaches  the  no-slot  values.  Many  geometric  variations  from  this  two-dimensional  geometry  have  been 
Investigated  (including  injection  angle  and  three  dimensionality  with  discrete  holes  or  slots)  with  partic- 
ular application  to  cooling  turbine  blades  and  engine  components,  see  Goldstein; ^ however,  most  available 
experimental  information  on  skin-friction  reduction  by  slot  injection  is  for  conventional  two-dimensional 
or  axi8ymmetric  geometries. 

Direct  (balance)  mea3urements  of  skin-friction  reductions  resulting  from  air-air  tangential  injection 
were  reported  in  References  2 and  3 for  subsonic  flow  and  in  References  4 through  9 for  supersonic/hypersonic 
flow.  Indirect  measurements  of  skin-friction  reductions  using  either  Clauser  plots,  force  balances,  Reynolds 
analogy,  or  Preston  tubes  were  reported  in  References  10  and  11  for  subsonic  flow  and  in  References  12,  13, 
and  14  for  supersonic  flow.  Direct  measurements  of  surface  shear  using  balances  are  the  most  reliable  data 
and  will  be  emphasized  herein.  Although  there  is  a significant  body  of  data  available  describing  cooling 
effectiveness  downstream  of  slot  injection,  it  is  of  limited  use  in  defining  the  drag  reduction  capability 
of  slots.  The  amount  of  experimental  information  available  on  slot  injection  drag  reduction  is  insufficient 
to  allow  accurate  empirical  correlations  to  be  formulated,  and  thus  the  data  which  are  available  will  be 
used  to  determine  the  efficacy  of  numerical  prediction  methods.  These  numerical  codes  can  then  be  used  to 
generate  necessary  input  for  systems  analyses  of  slot  injection  as  a drag  reduction  system. 

The  contents  of  this  paper  includes  a description  and  analysis  of  slot  injection  in  low-speed  flow, 
slot  injection  in  high-speed  flow,  a discussion  of  aircraft  applications,  and  possibilities  for  future 
improvements  of  slot  drag  reduction  capability. 

2.  SLOT  INJECTION  IN  LOW-SPEED  FLOW 
2.1  Flow-Field  Characteristics 

A schematic  of  the  flow  field  for  slot  injection  in  subsonic  flow  is  shown  in  the  tpper  part  of 
Figure  1.  For  a local  skin-friction  reduction,  the  slot  velocity  (uj)  must  be  less  than  the  mainstream 
velocity  (u^.  The  local  skin  friction  is  lowest  near  the  slot  and  increases  downstream,  approaching  the 
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no-slot  values.  The  rate  ol  mixing  between  the  slot  and  boundary-layer  flow  determines  the  exact  distribu- 
tion of  skin  friction.  The  principal  variables  which  affect  the  amount  of  skin-friction  reduction  are 
listed  in  Figure  1 and  are  sufficiently  numerous  so  that  empirical  correlations  become  extremely  difficult. 

In  fact,  the  effects  of  most  of  these  parameters  on  skin-friction  reduction  have  never  been  experimentally 
determined.  Thus,  with  the  present  state  of  the  art,  a detailed  prediction  method  is  necessary  for  any 
sensible  systems  analysis  to  be  made. 

2.2  Prediction  Method 

Several  prediction  methods  are  currently  available  for  solving  numerically  the  equations  governing  the 
flow  development  downstream  of  slot  inject  ion. Each  of  the  prediction  methods  has  advantages,  depending 
on  the  particular  equations  solved  and  the  turbulence  modeling  used.  The  method  of  Reference  17  will  be  used 
herein  because  the  predictions  are  valid  in  the  near  slot  region  (x/S  < 10)  as  well  as  far  downstream,  and 
the  turbulence  modeling  is  easy  to  modify.  In  this  method,  the  partial-differential  equations  for  the  mean 
motion  of  a two-dimensional,  compressible  turbulent  boundary  layer  with  tangential  injection  are  solved  by 
an  implicit  finite-difference  procedure.  Reynolds  stresses  are  modeled  using  conventional  algebraic  length 
scale/eddy  viscosity  concepts.  Current  restrictions  on  the  calculation  method  are:  (1)  air-to-air  injec- 

tion, (2)  constant  normal  pressure  (dp/dy  * 0 everywhere,  no  shocks),  and  (3)  thin  slot  lip  (no  extensive 
separat ion/rec irculation). 

Typical  examples  of  predicted  velocity,  concentration,  and  mixing-length  profiles  for  a slot-injection 
flow  are  shown  in  Figure  2.  The  equation  set  Includes  a concentration  equation  in  which  the  injected  air  is 
treated  as  a separate  species  in  order  to  delineate  the  mixing  region  between  the  slot  flow  and  the  external 
boundary- layer  flow.  A representative  dimension  of  the  mixing  region  is  th  ..  used  to  determine  the  algebraic 
length  scale  in  the  mixing  regions.  Details  of  the  turbulence  modeling  are  available  in  Reference  17.  This 
numerical  method  was  shown  to  give  good  predictions  of  surface  shear,  heating,  and  equilibrium  temperature 
in  References  4,  7,  17,  and  18;  however,  subsequent  comparisons  with  experimental  velocity  profiles  (Ref.  7 
and  in  the  present  lecture  series)  indicated  poor  agreement  between  predictions  and  velocity  data.  The 
turbulence  modeling  was  therefore  modified  by  the  present  authors  to  better  represent  the  physical  flow 
for  the  entire  speed  range  from  subsonic  to  hypersonic.  The  modifications  allowed  the  basic  philosophy  for 
turbulence  modeling  of  slot  flows  as  presented  in  Reference  17  to  remain  unchanged,  but  the  magnitude  and 
distribution  of  the  algebraic  length  scale  was  altered  in  Zones  I,  II,  and  III  (see  Fig.  2).  The  resulting 
predictions  of  velocity  profile  data  over  the  speed  range  were  quite  satisfactory  and  examples  will  be 
presented  in  a later  section.  Initial  comparisons  of  skin-friction  data  with  predictions  using  the  new 
turbulence  modeling  were  not  as  good  as  expected;  the  wall  shear  was  underpredicted  in  the  region  of  highest 
mixing.  Recent  experimental  evidence  presented  in  References  3 and  19  indicates  that  the  turbulence  level 
in  the  near-wall  region  increases  sharply  where  the  mixing  zone  nears  the  wall  and  then  relaxes  downstream. 

It  is  reasonable  to  assume  that  this  virulent  turbulence  would  thin  the  viscous  sublayer  and  result  in 
increases  in  local  shear  stress.  The  near-wall  turbulence  model  was  therefore  modified  to  account,  at 
least  to  first  order,  for  sublayer  thinning  (using  the  rate  of  change  of  the  "wall  concentration"  as  a 
measure  of  the  mixing  layer  influence  on  the  near-wall  flow).  This  modification  did  not  appreciably  affect 
predictions  of  velocity  profiles  but  provided  excellent  predictions  of  skin  friction  and  equilibrium  surface 
temperature  data. 

2.3  Comparison  Between  Prediction  and  Experiment 

Several  comparisons  of  predictions  using  the  method  of  Reference  17  (modified  as  previously  discussed) 
with  subsonic  experimental  data  are  shown  in  Figures  3 through  6.  Experimental  skin-friction  data  with 
tangential  slot  injection  at  Mach  0.8  (from  Ref.  3)  are  compared  with  prediction  in  Figure  3.  Predictions 
with  and  without  the  near-wall  modification  for  increased  turbulence  intensity  are  shown  for  comparison. 
Initial  profiles  at  the  slot  exit  as  well  as  pressure  gradients  are  necessary  inputs;  in  addition,  various 
turbulence  modeling  parameters  such  as  the  initial  slot  mixing- length  coefficient,  the  mixing-length  coef- 
ficient for  the  mixing  region,  the  mixing-length  coefficient  for  the  outer  portion  of  the  turbulent  boundary 
layer,  and  the  Prandtl  constant  must  be  input  (see  Ref.  for  further  explanation).  The  prediction  method, 
as  modified,  used  the  same  set  of  turbulence  modeling  parameters  over  the  entire  speed  range,  and  in  the 
nomenclature  of  Reference  17  are:  aj  - 0.14,  an,  * 0.12,  ff  - 0.1,  and  K - 0.4.  In  Figure  3,  it  is  clear 
that  the  near-wall  modification  provides  a better  prediction  of  wall  shear  stress  than  the  convent ional  pre- 
diction. Note  that  the  prediction  is  good  even  in  the  near-slot  region.  A prediction  of  equilibrium 
surface-temperature  for  Mach  0.12  flow  is  compared  with  experimental  data  from  Reference  10  in  Figure  4 
(If  t " 0.85).  The  prediction  using  the  near-wall  modification  again  agrees  well  with  experiment  over  the 
entire  slot  flow  region.  The  extent  of  the  region  near  the  slot  where  the  wall  shear  is  lowest  and  the 
surface  equilibrium  temperature  equals  the  slot  flow  temperature  is  also  well  predicted  by  the  numerical 
method  as  shown  in  Figure  5 (experimental  data  from  Refs.  20  through  24).  This  parameter  is  of  interest 
when  multiple  slot  configurations  are  under  consideration. 

Examples  of  velocity  profile  predictions  for  subsonic  flow  are  shown  in  Figure  6.  The  experimental 
data  shown  in  Figure  6 are  from  Reference  10  and  cover  a range  of  x/S  from  15  to  75.  Here,  predictions 
are  shown  using  both  the  original  turbulence  modeling  of  Reference  17  as  well  as  the  modified  modeling. 

For  low-speed  cases,  the  turbulence  modeling  modification  had  little  effect,  and  both  models  provide  a 
creditable  prediction  of  velocity  profiles;  larger  differences  will  appear  in  later  predictions  for  high- 
speed flow  experiments.  There  is  a tendency  toward  underprediction  of  the  velocity  profiles  far  downstream 
of  the  8 lot  In  Figure  6.  This  was  even  more  prevalent  in  comparisons,  not  shown  herein,  between  prediction 
from  the  present  method  and  velocity  profiles  from  Reference  25.  Since  the  present  numerical  prediction 
procedure  is  expected  to  be  most  accurate  far  downstream  of  the  slot  where  the  mixed  boundary  layer  is 
approaching  "equilibrium,"  the  underprediction  cannot  easily  be  attributed  to  a turbulence  modeling  error. 

The  more  likely  explanation  for  the  disagreement  is  the  presence  of  some  new  physics,  a possibility  being 
that  the  slot  lip  is  shedding  Karman  vortices  which  develop  downstream  and  Increase  entrainment;  thus,  the 
resulting  experimental  velocity  profiles  would  be  more  full  than  the  prediction.  Some  Justification  for 
this  explanation  is  presented  in  Reference  26  where,  for  a subsonic  mixing  flow,  it  was  shown  that  for 
uj/u^  near  one,  Karman  vortices  were  shed  from  the  splitter  plate;  however,  as  uj/u^  was  reduced  by 
reducing  the  "slot"  velocity,  the  vortices  did  not  form.  This  is  consistent  with  the  present  results  where 
some  disagreement  was  noted  for  uj/u^  ■ 0.63  (Fig.  6),  and  considerably  more  disagreement  for  the  data  of 
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Reference  25  for  which  uj/u^  * 0.83.  A much  more  sophisticated  prediction  method  than  the  present  one 
would  be  necessary  to  include  such  phenomena  as  vortex  formation  effects  on  downstream  flow  characteris- 
tics. It  appears,  however,  that  the  present  prediction  method  is  an  adequate  tool  for  providing  input  to 
systems  analyses  if  the  slot-to-f ree-st ream  velocity  ratio  is  not  too  near  one. 

2.4  Parametric  Calculations 

Because  insufficient  data  are  available,  it  is  necessary  to  use  a prediction  method  to  delineate  the 
effects  of  some  parameters  which  significantly  impact,  the  efficacy  of  slots  as  drag  reduction  devices. 

A force  balance  relative  to  slot  injection  is  shown  in  Figure  7.  In  order  for  a net  drag  reduction  to 
result  from  slot  injection,  the  skin-friction  reduction  with  slot  injection  plus  the  slot  thrust  must  be 
greater  than  the  losses  associated  with  collecting,  ducting,  and  distributing  the  slot  air  plus  slot 
base  drag. 

The  amount  of  skin-friction  reduction  with  slot  injection  can  be  calculated  using  a prediction  method. 
An  example  of  such  a calculation  (using  the  method  of  Ref.  17)  is  shown  in  Figure  8 where  skin-friction 
distributions  for  subsonic  flow  downstream  of  tangential  slot  injection  are  shown  for  several  slot-to-f ree- 
stream  velocity  ratios  (for  low-speed  flows,  the  rate  of  mixing  between  two  flows  is  controlled  to  first 
order  by  the  velocity  and  not  the  mass  flow  ratio  between  the  streams). 27  if  these  skin-friction  distribu- 
tions in  Figure  8 are  integrated  with  x/S,  the  resulting  drag  reductions  for  each  slot  velocity  ratio  are 
obtained.  Results  from  such  an  integration  for  a distance  of  60  slot  heights  downstream  are  shown  in 
Figure  9.  It  appears  that  for  this  case  an  optimum  slot-to-f ree-stream  velocity  ratio  for  maximum  drag 
reduction  lies  between  0.3  and  0.4.  There  are  other  factors  such  as  listed  on  Figure  1 which  impact  the 
amount  of  drag  reduction  obtainable  with  any  slot  configuration  (see  Fig.  1),  and  most  of  these  can  be 
accounted  for  with  the  prediction  method. 

Slot  base  drag  is  extremely  difficult  to  obtain  analytically,  and  experiment  must  provide  guidelines. 

A brief  literature  survey  of  base  drag  with  injection  resulted  in  the  experimental  information  shown  in 
Figure  10  (experimental  data  from  Refs.  3 and  28  through  31).  Here,  the  base  pressure  coefficient  with 
injection,  CpB,  ratioed  to  base  pressure  coefficient  with  no  injection,  CpB>Q,  is  shown  against  slot-to- 
free-stream  velocity  ratio.  These  meager  data  indicate  that  base  drag  decreases  sharply  with  increasing 
injection  velocity  ratio,  a favorable  effect  for  drag  reduction. 

If  the  results  from  Figures  9 and  10  are  combined,  the  result  shown  in  Figure  11  is  an  example  of  drag 
reduction  expected  from  slot  injection  including  base  drag  for  subsonic  flow.  The  insert  on  Figure  11  shows 

three  distributions  of  CpB  used  in  the  calculations  to  show  the  sensitivity  of  the  drag  budget  to  base 

drag.  Slot  thrust  and  collecting/ducting  losses  are  not  included  here.  It  is  obvious  from  Figure  11  that 
slot  base  drag  is  extremely  important  and  must  be  known  accurately  to  evaluate  slot  injection  as  a drag 
reduction  system  since  margins  for  error  are  not  large.  Additional  results  from  system  analyses  including 
slot  thrust  and  collecting/ducting  losses  will  be  presented  in  a later  applications  section. 

An  example  calculation  of  the  local  skin-friction  reduction  downstream  of  multiple  slot  injection  for 
a typical  CTOL  configuration  at  cruise  flight  conditions  is  shown  in  Figure  12  taken  from  Reference  32. 

These  predictions  were  obtained  by  modifying  the  method  of  Reference  17  to  include  multiple  slot  injection. 
The  modification  was  straightforward  and  consisted  of  using  normal  procedures  to  calculate  the  first  slot 
flow  field  downstream  to  the  prescribed  location  of  the  second  slot;  here,  the  calculated  profiles  at  the 
second  slot  location  along  with  input  profiles  for  the  slot  flow  of  the  second  slot  are  used  as  Inputs,  and 
the  calculation  then  continues  downstream  of  the  second  slot.  This  procedure  is  repeated  for  as  many  slots 
and  slot  spacings  as  desired.  The  results  shown  in  Figure  12  indicate  that  the  absolute  value  of  Cf 
decreases  from  slot  to  slot  (at  equivalent  distances)  with  each  slot  producing  lower  drag  than  the  preceding 

one.  The  favorable  drag  reduction  for  multiple  slots  must  be  weighed  against  the  cost  in  drag  for  acquiring 

slot  injection  air,  a subject  addressed  in  a later  section.  Analytical  predictions  must  provide  the  data 
necessary  to  evaluate  multiple  slot  injection  since  almost  no  experimental  data  are  available  even  to  evalu- 
ate the  prediction  method  (Ref.  3 presents  some  limited  data  for  two  slots). 

3.  SLOT  INJECTION  IN  HIGH-SPEED  FLOW 


3.1  Additional  Flow-Field  Physics 


When  the  external  flow  is  supersonic  or  hypersonic,  additional  parameters  must  be  considered  in  ana- 
lyzing slot  injection  flows.  In  particular,  the  ratio  of  slot  static  pressure  (pj)  to  free-stream  static 
pressure  (p^)  becomes  Important  Just  as  for  supersonic  nozzle  flows.  Schematic  drawings  of  an  overexpanded 
and  an  underexpanded  slot  flow  for  a supersonic  external  stream  are  shown  in  Figure  13.  The  presence  of 
shock  waves,  expansion  regions,  and  recoropression  regions  greatly  complicates  the  physical  flow  field.  The 
prediction  method  used  herein  is  uniformly  valid  only  for  pj/p  ratios  near  one,  and  it  is  in  this  region 
that  the  discussion  will  center.  Examples  of  the  effect  of  pj/p^  being  greater  than  or  less  than  one  on 
downstream  surface  shear  are  given  in  References  4 and  8. 


It  is  generally  difficult  to  obtain  th< 
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ratio  pj/p^  exactly  one.  Figure  14  (from  Ref.  7)  shows  that 
is  increased  from  the  no-injection  case,  the  wall  static  pres- 


sure at  the  slot  exit  Increases  until  the  slot  flow  becomes  sonic;  at  this  point,  the  slot  pressure  is 
slightly  less  than  the  stream  static  pressure  pw  due  to  the  expansion  of  the  free-stream  flow  over  the 
nlot  lip.  Further  Increase  of  the  slot  mass  flow’rate  first  reduces  the  near-slot  pressure  and  then 
Increases  it.  The  subsequent  Increase  in  the  near-slot  pressure  Is  caused  by  the  slot  flow  fully  expanding 
with  the  Mach  number  in  the  near-slot  region  remaining  constant.  The  discussion  in  this  section  will  be 
concerned  with  the  case  of  the  sonic  slot  correspond ing  to  the  first  peak  in  the  pressure  distribution  shown 
in  Figure  14  ("matched"  pressure  condition  of  Refs.  4 and  7).  For  this  condition,  there  are  only  weak 
shocks  In  the  flow  field  and  mild  pressure  gradients. 
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3.2  Comparison  Between  Prediction  and  Experiment 

Examples  of  predictions  of  supersonic  (Mach  3)  velocity  profiles  with  slot  injection  compared  with 
experimental  data  (from  Ref.  9,  slight  injection  angle)  are  presented  in  Figure  15.  The  predictions 
presented  in  this  section  were  calculated  using  the  modified  turbulence  modeling  with  the  method  of 
Reference  17.  The  turbulence  modeling  constants  were  the  same  as  for  low-speed  flow  cases  already  dis- 
cussed. The  agreement  between  prediction  and  data  in  Figure  15  is  reasonably  good  with  some  deviation 
obvious  near  the  slot;  this  deviation  probably  results  from  the  slight  injection  angle  (15°  to  mainstream 
flow)  which  was  not  accounted  for  in  the  prediction  method.  Agreement  far  downstream  of  the  slot  would 
be  expected  for  this  supersonic  flow  since  Karman  vortices  are  not  present. 

Experimental  sk in-friet ion  measurements  downstream  of  tangential  slot  injection  at  Mach  6 are  com- 
pared with  the  prediction  method  in  Figure  16.  The  prediction  using  the  near-wall  turbulence  model  modi- 
fication to  account  for  sublayer  thinning  caused  by  high  local  turbulence  (same  modification  as  for  low- 
speed  flow  as  discussed  earlier)  agrees  much  better  with  the  experimental  data  than  the  prediction  using 
conventional  near-wall  modeling.  It  thus  appears  that  this  near-wall  modeling  modification  is  a necessary 
ingredient  for  predicting  skin-friction  drag  downstream  of  slot  injection  for  high-speed  flows  as  well  as 
for  low-speed  flows.  Corresponding  comparisons  of  predictions  and  experiment  for  the  equilibrium  wall 
temperature  (Pr  t * 0.85)  for  the  same  flow  as  in  Figure  16  are  shown  in  Figure  17.  The  agreement  is 
again  good  except  in  the  near-slot  region  where  heat  conduction  into  the  slot  injection  manifold  reduces 
TEq  slightly . ^ 

Velocity  profiles  obtained  for  the  same  conditions  as  the  data  on  Figures  16  and  17  are  presented  in 
Figure  18  and  clearly  show  the  necessity  for  the  modified  turbulence  modeling  used  herein  with  the  method 
of  Reference  17.  The  modified  modeling  provides  a vastly  improved  prediction  of  the  velocity  profiles 
downstream  of  the  slot.  Both  the  modified  and  original  turbulence  models  will  obviously  give  the  same 
prediction  far  downstream  of  the  slot. 

The  consistently  good  agreement  between  experimental  surface  and  flow-field  data  and  the  modified 
prediction  method  of  Reference  17  for  both  low-  and  high-speed  flows  provides  an  acceptable  confidence 
level  for  using  analytical  data  in  systems  evaluation  of  slot  injection  flows  for  drag  reduction  on 
practical  aircraft.  This  approach  is  necessary  since  available  experimental  information  on  the  drag 
reduction  aspects  of  slot  injection  is  scarce. 

4.  AIRCRAFT  APPLICATIONS 

Tangential  slot  injection  is  one  of  the  few  approaches  which  consistently  reduces  turbulent  skin- 
friction  drag.  The  araounr  of  drag  reduction  is  predictable  and  significant.  As  pointed  out  in  Figure  7, 
the  slot  skin-friction  drag  reduction  plus  the  thrust  generated  by  the  injected  flow  are  the  positive 
aspects  of  slot  injection;  on  the  negative  side  are  base  drag  penalties  (discussed  earlier)  and  losses 
associated  with  collecting  and  distributing  slot  air.  Of  these,  the  cost  of  collecting  slot  air  is  the 
most  severe  penalty  and  has,  in  fact,  been  the  main  reason  that  slot  injection  is  not  now  considered  an 
attractive  drag  reduction  system. 

For  applying  slot  injection  to  convent ional  transport  aircraft  there  are  several  possible  sources  for 
the  slot  air  which  include:  (1)  accepting  full  ram  drag  penalty  charged  to  the  slot  injection  system  for 
taking  on  outboard  air,  (2)  air  bleed  from  conventional  engines,  (3)  laminar  flow  control  suction  air, 

(4)  air  from  base  suction  on  a truncated  fuselage,  and  (5)  fuselage  boundary-layer  air  ingested  into  an 
engine.  Each  of  these  proposed  air  sources  will  be  duscussed  in  light  of  their  potential  for  providing 
a total  aircraft  drag  reduction.  It  should  be  pointed  out  here  that  to  date  no  comprehensive  systems 
analysis  of  slot  injection  as  a drag  reduction  system  for  any  aircraft  has  been  attempted.  In  Refer- 
ences 33  and  34,  cursory  analyses  were  made  but  were  general  and  did  not  address  system  optimization. 

The  simplest  analysis  will  show  that  if  the  slot  injection  system  must  use  slot  air  obtained  by 
decelerating  free-stream  air  (accepting  total  ram  drag  penalty)  then  a total  aircraft  drag  Increase  will 
result.  The  key  problem  is  then  to  find  a source  of  slot  air  for  which  the  drag  penalties  are  signifi- 
cantly less  than  the  ram  drag  penalty.  Using  air  bleed  from  conventional  engines  to  supply  slot  air  is 
unattractive  from  a propulsion  efficiency  standpoint  and  is  not  further  pursued. 

4.1  Laminar  Flow  Control  Suction  Air 

Suction  air  resulting  from  LFC  suction  surfaces  proposed  for  the  wings  of  future  conventional  aircraft 
represents  a source  of  slot  air  for  which  drag  penalties  may  be  relatively  low.  This  air  must  be  pumped 
through  the  propulsion  system  or  dumped  overboard  at  some  penalty  to  the  LFC  system  and  may  possibly  be 
used  to  better  advantage  through  slot  injection  along  the  fuselage.  Both  References  33  and  34  addressed 
this  possibility  but  with  nonopilmlzed  systems.  As  indicated  in  Figure  19  from  Reference  34,  slot  injection 
of  LFC  air  on  the  forward  portion  of  the  fuselage  resulted  in  a net  increase  of  1.2Z  in  total  fuel  consump- 
tion. This  slot  was  added  as  an  afterthought  in  this  study,  and  large  penalties  were  charged  to  ducting 
air  from  the  wing  to  the  slot.  If  the  slot  had  been  placed  in  the  immediate  vicinity  of  the  LFC  wing,  thus 
eliminating  much  of  the  ducting  penalty,  the  results  would  probably  have  been  more  favorable.  The  brief 
analysis  of  Reference  33,  in  fact,  indicates  a favorable  effect  of  the  suction/slot  injection  combination. 

Recent  analyses  conducted  by  E.  fi&xer  of  NASA  Langley  Research  Center  suggest  that  a 2-32  reduction 
in  overall  aircraft  drag  may  be  possible  by  Injecting  LFC  air  through  a single  fuselage  slot  at  a velocity 
much  less  than  that  of  the  free  stream  rather  than  accelerating  and  discharging  the  LFC  air  at  free-stream 
velocities.  Although  these  analyses  did  not  consider  the  additional  airplane  weight  or  length  to  provide 
ducting  and  machinery  for  pumping  the  LFC  air  to  the  slot  exit  pressure,  they  do  Indicate  that  a gain  In 
total  drag  reduction  may  be  possible  depending  on  the  specific  dyglgn  of  an  airplane  using  LFC  and  slot 
Injection. 
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A. 2 Base  Suction  Air 

The  scheme  of  using  base  auction  on  a truncated  base  of  a conventional  aircraft  (Fig.  20)  to  provide 
slot  air  has  not  been  critically  analyzed.  The  suggestion  Is  that  sucking  on  a truncated  base  will  keep 
the  base  flow  attached  and  thus  reduce  base  drag.  In  addition,  the  structural  weight  of  the  relatively 
long  boattail  found  on  most  conventional  aircraft  will  be  eliminated.  On  the  negative  side,  large  penal- 
ties will  be  incurred  because  of  the  necessary  pumping  and  relative  long  ducting  associated  with  this 
system.  There  is  no  systems  analysis  of  such  systems  as  yet. 

A. 3 Fuselage  Boundary-Layer  Air 

Antonio  Ferri  suggested  a scheme^  by  which  fuselage  boundary-layer  air  (of  lower  momentum  than  free- 
stream  air)  is  ingested  into  a turb 1 ne/compressor  arrangement  located  peripherally  around  the  fuselage. 

Figure  21.  The  turbine  processes  the  slot  air,  and  the  compressor  by  using  the  turbine  power  accelerates 
a portion  of  the  boundary- layer  air  and  thus  energizes  the  aircraft  wake.  Results  from  this  analysis 
indicated  that  after  considering  the  ram  drag  penalties  and  ducting  losses,  only  a marginal  total  drag 
reduction  was  available.  Since  slot  base  drag  was  not  included  in  this  analysis,  even  this  small  drag 
reduction  would  probably  evaporate. 

The  surface  has  probably  not  been  scratched  as  far  as  the  application  of  clever  schemes  to  reduce  ram 
drag  for  slot  air.  These  few  examples  cited  herein  are  only  those  for  which  some  cursory  investigation 
and  evaluation  has  been  done.  Clearly,  further  research  is  needed  before  definitive  decisions  can  be  made 
as  to  the  applicability  of  slot  injection  system  for  reducing  aircraft  drag. 

5.  POSSIBILITIES  FOR  IMPROVING  SLOT  EFFECTIVENESS 

There  are  numerous  modifications  to  the  slot  injection  configuration  discussed  herein  which  may 
improve  the  net  viscous  drag  reduction  possible  with  such  systems.  To  reduce  the  base  drag  penalty  of 
the  slot,  a device  to  increase  mixing  in  the  vicinity  of  the  slot  is  necessary.  However,  to  improve  the 
length  of  the  low  drag  region  downstream  of  the  slot,  it  is  necessary  to  retard  mixing  between  the  slot 
flow  and  the  external  boundary-layer  flow.  These  two  approaches  are  obviously  in  opposition  to  each  other. 

Very  little  has  been  done  experimentally  to  investigate  ways  of  increasing  slot  efficiency  for  drag 
reduction  with  the  exception  of  studies  of  effects  of  slot  geometry  mod  if icat ions . ^5  Examples  of  ways  that 
slot  base  drag  can  be  reduced  are  by  serrating  the  slot  lip^b  or  by  rotating  the  trailing  edge  of  the  slot 
lip.  Besides  decreasing  base  drag,  these  would  obviously  increase  downstream  mixing  and  degrade  the  vis- 
cous drag  reduction.  There  are  many  suggestions  from  the  literature  as  to  how  to  retard  mixing  downstream 
of  the  slot  lip  and  thus  increase  the  region  of  lower  skin-friction  drag.  Some  slot  geometry  parameters 
are  important  such  as  small  injection  angles  and  thin  slot  lips.  The  introduction  of  narrow-band,  relatively 
high-frequency  sound  will  retard  mixing  of  jet  flows37  and  may  well  prove  useful  for  slot  flows.  Tailoring 
the  slot  velocity  profile  by  screens  or  other  devices  or  keeping  the  slot  profile  laminar  (low  turbulence 
levels)  can  reduce  both  the  near-slot  shear  stress  and  retard  downstream  mixing.  Externally  applied  factors 
such  as  adverse  pressure  gradients  and  thickening  the  external  boundary  layer  can  also  lower  surface  shear 
downstream  of  the  slot.  Using  multiple  slots  has  been  suggested  as  a method  of  increasing  the  efficiency 
of  each  succeeding  slot.  As  shown  analytically  in  Figure  12  for  subsonic  flow,  each  slot  produces  lower 
drag  than  the  preceding  one.  A similar  effect  for  hypersonic  flow  is  indicated  by  the  experimental  data 
shown  in  Figure  22  for  the  flush  slot  configuration  of  Reference  38.  If  unlimited  slot  injection  air  were 
available  at  low  drag  penalty,  multiple  slots  would  obviously  promise  substantial  drag  reduction;  however, 
the  penalties  for  acquiring  slot  air  are  (as  previously  discussed)  severe  and  will  probably  be  prohibitive 
if  large  amounts  of  injection  air  are  required.  The  analytical  results  from  Figure  12  were  Integrated  so 
that  the  skin-friction  drag  reduction  as  a function  of  the  number  of  slots  (N)  could  be  determined.  The 
results  are  shown  in  Figure  23.  Since  the  drag  reduction  increment  decreases  for  Increasing  numbers  of 
8 lots , each  downstream  slot  is  actually  providing  less  drag  reduction  per  unit  air  injection  than  the  pre- 
ceding slot.  With  injection  air  at  a premium,  this  is  undesirable  and  suggests  single  slots  spaced  far 
apart  are  more  efficient  drag  reducers.  This  discussion  assumed  that  the  Injection  rates  from  all  slots 
were  identical;  tailoring  the  slot  injection  rates  may  improve  multiple  slot  drag  reducing  efficiency  on 
an  injection  mass  flow  basis. 

6.  CONCLUDING  REMARKS 

In  sunmary,  slot  injection  can  consistently  provide  large  local  skin-friction  reductions  which  are 
predictable  with  present-day  numerical  technology.  Only  crude  systems  studies  have  as  yet  been  accomplished, 
and  detailed,  definitive,  and  innovative  studies  are  required  before  the  verdict  as  to  the  efficacy  of  slot 
Injection  systems  to  reduce  aerodynamic  drag  can  be  determined.  In  addition,  much  experimental  research  is 
needed  to  determine  methods  to  reduce  slot  base  drag,  decrease  downstream  mixing,  and  reduce  collection  and 
ducting  losses  for  slot  air  on  conventional  aircraft. 
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Figure  1.  Flow-field  characteristics  of  slot 
injection  into  low-speed  flows. 


Figure  4.  Comparison  of  prediction  method  with 
data.  Low-speed  effectiveness. 


Figure  2.  Schematic  sketch  of  velocity,  concen- 
tration, and  mixing-length  profiles  for  hypo- 
thetical slot-injection  flow.  See  Reference  17 
for  nomenclature. 


Figure  3.  Comparison  of  prediction  method  with 
data.  Subconlc  akin  friction. 


Figure  5.  Extent  of  initial  low  skin-f riction 
region  downstream  of  slot  injection  in  low- 
speed  flow. 


Figure  6.  Comparison  of  prediction  method  with 
data.  Low-speed  velocity  profiles. 


LOSSES  ASSOCIATED  WITH 
COLLECTING' DUCTING/ DISTRIBUTING 

SLOT  AIR  $K)N  FR|CT|0N 

. SLOT  FLOW  MOMENTUM  °°« 

(THRUST) 


FOR  NET  DRAG  REDUCTION, 


SKIN  FRICTION  REDUCTION 
WITH  SLOT  INJECTION 


SLOT 

THRUST 


LOSSES  ASSOCIATED 
> WITH  COLLECTING/ 
DUCTING' DISTRIBUTING 
SLOT  AIR 


SLOT 

BASE 

DRAG 


Figure  7. 


Force  balance  associated  with  slot 
injection. 
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Figure  8.  Predicted  effect  of  slot  velocity  ratio 
on  local  skin  friction  at  subsonic  velocities. 


Figure  9.  Influence  of  slot  velocity  on  Integrated 
skin-friction  drag  downstream  of  slot. 


Figure  10.  Effect  of  injection  on  base  pressure. 


SLOT  THRUST  AND  LOSSES  FOR  COILECTING/OUCTING/DISTRIBUTING  SLOT  AIR  ARE 


Figure  12.  Example  of  multiple  slot  calculations 
for  Mach  0.82  with  u./u  • 0.34  for  all  slots. 
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DUE  TO  VISCOUS-INVISIO  ROW  INTERACTION.  ADDITIONAL  PARAMETER 


Figure  13.  Slot  injection  into  high-speed  flow. 


Figure  11.  Integrated  viscous  drag  reduction  with 
slot  injection  including  effects  of  base  drag. 


Figure  14.  Effect  of  slot  mass  flow  rate  on  sur- 
face static  pressure  near  slot  for  supersonic 
flows. 
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Figure  18.  Comparison  of  calculated  results  with 
high-speed  data.  Part  4 - Velocity  profiles  at 
Mach  6. 


Figure  15.  Comparison  of  calculated  results  with 
high-speed  data.  Part  1 - Velocity  profiles 
at  Mach  3 (Peterson's  data). 


Figure  16.  Comparison  of  calculated  results  with 
high-speed  data.  Part  2 - Skin  friction  at 
Mach  6. 


SURFACES  ON  WING 
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LFC  SUCTION 


FOR  PARTICULAR  CONFIGURATION.  SLOT  INJECTION  REDUCED  LFC  ENGINE 
FUEL  CONSUMPTION  BY  28  V HOWEVER.  AS  A RESULT  Of  THE  VOLUME 
REQUIRED  FOR  FUSELAGE  LFC  ENGINES  AND  COMPRESSORS.  DUCTING. 
AND  BELLY  CARGO.  THE  FUSELAGE  HAD  TO  8£  INCREASED  IN  LENGTH  BY 
1 82  m WHICH  RESULTED  IN  AN  INCREASE  IN  PRIMARY  ENGINE  FUEL 
CONSUMPTION  Of  3 %.  THE  NET  EFFECT  WAS  A 1.2  % INCREASE  IN 
TOTAL  FUEL  CONSUMPTION. 


Figure  19.  Lockheed  evaluation  of  slot  injection 
for  conventional  transport  aircraft  using  LFC 
suction  air. 
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Figure  17.  Comparison  >>f  calculated  results  with 
high-speed  data.  Part  3 - Effectiveness  at 
Mach  6. 


Figure  20.  Slot  injection  with  base  suction  on  a 
truncated  fuselage. 


• OUTER  BOUNDARY  LAVER  AIR  ORIVES  TURBINE.  IS  DECELERATED 
AND  DUCTEO  TO  SLOT  FOR  INJECTION 


• INNER  BOUNDARY  LAYER  AIR  IS  COMPRESSED.  MIXED  WITH  FUEL 
ANO  BURNED  PROVIDING  SOME  INCREMENTAL  THRUST  DUE  TO 
LOW  INLET  VELOCITY.  THE  PROPULSION  EFFICIENCY  Of 
COMPRESSOR  IS  INCREASED 

Figure  21.  Slot  injection  combined  with  boundary- 
layer  air  ingestion.  Ferrl  concept. 
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Figure  22.  Effect  of  multiple  slot  injection  on 
skin  friction.  M^-6.0,  x/S-47,  flush  slots. 


Figure  23.  Skin-friction  drag  reduction  as  a 
function  of  number  of  slots  — from  Integration 
of  results  shown  in  Figure  12. 
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1 . NOMENCLATURE 


A 

a 

AR 

B 

B 

b 


c 


D 

Dl 

G 

G, 

H 

h 

K 

k 

L 


m 

N 


n 

P 

P 

q 

R 

R 

i 

r 

S 

s 

t 


u 

V 

w 


X 


y 

/ 


cross-sectional  area 

aspect  ratio,  s/w  ; depth  of  groove  in  ribbed  diffuser 
A- 

area  ratio,  /A, 

blockage  factor,  1 - v/v 

proportion  of  mainstream  remove'j|^  suction 

height  of  vortex  generator;  width  of  groove  in  ribbed  diffuser 
coefficient  of  static  pressure  recovery  P;*  ' P| 


p - p 
r i 


maximum  value  of  Cp  obtainable  in  a given  length 
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2.  INTRODUCTION  ' """  ~ ~ ' 

Diffusers  have  probably  been  used  since  early  Roman  times  when  they  would  almost  certainly 
have  featured  in  the  complex  network  of  drainage  systems  and  domestic  plumbing.  In  more  recent 
times,  due  to  the  advent  of  the  aeroplane,  a significant  amount  of  effort  has  gone  into  diffuser 
research  in  order  to  make  them  an  efficient  means  of  converting  kinetic  energy  into  static  pressure. 

In  spite  of  this  the  diffuser  that  is  completely  satisfactory  in  performance,  size,  and  simplicity 
of  construction  has  so  far  eluded  us. 

The  physical  nature  of  the  problem  is  simple.  Consider  the  diffuser  as  a divergent  duct,  the 
angle  of  divergence  must  be  kept  small  otherwise  the  flow  will  separate  from  its  controlling  boundary 
and  efficient  diffusion  will  cease.  Equally  if  the  angle  of  divergence  is  too  small,  then 
considerable  skin  friction  losses  occur  which  will  detract  from  the  overall  performance. 

The  art  of  diffuser  design  is  clearly  to  make  the  best  compromise  between  the  two  sources  of 
loss.  This  point  is  exemplified  in  figure  1. 

The  optimum  diffuser  is  often  too  long  to  fit  within  realistic  constraints.  This  is  partic- 
ularly so  in  Aeronautical  Engineering  where  bulk  and  weight  carry  severe  penalties  in  terms  of  range 
and  payload.  For  these  reasons  the  designer  has  been  constrained  to  use  divergence  angles  signifi- 
cantly greater  than  the  optimum,  which  has  added  to  the  difficulties  of  the  Development  Engineers. 
Situations  have  arisen  when  an  inefficient  engine  intake  diffuser  has  not  only  impaired  engine 
performance,  but  has  also  reduced  engine  life  because  of  the  inlet  flow  distortion  and  instability 
which  it  produces  (see  ref.l). 

Further  penalties  also  arise  from  the  malfunctioning  of  the  pre-combustor  diffuser  inside  Gas- 
Turbine  Engines. 

Several  remedial  devices  have  been  investigated  with  varying  measures  of  success,  and  it  is  the 
aim  of  this  paper  to  review  these  devices  and  to  present  a guide  as  to  their  usage.  A further 
objective  is  to  review  recent  research  programs  directed  at  producing  short  but  efficient  diffusers. 

Diffuser  improvement  will  be  considered  in  a later  section  of  the  paper.  The  following  section, 
on  simple  diffusers,  is  intended  to  highlight  their  short-comings  in  order  that  the  mechanisms  for 
improvement  can  be  more  readily  appreciated. 


2.1  Simple  Diffusers 


In  essence  these  exploit  natural  turbulent  mixing  to  overcome  deficiencies  in  boundary  flow 
which  are  caused  both  by  skin  friction  and  an  opposing  pressure  gradient.  The  rate  of  diffusion  is 

controlled  by  the  rate  of  mixing,  which  is  unfortunately  low.  In  order  to  simplify  manufacture, 
such  diffusers  usually  have  straight  walls  when  viewed  in  the  plane  of  divergence.  Performance  of 
such  ducts  is  reasonably  well  documented  and  a comprehensive  review  is  summarised  in  the  design 
curves  made  available  by  the  Engineering  Sciences  Data  Unit  (ref.  2 to  5). 

The  design  curves  are  presented  in  a typical  fashion,  using  a "log,  log  carpet  plateau"  of  Area 
ratio  versus  non-dimensi onal i sed  diffuser  length,  with  curves  of  constant  divergence  angle  traced 
across  it.  Diffuser  performance  is  depicted  as  curves  of  constant  static  pressure  coefficient,  Cp. 
These  curves  are  largely  derived  from  experimental  data  together  with  some  areas  of  inspired 
speculation. 

A typical  characteristic,  taken  from  ref. 5,  is  given  as  fig. 2 which  relates  to  conical  diffusers 
with  fully  developed  flow  at  their  inlet. 

The  most  common  design  problem  is  to  choose  the  area  ratio  that  will  achieve  the  maximum 
pressure  recovery  within  the  confines  of  a given  length.  This  may  be  solved  directly  by  using  the 
curve  denoted  by  Cp*.  It  is  of  interest  to  note  that  this  curve  cuts  across  the  curves  of  constant 
divergence  angle  in  such  a way  that  diffusers  of  small  area  ratio  will  have  a much  greater  optimum 
divergence  angle  than  those  of  larger  area  ratio.  The  significance  of  this  phenomenon  will  be 
discussed  at  a later  stage. 

A key  fact  apparent  from  ref. 5,  is  that  more  data  is  still  required  to  cover  the  wide  range  of 
variations  in  annular  diffusers.  They  can  be  sub-divided  into  five  types  depending  on  the  relative 
wall  angles  (see  figure  3).  Although  the  need  for  this  design  data  is  immediate,  to  obtain  it  by 
experimental  means  would  take  many  years,  and  purely  analytical  techniques  are  still  in  their  infancy. 
In  order  to  meet  present  day  requirements  attempts  are  made  to  apply  the  data  already  available  from 
conical  diffuser  research,  to  the  case  of  annular  diffusers.  A popular  method  is  to  assume  that  the 

annular  diffuser  will  have  the  same  performance  as  an  equivalent  conical  diffuser  having  identical 
areas  at  inlet  and  exit  and  which  differs  over  the  same  length.  Another  method  is  to  design  the 
annular  diffuser  to  have  the  same  non-di mens ionali sed  pressure  gradients  as  would  be  experienced  in 
an  optimised  conical  diffuser,  as  discussed  in  the  next  section. 
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2.2  A Prediction  Technique  For  Determining  The  Area  Ratio  That  Will  Produce  The  Optimum 
Value  of  Cp  For  A Given  Length  Of  Annular  Diffuser,  (taken  from  Ref. 6). 


Argjnent  1 By  using  the  Bernoulli  equation  and  the  equation  for  conservation  of  mass  flow  we 
can  derive  an  expression  for  the  ideal  coefficient  of  static  pressure  rise,  viz: 

CP,  - [ 1 - — | ....  0) 

This  relationship  is  plotted  in  figure  4,  the  most  striking  feature  of  which  is  the 
proportion  of  pressure  recovery  that  is  achieved  at  the  small  values  of  area  ratio 
near  diffuser  inlet.  In  reality  this  is  even  more  pronounced  because  performance 
further  down  the  diffuser  is  marred  either  by  the  rapid  growth  of  boundary  layer  or 
by  flow  separation.  Thus  we  can  reasonably  conclude  that  the  overall  performance 
of  the  diffuser  is  closely  linked  to  the  performance  near  its  inlet  where  the 
pressure  gradient  is  at  its  steepest. 


Argument  2 Consider  two  diffusers,  A and  B,  geometrically  similar,  but  of  a significantly 

different  scale.  Suppose  they  are  both  subjected  to  the  same  conditions  at  inlet, 
namely  dynamic  pressure,  Reynolds  and  Mach  numbers,  then  experience  dictates  that 
the  static  pressure  coefficient  will  be  identical  in  both  cases.  The  smaller  of 
the  two  diffusers  will  therefore  have  experienced  a higher  static  pressure  gradient 
than  the  larger  one  by  a factor  equal  to  the  inverse  of  the  scale,  thus 


lA  d(CpA)  m Lp  d(CpB)  ....  (2) 

dLA  ’ dLB 

Argument  3 For  the  case  of  annular  diffusers  we  will  adopt  the  use  of  the  equivalent  hydraulic 
diameter  at  diffuser  inlet,  Dh i as  the  characteristic  dimension  to  be  used  in 
equation  2.  This  conforms  to  standard  practice  and  is  convenient  since  it  reduces 
to  the  inlet  diameter  of  a conical  diffuser  when  the  central  core  of  the  annulus 
is  removed. 

Defining  the  equivalent  hydraulic  diameter  as  four  times  the  flow  cross  sectional 
area  divided  by  the  wetted  perimeter  we  have 

Dh,  = Di  - d,  ....  (3) 


These  arguments  may  now  be  applied  to  the  generalised  annular  diffuser  shown  below: 
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The  area  ratio  for  this  diffuser  is 


D,2  - <li‘ 


(Pi  ■»  2L.tan  ) - (di  + 21.  tan 


D,"  - d,’ 


4L.  (Di  tan  <>>0  - di  tan  <{>, ) ■»  4Lz(tan3  4>o  - tan2 
D.  (D,  + d,) 


...  (4) 


differentiating  (4)  with  respect  to  L and  then  evaluating  at  L = 0 gives 

_ 4,  (Dt  tan  ~ dt  tan  if;  ) 

L=0  Dh  (Di  + di) 

Expressing  this  in  the  form  of  equation  (2)  and  writing  the  inlet  hub  to  tip  ratio, 
d ly,D j as  r gives 


* 4 . (tan  (flu  - r tan 


....  (5) 


Differentiating  equation  (1)  gives 

^ (6) 

d(AR)  (AR)3 

It  is  obvious  from  equation  (4)  that  AR  = 1 as  L tends  to  zero,  hence  (6)  may  be  evaluated 
at  diffuser  inlet  as 


d(Cp) 

d(Afi) 

L -I  L=0 


The  required  non  dimensional  pressure  gradient,  6,  can  now  be  determined  where 


d(Cp)l  d(Cp)  d( AR) 

at  * D.  ...  dL 

J L=0  h J_d(AR)  J |_.Q  L J L=0 


giving  G 


8 (tan  4m  - r tan  ifc 


Note  Equation  (8)  is  applicable  to  all  annular  diffusers  since  4>o  and  41;  can  be  either  positive, 
negative,  or  zero. 

The  next  step  is  to  adapt  equation  (8)  to  conical  diffusers  by  setting  r « 0,  then 


G s 8 tan 


....  (9) 


Values  of  4>o  were  then  taken  from  the  Cp*  line  of  figure  2 and  are  given  in  table  1 together 
with  the  corresponding  values  of  AR  and  G.  This  information  was  used  to  plot  the  curve  in 
figure  5 using  the  'crossed'  points  and  an  empirical  equation  was  developed  to  fit  the  curve,  viz: 


* [(AR) 


l.2«  , -«.* 


Points  from  this  equation  were  then  plotted  as  circles  on  figure  5 in  order  to  give  a measure  of 
its  accuracy.  This  appears  to  be  well  within  usual  experimental  tolerances. 

Assuming  that  fully  developed  flow  at  the  inlet  to  conical  diffusers  will  have  similar  character- 
istics to  fully  developed  flow  in  an  annulus  we  can  now  combine  equations  (8)  and  (10)  to  give: 


QaR)  1 * 26  . i|’0'=  8<tan  - r tan  4;  ) 


(11) 


1 + r 


rearranging  gives 
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J 1 + r 

"l  r 

i 0.7937 

l_8.(tan  <t>0  - r tan  4^ ) 

♦ 1 
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(12) 
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For  most  practical  problems  equation  (12)  must  be  solved  simultaneously  with  equation  (4). 
Special  cases  of  equation  (12)  are  as  follows: 

(i)  $q  * - . both  walls  equally  divergent, 

0.7937 


then  AR 


opt 


(OS7T 


+ 1 


(13) 


Evidence  presented  in  reference  6 supports  this  equation  by  showing  that  this  type  of  diffuser  is 
insensitive  to  the  hub  tip  ratio  at  inlet 


(ii)  p o = 0,  outer  wall  parallel  ( 4j  negative) 

1 IS..  )2  t i 1 °- 

laTr^  > J 
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opt 
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This  equation  is  useful  for  designing  turbine  exhaust  diffusers. 

-i 


In  this  case  AR  = 


1 


and 


K 


tan 


1 + r 


y,  -1  26 

(1  - r2)  * - 1 

(Caution:  values  of  <)>  greater  than  15°  are  not  recommended) 

= 0,  inner  wall  parallel 
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(iv) 
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opt 
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tan  <(>« 


+ 0.7937 


1 - r* 

(15) 

(16) 


r * 0,  leading  edge  of  the  centre  body  coincides  with  the  beginning  of  divergence  on 
the  outer  wall 
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This  equation  is  identical  to  (13)  and  suggests  that  performance  will  be  the  same  as  for  a simple 
conical  diffuser.  This  fact  is  confirmed  by  data  presented  in  ref. 5. 

(v)  r tends  to  unity,  this  may  be  considered  as  a 2-dimensional  diffuser  of  infinite 
aspect  ratio.  By  assuming  a symmetrical  diffuser  when  4>0  = - <(>i  then  equation 
(12)  modifies  to: 


AR 


opt 


r , "l  0.7937 
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It  is  again  the  same  relationship  as  for  a conical  diffuser  equation  (13)  but  experience  tells  us 
that  the  optimum  angle  should  be  approximately  twice  that  of  the  cone.  This  is  the  first  major 
difference  between  the  design  technique  and  experimental  data.  The  physical  explanation  is  likely 
to  be  that  a fundamental  difference  exists  between  2-dimensional  and  3-dimensional  flow. 

The  only  way  to  substantiate  this  hypothesis,  and  therefore  vindicate  what  promised  to  be  an  important 
advance  in  diffuser  design  was  to  establish  a relationship  between  G and  area  ratio  for  2-dimensional 
diffusers.  Fortunately  this  has  been  accomplished  by  using  data  taken  from  reference  4,  which  was 
collated  from  tests  on  diffusers  of  large  aspect  ratio.  The  new  correlation  is 


G « [o.9  + (1  - B*)'  ,60°  ] (AR)-"1 
where  m « £l.7  + (21.36B)  ’ ] 


(17) 

(17a) 


This  is  significantly  different  to  equation  (10)  and  supports  the  hypothesis. 
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The  new  equation  is  more  complex  and  includes  a blockage  factor,  B,  to  account  for  the  effect 

of  boundary  layer  thickness  at  diffuser  inlet,  where  B = 1 - - . (A  more  detailed  explanation 

''max 


of  this  term  is  given  in  reference  8). 


Figure  6 shows  data  calculated  from  (17)  and  compares  it  with  curves  compiled  from  empirical 
data  taken  from  reference  4. 

A satisfactory  degree  of  correlation  is  clearly  evident  but  it  is  unlikely  to  hold  for  values 
of  B much  greater  than  0.08  as  will  be  argued  in  a later  section.  (Another  limitation  will  be 
the  effect  of  aspect  ratio,  a = S/w  for  values  of  less  than  5.  This  feature  is  discussed  in 


appendix  la.  From  this  appendix,  we  see  that  for  diffusers  of  large  aspect  ratio 


G = 8 tan  <j> 

which  when  combined  with  (17)  gives  a direct  relationship  with  $ 

4>  = tan‘‘  /o.  1 25  fo.9  + (1  - B ’ j - » 6 0 °J 

when  m is  obtained  from  equation  (17a).  ' 


(18) 

(19) 


In  order  to  ascertain  the  dependabi 1 i ty  of  (19)  it  was  used  to  calculate  values  of  $ t for  two 

different  values  of  blockage  factor,  namely  0.05  and  0.08,  over  a range  of  area  ratios.  These  points 
are  plotted  alongside  curves  taken  from  reference  4 and  are  presented  as  figure  7.  The  points 
calculated  for  using  the  larger  blockage  factor  0.08  follow  the  Cp*  curve  remarkably  closely  whereas 
those  using  a blockage  of  0.05  veer  towards  comparatively  smaller  angles  of  divergence  as  the  area 
ratio  is  reduced  below  2.0:1. 

To  study  this  phenomenon  more  closely,  equation  (17)  was  used  to  produce  the  curves  of  constant 
blockage  factor  shown  in  figure  8.  Remembering  that  G is  directly  related  to  divergence  angle,  as 
stated  in  equation  (18)  we  can  draw  the  following  important  conclusions: 

(i)  The  optimum  divergence  angle  for  diffusers  having  an  area  ratio  near  2:1  is  sensibly 
independent  of  inlet  blockage. 

(ii)  Diffusers  of  area  ratio  greater  than  2:1  are  moderately  sensitive  to  inlet  blockage.  Flow 
with  a high  degree  of  blockage  will  produce  optimum  pressure  recovery  in  a diffuser  having 
a small  divergence  angle. 

(fii)  Diffusers  of  small  area  ratio,  typically  aircraft  intake  diffusers,  will  be  much  more 

sensitive  to  inlet  blockage  factors.  In  this  case,  however,  as  inlet  blockage  increases 
so  the  angle  of  divergence  can  be  increased.  This  is  fortuitous  because  a diffuser  designed 
for  the  low  blockage  factor  normally  expected  for  an  aircraft  in  level  flight  should  not 
become  too  unstable  when  the  blockage  is  increased  due  to  changes  in  flight  attitude.  This 
statement  will  only  apply  so  long  as  upstream  influences  do  not  in  themselves  promote  flow 
separation  at  inlet. 

Having  established  a method  for  obtaining  the  optimum  divergence  angle  when  inlet  blockage  is 
predictable  we  can  now  use  published  data  to  estimate  its  effect  on  diffuser  performance.  References 
7 and  8 present  useful  design  guides  and  Bibliography  documents  1 to  6 provided  useful  background 
information.  The  overwhelming  concensus  of  opinion  indicates  that  pressure  recovery  will  diminish 
as  the  degree  of  inlet  distortion  is  increased.  The  reason  for  this  will  be  discussed  in  a later 
section. 

So  far,  the  data  discussed  has  related  to  incompressible  flow  and  could  therefore  be  misleading 
when  used  for  applications  such  as  intakes,  where  high  subsonic  Mach  numbers  are  encountered. 


2.3  The  Effect  Of  Compressibility  (Subsonic  Flow). 

A survey  of  the  literature  has  shown  that  conflict  exists  as  to  the  effect  of  compressibility,  r< 

even  when  great  care  has  been  taken  to  produce  reliable  results.  Numerous  researchers  have 

discovered  a sudden  reduction  in  diffuser  performance  as  the  inlet  Mach  number  exceeds  0.8.  An 
example  of  this,  taken  from  reference  9,  is  given  as  figure  9.  This  shows  a similar  effect  to  occur 
over  a range  of  area  ratios  from  2 to  10  and  for  cone  angles  (2  g> ) from  5°  to  20°. 

Diffusers  which  apparently  avoided  this  ’choking  effect’  are  reported  in  reference  (10)  which  is 

the  source  of  figures  (10)  and  (11).  The  first  figure  shows  an  actual  increase  in  performance  of  a 

2-dimensional  diffuser  as  the  Mach  number  is  increased  to  unity.  This  may  well  have  been  the  result  ^ 

of  advanced  design  but  at  least  part  of  this  improvement  is  due  to  the aperimental  technique  as  can  be 

explained  using  figure  (11).  This  shows  a substantial  drop  in  pressure  at  a short  distance  from  the 

beginning  of  divergence,  which  was  described  as  an  Aerodynamic  Throat.  The  pressure  rise  achieved 

by  the  diffuser  was  judged  from  this  datum  rather  than  from  a point  further  upstream  as  used  by  the 

majority  of  researchers.  In  fact  most  diffuser  performance  is  assessed  from  a datum  located  at  least 

one  pipe  diameter  upstream  of  divergence  in  order  to  avoid  the  effects  of  streamline  curvature. 
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In  order  to  clear  some  of  the  misapprehensions  which  have  arisen  over  the  effect  of  Mach 
number  and  also  because  of  its  importance  to  the  Aeronautical  Engineer  this  paper  will  once  again 
deviate  from  its  major  objectives.  Some  measure  of  agreement  on  the  basic  effects  of  Mach 
number  is  necessary  before  we  can  proceed  to  discuss  methods  of  improving  performance. 

Fundamentally,  the  fact  that  gases  are  compressed  as  they  flow  down  a diffuser  means  that  the 
effective  area  ratio  is  greater  than  the  geometric  one.  This  leads  to  an  increase  in  the  ideal 
pressure  recovery  coefficient  which  will  therefore  depend  on  the  inlet  Mach  number  as  is  shown  in 
figure  (12).  The  curves  of  constant  area  ratio  illustrate  that  the  effect  of  Mn  is  greatest  at 
small  area  ratios.  This  is  particularly  important  because  we  have  established  that  the  pressure 
gradient  near  diffuser  inlet  is  a key  factor  in  determining  diffuser  performance.  Figure  (13) 
was  plotted  in  order  to  study  the  inlet  pressure  gradients  more  closely.  At  small  area  ratios, 
the  increase  in  pressure  coefficient  near  sonic  velocity  is  around  six  times  that  of  incompressible 
flow  whereas  at  a Mn  of  0.8  the  factor  is  only  two.  If  we  now  refer  back  to  figure  5 we  can 
explain  the  phenomenon  of  'choking'. 

Most  diffusers  tested  have  had  an  area  ratio  of  2:1  or  greater  and  have  been  designed 
accordingly  to  incompressible  flow  data  to  give  the  maximum  pressure  recovery.  A value  of  ' G ' 
has  therefore  been  chosen  which  is  approximately  half  of  the  critical  value  for  small  area  ratios. 
When  a Mach  number  just  greater  than  0.8  is  achieved  then  the  throat  pressure  gradient  exceeds  its 
optimum  value  and  large  scale  flow  separation  is  quickly  established. 

Although  there  are  many  other  factors  which  affect  the  performance  of  simple  diffusers  (e.g. 
turbulence,  wakes  etc.),  these  must  be  left  to  later  discussions. 


3.  BOUNDARY  LAYER  CONTROL  IN  DIFFUSERS  BY  USE  OF  THE  OPTIMUM  WALL  SHAPE 

Design  of  Optimum  Diffuser  Walls  using  the  Gx  Technique. 

In  Section  1 we  showed  that  the  optimum  angle  of  divergence  for  straight  walled  subsonic 
diffusers  decreased  as  we  increased  the  area  ratio  (see  fig. 5).  As  a result  it  would  appear  that 
for  diffusers  of  large  area  ratio  ( 1 *B: 1 and  above)  that  the  aerodynamic  loading  (in  terms  of 
pressure  gradient  near  diffuser  inlet)  is  well  below  its  optimum  value.  It  would,  perhaps, 
seem  reasonable  to  use  larger  angles  of  divergence  near  the  inlet  and  produce  a curved  wall 
diffuser  resembling  the  shape  of  a bell  (see  fig. 14).  It  is  clear  that  this  will  be  shorter  than 

the  equivalent  straight  walled  diffuser. 

The  ' G ' parameter  suggested  in  equation  8,  successfully  predicted  the  performance  of  straight 
walled  diffusers,  and  also  explained  the  'choking'  effect  of  plain  walled  diffusers  at  a Mach 
number  of  around  0.8.  It  seems  logical  to  extend  this  technique  to  cover  the  design  of  curved 
wall  diffusers.  The  parameter  ' G ' as  previously  explained  relates  only  to  the  non-dimensional ised 
pressure  gradient  at  diffuser  inlet.  For  curved  wall  diffusers  we  require  a new  parameter  Gx 
which  controls  the  pressure  gradient  locally  down  the  diffuser  wall 


From  the  definition  in  ref.l 

« ■ vp^ 
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(20) 


where  Cpj  is  the  traditional  ratio  of  the  ideal  static  pressure  rise  divided  by  the  dynamic 
pressure  at  diffuser  inlet,  q,  . Since  the  static  pressure  gradient  part  way  down  a diffuser 
must  be  generated  directly  from  the  local  dynamic  pressure  then  a local  coefficient  of  static 
pressure  rise  gradient  must  be  defined  which  is  based  on  this  local  dynamic  pressure  q where 


(21) 


If  the  cross-sectional  area  at  plane 
that  for  incompressible  flow:- 


X 


q< ' 


• x 1 is  Ax  then  by  using  the  continuity  equation  we  can  show 
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Then  from  equation  (21) 
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3.1  Application  of  the  ‘G^ 1 technique  to  Rectangular  Sectioned  Diffusers 

Reference  is  made  to  the  sketch  below  which  shows  one  of  numerous  small  elemental  lengths  of 
such  a diffuser  which  has  an  arbitrary  profile 
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Since  the  objective  is  to  keep  G constant  down  the  diffuser,  M, 
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unity,  then 


(30) 


The  implications  of  this  equation  will  now  be  considered  by  applying  it  to  a special  case. 


3.1.1  2-dimensional  Rectangular  Sectioned  Diffusers 
Setting  angle  4 to  zero  reduces  equation  (30)  to 
[a  tan  4]n  - [a-^-f  ](  (a  + l)n 


(31) 


when  the  aspect  ratio  at  inlet  tends  to  infinity  then 
[ tan  *]n  = tan  Q 4 ]( 

This  clearly  gives  us  a straight  walled  diffuser. 


(32) 


Appropriate  literature  for  this  type  of  diffuser  is  sparse,  the  one  considered  to  give  the  most 
relevant  data  is  reference  12.  Tests  are  described  on  a series  of  2-dimensional  diffuser  with 
curved  walls  designed  according  to  the  equation 


(AR)y 


= 1 + 


(AR-l).(jf)  . [ 1 ♦ Ml  - i )] 


(33) 


where  k is  a constant  which  determined  the  wall  curvature.  Positive  values  of  k produced  concave 
surfaces  facing  the  fluid  (bell  shaped  diffusers),  whereas  negative  values  produced  convex  surfaces 
facing  the  fluid  (trumpet  shaped  diffusers).  Clearly  when  k equalled  zero  the  diverging  walls 
were  straight. 

Numerous  geometries,  covering  a range  of  k from  - 1 to  +2  with  two  values  of  inlet  aspect 
ratio,  a,  namely  4 and  6,  were  tested  using  area  ratios  of  up  to  4.5.  A boundary  layer  displacement 
thickness,  £• , approximating  to  3%  of  the  inlet  throat  height,  W,  wis  measured  at  the  beginning 
of  the  divergent  walls  and  the  mean  inlet  velocity  was  maintained  at  around  50  m/s. 

The  authors  of  ref  (12)  concluded  that  'trumpet  shaped'  diffusers  gave  inferior  performance  and 
that  'bell  shaped'  diffusers  gave  a slight  improvement  over  the  plane  walled  diffusers.  The  best 
improvement  produced  a gain  in  Cp  of  less  than  3%  and  therefore  did  not  justify  the  use  of  curved 
walls  in  2-dimensional  diffusers  of  high  aspect  ratio  as  was  predicted  by  the  Gx  technique.  Due 
to  the  nature  of  equation  (33)  the  experimental  data  cannot  be  deemed  to  be  absolutely  conclusive 
since  more  suitable  curve  forms  may  well  have  produce<^greater  benefits. 

When  'a'  is  finite  however  tan  4 will  vary  with  distance  down  the  diffuser.  The  diffuser 
profile  can  then  be  calculated  using  a 'step  by  step'  technique  employing  the  following  equations 
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now  at  the  end  of  the  nth  iiement: 
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The  local  diffuser  height  then  follows  directly 
a 


from  U 


n+1 


Equations  34  to  36  can  then  be  solved  in  order  by  a 'step  by  step’  method  after  the  initial 
value  of  tan  <j>i  has  been  determined.  This  is  found  by  inserting  values  of  blockage  factor,  B 
and  overall  area  ratio  into  equations  17a  and  19. 

As  an  example  two  families  of  diffusers  covering  values  of  inlet  aspect  ratio,  aj,  from  0.5  to 
2.0  was  examined  using  this  technique.  The  first  employed  an  area  ratio  of  2:1  and  a blockage  factor, 

B,  of  0.02  whereas  the  corresponding  values  for  the  second  diffuser  were  2.5:1  and  0.05  respectively. 
Further  details  are  given  in  table  2 where  the  term  6x/^  relates  to  the  width  of  the  incremental  elements. 

The  relationships  between  AR  and  non  dimensional  length  are  shown  plotted  in  figure  15.  The  most 
striking  features  of  these  graphs  are  the  apparent  lack  of  curvature  and  that  the  curves  are  convex 
facing  towards  the  fluid  (trumpet  shaped).  The  angles  and  initial  curvatures  both  increase  as  the 
aspect  ratio  decreases. 


The  physical  argument  for  a trumpet-shaped  diffuser  is  that  as  the  boundary  layer  develops  so  the 
effective  cross-sectional  area  is  reduced.  Thus  in  order  to  maintain  the  'optimum'  pressure  gradient, 
'Gx',  the  divergence  angle  can  be  progressively  increased.  Another  effect  of  this  form  of  curvature 
is  to  produce  a static  pressure  gradient  over  the  cross-section  which  reduces  the  longitudinal  pressure 
gradient  in  the  boundary  layer.  This  in  turn  will  slow  down  the  rate  of  boundary  layer  growth.  Use 
of  this  technique  was  made  in  the  "Griffiths  Diffuser"  which  reputedly  gave  a good  performance. 

The  benefit  of  wall  curvature,  with  respect  to  overall  diffuser  length  is  illustrated  graphically 
in  figure  (16).  The  lengths  of  the  families  of  curved  diffusers  are  compared  by  dividing  them  by  the 
lengths  of  the  equivalent  optimum  plane-walled  diffuser,  as  determined  by  using  the  ' G ' technique. 

At  an  aspect  ratio  of  unity  (ai  = 1.0),  when  we  may  expect  the  best  performance,  as  argued  in  appendix 
1(a),  the  curved  wall  diffuser  of  (AR)  2:1  is  81.5%  of  the  length  of  its  plane  wall  equivalent. 

An  even  greater  reduction  in  length  is  achieved  at  (AR)  2.5:1  when  the  ratio  is  75%. 

The  pressure  recoveries  from  the  curved  ' Gx ' diffusers  should  foreseeably  be  greater  than  those 
for  the  plane  wall  equivalents  since  boundary  growth  is  partially  inhibited.  This,  it  must  be 
emphasized,  is  purely  a point  of  conjecture  as  the  ' Gx ’ theory  may  need  modification  to  cope  with 
the  effect  of  local  aspect  ratio  on  the  optimum  local  pressure  gradient.  Research  on  this  topic 
should  be  encouraged. 

As  regards  the  pressure  loss  characteristic  of  such  a diffuser  there  are  two  opposing  arguments 
which  may  conceivably  cancel  out  each  other.  One  is  that  curvature  increases  boundary  layer 
velocity  and  thereby  generates  more  frictional  losses.  The  other  is  that  losses  will  be  reduced 
because  the  walls  are  shorter. 


3.2  Application  Of  The  'Gx'  Technique  to  Annular  Diffusers 

The  sketch  below  shows  the  'n'th  element,  which  is  situated  at  a distance  'x'  down  an 
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Applying  equation  (4)  to  this  section  we  obtain  an  expression  for  the  area  ratio  across  the  element 
(AR).  . . r~  . Y t 


where  (AR)  . 1 ♦ 4 • 6x  • [°  tan  '•>°  * d tan  ] n + 4 (6x)’.  [tan2  - tan2  $,] 

[Dh-<D  + d>  ]n 

ignoring  second  order  terms  this  becomes: 

Uo)  _ 1 ♦ 4j*[D  t«n  ♦.  - <1  tan  # 

]n 


(37) 


■4 


then  Fd  tan  $0  - d tan  <t> : "1  = [D  + dl  n To  tan  <t>0  - d tan  <J>  • ~ 1 

L J " [irr^p  ' L Ji 

then  f D tan  $0  - d tan  <t>i  1 = Td  + d 1 \ D ta-n-j’iL  ~ d A?.0 

L JnF  Jn.  D + (j 

*-  -*i 


We  will  now  consider  the  application  of  this  equation  to  some  special  cases 


3.2.1.  Conical  Diffusers  (d  - 0) 


Equation  (41 ) reduces  to 

[ tan  <to  ] = tan  4>o] 

which  tells  us  that  the  'straight  wall'  conical  diffuser  should  be  the  'optimum'. 


(42) 


Tests  on  'curved  profile'  conical  diffusers  are  described  in  reference  13  and  some  of  the 
results  are  shown  in  Table  3.  On  averaging  these  results  the  "Bell'  shapes  have  a mean  value 
of  Cp  equal  to  0.645  whereas  the  'Cone'  and  "Trumpet'  have  mean  values  of  0.631  and  0.604 
respectively.  These  results  however  are  not  conclusive  in  favour  of  "Bell1  diffusers  because 
of  the  following  points. 

1)  Values  of  Cp  were  based  in  the  "Aerodynamic  throat',  as  was  described  during  the 
discussion  on  ref. 11.  Since  the  curvature  at  inlet  to  'Bell'  diffusers  will  be 
significantly  greater  than  for  the  other  two  types  it  is  to  be  expected  that  the 
greater  depression  that  this  would  produce  would  render  the  results  optimistic. 


2)  The  authors  state  that  their  area  ratio  variations  closely  resembled  those  of 

equation  (33)  taken  from  reference  (12)  and  that  the  condition  when  k equals  zero 
relates  to  a conical  diffuser.  This  would  then  give  the  relationship 

l ARx  • 1 + X/L  . (AR  - 1) 

I whereas  in  appendix  3(a)  the  following  relationship  for  area  variation  down  a conical 

diffuser  is  shown  to  be: 

I arx  * [x/l  • - ’i  ♦ 1 T 

There  would  appear  to  be  some  difference  of  opinion  concerning  diffuser  profile. 
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3.2.2.  Annular  "G  ' Oiffusers  Having  A Parallel  Core  (fa  =0) 


Equation  (41)  reduces  to: 

]„  ••••  i*3' 

expressing  the  hub:tip  ratio  as  r = 

then  [tan*,  ]n  =[l+  r ] „ , J~  — "i  4*r~  1 — * (44) 

since  £l  + r]  n will  be  less  than  [_  1 + rj 

these  diffusers  will  be  'Bell'  shaped. 


3.2.3.  Annular  'G^'  Diffusers  Having  A Parallel  Outer  Casing  *,  = 0 
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In  this  instance,  (41)  reduces  to: 


since  the  value  of  r will  reduce  down  the  diffuser 
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The  first  ratio  is  the  'stronger'  of  the  two  hence  the  diffuser  will  be  convex  facing 
the  fluid. 

The  design  of  'G  ' annular  diffusers  can  be  accomplished  using  a 'step  by  step'  technique 

so  long  as  the  profile  of  one  of  the  walls  is  known  or  if  there  is  a pre-determined  relationship 
between  the  local  angles  of  the  two  walls. 

To  conclude  this  section,  it  would  appear  that  savings  in  diffuser  length,  in  the  order 
of  20%,  are  feasible  by  careful  design  of  curved  walls.  A relatively  simple  method  which  takes 
advantage  of  the  abundant  data  available  on  simple  conical  diffusers  has  been  suggested. 


<t-!4 


4.1  FORCED  MIXING  DEVICES 


In  the  previous  section  it  was  shown  that  we  can,  in  some  configurations,  reduce  the  length 
of  the  conventional  diffuser  by  about  20%.  Perhaps  it  is  apt  that  in  this  section  the  devices  under 
consideration  may  be  applied  as  remedial  measures  if  a diffuser  is  found  to  suffer  flow  separation. 

The  rate  of  mixing  is  the  key  factor  in  determining  the  rate  of  diffusion  of  high  energy  fluid 
into  the  boundary  layer.  Diffuser  length  is  therefore  controlled  directly  by  this  process  and 
so  it  seems  logical  to  artificially  increase  the  mixing  rate.  This  can  be  achieved  by  increasing 
the  general  turbulence  level  by  using  some  form  of  grid.  The  difficulty  is  that  turbulence  decays 
relatively  quickly  and  that  a severe  pressure  loss  penalty  is  incurred  by  the  generating  mechanism. 

A more  satisfactory  approach  is  to  encourage  the  local  mixing  of  the  mainstream  with  the 
boundary  layer  by  using  devices  which  have  very  little  exposure  to  regions  of  high  velocity  fluid. 

In  this  way  drag  losses  can  be  kept  reasonably  low  so  that  they  can  be  outweighed  by  the  benefits 
of  improved  diffusion.  The  benefits  can  be  achieved  not  only  by  the  prevention  of  flow  separation 
but  also  by  the  reduction  in  the  rate  of  boundary  layer  growth.  A thick  boundary  layer  effectively 

blocks-off  a significant  part  of  the  flow  area  near  the  diffuser  exit,  and  thereby  reduces  the 
diffusing  area  ratio. 

It  was  argued  in  reference  (4)  that  the  ideal  mixing  device  would  simply  promote  an  exchange  of 
fluid  between  the  boundary  layer  and  mainstream  without  consuming  any  of  the  momentum  of  the  mean 
flow.  This  pure  rearrangement  implied  guiding  the  fluid  to  its  new  position  without  leaving  any 
residual  circulationdownstream  of  the  mixing  device.  An  ingenious  series  of  tests  is  described 
where  various  ' plough ' -1  ike  devices  were  installed  on  the  floor  of  a purpose  built  pressurised  wind 
tunnel,  approximately  1830  mm  wide  x (350  sloping  to  686  mm)  deep.  Adverse  pressure  gradients 
could  be  adjusted  by  rearranging  gaps  between  a system  of  slats,  forming  part  of  the  tunnel  roof, 
and  thereby  controlling  the  rate  of  diffusion  by  the  bleed-off  of  air. 

Figure  (17)  which  is  taken  from  the  reference,  shows  these  devices  (items  A toF),  which  were 
designed  to  plough  a 'furrow'  in  the  boundary  layer  and  then  guide  in  mainstream  air  to  fill  it  up. 

The  intended  mechanism  of  device  G was  to  generate  a secondary  flow  by  turning  the  boundary  layer  in 
one  direction,  and  then  to  cancel  it  out  by  turning  it  in  the  opposite  dire  tion.  The  performance 
of  these  devices  was  compared  with  two  types  of  vortex  generators  (items  J and  K).  The  first  was 
of  the  'counter  rotating’  type  which  will  be  described  more  fully  at  a later  point,  and  the  second 
took  the  form  of  a shielded  sink.  In  this  last  type  a small  quantity  of  flow  (estimated  at  5.6% 
of  the  boundary  layer  flow)  was  discharged  out  of  an  orifice  situated  between  two  parallel  fences 
which  were  directed  in-line  with  the  major  flow.  The  action  of  the  discharge  was  to  produce  a 
local  turning  effect  in  the  boundary  layer  and  thereby  generate  trailing  vortices  from  the  fences. 

It  would  appear  that  this  last  device  is  worthy  of  further  development  since  its  effect  can  be 
virtually  switched-off  when  not  required,  by  halting  the  flow  of  discharge.  A comparison  of  size 
and  performance  of  these  devices  is  given  in  table  (4)  where  <S(Cp)  is  the  improvement  in  static 
pressure  coefficient  above  that  of  the  bare  tunnel  which  had  a value  of  Cp  equal  to  0.5.  The  drag 
effects  of  the  devices  are  compared  by  use  of  the  term  A6  where 

T 


Drag  Force  ^ ^ 

Zx  (optimum  spacing,  L)  x (Local  mainstream  dynamic  pressure) 


and  9 was  the  local  momentum  thickness  when  measured  in  the  bare  tunnel. 

In  general,  table  4 illustrates  that  the  optimum  location,  x,  of  a device  is  a direct  function 
of  both  its  size  and  configuration.  However,  no  such  generalisation  can  be  made  about  the  optimum 
spanwise  spacing,  L.  It  is  perhaps  surprising  that  every  device  gave  an  increase  in  Cp  which  was 
attributed  to  their  ability  to  delay  the  flow  separation  that  otherwise  would  have  occurred.  For 
the  purposes  of  diffuser  improvement,  device  A -2  seems  the  most  favourable  since  it  combines  a useful 
improvementof  Cp  with  a low  value  of  drag  (and  presumably  small  wakes).  Device  E-3  produces  the 
most  significant  improvement  in  Cp  but  it  would  probably  be  unacceptable  in  circumstances  where  low 
total  pressure  loss  and  a uniform  flow  distribution  are  the  primary  objectives.  Device  J is  a 
popular  selection  since  it  is  simple  to  construct  and  information  is  available  as  to  its  optimum 
siting. 


4.2  Vortex  Generators 

In  spite  of  the  measures  taken  to  prevent  trailing  vortices  most  of  the  devices  described  in 
ref. (14)  owe  at  least  some  of  their  success  to  residual  vortices.  Further  studies,  which  were 
reviewed  in  ref. (15)  showed  that  greater  gains  in  performance  together  with  smaller  drag  penalties 
could  definitely  be  achieved  from  vortex  generating  systems.  Success  in  inhibiting  flow  separation 
is  critically  dependent  on  the  strength  and  placement  of  the  individual  vortices.  These  should  be 
in  the  precise  region  of  adverse  pressure  gradient. 


It  was  also  found  that  the  scale  of  the  generators  should  be  related  to  the  range  of  surface 
which  needs  energisation.  This  is  so  because  larger  vortices  survive  viscous  dissipation  for 
greater  distances.  The  scale  which  can  be  used  is  often  limited,  however,  because  of  mutual 
damping  and  interference  with  adjacent  vortices.  Although  numerous  types  of  vortex  generator  have 
been  investigated  those  which  involve  simple  vanes  or  plates  mounted  perpendicularly  to  the  surface 
have  emerged  as  the  most  popular.  Two  particular  arrangements  of  these  are  the  co-rotating  and 
the  counter  rotating  systems  as  shown  in  fig. 18. 


4.2.1.  Co-Rotating  Systems 

The  best  arrangement  of  this  system  consists  of  identical  vanes,  equally  spaced  in  line, 
and  presumably  in  a region  where  lateral  variations  in  velocity  are  minimal.  The  angle  of 

inclination  to  the  flow  direction,  B,  is  typically  about  20°  and  the  height  of  the  vane  should 
be  about  20%  greater  than  the  local  boundary  layer  thickness,  6,  although  as  previously  explained 
tnis  may  be  varied  according  to  the  distance  of  effectiveness  that  is  required.  Aspect  ratio 
defined  as  height  divided  by  length  ( t>/c ) , usually  in  the  order  of  1.0  to  1.5. 

The  spacing  of  these  vanes  is  critical,  as  may  be  seen  from  fig. (19).  When  the  spatial 

ratio,  s/b,  is  less  than  3.0  there  is  a mutual  interference  between  adjacent  vortices.  In  this 
the  low  energy  fluid,  removed  from  the  boundary  region  by  one  vortex,  is  transfered  to  the  adjacent 
vortex  which  then  returns  it  directly  to  the  boundary.  To  avoid  this  interference  the  value  of 
spatial  ratio  is  best  set  in  the  range  from  4.0  to  8.0. 

A characteristic  of  the  vortex  array  is  that  the  vortex  paths  have  a lateral  component  which 
is  dependent  on  the  vortex  strength  , K.  The  angle,  made  with  the  local  stream  direction  being 

tan  [ D3  ' coth  ( T ) ] 

which  results  in  a curved  trajectory  but  which,  according  to  ref. (15),  never  exceeds  a value  of  15° 
riost  of  the  vortices  in  the  array  follow  a path  parallel  to  the  wall,  the  exceptions  being  the 
two  outermost.  At  one  end  the  vortex  is  displaced  towards  the  surface  whereas  at  the  far  end  the 
vortex  is  displaced  away  from  the  surface,  fig. (20).  This  effect  is  amplified  if  side  walls  are 
in  the  near  vicinity  since  one  of  the  vortices  will  rapidly  attach  itself  and  lift  prematurely 
away  from  the  original  surface.  If  the  array  is  too  narrow,  there  is  a tendency  for  several 
vortices  to  spiral  round  one  another.  The  major  application  for  co-rotating  systems  appears  to  be 
when  long  path  lengths  are  required  and  when  side  wall  interference  will  not  be  a serious  limitation. 
Reference  (16)  indicates  that  they  are  superior  to  counter  rotating  systems  when  used  in  a conical 
diffuser. 
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4.2.2.  Counter  Rotating  Systems 

In  this  system  the  vortex  array  is  substantially  different  to  that  of  the  co-rotating  one. 

Since  the  vanes  are  arranged  in  pairs  which  are  divergent,  so  the  space  between  the  pairs  is 
convergent  and  so,  therefore.the  flow  pattern  downstream  of  the  vanes  is  zoned  off,  according  to 
its  spatial  relationship  with  the  generators.  This  is  illustrated  in  fig. (21)  where  it  can  be 
seen  that  the  boundary  layer  in  the  zone  downstream  of  the  divergent  pairs  is  kept  thin  by  the 
sweeping  action  of  the  vortices. 

The  boundary  layer  in  the  second  zone  has  a varied  history,  depending  on  its  distance  down- 
stream of  the  generators.  Initially  the  vortices,  which  are  transporting  boundary  layer  fluid 
away  from  the  first  zone,  are  able  to  sweep  it  up  into  the  mainstream,  together  with  some  of  the 
low  energy  fluid  from  the  second  zone.  However  the  transverse  movement  of  the  boundary  layer 
from  the  first  to  second  zone  carries  the  vortices  with  it.  In  this  manner,  the  width  of  the 
second  zone  is  being  diminished.  At  the  same  time,  the  vortices  which  tend  to  accelerate  the 
boundary  layer  in  the  transverse  direction,  produce  a reduction  in  boundary  layer  thickness. 

Because  of  this  there  is  an  initial  tendency  for  the  vortices  to  get  closer  to  the  surface. 

Further  downstream,  as  the  zone  width  is  reduced,  the  boundary  layer  being  swept  up  by  one 
vortex  starts  to  get  entrained  into  the  vortex  travelling  away  from  an  adjacent  pair  of  generators. 

As  a result  of  this  entrainment  the  vortex  core  starts  to  turn  away  from  the  surface,  firstly 
due  to  the  increase  in  vortex  diameter  produced  by  entrairment,  and  secondly  because  some  or  the 
entrained  low  energy  air  is  being  transported  back  into  the  boundary  layer,  thereby  causing  it  to 
thicken.  This  effect  accelerates  as  the  converging  vortices  get  closer  together.  A point  is 
then  reached  when  the  vertical  component  is  sufficient  to  separate  the  vortices  from  the  influence 
of  the  surface  and  they  then  lift  off  extremely  rapidly. 

This  process  therefore  limits  the  effective  range  of  this  type  of  generator  and  will  clearly 
depend  on  such  factors  as  the  distance  between  each  set  of  divergent  pairs,  the  initial  strengths 
(K)  of  the  vortices  and  the  height  of  the  generators.  A reliable  method  for  predicting  the  paths 
of  the  vortices  was  first  derived  in  reference  (17)  and  is  also  discussed  in  reference (15). 

From  the  physical  description  given  above,  it  is  clear  that  counter  rotating  systems  will  be 
less  susceptible  to  spanwise  variations  in  velocity  distributions  and  therefore  are  more  approproate 
for  application  to  diffusers  where  this  is  likely  to  be  a problem.  Coupled  with  this  benefit  is  the 
fact  that  a vortex  generator  can  be  'paired'  with  a side  wall  and  thereby  avoid  the  problems 
experienced  with  co-rotating  systems. 

The  problem  of  vortex  'lift  off'  can  be  overcome  by  either  fitting  a second  row  of  generators 
or  by  reducing  the  downstream  pressure  gradient  so  that  they  are 

To  summarise  this  section,  counter  rotating  vortex  generators  are  likely  to  be  the  best  mixing 
devices  for  most  diffuser  applications.  In  order  to  avoid  heavy  drag  loss  penalties  they  should 
be  approximately  1.2  times  their  local  boundary  layer  thickness,  6,  and  the  'pitch,'  between  each 
divergent  pair  of  vanes  should  be  in  the  order  of  four  times  the  distance  between  the  leading  edges 
of  the  pair.  Although  mixing  devices  are  useful  for  preventing  flow  separation  in  relatively  short 
areas  of  high  pressure  gradient  they  cannot  be  used  for  the  general  mixing  of  the  complete  stream, 
otherwise  high  pressure  loss  penalties  will  arise.  They  are  therefore  unlikely  to  be  used  in  short 
diffusers  when  a high  static  pressure  reocvery  is  the  primary  objective. 


5.  SHORT  DIFFUSERS 

The  techniques  described  so  far  lead  to  useful  reductions  in  diffuser  length  but  many  applications 
arise  where  still  shorter  lengths  are  required.  As  a basis  for  discussing  how  to  obtain  a short  diffuser 
we  will  consider  an  approximate  form  of  the  momentun-integral -equation,  viz: 


In  many  Instances  the  ratio  of  boundary  layer  displacement  thickn  ess  to  momentun  thickness,  fo,  is 
used  as  a shape  parameter,  H.  Experimental  evidence  suggests  that  flow  will  tend  to  separate  when  H 
exceeds  a value  of  just  over  2.0.  Accordingly  we  will  rearrange  equation  (46)  to  give  an  expression 
for  H,  when 
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From  this  equation  we  can  list  the  somewhat  conflicting  properties  needed  to  produce  a low  value  of  H. 

i)  A high  wall  shear  stress, T . Many  measures  that  can  be  taken  to  increase  this  parameter 
however  also  run  the  danger  of  increasing  the  momentum  thickness  gradient 

(^/dx).  Unless  care  is  taken  this  latter  term  will  increase  at  a greater  rate 
than  the  former  one. 

ii)  A high  adverse  pressure  gradient.  This  is  obviously  a direct  requirement  of  a 
successful,  short,  diffuser.  Once  again,  increasing  this  term  can  also  lead  to 
a larger  increase  in  de/^ 

iii)  A high  value  of  boundary  layer  momentum  thickness,  0.  This  term  can  only  be 
beneficial  when  the  wall  shear  stress  is  high  in  relation  to  d0/ ^ 

iv)  A low  value  of  local  dynamic  head  relative  to  the  constraining  surface,  qw. 

The  art  of  producing  a short  diffuser  clearly  depends  on  producing  the  most  favourable 
compromise  of  the  above  factors.  A number  of  possibilities  have  been  investigated  and  we 
will  discuss  these  in  turn. 


5 . 1 Diffusers  With  Moving  Halls. 

Supposing  that  the  walls  move  in  the  same  direction  as  the  flow,  then  as  wall  velocity  is 
increased  there  is  initially  a corresponding  decrease  in  both  the  q^  andTw  terms.  This  situation 

persists  until  the  wall  velocity  equals  the  mainstream  velocity  when  both  terms  will  become  equal 
to  zero.  If  the  wall  speed  is  increased  still  further  then  all  of  the  terms  become  negative  due 
to  the  'pumping'  action  of  the  walls.  The  question  then  arises  as  to  whether  the  'moving  wall  pump,' 
should  be  exchanged  for  a more  conventional  one  which  would  be  more  practical. 

Tests  on  such  a 2-dimensional  diffuser  are  described  in  ref. 18.  The  diffuser,  as  sketched  in 
fig. 22  had  an  inlet  aspect  ratio  of  12  to  1 and  used  a boundary  layer  suction  of  3.5  to  4%  of  the 
main  flow  in  order  to  prevent  separation  from  the  sidewalls.  The  moving  walls  consisted  of  two 
rotating  cylinders  mounted  at  the  ends  of  the  approach  duct, the  diameter  of  the  cylinder  being  equal 
to  3 times  the  approach  duct  height.  The  area  ratio  of  this  diffuser  could  be  varied  from  1.75 

up  to  4 by  adjustment  of  the  exit  duct  walls.  The  attainment  of  stable  flow  was  a function  of 
both  area  ratio  and  relative  velocity  between  cylinder  surface  and  mainstream.  Stable  flow  was  not 
achieved  at  area  ratios  greater  than  2.125.  The  area  ratios  tested  with  stable  flow  were  1.75, 

2,  2.125  and  the  corresponding  velocity  ratios  needed  for  flow  stability  were  U.5,  0.875  and  2.13. 

In  the  case  of  the  diffuser  with  an  area  ratio  of  2:1  the  effectiveness,  increased  from  39.6% 
without  rotation  up  to  80%  at  the  stated  velocity  ratio. 

Applications  for  this  type  of  diffuser  are  clearly  very  limited,  a possible  use  would  be  in 
a very  low  speed  wind  tunnel. 


5.2  Diffusers  Using  Transverse,  Unbled  Vortices. 

Basically  these  vortices  can  be  considered  to  replace  the  rotating  cylinders  of  the  previous 
example,  but  in  this  case  the  term  qw/e  can  only  be  partially  reduced  since  energy  must  be 
transferred  from  the  mainstream  to  the  vortices  by  some  finite  velocity  gradient.  Two  types  of 
diffuser  using  this  principle  have  been  reported  in  the  literature. 


5.2.1  The  “Ringleb"  Cusp  Diffuser 

The  invention  of  this  diffuser  followed  from  observations  of  snow  formations  on  the  downstream 
side  of  a high  mountain  ridge,  as  illustrated  in  figure  23.  It  was  postulated,  by  the  author  of 
reference  19,  that  a standing  vortex  was  responsible  for  the  cusp  shape,  and  that  this  must  have 
guided  the  flow  to  a clearly  defined  re-attachment  point.  He  devised  a theory  utilising  potential 
flow  considerations  and  the  Kutta-Joukowski  condition  which  matched  the  observed  formation.  A 
diffuser,  based  on  this  idea,  was  constructed  for  a wind  tunnel  at  Princeton  University,  (fig. 24), 
in  order  to  replace  a badly  separating  12°  conventional  diffuser.  The  'cusp'  diffuser  greatly 
improved  the  flow  condition. 

Subsequent  attempts  to  use  such  diffusers  have  met  with  little  success,  probably  because  there 
is  insufficient  energy  Interchange  between  the  'shielded'  vortex  and  the  mainstream  flow. 
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An  explanation  for  the  natural  snow  cornice  can  be  deduced  from  ref. 20  where  tests  on  cusp 
diffusers  are  described.  These  tests  used  a 'water  table,'  for  visualisation  studies,  during  which 
it  was  observed  that  standing  vortices  were  retained  in  the  cusps  during  the  'starting  up,'  phase. 

These  were  subsequently  swept  downstream  once  steady  flow  conditions  had  been  achieved.  In  nature  it 
may  be  assumed  that  windspeed  is  almost  constantly  changing  and  the  large  scale  of  the  snow  cornice 
was  sufficent  to  retain  stable  recirculation  of  flow  over  long  periods  of  time. 

A later  investigation  into  the  success  of  the  Princeton  diffuser  showed  that  stable  re- 
circulation in  the  cusp  was  linked  with  a secondary  flow  generated  by  a sudden  bend  located  shortly 
downstream  of  the  diffuser. 

More  recent  studies  have  been  conducted  where  rectangular  sectioned  'cusps'  have  been  used, 
with  some  success,  to  control  the  flow  around  900  bends  in  2-dimensional  ducts.  This  work  is 
reported  in  references  21  and  22.  The  technique  has  also  been  successfully  employed  to  turn 
the  flow  into  a radial  diffuser  as  reported  in  reference  23. 
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5.2.2  Ribbed  Diffusers 

As  previously  stated,  this  type  of  diffuser  also  employs  transverse  vortices  to  act  as 
'roller  bearings'.  They  resemble  conventional  diffusers  apart  from  the  fact  that  their  angle 
of  divergence  is  normally  greater  and  that  they  have  transverse  grooves  for  part  of  the  way  down 
the  wall.  The  name  is  derived  from  the  fact  that  these  grooves  are  usually  machined  close  together 
and  the  sections  of  wall  between  them  produce  a 'rib-like'  appearance. 

The  first  reference  to  appear  on  this  topic,  ref. (24),  originated  from  the  U.S.S.R.  and  was 
quickly  followed  by  the  five  other  publications  by  the  same  author  (four  of  these  are  listed  in  the 
Bibliography).  A useful  review  of  this  work  appears  in  ref  (25)  from  which  the  following  notes 
were  extracted. 


5. 2. 2.1  Conclusions  made  from  U.S.S.R.  research: 

i)  The  data  was  presented  as  a comparison  of  effectiveness  between  ribbed  and  otherwise 
identical  plain  conical  and  annular  diffusers. 

ii)  Ribbed  diffusers  are  sensitive  to  inlet  Reynolds  number  Rd.  The  ratio  of  effectiveness 
of  the  two  diffusers  rose  rapidly,  in  favour  of  the  ribbed  type,  as  Rd  was  increased 
from  53,000  to  91,000.  A ratio  exceeding  2.0  can  be  reached  for  values  of  $ from  19° 
to  23°  which  appears  to  be  the  optimum  range  of  wall  angle. 

iii)  Location  of  the  ribs  close  to  the  diffuser  inlet  was  necessary  in  order  to  produce 
good  performance. 

iv)  Tests  were  conducted  on  two  diffusers  with  a scale  difference  of  two  times,  no 
difference  in  performance  was  noted. 

v)  The  grooves  were  rectangular  in  section  and  their  sides  were  perpendicular  to  the 

surface.  The  optimum  ratio  of  groove  depth  to  width.a/b^was  found  to  be  2.5. 

vi)  Increasing  the  cavity  width,  b,  from  1 mm  to  5 im  had  no  effect  on  the  performance. 

Above  this  range,  however,  performance  deteriorated.  (note:  This  particular 
investigation  was  conducted  in  a 2-dimensional  diffuser  having  a throa  leight  of  70  nm). 

vii)  Maximum  effectiveness  was  achieved  with  13  ribs  when  b = 1 mm  and  with  6 ribs  when  b = 5 mm. 

viii (Varying  rib  thickness  from  1.5  urn  down  to  a knife  edge  did  not  change  the  effectiveness. 

Additional  information  was  taken  from  ref, 26  which  stated  the  actual  values  of  Cp  obtained 
from  a conical  diffuser  of  area  ratio  5.85  and  $ = 20°.  For  the  diffuser  with  ribs  Cp  = 0.67  which 
compares  favourably  with  the  value  of  0.26  taken  without  ribs.  On  the  other  hand  if  an  optimum 
conical  diffuser  of  the  same  length  (but  a significantly  smaller  area  ratio)  was  used  it  is  likely 
that  it  would  have  achieved  a value  of  Cp  equal  to  that  of  the  more  complex  ribbed  diffuser.  This 

assumption  is  based  on  figure  25  which  suggests  that  these  diffusers  operated  with  a very  thin 
boundary  layer  at  inlet. 

The  major  purpose  of  reference  25  was  to  describe  a series  of  water  table  studies  on  ribbed 
diffusers.  These  showed  that  the  mechanism  that  delayed  flow  separation  was  more  likely  to  be  due 

to  the  shedding  of  eddies  from  out  of  the  cavities  rather  than  any  'roller  bearing'  action,  as  had 

at  first  been  postulated.  The  effect  of  these  eddies  was  to  generate  mixing  in  the  boundary  layer 
in  a similar  manner  to  the  circulations  from  vortex  generators. 

The  rate  and  manner  in  which  these  eddies  were  shed  was  a strong  function  of  the  cavity 
shape.  This  finding  was  confirmed  in  air  rig  tests  as  described  in  ref. 27.  These  air  rig  tests 
also  showed  that  the  pressure  recovery  can  vary  significantly  with  Mach  number  due  to  accoustic 
resonance.  A significant  reduction  in  Cp  was  obtained  at  a Mn  of  about  0.4  from  the  rib  geometries 
that  were  used  for  these  tests  but  it  could  be  reduced  by  lining  the  bottom  of  the  cavity  with  felt. 

A method  for  predicting  the  frequency  of  this  self-induced  resonance  is  given  in  ref. 28. 

Recently  tests  have  been  conducted  on  an  annular  ribbed  diffuser  at  Cranfield.  The  author 
wishes  to  emphasise  the  high  noise  level  which  can  be  generated  by  such  a diffuser  when  certain  cavity 
geometries  are  used. 

By  reverting  to  tests  using  only  a single  cavity, geometries  have  been  produced  which  are 
insensitive  to  Mach  number  in  a range  of  up  to  0.4.  These  geometries  are  also  found  to  be  the 
optimal)  ones  with  regard  to  pressure  recovery.  So  far  no  clear  rule  has  been  obtained  for  determining 
these  configurations  because  they  also  appear  to  be  a function  of  diffuser  angle.  Tests  are  being 
continued  to  establish  this  rule  so  that  multiple  cavity  configurations  can  then  be  investigated  using 
a logical  rather  than  a statisitical  approach. 

Although  it  is  probable  that  satisfactory  ribbed  conical  diffusers  will  eventually  be 
developed  it  is  unlikely  that  values  of  4>  in  the  order  of  20°  will  prove  satisfactory.  The  reasoning 
behind  this  statement  is  that  such  diffusers  would  be  only  12*  of  the  length  of  conventional  ones. 

Much  of  the  mainstream  flow  would  still  have  to  depend  on  natural  mixing  to  produce  diffusion  and 
there  will  be  insufficient  distance  for  this  to  be  effective. 
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The  fact  that  very  little  natural  mixing  can  occur  in  a short  diffuser  gives  some  justi- 
fication for  the  use  of  a simple,  inviscid,  finite  element  model.  Such  a model  was  used  to  predict 
the  development  of  velocity  profile  down  a short  diffuser,  as  shown  in  fig. (26).  It  was  assumed 
that  flow  had  been  viscous  up  to  diffuser  inlet  in  order  that  the  slightly  non-uniform  profile 
could  be  generated.  The  model  took  no  account  of  streamline  curvature  and  simply  assumed  that 
static  pressure  was  uniform  across  every  section.  The  effect  of  pressure  gradient  on  the  boundary 
element  'a'  is  quite  remarkable,  particularly  between  the  planes  at  area  ratios  2 and  3.  Clearly 
element  'a*  is  the  'weak  link’  in  the  diffusion  process  and  it  must  either  be  removed,  re-energised, 
or  shielded  from  the  pressure  gradient. 


5.3  Boundary  Layer  Energisation  By  Local  Injection 

By  referring  to  equation  (47)  we  can  predict  several  important  features  of  this  technique. 

a)  If  injection  makes  qw  greater  than  the  local  free  stream  dynamic  pressure,  then  injection 

will  tend  to  increase  the  shape  factor,  H,  and  hence  promote  the  likelihood  of  flow 
separation. 

b)  Injection  will  tend  to  increase  c*6/dx,  this  will  also  raise  the  value  of  H. 

c)  The  shear  stress  at  the  wall,  tw,  will  be  increased  giving  a beneficial  effect. 

(This  could  directly  cancel  b)  above. 

d)  The  value  of  momentum  thickness  6 must  be  adjusted  carefully.  If  0 is  reduced  by 
increasing  the  velocity  along  the  wall,  then  this  could  seriously  amplify  the  disadvantageous 
effects  of  qw.  If  on  the  other  hand  the  wall  jet  is  made  so  strong  that  '0'  becomes 

negative,  then  the  net  effect  will  depend  on  the  balance  between  qw  and  x . A very  smooth 
wall  would  clearly  be  preferable  at  this  condition. 

Another  solution  is  to  inject  fluid  in  a jet  with  a velocity  defficiency  near  the  wall. 

This  would  reduce  qw  , possibly  increase  9 and  at  the  same  time  limit  the  value  of  d9/dx 

e)  Since  any  advantage  will  arise  from  a difference  between  the  qw  and  xw  terms  it  will  be 

important  to  use  a high  pressure  gradient  and  therefore  the  diffusers  should  have  a wide 
angle. 

These  predictions  can  be  assessed  by  considering  experimental  evidence. 


5,3.1  Tangential  Injection 

In  reference  (29)  this  technique  was  applied  to  three  conical  diffusers  with  angles  $ of  5°,  10° 
and  150,  each  having  an  area  ratio  of  3.  Air  was  used  as  the  working  fluid  and  the  test  rig  was 
designed  to  produce  a thin  boundary  layer  at  inlet.  The  injected  air  entered  through  a slot  of 
converging  cross-section  as  is  shown  in  fig. 27.  The  final  height  of  this  annular  nozzle  equalled 
approximately  2%  of  the  diffuser  inlet  diameter,  D. , and  the  point  of  injection  was  at  a distance 
of  21%  down  the  diffuser. 

Until  the  mean  injection  velocity,  Uj,  exceeded  50%  of  the  mean  velocity  at  inlet,  u^,  there 
was  actually  a slight  reduction  in  pressure  recovery.  Above  this  value  of  velocity  ratio,  uj/u-|, 
there  was  a marked  improvement  in  performance  until  bJ/u-j  reached  120%,  which  corresponded  to  a mass 

flow  ratio  between  jet  and  inlet  of  around  9.9%.  At  injection  rates  above  these  values  however  the 
pressure  recovery  coefficient,  Cp,  started  to  fall  once  again. 

The  best  improvement  in  Cp  was  achieved  in  the'41  - 15°’d1ffuser  when  the  ratio  of  Cp  with 
injection  to  Cp  without  injection  equalled  230%.  A maximum  value  of  Cp  = 0.85  was  achieved  with 
both  the  <1  * 10°  and  15°  diffusers.  The  benefits  obtained  by  using  injection  in  the  diffuser 
of  $ « 50  were  marginal. 

A similar  study  but  on  a 2-dimensional  diffuser  of  aspect  ratio  8:1,1s  described  in  reference  (30). 

The  diffuser  could  be  adjusted  to  cover  a range  of  inlet  angle,  2$,  from  4* to  30°.  Injection  slots 
were  fitted  only  to  the  diverging  walls  and  their  heights  could  be  adjusted  from  0.33%  up  to  8.33% 
of  the  throat  height  at  inlet.  The  exit  plane  of  these  slots  was  located  at  a distance  of  88%  of  an 
inlet  height  from  the  beginning  of  divergence. 

Performance  was  given  both  as  a simple  coefficient  of  static  pressure  Cp  based  only  on  main- 
stream pressures,  and  also  as  a corrected  coefficient,  Cp1,  which  took  account  of  the  pumping  power  > 

required  for  injection.  For  this  it  was  assumed  that  the  pumping  system  had  an  overall  efficiency 
of  60%. 

This  work,  which  retained  an  inlet  boundary  layer  thickness  of  2.5*/W^  * 0.02  throughout, 
showed  the  following  points. 

High  values  of  Cp  could  be  achieved  for  the  lowest  mass  flow  rate  when  the  slit  was  set  to  its 
narrowest.  A value  of  Cp  equal  to  0.8  was  achieved  from  all  three  diffusers  using  an  injection 
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rate  equal  to  6*  of  the  mainstream.  The  most  significant  improvement  in  performance  was  achieved 
by  the  diffuser  having  2<p  - 30°. 
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When  pumping  power  was  taken  into  account,  however,  values  of  Cp’  showed  that  the  wider  slits 
were  most  efficient  and  that  this  form  of  injection  was  only  beneficial  (energy-wise)  in  the 
diffuser  having  2<t>  = 30°. 

Both  references  29  and  30  compared  their  experimental  data  with  theoretical  values.  In 
general  the  agreement  between  data  was  good. 

The  work  reported  in  reference  31  differed  from  the  two  previous  ones  in  that  injection  was 
parallel  to  the  axis  of  a conical  diffuser  and  that  water  was  used  as  the  working  fluid.  Inipction 
slit  heights,  covering  a range  of  2.22*  up  to  6.68*  of  the  inlet  diameter  were  investigated  and  the 
results  plotted  on  a basis  of  ratio  vj/v^  The  optimum  value  of  this  ratio  was  found  to  be  120* 

over  the  complete  range  of  slit  heights. 

The  observed  characteristics  agree  closely  with  those  which  can  be  deduced  from  equation  47. 

The  author  was  unable  to  find  reference  to  experiments  that  used  thick  boudary  layers  or  distorted 
inflow,  such  data  would  clearly  be  useful. 

If  a cone  angle,  2$,  of  30°  is  used  in  this  type  of  diffuser  it  will  be  less  than  one  third  of 
the  length  of  a conventional  one  and  yet  produce  an  improved  pressure  recovery.  An  ideal  application 
would  be  when  advantage  could  also  be  taken  of  the  wall  cooling  effects  of  the  injected  fluid. 


5.4  Boundary  Layer  Control  by  Suction 

At  the  beginning  of  the  previous  section  there  was  a discussion  on  the  use  of  equation  (47)  in 
predicting  the  optimum  conditions  for  boundary  layer  injection.  The  arguments  used  in  that  instance 
are  equally  applicable  to  the  case  of  boundary  layer  control  by  the  use  of  suction.  Here  we  have 
an  additional  problem  as  to  the  method  of  removal  of  the  boundary  layer.  Firstly  there  is  a 
selection  to  be  made  as  to  whether  to  draw  the  boundary  layer  out  through  porous  walls  or  through 
suction  slots.  This  may  depend  entirely  on  such  factors  as  the  cleanliness  and  temperature  of  the 
fluid  together  with  mechanical  factors  such  as  the  requirement  of  wall  strength  and  the  space 
available  to  collect  the  rejected  boundary  layer. 


5.4.1  Boundary  Layer  Removal  Through  Porous  Walls 

Initially  this  technique  was  limited  by  the  choice  of  porous  materials  available,  such  as 
ceramics  and  sintered  stainless  steel.  These  lacked  mechanical  strength  and  the  porosity  was  difficult 
to  control,  particularly  if  there  was  a necessity  to  vary  the  porosity  factor  down  the  length  of  the 
diffuser.  Recently  the  advent  of  electron  beam  drilling  has  provided  an  interesting  alternative  since 
it  makes  possible  the  use  of  localised  boundary  layer  control  without  any  serious  concessions  to 
mechanical  strength. 

An  investigation  into  the  use  of  porous  walls  is  reported  in  ref. (32).  This  describes  tests  on 

three  conical  diffusers,  of  angle  2$  equal  to  10°,  30°  and  50°,  each  having  an  area  ratio  of  2:1. 

The  walls  of  the  diffusers  were  constructed  from  sintered  stainless  steel,  1.6  tmi  thick.  These  walls 
were  progressively  'sealed  up'. from  the  downstream  region  until  a relatively  narrow  band  of  porous 
metal  remained  near  the  throat.  Although  a static  pressure  effectiveness,  n of  near  100*  could  be 
achieved  from  the  outset,  the  amount  of  bleed  flow  required  to  achieve  it  was  significantly  reduced 
as  the  suction  zone  became  more  localised.  Eventually  the  bleed  flow  for  the  30°  diffuser  was 
reduced  to  3*  and  for  the  50°  diffuser  it  became  4*. 

As  may  be  expected  from  such  an  effective  diffuser,  the  total  pressure  profile  at  exit  was 
nearly  uniform.  These  tests  were  conducted  using  a thin  boundary  layer  and  no  studies  were  reported 
using  a narrow  porous  band  part  way  down  the  diffuser. 


5.4.2  Boundary  layer  Removal  Through  Slots 

There  has  been  an  abundance  of  tests  conducted  on  diffusers  using  this  technique  as  it  is 
simple  to  apply  and  usually  produces  satisfactory  results.  The  choice  of  axial  location  and  type 
of  slot  will  depend  on  the  application  for  which  the  diffuser  is  intended. 

If  minimum  total  pressure  loss  is  the  requirement  then  the  best  location  will  be  just  upstream 
of  the  point  where  flow  would  normally  separate  if  boundary  layer  control  were  not  applied.  In  this 
way  skin  friction  losses  will  be  low.  Another  benefit  is  that  the  air  to  be  bled  off  will  have 
gained  static  pressure  and  will  have  a low  velocity.  Both  these  conditions  are  essential  if  the  bled 
air  Itself  is  not  to  experience  significant  losses  in  pressure  during  its  removal. 
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Disadvantages  of  downstream  slot  location  are  as  follows:- 


i)  Prediction  of  the  region  where  flow  would  normally  separate  can  be  difficult, 
particularly  if  the  flow  at  diffuser  inlet  is  non-uniform  or  if  strong 
secondary  flows  are  present.  If  either  of  these  two  factors  apply  then  the 
separation  point  must  be  determined  experimentally,  either  by  using  flow 
visualisation  techniques,  ref. (33),  or  by  taking  static  pressure  measurements 

down  the  diffuser  and  locating  the  point  of  discontinuity  in  the  pressure  gradient. 

ii)  The  region  of  flow  separation  can  vary  significantly  with  slight  changes  of 
condition  at  diffuser  inlet  or  slight  'production  line'  variations  in  geometry. 

iii)  If  any  large  scale  flow  disturbances  arise  it  is  possible  for  the  flow  to  separate 
upstream  of  the  slot.  Since  the  bleed  would  then  originate  from  the  separation 
zone  it  would  be  quite  ineffective.  Exceedingly  large  bleed  flows  are  then  required 
to  restore  effective  diffusion. 

iv)  Since  diffusion  is  known  to  accentuate  any  flow  non-uniformity  the  flow  distribution 
in  the  slot  region  is  unlikely  to  be  uniform.  If  this  is  so,  then  rapid  diffusion 
downstream  of  the  slot  will  not  be  so  effective  because  the  mixing  process  in  mid- 
stream will  remain  slow.  A mediocre  static  pressure  recovery  will  clearly  be  the 
end  result. 

A special  type  of  diffuser  with  a suction  slot  part  way  down  the  wall  is  the  Griffith 
diffuser  (fig. 28).  Use  is  made  of  wall  curvature  to  eliminate  the  local  static 
pressure  gradient  and  there  is  then  a step  increase  in  static  pressure  situated  over 
the  suction  slot.  A possible  method  of  designing  such  a diffuser  is  described  in 
reference  34. 

When  static  pressure  recovery  or  immunity  to  flow  disturbance  is  the  primary  consideration  then 
the  bleed  slit  should  be  situated  at  diffuser  inlet.  The  'sink'  effect  of  the  slit  has  a tendency  to 
improve  the  velocity  distribution  at  inlet  by  increasing  the  boundary  layer  velocity.  Diffusers 
using  this  technique  are  described  in  references  (35)  and  (36).  Details  of  the  manner  in  which  slot 
geometry  could  be  varied  in  the  2-dimensional  diffuser  of  reference  (36)  are  shown  in  figure  (29). 

This  diffuser  demonstrated  that  high  static  pressure  recoveries  are  feasible  from  short  diffusers  when 
the  inlet  boundary  layer  is  thin,  no  tests  are  reported  in  which  the  inlet  flow  is  non  uniform. 

A possible  shortcoming  of  this  type  of  diffuser  is  that  a high  velocity  boundary  layer  is  produced 
immediately  downstream  of  the  slot  and  skin  friction  losses  down  the  divergent  wall  could  be  high. 

However,  so  long  as  the  angle  of  divergence,  2$,  is  of  the  order  of  30°  or  possibly  greater  then 
deceleration  will  be  so  rapid  that  this  problem  will  not  be  significant. 

Two  types  of  diffuser  which  eliminate  the  need  for  divergent  walls  have  been  discussed  in  recent 
years.  They  are  extremely  similar  in  many  ways  and  both  owe  their  derivation  to  experiments  on  'Cusp 
type'  diffusers.  Having  discovered  that  a standing  vortex  will  not  normally  stabilize  in  a cusp  under 
steady  flow  conditions,  attempts  were  made  to  restore  the  situation  by  use  of  suction  directly  from  the 
vortex.  In  this  way,  it  was  hoped  that  high  energy  fluid  would  be  entrained  directly  from  the  mainstream 
in  order  to  replace  the  quantity  bled-off,  and  thereby  restore  the  vortex  strength.  The  original  work 
using  this  technique  is  reported  in  reference  (37).  A sketch  of  the  apparatus  used  is  shown  as  fig. 30 
where  suction  was  applied  by  means  of  locating  orifices  in  the  side  walls  of  a 2-dimensional  diffuser. 

The  orifices  were  intended  to  bleed  off  fluid  directly  from  the  vortex  core.  These  tests  were  only 
partially  successful  in  that  pressure  recoveries  were  modest  and  that  relatively  large  quantities  of 
suction  had  to  be  applied.  It  seems  likely  that  much  of  the  bled  air  originated  from  the  boundary  layer 
on  the  side  walls. 

The  problem  was  overcome  by  the  same  researcher,  as  reported  in  reference  (38),  by  using  a small 
downstream  facing  slot  at  the  top  of  a step  in  the  diffuser  wall,  as  shown  in  figure  31.  This 
technique  produced  successful  diffusers  with  static  pressure  recoveries  extremely  close  to  the  ideal 
and  which  required  modest  bleed  rates  in  the  order  of  4%.  The  length  needed  for  this  diffusion  was 
remarkably  short,  being  equal  to  approximately  one  exit  pipe  diameter.  The  boundary  layer  used  at 
diffuser  inlet  during  these  tests  was  thin. 

While  unaware  of  these  experiments,  a research  programme  was  started  at  C.I.T.  and  initial 
experiments  were  first  reported  in  reference  (39).  The  study  was  similar  to  that  of  ref. (37)  apart 

from  the  fact  that  the  bled  air  was  taken  from  along  the  length  of  the  vortex  by  removing  it 
tanqentiallv  through  a slit,  as  shown  in  fig. 32.  This  work  was  hampered  by  flow  separation  from  the 
parallel  side  walls. 

Work  at  C.I.T.  was  continued  using  a pipe  diffuser  derivative  of  that  shown  in  fig. 32.  and  is 
described  in  ref. (40).  A problem  was  encountered,  however  in  that  substantial  quantities 

of  bleed  had  to  be  removed  before  the  desired  vortex  mechanism  could  be  stabilised. 

The  problem  was  overcome,  following  a study  using  water  flow  visualisation,  which  showed  that 
initially  the  bleed  flow  originated  from  the  downstream  region  of  the  step  where  the  fluid  was 
virtually  stagnant.  In  order  to  prevent  this  occurence,  a fence  was  fitted  part  way  downstream  of 
the  step  and  the  result  was  an  immediate  reduction  of  bleed-quantity  and  an  almost  ideal  static 
pressure  rise  coefficient. 


! 


The  diffuser  technique  has  since  been  developed  using  diffusers  of  different  configurations 
and  varying  degrees  of  flow  distortion  at  inlet.  Some  of  this  work  is  reported  in  the  Cranfield 
Theses  listed  in  the  Bibliography  and  sunmarized  in  reference  41.  In  this  reference  empirical 
equations  are  presented  which  relate  the  amount  of  bleed  required  to  the  area  ratio  and  diffuser 
configuration.  A method  of  predicting  the  effect  of  flow  non-uniformity  at  inlet,  on  the  overall 
pressure  recovery,  is  also  given.  This  is  based  on  the  kinetic  energy  coefficient,  <*,  rather  than 

the  more  usual  'blockage  factor1.  It  is  also  suggested  that  there  is  a limiting  area  ratio  that 

can  be  used,  which  is  dependent  on  inlet  flow  conditions.  If  this  area  ratio  is  exceeded  then 
there  will  be  a reduction  in  static  pressure  recovery  and  flow  instability  will  result.  The 
remaining  figures  in  this  paper  are  derived  from  reference  41. 


6.  Conclusion 


It  has  been  shown  that,  so  far,  efficient  short  diffusers  have  only  been  produced  when  either 
boundary  layer  injection  or  suction  techniques  are  employed.  This  auxiliary  flow  usually  requires  some 
pumping  mechanism  and  the  energy  required  by  this  must  be  offset  against  the  performance  of  the 
diffuser.  Unless  factors  such  as  the  improvement  in  performance  of  components  downstream  of  the 
diffuser  together  with  reductions  in  weight  are  also  taken  into  account,  the  benefits  to  be  obtained 
from  these  more  complex  diffusers  may  appear  to  be  marginal. 
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APPENDIX  1(a) 

The  Effect  of  Aspect  Ratio,  a,  on  Two-Dimensional  Diffusers. 

In  order  to  appreciate  this  then  both  geomefnc  factors  and  the  influence  of  transverse 
flows  need  to  be  considered. 

Geometric  Factors 


TWO-DIMENSIONAL  DIFFUSER 


We  will  assume  that  the  diffuser  width  (perpendicular  to  the  paper)  is  'S'.  The  area  ratio  can 
be  expressed  as 

AR  = 1 + 2 .(L/w , ) tan  $ ....  (i) 


Differentiating  (i)  with  respect  to  L gives 


2 

TTT 


tan  t 


As  shown  previously. 

d(C| 

1 


Then 


i&h.o  ■ 2 


n-  tan 


Using  the  previous  definition  for  hydraulic  diameter 
n _ 2-S.W 

Dh  s s~nr 

or  in  terms  of  'aspect  ratio'  a (a  = ^/w) 

n 2.a.W 

Dh  * TTT 

Then  our  ' G*  parameter,  G = D^  . (^j£)  , can  be  derived  directly  from  (iii)  as 

2 * “ fd(C] 


^ L=0 


b = TT+aJ 

rearranging  for  f gives 

♦ opt  " tan 
for  diffusers  of  large  aspect  ratio  where  a 

then  $opt  A tan'''' 


8 ) tan  l 
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(11) 


(iii) 


(iv) 

(v) 

(Vi) 

(vll) 
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When  'a1  becomes  less  than  about  4.0,  then  equation  (vi)  predicts  that  the  progressive  increase 
of*  opt  now  becomes  significant  as. 'a'  is  reduced. 

It  is  likely,  however,  that  values  of  G will  become  influenced  by  aspect  ratio. 

Flow  Factors 

Due  to  differences  in  boundary  layer  growth  between  the  divergent  walls  and  the  side  walls 
a secondary  flow  pattern  develops  which  is  perpendicular  to  the  major  axis.  This  has  a 
beneficial  effect  because  it  encourages  flow  into  the  boundary  layers  on  the  divergent  walls 
and  thereby  delays  flow  separation  The  proportion  of  cross  sectional  area  influenced  by 
secondary  flow  will  depend  on  the  aspect  ratio  as  is  illustrated  in  the  sketch  below. 


SECONDARY 


From  the  sketches  it  is  apparent  that  the  best  mixing  is  achieved  when'a'  is  unity  since  the 
critical  boundary  layers  are  recharged  directly  from  mid  channel.  It  can  be  argued  that  the 
optimum  aspect  ratio  at  diffuser  inlet  will  be  marginally  greater  than  unity  so  that  the  optimum 
mixing  occurs  just  downstream  of  the  diffuser  inlet. 

The  influence  of  aspect  ratio  when  substantially  different  from  unity  will  depend  on  the  extent 
to  which  the  tertiary  flows  penetrate  into  the  main  stream  and  then  convey  energy  into  the 
secondary  flows.  Most  favourable  conditions  are  likely  to  arise  when  W is  an  even  multiple  of  S 
but  experimental  confirmation  is  not  yet  available. 


APPENDIX  3(a) 

Area  Ratio  Part  Way  Down  a Straight  Conical  Diffuser 


....  (D 

....  (ii) 

CONTINUED 
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Square  rooting  (i)  and  (ii)  and  subtracting  1 from  both  sides 
>/ARl  - \ - 2L/D,  tan  ♦ 


| VrAR)<  - 1 - 2X/Di  tan  * 

Equation  (iv)  *■  Equation  (iii)  gives 
X/L  . ^ ~ 1 
>Tarl  - 1 

where 

ARx  * r«/L  . ( /ARL  - I)  + 1 ] 


(iv) 


(v) 


(vi) 


I 


d 


PRESSURE  LOSS 


TURBULENT  LOSSES 


Fig.  1 Diffuser  pressure  loss  with  area  ratio  and  inlet 
conditions  assumed  constant 


Fig.2  Static-pressure  recovery  coefficient,  for  conical  diffusers  without  tailpipes, 
fully-developed  entry  flow.  (ESDU  75026) 


CURVES  DEDUCED  FROM  ESDU  74015  FOR 
2- DIMENSIONAL  DIFFUSERS 
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Fig.6  Comparison  between  correlating  equation  and  experimentally  determined  curves 
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Fig.  10  (AfterRef.il) 


* 


■ « 

4 


( 


M,-  10,  a-025 

L/^*12 . 2t>*6° 


Fig.  11  (AfterRef.il) 
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Relationship  between  Cp,  Fig.13  Variation  of  ideal  pressure  recovery  near  the  front  of  a 

and  Mach  number  diffuser  with  inlet  Mach  number 


BELL  SHAPED 


TRUMPET  SHAPED 


M3 


Mixing  device*. 
Fig.  17  (After  Ref.  14) 
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Fig.22  Moving  wall  diffuser  (4- 1 area  ratio  shown, 
area  suction  between  dotted  lines)  (After  Ref.  18) 


• CENTER  OF  VORTEX 
(MEASUREMENT) 


PROFILE  AT  INLET 


PROFILE  AT 
AREA  RATIO  OF  2:1 


PROFILE  AT 
AREA  RATIO  OF  3:1 


Fig.26  Development  of  velocity  profile  down  a diffuser 
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DRAG  REDUCTION  BY  COMPLIANT  WALLS  THEORY 

t>y 

Priv  - Do  z Dr  G Zimmermann 
Max  - Planck -Insti  tut  fUr  Strdmungsforschung 
D 3400  Gdttingen 
Germany 


SUMMARY 

A discussion  of  general  properties  of  a compliant  wall  required  for  drag  reduction  is  given.  The  diffi- 
culties of  a theoretical  treatment  of  the  compliant  wall  problem  and  the  simplifications  and  assumptions 
made  to  overcome  these  difficulties  are  discussed  at  two  exemplary  theories:  one  dealing  with  the  sta- 
bility of  a stationary  laminar  boundary  layer  over  a compliant  wall,  the  second  dealing  with  the  turbu- 
lent boundary  layer /compliant  wall  interaction  problem.  Special  emphasis  is  given  to  the  coupling  con- 
ditions between  fluid  flow  and  compliant  wall. 

List  of  Symbols 

Tensor  notation:  u."  (including  summation  convention)  and  symbolic  notation:  u are  used  in  parallel 
Latin  indices  assume  values  1,  2 and  3 corresponding  to  the  *,  y-  and  z-direction.  Greek  indices  assume 
values  1 and  2 corresponding  to  the  x-  and  y-direction.  d,  and  V 
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IU 
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V . V 


J 


constants 

velocity  of  Tollmien-Schlichting  waves 

velocity  of  free  waves  in  the  compliant 
wall 

auxiliary  functions  (stability  problem) 

"iscous  solution  of  Orr-Sommerfeld  eq. 
shear  modulus 

special  solution  of  Navier-Stokes  eq. 

imaginary  unit 
imaginary  part  of 
wave  number 
power 

normal  on  flow/wall  interface: 
pressure 

abbreviation  for  linearized  convection 
terms 

position  vector 
Reynolds  number 
real  part  of 
time 

coupling  force 

velocities 

displacement 


subscript  , for  values  at  z « 0 

superscript  im  and  for  zero  and  first  order  in  £ 
superscript  A for  Fourier  transform 
superscript  for  time  mean 


denote  spatial  differentiation, 
rectangular  coordinates 
Y,  Y»»  wall  admittance 

e<  wave  number  of  Tollmien- 

Schlichting  waves 


T'Ti.Tn  decaY  parameters 

K 

5. 


e 

*C" 
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17 


strains 

boundary  layer  displacement 
thickness 

coupling  parameter 
kinematic  viscosity 
density  of  fluid 
stress  tensor 
stream  function 
solution  of  Rayleigh  eq. 
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1.  The  Problem  In  1957  M.  O.  Kramer  [1)  published  a first  report  on  his  experiments  to  reduce  the  drag 
of  towed  underwater  bodies  by  covering  them  with  compliant  or  flexible  coatings.  He  thus  not  only  trig- 
gered considerable  research  activity  in  this  field  for  the  ten  years  following  his  first  report,  with  con- 
tinuing interest  up  to  the  present  time;  he  also  predetermined  to  some  degree  the  idea  of  a flexible  skin 
or  flexible  body  for  drag  reduction  purposes. 

While  there  is  just  one  rigid  body  of  a given  geometry  there  is  for  the  same  geometry  an  infinite  variety 
of  flexible  bodies  or  bodies  with  flexible  skins,  differing  in  material  composition.  In  his  experiments 
Kramer  in  his  choice  of  compliant  coating  was  guided  by  theoretical  considerations  and  his  observation 
of  swimming  dolphins.  Although  Kramer  may  have  been  wrong  in  his  initial  theoretical  considerations  he 
certainly  had  realized  the  problem  of  selecting  the  proper  compliant  material  for  the  purpose  of  drag  re- 
duction. Just  picking  any  material  at  random  will  in  almost  all  cases  lead  to  negative  results.  One  may 
suspect  that  some  of  the  experiments  following  Kramer' s initial  tests  remained  unsuccessful!  because  of 
this  fact. 

Thus  while  realizing  that  the  step  from  the  rigid  body  to  the  body  with  a compliant  surface  is  the  step 
from  one  single  configuration  to  a wide  variety  of  configurations  one  should  also  realize  that  the  current 
problem  should  be  carefully  separated  from  related  topics. 

These  related  fields  may  be  roughly  characterised  as: 

(i)  animal  propulsion  through  fluids,  such  as  the  swimming  of  fish; 

(ii)  flutter  problems,  including  such  topics  as  excitation  of  ocean  surface  waves  by  wind; 

(iii)  fatigue  problems. 

In  case  (i)  above  body  flexibility  is  the  means  of  pr  pulsion.  The  body  motion  for  propulsive  purposes  is 
large  scale:  amplitude  and  wave  length  are  of  the  order  of  magnitude  of  typical  body  dimensions.  In 
addition  and  as  a separate  effect  there  may  be  a favourable  (in  the  sense  of  drag  reduction)  influence  of 
small  scale  motion  of  the  compliant  body  surface  on  the  adjacent  boundary  layer.  Prom  a power  balance: 
muscle  power  versus  drag,  Kramer  concluded  that  such  a drag  reducing  effect  must  be  present  in  the 
dolphin’ s skin,  which  led  Kramer  to  the  design  of  his  artificial  dolphin’ s skin.  However,  as  has  been 
pointed  out  by  J.  Gray  the  drag  of  a live  dolphin  may  be  quite  different  from  that  of  a ’ rigid’  dolphin. 

In  flutter  problems,  case  (ii)  above,  the  focus  is  on  the  structural  side.  Fluid  dynamics  plays  a subsi- 
diary role  in  that  it  supplies  the  aerodynamic  forces,  mainly  pressure  forces,  that  excite  flutter  motion. 
Back  reactions  of  the  flutter  motion. on  the  flow  are  of  interest  only  insofar  as  they  change  these  forces. 
Ships,  having  less  of  a weight  problem  then  aircraft  are  simply  built  sufficiently  strong  and  rigid  to  avoid 
flutter  problems.  - — 

Similar  remarks  apply  to  fatigue  problems,  case  (iii)  above.  Fluid  dynamics  only  supplies  the  wall 
pressure  fluctuations  underneath  turoulint  boundary  layers  that  excite  structural  vibrations,  which  may 
lead  to  material  fatigue  and  thus  structural  failure.  The  vibration  amplitudes  are  in  general  small  even 
compared  to  the  viscou6  sublayer  of  the  boundary  layer.  Back  reactions  on  the  flow  may  therefore  safely 
be  ignored. 

The  drag  that  a body  experiences  when  in  motion  relative  to  a fluid  may  be  ascribed  to  three  different 
mechanisms:  (i)  wave  drag,  due  to  energy  radiated  away  from  the  body  through  excitation  of  waves,  e.  g. 
Mach  waves  (sonic  boom)  in  supersonic  flight  or  surface  waves  in  surface  ships;  (ii)  pressure  drag,  the 
component  in  main  flow  direction  of  the  integral  pressure  force.  No  pressure  drag  is  felt  by  a body 
moving  through  an  ideal  inviscid  fluid  at  constant  velocity(d’  Alembert' s paradoxon).  One  expects  little 
pressure  drag  for  a body  moving  through  a real,  viscous  fluid  at  small  constant  velocities.  When  at 
higher  constant  relative  velocities  the  boundary  layer  becomes  at  least  partially  turbulent  pressure  re- 
covery at  the  rear  part  of  the  body  will  become  increasingly  incomplete  due  to  higher  viscous  tosses 
leading  to  a higher  pressure  drag.  Eventually  boundary  layer  separation  will  occur  and  a wake  wilt  be 
formed.  Pressure  drag  then  is  serious;  (iii)  viscous  drag:  Due  to  viscosity  a body  moving  through  a 
fluid  also  experiences  tangential  viscous  forces,  directly  related  to  the  viscous  dissipation  in  the  boun- 
dary layer.  When  the  boundary  layer  becomes  turbulent  and  the  viscous  dissipation  is  increased  a drastic 
rise  in  the  viscous  drag  is  felt.  From  the  remarks  on  pressure  drag  it  is  clear  that  viscosity  also  has  an 
indirect  influence  on  pressure  drag. 

Compliant  walls  for  drag  reduction  purposes  are  meant  to  directly  interfere  with  the  boundary  layer, 
laminar  or  turbulent,  thus  influencing  and  hopefully  reducing  viscous  drag.  An  indirect  influence  on 
pressure  drag  cannot  be  excluded.  To  this  end  typical  wavelengths  of  the  compliant  wall  surface  move- 
ments will  have  to  be  of  the  order  of  the  boundary  layer  thickness  at  the  most.  Very  smalt  wavelengths 
will  be  felt  as  an  additional  roughness,  increasing  viscous  drag.  Very  large  wavelengths  will  be  felt  as 
a change  in  body  contour,  with  effects  that  should  be  discussed  undrr  the  heading  of  aerodynamic  shaping 
for  reduced  drag.  Typical  wave  amplitudes  will  have  to  be  smaller  than  the  boundary  layer  thickness, of 
the  order  of  the  thickness  of  the  viscous  sublayer.  It  is  also  obvious  from  structural  considerations, 
that  wave  amplitudes  should  be  of  the  order  of  wavelengths  or  less. 


Accordingly  we  will  define  a body  with  a compliant  surface  for  drag  reduction  purposetas  a body  with  a 
well  defined  undeformed  shape,  the  surface  of  which,  when  in  contact  with  the  fluid  flow  around  it,  can 
exercise  movements  with  wavelengths  of  the  order  of  the  boundary  layer  thickness  and  amplitudes  of  the 
order  of  the  viscous  sublayer  thickness.  When  the  body  moves  through  the  fluid  at  constant  velocity  a 
statistically  stationary  turbulent  boundary  layer  flow/compliant  wall  motion  will  occur.  This  state  may 
in  some  aspects  differ  considerably  from  the  turbulent  boundary  layer  flow  around  the  corresponding 
rigid  body,  i.  e.  a rigid  body  having  the  shape  of  the  compliant  body  in  its  undeformed  state.  The 
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material  composition  and  internal  structure  of  the  compliant  wall  has  to  be  determined  in  such  a way, 
that  the  body  with  compliant  walls  experiences  less  drag  than  the  corresponding  rigid  body.  That  is  the 
problem  ! 


It  has  been  said  that  the  objective  of  using  compliant  walls  is  drag  reduction.  Perhaps  it  would  be  more 
precise  to  say  that  the  objective  is  power  reduction  or  saving  energy  (or  even  cost). 

Let  us  look  at  two  similar  bodies:  a rigid  body  and  a body  with  a compliant  wall  having  in  its  undeformed 
state  the  same  shape  as  the  rigid  body  In  order  to  move  either  of  these  two  bodies  through  a fluid  at  a con- 
stant velocity  a certain  proputsive  power  is  required  In  the  case  of  the  rigid  body  the  entire  power  is 
losi  to  the  flow,  partly  through  viscous  dissipation  and  partly  through  radiation  of  energy.  In  the  case  of 
the  compliant  wall  the  boundary  layer  flow  may  be  changed  in  such  a way  that  power  lost  to  the  flow  is  con- 
siderably decreased  If  however  in  the  case  of  a passive  compliant  wall  this  change  is  achieved  through 
large  internal  damping  of  the  wall,  then  the  power  lost  in  the  wall  may  offset  the  power  saved  in  the  flow 
leading  to  a negative  net  result  In  the  case  of  an  active  compliant  wall  additional  power  is  required  f - 
the  driving  mechanism  of  the  wall.  One  expects  that  on  the  average  power  flows  from  the  wall  into  the 
flow  This  may  result  in  additional  propulsive  forces  or  equivalently  a reduction  in  drag.  Again  if  the 
power  saved  in  the  flow  in  this  way  is  offset  by  the  power  consumed  by  the  driving  mechanism  of  the 
active  compliant  wall  the  net  result  is  negative.  Following  these  rather  general  preliminary  remarks  a 
discussion  of  basic  concepts  for  attacking  the  compliant  wall  problem  from  the  theoretical  side  and  the 
difficulties  involved  will  be  given. 
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2 Compliant  Walls-Theory  It  is  convenient  to  discuss  the  topics  of  this  section  at  the  example  of  a 
typical  flow  situation.  For  this  example  the  flow  of  an  incompressible  fluid  at  zero  pressure  gradient 
over  a semiinfinite  and  in  its  unde- 
formed state  plane  plate  is  chosen. 

According  to  Fig  1 a rectangular 
(x,  y,  z)-coordinate  system  is  intro- 
duced. It  is  conventional  otherwise 
to  chose  the  distance  from  the  wall 
as  the  y-coordinate.  The  present 
notation,  however,  leads  to  more 
compact  formulae  below.  p y| 

All  quantities  are  assumed  to  be  nondimensional.  A typical  length  is  the  displacement  thickness  <£,  (x) 
(for  a typical  downstream  distance),  a tvpical  time  is  U»?(L<d  = upstream  flow  velocity),  a typical 
velocity  then  is  and  a typical  stress  or  pressure  is  = constant  density  of  the  fluid). 

Under  the  ideal  assumption  of  exactly  parallel  flow  Uqo  upstream  of  the  plate.theory  predicts  for  the 
rigid  plate  the  wellknown  stationary,  laminar  and  in  the  present  case  two-dimensional  boundary  layer 
vr  'h  the  Blasius  velocity  profile  U(z). 


In  a practical  case,  even  in  a carefully  controlled  experiment  these  ideal  upstream  conditions  will  never 
be  met  exactly.  Rather,  the  flow  upstream  will  always  deviate  from  the  exactly  parallel  condition  by 
small  disturbances  Due  to  an  instability  of  the  laminar  boundary  layer  these  disturbances  will  become 
more  or  less  amplified  in  the  boundary  layer  leading  eventually  to  its  fully  developed  turbulent  state. 

The  instability  of  laminar  boundary  layers  is  now  sufficiently  well  understood,  as  well  experimentally 
as  theoretically  Stability  theory  restricts  attention  to  small  disturbances  On  the  one  hand  this  is  in 
agreement  with  important  practical  and  experimental  situations.  On  the  other  hand  this  allows  for  con- 
siderable mathematical  simplification:  terms  in  the  flow  equations,  consisting  of  products  of  the  small 
disturbances,  may  be  neglected,  leading  to  a linear  stability  theory.  Linear  theory  predicts  onset  of 
instability  for  critical  Reynolds  numbers  (and  beyond).  With  the  above  geometry  the  Reynolds  number 
is  based  either  on  the  distance  x from  the  plate  edge  or  the  x-dependend  boundary  layer  displacement 
thickness  J.(x)~  r?.  Thus  the  Reynolds  number  is  a local  Reynolds  number.  The  critical  Reynolds 
number  then  corresponds  to  a critical  distance  from  the  plate  edge,  i.  e.  the  point  of  Indifference.  From 
this  point  downstream  temporally  amplified  spatially  harmonic  disturbances  occur  with  wave  numbers 
from  a wave  number  regime,  that  is  initially  small  but  grows  downstream.  These  disturbances  grow 
exponentially  in  time  until  their  amplitudes  have  become  so  large,  that  the  linear  theory  breaks  down. 
Before  this  happens  linear  stability  theory  is  able  to  correctly  predict  the  point  of  indifference  and  the 
behaviour  of  the  disturbances  for  a certain  distance  downstream  of  the  point  of  indifference.  From  then 
onwards  higher  order  terms  in  the  flow  equations  or  even  the  full  equations  have  to  be  used.  Experi- 
mentally one  still  observes  initially  spatially  more  or  less  harmonic  disturbances.  Then,  further  down- 
stream, isolated  patches  of  turbulence  appear  until  the  boundary  layer  is  fully  turbulent.  Thus  in  con- 
trast to  the  point  of  indifference  there  is  no  transition  point  at  which  the  laminar  boundary  layer  abruptly 
turns  fully  turbulent.  Rather,  transition  occupies  a whole  section  of  the  boundary  layer  from  the  point 
of  indifference  downstream  to  the  fully  turbulent  part  of  the  boundary  layer. 

As  a first  explanation  for  his  rather  successful  experiments  (50  % - 60  % drag  reduction)  Kramer  suggested 
that  his  compliant  wall  influenced  the  stability  of  the  laminar  boundary  layer  in  such  a way  as  to  shift  the 
point  of  indifference  downstream.  This  would  lead  to  the  turbulent  part  of  the  boundary  layer  occupying 
a smaller  fraction  of  the  body  surface  and  thus  to  reduced  drag. 

Kramer's  suggested  explanation  led  theory  to  focus  its  attention  at  first  on  the  influence  of  compliant 
walls  on  laminar  boundary  layer  stability  and  transition.  While  a small  positive  influence  could  be  esta- 
blished this  could  not  explain  the  50  % - 60  % drag  reduction  reported  by  Kramer.  Including  the  compliant 
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wall  boundary  conditions  into  conventional  rigid  wall  stability  theory  does  not  present  severe  difficulties. 
The  restriction  to  small  amplitude  disturbances  remains  with  the  same  justification  as  in  the  rigid  wall 
case  The  wall  motion  can  then  be  described  by  a linear  (elastic  or  visco-elastic  etc  ) theory,  i.  e. 
essentially  by  a wall  admittance  or  wall  impedance  The  rigid  wall  boundary  conditions  for  the  flow 
disturbances,  i.  e vanishing  disturbance  velocities  at  the  wall,  are  then  replaced  by  linear  and  homo- 
geneous relationships  between  disturbance  velocities  and  disturbance  stresses  at  the  wall.  Otherwise 
the  equations  of  stability  theory  for  the  rigid  wall  case  remain  valid.  Especially  the  differential  equation 
of  conventional  stability  theory,  i e.  the  Orr-Sommerfeld  equation,  and  its  asymptotic  solutions  for  large 
Reynolds  numbers  remain  valid  and  can  be  taken  over  directly  These  points  will  be  discussed  in  a tittle 
more  detail  below 


When  it  turned  out  that  Kramer's  reported  results  could  not  be  explained  by  an  effect  of  the  compliant 
wall  on  laminar  boundary  layer  stability  and  transition  the  attention  of  theory  turned  to  the  problem  of 
direct  interaction  between  the  compliant  wall  and  the  fully  turbulent  part  of  the  boundary  layer  This  is 
a much  more  difficult  problem  then  the  stability  problem  sketched  above.  There  exists  no  exact  analy- 
tical representation  of  the  turbulent  boundary  layer,  nor  even  a complete  statistical  description.  There- 
fore experimentally  obtained  knowledge  on  the  turbulent  boundary  layer  (for  the  rigid  wall  case)  has  to  be 
introduced  This  can  be  done  by  using  turbulence  models  from  the  beginning  or  by  proceeding  with  the 
calculations  as  far  as  possible  introducing  measured  data  only  at  intermediate  or  final  steps.  This  accounts 
for  a number  of  different  theories  that  have  been  proposed  It  turns  out  to  be  rather  difficult  to  estimate 
the  relative  errors  in  the  predictions  of  these  theories  or  to  compare  results  of  different  theories. 


All  these  theories  (at  least  as  far  as  they  are  known  to  the  present  author)  have  one  point  in  common: 
they  fulfill  the  coupling  conditions  between  flow  and  compliant  wall  at  the  undeformed  position  of  the  inter- 
face (i.  e at  z -o).  while  correctly  these  conditions  should  be  fulfilled  at  the  instantaneous  deformed  and 
initially  unknown  position  of  the  interface.  This  is  a tolerable  approximation  only  if  the  amplitudes  of  the 
interface  deformation  are  in  some  sense  small.  This  is  not  always  stated  by  the  theories  and  mostly  no 
justification  is  given  for  restricting  to  small  amplitudes  The  justification  of  linear  stability  theory  for 
a similar  restriction  is  no  longer  available:  the  turbulent  boundary  layer  contains  small  and  large  fluc- 
tuations. A physical  explanation  for  the  wall  motion  amplitudes  to  remain  small  is  that  the  wall  material 
is  relatively  stiff  as  compared  to  fluid  forces  exerted  on  it  by  the  turbulent  boundary  layer  flow.  These 
forces  are  of  the  order  of  = constant  density  of  the  fluid),  A typical  elastic  modulus  of  the 

wall  material  is  the  linear  shear  modulus  G.  The  physical  condition  for  small  amplitude  wall  motion  then 
is  «. 


(2.  1)  £.*  «•  1 ■ 

With  E tending  to  zero  the  wall  will  tend  to  the  rigid  wall  limit.  For  small  amplitude  motion  (o«.  t « 1) 
the  presence  of  the  compliant  wall  thus  constitutes  a small  disturbance  only  of  a basic  state  which  is  the 
turbulent  boundary  layer  flow  along  the  completely  rigid  wall  (£  = o).  There  is  no  point  in  linearizing 
the  equations  governing  the  wall  motion,  while  for  the  fluid  motion  the  full  nonlinear  equations  are  re- 
tained. Consequently  a number  of  theories  have  been  put  forward,  which  use  linearized  flow  equations, 
linearized  about  the  turbulent  boundary  layer  flow  along  a rigid  wall. 


A proper  way  of  doing  this  is  by  making  an  asymptotic  expansion  of  the  full  problem  with  respect  to  the 
small  coupling  parameter  E 


The  undisturbed  state  is  the  turbulent  boundary  layer  flow  along  the  rigid  wall,  and  is  assumed  to  be 
known  In  practice  knowledge  of  this  undisturbed  state  is  incomplete,  only  given  through  average  velocity 
profiles,  correlations  etc.  A more  recent  argument  is  that  the  turbulent  boundary  layer  consists  to  some 
degree  out  of  deterministic  events,  such  as  the  sweep/burst-cycle.  However  these  concepts  do  not  yield 
easily  to  quantitative  treatment.  To  repeat,  approximately  fulfilling  the  coupling  conditions  between  fluid 
flow  and  wall  motion  at  the  undeformed  interface  means  restricting  to  small  amplitude  wall  motion  which 
in  turn  implies  an  asymptotic  expansion  of  the  compliant  wall/turbulent  boundary  layer  interaction  pro- 
blem with  respect  to  the  small  coupling  parameter  t . Some  of  the  theories  using  more  or  less  expli- 
citly such  an  asymptotic  expansion  are  reviewed  below  in  a little  more  detail. 


It  should  be  mentioned  that  the  restriction  to  small  amplitude  wall  motion  also  justifies  the  use  of  turbu- 
lence models  in  the  compliant  wall/turbulent  boundary  layer  interaction  problem.  These  turbulence  models 
are  in  all  cases  derived  from  measurements  and  observation  in  turbulent  boundary  layers  along  rigid 
walls.  Clearly, transfer  of  these  models  to  the  compliant  wall  turbulent  boundary  layer  would  be  impossible 
when  large  scale  wall  motion  would  have  led  to  the  development  of  a completely  different  boundary  layer. 

One  may  wonder  whether  the  explicit  restriction  to  small  amplitudes  of  the  wall  motion  does  not  diminish 
the  effect  of  thes  motion  on  the  turbulent  boundary  layer  to  insignificance.  However  it  is  general  ex- 
perience with  asymptotic  expansions  that  they  are  able  to  correctly  describe  the  basic  physical  effects 
and  that  their  results  are  often  applicable  beyond  the  restriction  1. 

Two  basic  types  of  theories  on  the  problem  of  drag  reduction  by  compliant  walls  have  been  recognized 
above:  those  theories  which  deal  with  the  influence  of  compliant  walls  on  stability  and  transition  of  lami- 
nar boundary  layers  (case  I)  and  those  theories  dealing  with  the  compliant  wall/turbulent  boundary  layer  inter- 
action problem  (referred  to  as  case  II  below).  Examples  of  both  types  of  theories  willbe  reviewed  below. 

However  before  this  is  done  it  is  recognized  that  both  types  of  theory  have  one  point  in  common:  the 
linearization  of  the  coupling  conditions  at  the  interface.  Difficulties  connected  with  this  linearization  will 
be  discussed  in  the  next  section. 
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2.  1 Linearized  Coupling  Conditions  The  coupling  conditions  between  fluid  flow  and  compliant  wall 
motion  are  twofold;  they  require  continuity  of  velocities  u: 

(2.  2)  < > » 0" 

and  forces 

(2.:<)  <T">n.  = cr 


across  the  interface.  Here  cl‘*  is  the  stress  tensor  (in  the  fluid  or  in  the  wall  material).  'f\"  is  the  unit 
normal  on  the  interface  pointing,  without  restriction  of  generality,  into  the  flow.  < ■ > denotes  the 

jump  of  the  quantity  . . . across  the  interface.  Conditions  eq.  (2.  2)  and  eq.  (2.  3)  have  to  be  fulfilled  at 
the  position  of  the  deformed  interface,  initially  unknown  and  only  to  be  determined  in  the  course  of  the 
calculation, likewise  fl*  is  the  normal  on  the  deformed  interface. 

(Note:  symbolic  notation  u and  tensor  notation  u.1  will  be  used  in  parallel,  whichever  is  most  convenient. 
Index  values  i = 1, 2,  3 refer  respectively  to  the  x,y,  z-direction.  Formulae,  obtained  below,  can  be 
written  in  a more  compact  way,  when,  in  addition,  greek  indices  are  introduced,  which  are  restricted  to 
the  values  1 and  2:  c = 1,2  etc.  An  additional  subscript  0 will  be  used  to  indicate  values  at  the  unde- 

formed position  of  the  interface,  i.  e.  at  z - o.  Thus,  e.  g.  , with  r or  r1  indicating  the  position  vector, 
rQ  or  rl  is  its  component  in  the  undeformed  wall  plane  and  r = (£o,  z)  - (f'" , z).  ) 


Above  two  cases  had  been  differentiated,  case  I:  stability  of  a stationary  laminar  boundary  layer  over  a 
compliant  wall,  and  case  II:  a fully  turbulent  boundary  layer  influenced  by  a compliant  wall.  In  both 
cases  linearization  with  respect  to  a small  parameter  fc  about  a basic  state  has  been  used.  In  case  I 
C is  a smalt  disturbance  amplitude  and  the  basic  state  is  the  stationary,  laminar  boundary  layer  over  the 
compliant  wall  in  its  undeformed  state.  In  case  II  £ is  a small  coupling  parameter  and  the  basic  state  is 
the  fully  turbulent  boundary  layer  flow  along  a completely  rigid  wall.  Although  physical  mechanisms  are 
quite  different  expansion  with  respect  to  £ of  the  coupling  conditions  between  fluid  flow  and  compliant 
wall  may  be  carried  out  for  both  cases  in  common.  To  this  end  all  unknown  quantities  are  expanded  into 
asymptotic  series  with  respect  to  £,  , e.  g.  the  velocities  u and  the  displacements  v (in  the  wall  ma- 
terial) : 


(2.  4) 


a = +■  e-i±  -t-  (7i  tl) 

ir  - ic  + e +<Tc£.1'), 


where  the  symbol  O’ ( E1  } denotes  terms  that  are  of  order  E,1  small  or  smaller.  In  the  limit 

the  compliant  wall  was  to  tend  towards  its  undeformed  state.  This  means  — 0"  . The  first  order 

displacements  jr  have  to  be  computed  from  a linear  (elastic  or  visco-elastic  etc.  ) theory.  It  is  charac 
teristic  of  such  theories,  that  they  render  the  displacements  of  a material  point  as  a function  of  the 
undeformed  position  of  that  point.  Accordingly,  if  r0  is  the  position  of  a material  point  of  the  interface 
in  its  undeformed  state  (at  z = o)  then 

(2.  5)  +CTct*5 


is  the  position  of  the  same  material  point  on  the  deformed  interface.  rQ  here  plays  the  role  of  a materi- 
al coordinate.  Hence,  the  interface  velocity  is  determined  by  taking  the  derivative  of  eq.  (2.  5)  with  respect 
to  time,  keeping  rQ  constant: 

(2.  6)  E ^cr.,E.)  + CTc  e'l  . 

31 

Eq.  (2.  6)  shows  that  this  velocity  results  as  a function  of  the  undeformed  position  r0  of  the  material  point 
and  the  time  t,  i.  e.  the  velocity,  eq.  (2.  6),  is  given  at  the  undeformed  interface. 

CO) 

It  has  already  been  said  that  the  undisturbed  fluid  velocity  u is  the  velocity,  in  a laminar  (case  I)  or 
a turbulent  (case  II)  boundary  layer  along  the  rigid  wall.  Thus  **’  has  to  vanish  at  the  undeformed 
position  of  the  interface 

m m 

(2.7)  U.3  t^CI.,0  - O'. 

The  disturbed  velocity  at  the  deformed  interface  is 

ucr.  +1  It.  ♦O-(O-).l-)  + 1 1AEL.  + 1 v.  ♦ CTcOi.t')  + act') 

(2.8)  = i?(r..O  ♦ i {[c£I-v)‘5].f  u.J  + O’u') 

C1T.  J + CT ct*}, 

where  the  additional  subscript  . indicates  quantities  at  the  undeformed  interface,  i.  e.  at  z = o.  7 is 
the  symbol  for  the  gradient.  The  first  coupling  condition  eq.  (2.  2)  requires  eq.  (2.  6)  r i eq.  (2.  8)  to  be 
equal.  This  results  in 

(2.9)  u.  - - 1 cat.- y) ill.  , 
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which  is  the  boundary  condition  for  the  velocity  disturbances  ‘u’.  Eq.  (2.  7)  states  that  the  undisturbed 
velocity  field  ‘u*  vanishes  at  the  undeformed  interface,  i.  e.  at  z o for  all  x and  y,  hence,  also 


(2.  10) 


S 'A.  _ = cr 

5 x 


Thus  eq.  (2.  9)  may  be  simplified: 

CO;  -v  co  . CO  % 

u.;  = 9 v.'  - V.*  (9a 


(2.  11) 


at 


The  first  term  on  the  right  hand  side  arises  naturally.  The  second  term  has  occasionally  been  left  out 
in  earlier  theories.  It  arises  because  the  undisturbed  velocity  field  has  non-zero  value  at  the  disturbed 
position  of  the  interface,  which  has  to  be  compensated  for  by  an  additional  disturbance  velocity.  Accor- 
ding to  its  derivation  eq.  (2.  11)  also  applies  in  the  case  of  an  active  wall,  where  t V.  18  prescribed 
by  some  mechanism,  or  even  in  the  case  of  a wavy  rigid  wall,  provided  only  the  amplitudes  are  small 
enough. 

The  next  step  has  to  consider  the  force  boundary  conditions  eq.  (2.  3):  (,*c'  ^r\«»  <T  • First  the  unit 
normal  vector  on  the  deformed  interface  has  to  be  determined.  Eq.  (2.  5)  is  a description  of  the  deformed 
interface.  O')  may  also  be  regarded  as  surface  parameters.  Differentiation  of  eq.  (2.  5)  with 

respect  to  x#  renders  two  independend  tangent  vectors  for  the  interface,  from  which  the  normal  vector 
n*  follows: 


(2.  12) 


- td*  ^ 


tv 


r*'  + CTce':> 


The  coupling  force  exerted  by  the  flow  on  the  compliant  wall  (which  is  the  negative  of  the  force  exerted 
by  the  compliant  wall  on  the  flow)then  is: 


f - 


n„ 


(2.  13) 


x 1 1.  -»  £3T.  + CTct'J,  t ) +•  £ Cc  "t  £.  + t v:.  -v  CTtix)  , -t  ) } * 


which  on  proper  expansion  yields: 


(2.  14) 


ut. 

t ’ 


and  for  the  first  order 


(2.  15) 


Ol  t.l  CAI  lit 

t‘  - - 9*  V.'  + + T.’  . 


Besides  the  coupling  force  eq.  (2.  14+15)  the  power  flow  between  fluid  flow  and  compliant  wall  is  of 
interest.  This  is  obtained  as  the  product  of  the  coupling  force  and  the  wall  velocity: 


(2.  16) 


V a, 


where,  as  above,  t‘  *»  'T*-  n,  • Thus  when,  without  restriction  of  generality,  the  normal  r\„  is 
taken  to  be  the  outer  normal  fo"r  the  compliant  wall,  l_  will  be  the  power  flowing  from  the  fluid  into  the 
wall  or  the  negative  of  the  power  flowing  from  the  wall  into  the  fluid. 

In  the  present  context  one  is  only  interested  in  the  power  flow  to  the  first  order  in  the  small  parameter 

l : 


(2.  17) 


“*•  »•'  f *+».  »>.  i-o  1 . 

L » t a.t  + t u.-,  j + Oit  ), 


with  t;  and  t‘  taken  from  eq.  (2.  14)  and  eq.  (2.  15)  respectively.  According  to  eq.  (2.  7)  C 

and  (4.  follows  from  eq.  (2.  11)  with  the  result 

(2.  is)  l - it - V.'  f io; j l + cr  c . 

The  lowest  order  term  is  zero.  This  is  just  a restatement  of  the  fact,  that  the  rigid  ( 1 - o)  plate  does 
not  drain  any  power  from  the  flow. 
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This  is  typical  for  the  situation  in  a wind  or  water  tunnel,  where  the  turbulent  boundary  layer  (over  a 
rigid  wall)obtains  its  energy  from  the  mean  flow,  which  in  turn  is  driven  by  the  pumps  or  propellers  of  the 
tunnel.  The  situation  is  different  for  a body  propelled  at  constant  speed  through  a fluid  otherwise  at  rest. 
The  propellant  mechanism  on  bord  the  body  has  to  be  supplied  with  power  which  is  lost  to  the  flow, 
especially  to  the  turbulent  boundary  layer  around  the  body,  as  was  discussed  in  the  first  section  above. 
Here  one  :s  concerned  with  the  change  of  this  power  due  to  the  presence  of  compliant  walls.  This  change 
in  power  is  given  by  the  first  order  (in  t)  term  eq.  (2.  18).  The  following  arguments  apply  whether  the 
basic  situation  is  that  of  the  wind  (or  water)  tunnel  or  that  of  the  selfpropelled  body. 

In  the  case  of  the  stability  of  a stationary  laminar  boundary  layer  over  a compliant  wall  the  undisturbed 
flow  (indicated  here  by  the  superscript1*'  ) is  just  that  stationary  laminar  boundary  layer  Thus  all  zero 
order  quantities  ang^dependent  of  time,  while  the  disturbances  (indicated  here  by  the  superscript  ) 
will  vanish  on  the  temporal  average:  *u  0 -o  . The  time  average  of  the  first  order  (in  £ ) power  flow 
from  the  fluid  to  the  wall,  given  in  eq~(2  18),  turns  out  to  be  zero  A net  power  flow  may  be  expected 
from  the  second  order  terms,  neglected  in  eq.  (2.  18).  These  are 

HI  CO.  (.*,  tol  tv» 

(2  19)  L = t U.;  + t'utI  + t'  U-.v  . 

The  first  term  again  is  zero  because  of  lu’#  =o  . The  last  term  contains  the  second  order  velocity  dis- 
turbances Vu'  . which  are  not  computed  in  a theory  restricting  to  first  order  disturbances  However 
Lu’  will  again  vanish  on  the  temporal  average  and  as  t ‘ is  independent  of  time  this  means,  that  the 
last  term  in  eq  (2.  19)  vanishes  on  the  average.  Thus,  with  indicating  temporal  averaging,  one 
obtains 

(2  20)  L - tx  t 'ul.  + O Ul) 


for  the  net  power  flow  from  the  fluid  to  the  wall.  There  is  no  net  first  order  (in  t )power  flow,  but  the 
net  second  order  power  flow  may  be  computed  from  first  order  quantities  alone,  as  indicated  by 
eq.  (2.  20). 


The  situation  is  quite  different  in  the  case  of  the  turbulent  boundary  layer  influenced  by  a compliant 
wall.  Here  the  undisturbed  flow  and  thus  the  first  order  forces  are  quantities  fluctuating  in  time.  Of 
course  ‘u  = o still  applies  as  this  is  a consequence  of  the  hard  wall  condition  encountered  in  the  lowest 
order  Again  one  has  u^  - o.  But  as  *t  ' and  ‘u’e  are  both  quantities  fluctuating  in  time  one  expects 


(2.  21) 


V \JL.i 


to  be  different  from  zero,  at  least  under  conditions  when  the  compliant  wall  introduces  a suitable  phase 
shift  between  t”'  s'?.''  (see  eq.  (2.  14)  above)  and  ‘u’.  . 

As  will  be  discussed  in  a little  more  detail  below  the  compliant  wall  turns  out  to  have  Uttle  or  no  in- 
fluence on  the  stability  of  the  stationary  laminar  boundary  layer,  while  it  is  expected  that  suitable  com- 
pliant walls  may  favourably  influence  the  turbulent  boundary  layer,  although  this  point  is  far  from 
being  clarified.  One  is  tempted  to  connect  these  findings  with  the  fact  that  there  is  no  first  order  net 
power  flow  in  the  case  of  the  stationary  laminar  boundary  layer  while  there  may  be  such  a power  flow 
in  the  case  of  the  turbulent  boundary  layer. 

It  has  been  discussed  in  the  first  section  that  any  argument  on  drag  reduction  derived  from  energy 
considerations  must  be  regarded  with  some  caution.  However  this  discussion  was  with  reference  to  the 
total  power  flow  over  all  of  the  compliant  wall,  while  here  we  are  concerned  with  the  local  power  flow. 
Thus  one  may  imagine  a wall  which  drains  energy  from  the  flow  at  one  location,  returning  this  energy 
to  the  flow  at  some  other  location,  with  the  transfer  affected  by  wave  propagation. 

On  the  other  hand  one  could  argue  that  the  instantaneous  rather  than  the  net,  i.  e.  time  average,  power 
flow  is  of  importance.  Thus  one  may  imagine  a wall  which  drains  energy  from  the  wall  at  one  location, 
stores  it  for  some  time  and  then  returns  it  to  the  flow  at  the  same  location.  One  may  also  imagine  a 
combination  of  the  energy- storage  mechanism  with  the  energy-transfer-through-wave-propagation 
mechanism. 

Above  two  cases  had  been  differentiated,  case  I:  stability  of  a stationary  laminar  boundary  layer  over  a 
compliant  wall,  and  case  II:  a fully  turbulent  boundary  layer  influenced  by  a compliant  wall.  In  both 
cases  a linearization  has  been  used  to  simplify  the  problem.  The  linearization  of  the  coupling  conditions 
between  fluid  flow  and  compliant  wall  could  be  carried  out  for  both  cases  in  common.  From  now  on, 
however,  the  different  physical  mechaniBmB  have  to  be  taken  into  account. 

2.  2 The  Stability  Problem  In  this  section  the  problem  of  linear  stability  of  a stationary  laminar  boundary 
layer  over  a compliant  wall  will  be  discussed  in  a little  more  detail.  This  discussion  will  be  based  on  the 
paper  by  T.  Brooke  Benjamin  [2]  which  covers  the  essential  points.  A more  comprehensive  review  of 
papers  on  this  topic  may  be  found  in  J.  N.  Hefner  (3]  elswhere  in  this  book. 

The  rigid  wall  linear  stability  theory  superimposes  the  unperturbed  stationary  laminar  boundary  layer 
flow  with  small  disturbances  and  Investigates  whether  these  disturbances  are,  spatially  or  temporaly, 
amplified  or  damped  It  is  especially  asked  under  what  conditions  neutral  disturbances,  which  are 
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neither  amplified  rior  damped,  can  exist  Instability  is  regarded  as  an  essential  prerequisite  of  turbulence, 
introducing  the  compliant  wall  merely  replaces  one  set  of  linear  and  homogeneous  boundary  conditions 
for  the  flow  disturbances  at  the  wall,  valid  in  the  rigid  wall  case,  by  another  set  of  such  boundary  con- 
ditions, while  the  decay  conditions  for  the  flow  disturbances  at  large  distances  from  the  wall  and  the 
differential  equation,  governing  the  flow  disturbances , the  Orr-Sommerfeld  equation  (see  below),  re- 
main valid  Thus  a large  part  of  the  results  of  the  rigid  wall  case  remains  valid  for  the  compliant  wall 
case 

Certain  simplification  of  the  rigid  wall  theory  will  also  be  taken  over  These  simplifications  are  as 
follows  The  unperturbed  flow  is  assumed  to  be  plane  Its  weak  dependence  on  the  streamwise  coordinate 
x is  suppressed  together  with  the  w-velocity  component  normal  to  the  wall.  Thus  the  unperturbed  flow 
is  approximately  characterised  by  the  u.  -velocity  component,  i.  e.  the  nondimensional  profile  U(z), 
and  the  Reynolds  number  Re  y’fCao  constant  upstream  velocity,  <3”,  - displacement  thickness, 

v kinematic  viscosity)  Again  the  x-dependence  of  the  displacemant  thickness  is  suppressed  Under 
current  conditions  (zero  pressure  gradient,  semiinfinite  flate  plate)  IJ(z)  will  be  the  Blasius  profile. 
Suppressing  the  x-dependence  of  the  unperturbed  flow  can  be  interpreted  as  confining  the  stability  in- 
vestigation to  a finite  section  of  the  boundary  layer,  long  enough  to  accomodate  several  wave  lengths 
of  the  flow  perturbation  and  short  enough  to  disregard  streamwise  changes  in  the  unperturbed  flow. 
Reynolds  numbers  Re  are  local  Reynolds  numbers  corresponding  to  certain  distances  downstream  from 
the  plate  edge  The  critical  Reynolds  number  (see  below)  then  corresponds  to  a critical  distance  from 
the  plate  edge  This  marks  the  point  of  indifference,  referred  to  above,  from  which  onward  the  boundary 
layer  becomes  unstable  at  least  with  respect  to  certain  perturbations. 

In  addition  to  the  essential  condition  of  smalt  amplitude  the  disturbances  are  also  assumed  to  be  plane. 

The  case  of  threedimensional  disturbances,  depending  on  the  spanwise  coordinate  y and  having  a 
non- zero  v-component  of  velocity,  may  by  a simple  transformation  (Squire's  theorem)  be  reduced  to 
the  twodimensional  or  plane  case  It  should  be  noted,  however,  that  Squire's  theorem  breaks  down  in 
the  presence  of  compliant  walls  that  are  anisotropic  in  planes  z - const.  , i.  e.  show  different  properties 
in  the  streamwise  as  in  the  spanwise  direction.  From  the  fact  that  the  unperturbed  flow  U(z)  depends 
on  7 only  it  follows  that  flow  perturbations  of  the  form  Xla*  oqg^lx-clVb'vx5*  - • « ex  pc  mix- cl  V) 

"+  - e.xp(  ,»(x  - c-tl)  a disturbance  stream  function  and  ' ■=  and  similarly  for  the 

perturbation  pressure  may  be  assumed,  ok  has  the  general  meaning  of  a wave  number,  ex  C that  of 
a frequency  and  c that  of  a velocity  of  wave  propagation.  The  imaginary  parts  of  «.  and  «.c  are 
respectively  responsible  for  spatial  and  temporal  damping  or  amplification  It  is  not  obvious  from  the 
start  that  tx  and  otc  may  be  prescribed  independendly.  In  fact,it  will  turn  out  that  they  are  coupled 
through  an  eigenvalue  condition. 

The  perturbed  flow,  the  sum  of  unperturbed  flow  and  flow  perturbation,  is  inserted  into  the  flow  equa- 
tions, i e the  Navier-Stokes  equations  and  the  condition  for  incompressibility.  After  linearization 
with  respect  to  the  small  perturbation  amplitudes  the  resulting  set  of  equations  may  be  reduced  to  a 
single  equation  for  tti  alone,  which  is  the  Orr-Sommerfeld  equation: 

(2  22)  U V ) 

where  W ’U(z)  - c,  and  W'  - etc.  The  terms  on  the  right  hand  side  result  from  the  viscous 

terms  of  the  Navier-Stokes  equations  At  large  distances  from  the  wall  the  perturbations  are  to  decay. 
Boundary  conditions  at  the  wall  will  be  discussed  below. 

Confining  attention  to  the  case  of  neutral  disturbances  of  a given  profile  IJ(z)  one  can  either  prescribe 
a real  wave  number  « and  ask  for  those  combinations  Re,  c where  the  imaginary  part  of  c is  zero 
(neutral  stability)  or  prescribe  a real  propagation  velocity  c and  ask  for  the  combinations  Re,o< 
with  *.m<J  (J„*c  ’imaginary  part  of  ).  This  results  in  the  wellknown  curves  o$  neutral 

stability  in  the  (Re,«  )-plane  or  (Re,  c.  )-plane,  see  Fig.  2.  There  are  no  exact  solutions  known  for  the 
Orr-Sommerfeld  equation  (2  22)  in  the  case  of  the  Blasius  profile  ( nor  in  most 
other  cases).  However  one  knows  that  the 
critical  Reynolds  number  is  large: 
xRe»  1.  Thus  one  may  try  the  in- 
viscid  Orr-Sommerfeld  or  Rayleigh  equa- 
tion, obtained  from  eq  (2.  22)  by  re- 
placing the  right  hand  side  with  zero. 

Let  ^ (z)  be  that  solution  of  the  Ray- 
leigh equation  which  decays  at  infinity, 
where  W is  constant  and  thus  solutions 
will  be  combinations  of  and 

The  critical  point  , where  C. 

and  thus  Wt^XJ  and  which  according 
to  a general  theorem  a'  it  , s lies  within 
the  boundary  layer,  is  a singular  point  of 
the  Rayleigh  equation.  V®  has  a logarith- 
mic singularity  there  The  correct  branch 
of  the  complex  logarithm  is  determined  by 
regarding  viscosity  in  a layer  of  thick- 
ness ~ («  fix’)  } around  the  critical  point. 
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'fi  also  becomes  singular  at  the  wall,  where  it  is  unable  to  meet  the  two  independent  boundary  conditions 
of  vanishing  normal  and  tangential  velocity.  Again  viscosity  has  to  be  taken  into  account  in  a wall  fric- 
tion layer  of  thickness  ~ R.  ~ . This  results  in  a second  solution  f(z)  which  is  essentially  zero 

outside  the  wall  friction  layer.  The  general  solution  then  is  >i.O  = A'Ao  V4jt»  On  imposing  the 
rigid  wall  boundary  conditions  3 AY.  ■*${.  * AV.'  +1  $•  ■ fffsubscript  . for  values  at  the  wall 

z =o)  it  becomes  obvious  that  a nontrivial  solution  exists  only  when 


(2  23) 


The  inviscid  solution  y is  a function  of  u and  c only,  independent  of  the  Reynolds  number  After 
multiplication  by  - U.c’the  left  hand  side  may  be  written  as  a function  of  -j-  u u:  d v c 
only  such  that  eq  (2.  23)  has  the  general  form  UJ 


(2  24) 


Ft-p  - E<.«,  o , 


which  admits  simple  numerical/ graphical  determination  of  the  eigen-values  c for  given  Re  and  ot. 

^ x 

Introducing  the  compliant  wall  only  affects  the  boundary  conditions  at  the  wall:  *'►  „ - “V.  — 0"  will  no 

longer  apply.  Before  the  compliant  wall  boundary  conditions  are  discussed  a few  words  on  the  unper- 
turbed state  of  the  compliant  wall  are  necessary.  The  unperturbed  fluid  stresses  will  be  constant  at 
the  unperturbed  interface  According  to  eq.  (2.  14)  unperturbed  stresses  are  continuous  there  Thus, 
in  its  unperturbed  state  the  compliant  material  will  be  under  the  influence  of  constant  stresses  resul- 
ting, except  for  edge  zones,  in  linear  displacements.  This  state  has  above  been  used  as  a reference 
state  by  putting  the  unperturbed  displacements  equal  to  zero:  v’  = (T  . In  an  experiment,  however 

one  may  welt  have  to  take  into  account  the  effects  of,  e.  g.  , the  static  pressure  on  the  compliant  wall. 


According  to  eq.  (2.  15)  the  perturbed  forces 
(2.25)  t ' - C 


+ C. 


1 


have  to  be  continuous  at  the  wall  (z  = o).  It  has  just  been  recalled  that  the  unperturbed  stresses  *T  "* 
are  continuous.  The  same  applies  to  the  displacements  and  their  tangential  derivatives.  Thus  the 

terms  - in  eq.  (2.  25)  are  continuous  by  definition.  The  same  applies  to  the  terms 

a,.*?.1'  v:  . Thus  eq.  (2.  25)  requires  continuity  of 


(2.  26) 


V, 


t.>  . 

In  the  flow 


~ ll'  and  thus  £ u: 

mate  x-independent  representation  of  the  unperturbed  flow)  and  thus  ) = 0 Unperturbed 

stresses  in  the  compliant  wall  are  constant.  Thus  in  the  wall  the  second  term  in  eq.  (2.  26)  is  zero.  With 
subscripts  r and  c denoting  stress  perturbations  at  the  wall  for  fluid  and  compliant  wall  respectively 
one  has 


• A 


and  = — P = const,  (in  the  approxi- 


(2.  27) 


(.«! 

cc:‘ 


The  displacement  disturbances  in  the  compliant  wall  are  governed  by  a linear  and  homogeneous 
equation.  For  a single  wave  number  frequency  component  the  displacement  disturbances  at  the  wall 


will  therefore  depend  linearly  on  the  prescribed  stresses  there: 

CA> 

v.-  =» 

X* 

(TV  * i u:  vi  j ♦ 

X> 

X” 

(2.  28) 

V.'  * 

<-  a 

Through  the  coupling  conditions  the  displacements  also  appear  on  the  right  hand  side. 

The  quantities  Y , depending  on  wave  number  at.  and  propagation  velocity  c , form  an  admittance 
tensor.  It  is  usually  assumed  that  the  compliant  wall  is  infinitely  stiff  in  tangential  direction  and  does 
not  yield  to  tangential  stresses  Y«->  * Yl»  * Y»1  * 0 • Only  Yjj  * Yt«t,t5  remains  and  eq.  (2.  28)  reads: 


(2.  29) 
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where  *t  *'  •>  - p’ 

be  used  to  eliminate 
the  result 


(2  30) 


i«i 

P 


the  perturbation  pressure  in  the  fluid,  has  been  used  Eq.  (2.  29)  may  now 


•\rt  from  the  boundary  conditions  for  the  flow  velocity  disturbances  eq  (2.  11)  with 


U. 
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This  is  the  boundary  condition  used  by  Brooke  Benjamin  The  derivation  shows  that  this  condition  is 
valid  only  under  a number  of  assumptions  The  wall  properties  only  enter  via  the  remaining  admittance 
component  Y The  pressure  p.  has  the  form  - p.  t«pt.>»lK-t.W)where  to  a good  approximation 
p.  = U.'.  -v  c A ar>d  V is  the  inviscid  solution  of  the  Orr-Sommerfeld  equation  (see  above). 

Thus  the  boundary  conditions  eq.  (2  30)  render 

5 K 2 - Y U.'.  I U‘.  K v t A VL'  ) 


(2  31) 

>.  = AV.  ♦ 3 J.  = -Y  t C a'.  kV.  + c A 9.'  ). 


Thus  in  the  compliant  wall  case  the  eigenvalue  condition 


(2.  32)  F =•  E.  + YU'.t  C t-  ~ ^ ) 

-(  ^ YU:t(E-0 

is  obtained  Again  the  left  hand  side  depends  on  t^vUVSc  iC  only,  while  the  right  hand  side 

is  independent  of  the  Reynolds  number  Re.  (2  29)  shows  that  the  wall  remains  at  rest  when  Y - 0.  This 
is  the  rigid  wall  limit  In  that  limit  eq  (2.  24)  is  recovered  from  eq.  (2.  32). 

It  is  convenient  to  put  eq  (2.  32)  into  the  alternative  form 

<2-33>  Tito  = — i = _! YU.:  C . 

J d-Ft-p 

Besides  modifying  neutral  Tollmien-Schlichting  waves  of  the  rigid  wall  case  the  presence  of  the  compliant 
wall,  i.  e the  presence  of  Y in  eq.  (2.  33)  may  lead  to  other  neutral  waves,  which  arc  absent  in  the  rigid 
wall  limit. 

Following  Brooke  Benjamin  the  first  case  considered  will  be  the  case  of  non-dissipative  compliant  walls, 
i.  e walls  described  by  real  Y.  For  small  enough  frequencies  «.c  , when  the  static  deformation  limit 
is  approached,  any  positive  pressure  in  the  flow  will  tend  to  deflect  the  compliant  wall  downwards 
( V-.'  < O')  Eq  (2.  29)  shows  that  this  requires  positive  admittance  Y in  ’his  limit  »c  small. 

The  wall  then  is  stiffness  controlled  For  larger  frequencies  Y~^  may  have  a zero  and  become  negative 
bevond,  when  the  wall  is  mass  controlled  Zeros  of  Y"*  describe  free  waves  in  the  compliant  wall: 

V.’  ^ 0 although  p.  • 0 (see  eq  (2  29)).  For  large  enough  wave  numbers  Y ~ at"1  at  least  for  non- 
dispersive  systems  For  small  enough  « , i e.  for  large  wave  lengths,  when  the  load  p.’  becomes 
nearly  (spatially)  constant  over  all  of  the  wall,  Y has  to  approach  a finite  limit,  depending  on  the  com- 
pressibility of  the  wall  material.  In  between  Y will  assume  a maximum. 

Asymptotic  solution  of  the  Orr-Sommerfeld  equation  shows,  that  at  least  approximately 


,2  34>  — ^ Mco  4 q'.c 

d - El.*. Cl  * (.4  - C Y 

Thus,  when  . k * , c is  a solution  of  eq  (2  33)  in  the  rigid  wall  limit  Y *0,  will  be  a so- 

lution of  eq  (2  3 3)  for  a compliant  wall  Y ! Y(»it-)^g,  when 


(2  35) 


<■  , _ y u'.  c - <r 

•XaCd-C)’- 


or,  when  < is  determined  from 


(2  36)  * | A- Yta,t)»U-Ol  J • 

One  had  • Hence  any  pair  of  values  ,c  determine  a value  of  the  product  sRe. 

Thus  in  changing  from  the  rigid  wall  R.^  , c (and  c Ul'1)  to  the  compliant  wall 

k , Ri,  c (and  • («  R».  U,‘  ) » g U.^'1  ) the  product  * H*.  remains  the  same 


(2.  37) 


* *■  R«. 


with  at  from  eq.  (2.  36). 
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Thus  introducing  the  compliant  wall  resutts  in  a shift  of  the  points  of  the  neutral  curve  in  the  (Re, at  (-plane 
(see  Fig  2)  along  hyperbolae,  the  amount  and  direction  of  shift  being  determined  by  the  magnitude  and 
sign  of  V For  Y>  0 one  has  ot  < ot  a and  therefore  Re  > Re,  , i.  e,  stabilization  For  Y <-  0 one 
has  w.>  et^  and  therefore  Re  < Re,  , i e destabilization.  For  values  of  wave  number  ot  and 
wave  velocity  c near  zeros  of  Y"^  , i.  e.  near  resonance,  very  large  negative  values  of  Y may  occur, 

leading  to  at  »«,,  and  hence  ReS>  0.  This  means  that  the  boundary  layer  is  completely  destabilized. 
There  are  "unstable"  wave  numbers  at  at  all  Reynolds  numbers  Re 

It  thus  is  obvious,  that  for  a non-dissipative  compliant  wall  to  be  an  effective  stabilizing  device,  the  ve- 
locity of  free  waves  in  the  wall  should  be  larger  than  the  velocities  of  the  relevant  Tollmien-Schlichting 
waves 

It  was  argued  above  that  for  smalt  enough  wave  numbers  o<  , Y will  assume  a maximum  Y * Yw  . 
Obviously  the  stabilizing  effect  of  the  compliant  wall  will  essentially  be  controlled  by  this  maximum. 

In  the  vicinity  of  this  maximum  one  has  for  non-dispersive  walls. 


(2  38) 
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where  cj  is  the  velocity  of  free  waves  in  the  wall.  According  to  the  above  it  is  safe  to  assume  that  this 
wave  velocity  is  of  the  order  of  the  potential  flow  speed  outside  the  boundary  layer:  c^  1.  One  may  also 
assume  a,  1 . In  the  Blasius  profile  Tollmien-Schlichting  waves  of  a wave  velocity  c - 0.  41 

are  the  first  to  become  unstable  at  a critical  Reynolds  number  of  Re  = 420  . For  these  values  eq.  (2.  36) 
renders 


(2.  39) 


and  therefore  from  eq.  (2.  3 7) 
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(2.  40) 
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Thus  a compliant  wall  with  these  properties  may  increase  the  critical  Reynolds  number  by  a factor  of 
1.  72.  As  Re  = £„  u'  -Cx"1  this  corresponds  to  an  increase  in  the  distance  of  the  point  of  in  difference 

from  the  leading  edge  of  the  plate  by  a factor  of  (1.  72)2»r  3. 


Next  the  influence  of  a purely  dissipative  wall  on  Tollmien-Schlichting  waves  is  considered.  In  this  case 
Y = i Y;  is  purely  imaginary.  In  a passive  dissipative  wall  energy  is  always  lost  due  to  dissipation, 
requiring  Y % > 0.  Again  one  can  find  solutiomin  the  presence  of  Y + 0 of  eq.  (2.  33)  from  rigid  wall 
solutions  of  eq.  (2.  3 3)  with  Y = 0 by  suitably  changing  ot  and  c and  using  Re  to  keep  -j  unchanged. 
The  imaginary  part  of  (1  - E)-'  is  proportional  to  C , with  a positive  constant  of  proportionality.  Thus 
the  presence  of  the  compliant  wall  will  shift  the  velocities  of  neutral  waves  to  higher  values  C . A slight 
increase  in  the  wave  number  ot  is  necessary  to  keep  the  real  part  of  (1  - E)‘  -YU.lt  balanced.  For 
= const.  R*.  ~ #t"‘1o”5and  thus  the  critical  Reynolds  number  is  drastically  decrease  as  c is  in- 
creased due  to  the  presence  of  the  compliant  wall 


Thus  dissipative  effects  in  the  compliant  wall  have  a strong  destabilizing  effect  on  Tollmien-Schlichting 
waves.  Although  the  effects  of  real  wall  admittance  Y (non-dissipative  wall)  and  imaginary  wall  ad- 
mittance l Y-,  (purely  dissipative  wall)  do  not  add  linearly,  one  may  expect  the  destabilizing  effects 
of  wall  dissipation  to  offset  stabilizing  effects  of  the  real  part  of  Y.  Thus  in  order  to  stabilize  Tollmien- 
Schlichting  waves  the  wall  should  only  have  small  dissipation  in  addition  to  the  properties  discussed  above. 


In  addition  to  its  influence  on  Tollmien-Schlichting  waves  the  wall  compliance  gives  rise  to  two  other 
types  of  instability  waves. 


The  first  type  is  analogous  to  Kelvin-Helmholtz  instability  waves  on  free  shear  layers.  This  is  essen- 
tially a nonviscous,  potential  flow  effect.  A potential  flow  over  a wavy  wall  develops  negative  pressure 
over  the  peaks  Cv.*  >0")  of  the  wall  wave  and  positive  pressure  over  the  valleys  (.V,1  < d ) < thus 

tending  to  amplify  or  support  the  wave.  These  pressures  are  of  the  order  of  the  dynamic  pressure.  Thus 
if  Uqo  is  large  enough  these  pressures  will  balance  or  even  outweigh  any  elastic  restoring  forces.  The 
wave  then  will  grow.  Dissipation  in  the  wall  will  only  introduce  a»light  phase  shift  between  the  pressure 
in  the  flow  and  the  wall  wave  such  that  energy  is  supplied  to  the  wall  at  a sufficient  rate  to  balance  dissi- 
pative losses  in  the  wall. 

A second  type  of  additional  instability  waves  consists  in  free  waves  in  the  wall,  modified  by  the  presence 
of  the  flow,  and  essentially  stabilized  by  wall  dissipation.  For  the  discussion  of  this  type  of  instability 
the  reader  is  referred  to  Brooke  Benjamin  [2], 


In  conclusion  Brooke  Benjamin  suggests  that  a stabilizing  compliant  wall  should  have  the  following  pro- 
perties. It  should  be  sufficiently  stiff  to  avoid  Kelvin-Helmholtz  instability.  For  any  Reynolds  number 
Re  the  velocity  C„  1*0  of  free  waves  in  the  wall  at  the  wave  number  ot  for  which  Tollmien- 
Schlichting  waves  are  most  amplified  should  be  just  larger  then  the  wave  velocity  of  these  Tollmien- 
Schlichting  waves.  The  choice  of  internal  damping  in  the  wall  is  critical.  A certain  amount  of  damping 
is  required  to  suppress  modified  free  surface  waves.  On  the  other  hand,  to  large  damping  may 
destabilize  Tollmien-Schlichting  waves. 
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Brooke  Benjamin  conjectures  that  these  conditions  may  have  beenmetin  the  tests  conducted  by  Kramer. 

2.  3 The  Turbulence  Problem  Two  essentially  different  approaches  to  the  problem  of  compliant  walls 
for  drag  reduction  purposes  had  been  recognized  above:  the  problem  of  the  linear  stability  of  a stationary 
laminar  boundary  layer  over  a compliant  wall  (case  I)  discussed  in  the  preceding  section  and  the  problem 
of  the  influence  of  a compliant  wall  on  the  fully  developed  turbulent  boundary  layer  (case  II). 

In  the  first  case  the  rigid  wall  reference  case  is  fairly  well  understood  and  many  of  its  result  could  be 
taken  over.  This  is  quite  different  in  the  second  case,  where  the  rigid  wall  reference  case,  the  turbu- 
lent boundary  layer  flow  over  a rigid  wall,  is  far  from  being  clarified  Thus  case  II  is  by  far  the  more 
complicated. 

It  has  already  been  discussed,  that  in  both  cases  an  asymptotic  expansion  with  respect  to  a suitable 
small  parameter  t is  employed  in  all  known  cases.  For  theories  dealing  with  the  compliant  wall/ 
turbulence  interaction  problem  this  is  often  only  implied  by  an  approximate  treatment  of  the  coupling 
conditions  between  the  compliant  wall  and  the  turbulent  boundary  layer  flow. 

In  the  stability  problem  (case  I)  c was  the  small  amplitude  of  disturbances  imposed  on  the  boundary 
layer.  The  limiting  case  £ = O'  was  that  of  the  stationary  laminar  boundary  layer  along  a rigid  wall. 

It  has  already  been  noted  that  in  the  turbulent  interaction  problem  (case  II)  e is  the  inverse  of  the 
relatively  large  non-dimensional  stiffness  of  the  compliant  wall  material.  For  a purely  elastic  wall  the 
dimensional  stresses  f.U...  *C""*  are  homogeneous  functions  of  the  strains  Tf  '*  only,  strains 
being  dimensionless  by  definition.  The  value  of  this  function  must  of  course  have  the  dimension  of  a 
stress.  Thus  the  function  may  be  written  as  the  product  of  a typical  elastic  constant  of  the  dimension 
of  a stress,  such  as  the  shear  modulus  G,  and  a dimensionless  function  F (,  Y*—)  of  the  strains, 
having  the  order  of  magnitude  1 : After  dividing  by  G and  ob- 
serving £ «.  1 (see  eS-  (2.  1))  one  obtains 


(2.  39) 


Proper  expansion  of  strains  and  stresses  yields  in  the  lowest  order 


(2.40) 


o-  - 


Thus  ft*.  **  0 , leading  to  a vanishing  displacement  field  \r  ■»  O' 
To  the  first  order  eq.  (2.  39)  then  yields 


(2.  41) 


where  El.'**’"  are  wenknown  elastic  moduli,  in  the  most  general  case  21  independent  quantities, 
in  the  case  of  full  isotropy  2 independent  quantities  (of  which  one  has  been  absorbed  into  the  expansion 
parameter  £ ). 

The  compliant  wall  remains  at  rest  in  the  lowest  order  in  t . The  lowest  order  or  undisturbed  flow  then 
is  the  turbulent  boundary  layer  flow  along  the  wall  at  rest  or  the  rigid  wall. 

The  force  coupling  conditiontin  the  lowest  order  eq.  (2.  14)  then  say  that  the  zero  order  elastic  stresses 
in  the  wall  have  values  at  the  undeformed  interface  z = 0 which  are  prescribed  by  the  undisturbed  flow. 
According  to  eq.  (2.  41)  therefore  the  first  order  or  disturbance  motion  of  the  wall  has  to  be  computed 
from  a problem  of  linear  elasticity  theory  with  prescribed  stresses  at  z = 0,  prescribed  by  the  unper- 
turbed flow.  The  solution  of  this  problem  will  then,  via  eq.  (2.  11),  render  the  velocity  boundary  conditions 
(at  z = 0)  for  the  flow  disturbances.  Essentially  the  same  considerations  apply  to  visco-elastic  compliant 
walls,  where  eq  (2.  39)  is  replaced  by  an  appropriate  visco-elastic  law,  containing  typical  decay  times 
in  addition  to  the  elastic  moduli. 

Thus  the  flow  disturbances  have  to  be  determined  from  the  linearized  flow  equations,  i.  e.  Navier-Stokes 
and  continuity  equations  with  a decay  condition  at  large  distances  z — * oo  from  the  wall  and  prescribed 
values  of  the  velocity  disturbances  at  the  wall  z = 0: 


at 
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is  an  abbreviation  for  the  linearized  convection  terms. 


In  eq.  (2.  42)  the  Navier-Stokes  equations  have  been  written  in  a somewhat  unfamiliar  form,  collecting 
all  purely  linear  terms  on  the  left  hand  side,  while  the  linearized  (originally  nonlinear)  convection  terms 
have  been  transferred  to  the  right  hand  side  The  reason  for  this  is  the  fact  that  the  convection  terms, 
although  linearized,  essentially  prevent  an  analytical  solution  of  the  mathematical  problem  for  the  flow 
disturbandes  f p‘  , eq.  (2.  42)  plus  boundary  conditions 


<1 


Therefore,  approximate  theories  have  been  proposed  in  which  eq  (2,  42)  is  used  with  the  right  hand  side 
% rePlacad  by  zero  The  problem  then  is  easily  solved  and  information  on  the  disturbances  of  wall 
stresses  may  be  extracted,  in  the  hope  of  estimating  drag  reduction  due  to  the  wall  compliance  As  a 
justification  for  dropping  % altogether  it  is  sometimes  said  the  that  a vanishes  at  the  wall  and  will 
therefore  be  negligible  in  a vicinity  of  the  wall,  e g.  in  the  viscous  sublayer.  However  while  a = 0 
at  a rigid  wait  it  will  be  different  from  zero  at  a compliant  wall.  Furthermore,  on  confining  to  the  vis- 
cous sublayer  one  loses  the  decay  condition  at  large  distances  from  the  wall.  It  is  difficult  to  see  what 
boundary  conditions  are  applicable  at  the  outer  edge  of  the  viscous  sublayer 

Therefore,  the  present  author  (4)  has  suggested  a theory  in  which  the  linearized  convection  terms  are 
at  least  approximately  retained  This  theory  wilt  be  reviewed  here  in  a little  more  detail  For  a more 
comprehensive  review  of  theories  on  the  compliant  wall/ turbulent  boundary  layer  interaction  problem  the 
reader  is  again  referred  to  J.  N,  Hefner  [3],  elsewhere  in  this  book 

In  the  context  of  drag  reduction  the  changes  in  the  wall  stresses,  especially  the  wall  shear  stresses  due 
to  the  wall  compliance,  i e the  wall  stress  disturbances  , are  of  particular  interest.  There- 

fore  the  focus  will  he  on  these  quantities 

One  could  use  prescribed  wall  stress  disturbances  T.'*  as  additional  boundary  conditions  at  the  wall 
to  replace  the  decay  condition  for  the  flow  disturbances  at  large  distances  z -a.  ,»  from  the  wall:  given 
the  wall  velocity  disturbances  u';  and  the  wall  stress  disturbances  , then  from  eq.  (2  42)  the 

flow  disturbances  are  uniquely  determined.  This  fact  will  be  used  below.  ° 

It  has  already  been  mentioned  that  eq.  (2.  42)  with  <4.  replaced  by  zero  is  easily  solved.  E g the  solution 
can  be  obtained  by  Fourier  transformation  with  respect  to  the  variables  rQ  in  the  wall  plane  and  the 
time  t This  renders  a linear  ordinary  differential  equation  in  z with  constant  coefficients,  which  is 

solved  by  a linear  combination  of  exponential  functions  e~*‘with  t • tT  =.  U and  T = T \ \*  _ 


soivea  oy  a linear  combination  of  exponential  functions  e 1 with  ^ 4 and  c ^ e U -j 4 - » R*  ^ 
where  k is  the  wave  number  in  the  wall  plane,  k =|kl.  a"d  u,  is  the  radian  frequency  and  the  condition 

X)  r V n I In  — ror,  1 nn  \ _ /■>  , ■ 1 ... 


jC  i 0 ( ~ real  part  of  ...  ) takes  care  of  the  decay  condition  for  z >uo  Similarly 

eq  (2  42)  may  be  solved  without  difficulties  if  % where  a given  inhomogeneity  Solving  directly  for  the 
wall  stress  disturbances  one  obtains: 


mm 
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,&  *.  and  H ‘ r,esult  from  a Greeri's  function  type  solution  of  eq.  (2.  42)  with  q replaced  by  zero 
to  be  determined  by  the  Fourier  transformation  procedure  outlined  above.  They  depend  on  the  differences  ’ 
1 V*  x,  of  observation  point  ( t ) and  source  point  ( ^ X ) only.  U ' . in  addition 
depends  on  X Hence  the  integral  over  (.r.'  , V ) in  eq.  (2.  43)  is  a convolution  integral,  a point  that 
is  of  importance  below 

Now, in  the  present  problem  is  not  a given  inhomogeneitv  of  eq.  (2.  42).  Rather  it  depends  on  the  un- 
known -low  disturbances  It  has  been  said  above  that  U’  is  uniquely  determined  by  the  wall  velocity 

disturbances  y „ and  the  wall  stress  disturbances  V;*  Thus  eq  (2.  43)  turns  out  to  be  an  integral 
equation  for  the  unknown  wall  stress  disturbances 

It  should  be  noted  that  this  integral  equation  is  exact(except  for  the  inearization  in  C ) However  be- 
fore any  quantitative  information  can  be  obtained  from  this  equation  it  is  necessary  to  make  a simpli- 
fying approximation.  K 


To  this  end  a single  Fourier  component  of  eq.  (2.  43)  at  wave  number  k and  frequency  o is  considered 
has  been  rioted  above  that  the  integral  witt  respect  to  rj  and  on  the  right  hand  side  of  eq  (2  43) 

IS  a ronvn  I)  inn  informal  botumon  rJ  — > TV  _ j ^ 1 ' 


, _ , ..  , , w r on  me  rigm  nand  side  of  eq.  2. 

is  a convolution  Integra1  between  and  u’.  and  H'«  and  ^ respectively.  Its  Fourier  trans- 

form wi U therefore  simply  be  the  product  of  the  Fourier  components  of  and  a and  H*  and 
14.  respectively  The  second  term,  involving  then  is  of  the  form 


\HV 


with  the  superscript  A denoting  Fourier  transforms.  Now,  as  stated  above,  is  a Unear  com- 
bination of  exponential  terms  <?'**  with  and  J-  . = k XT-^~W> 

AB  i and,thus  ^ wlU  dect*y  for  larBe  z essential  contributiomto  the  integral  eq.  (2.  44)  will  come  form 
a region  close  to  the  wall  where  CT  * * # J-  It  may  be  argued  that  * is  approximately  cZ'ant 
in  this  region.  In  that  case  the  following  approximation  holds  * 

M •+ 

(2-  4ft)  [ LI'  I,  [ U‘  l.  * f 
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where  again  is  the  value  of  at  the  wall. 

The  approximation  eq.  (2.  45)  is  the  essential  simplification  of  the  present  analysis.  It  would  not  hold  if 
<4  where  to  grow  to  a maximum  at  a certain  distance  from  the  wall  and  then  decay  However  such  a 
behaviour  of  % is  not  to  be  expected.  It  should  be  noted  that  the  approximation  of  eq.  (2.  45)  constitutes 
the  first  step  in  a systematic  series  of  approximations. 


at  the  watl. 
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With  this  approximation  eq.  (2  44)  is  replaced  by 
(2  46) 


c*  ~ | j [G'e  u*  4-  \ V\\  du  a/] ol  r J o[t\ 
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where  <yo  is  easily  determined  and  turns  out  to  depend  only  on  the  unperturbed  flow  and  the  prescribed 

disturbance  velocities  at  the  wall  u.„  Thus,  the  above  approximation  renders  an  explicit  represen- 


tation of  the  wall  stress  disturbances 
disturbances 


in  terms  of  the  unperturbed  flow  and  the  wall  velocity 


In  the  context  of  dray  reduction  one  is  primari ly  interested  in  the  temporal  mean  (denoted  by 
of  the  streamwise  shear  conponent:  One  obtains  from  eq.  (2.  46): 


(2  47) 
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As  discussed  above  the  wall  velocity  disturbances  U.J  niay  be  expressed  by  the  unperturbed  wall 
stresses  through  a wall  admittance,  describing  the  properties  of  the  compliant  wall.  Thus  the 

watl  stress  disturbances  TT j3  depend  on  the  properties  of  the  compliant  wall  through  a wall  ad- 
mittance and  correlations  of  the  unperturbed  stresses.  These  correlations  have  to  be  estimated  from 
measured  data 


From  eq.  (2,  47)  one  estimates  for  fluids  of  approximately  the  same  density  as  the  wall  material  and  for 
a simple  elastic  layer  on  a solid  foundation  a reduction  in  wall  shear  stresses  in  the  order  of  10  %.  In 
[4]  a similar  reduction  in  drag  has  been  inferred  from  this  result.  However,  it  is  the  change  in  total 
coupling  force  t * . eq.  (2.  15),  that  is  responsible  for  a change  in  drag.  This  change  in  coupling  force 
coutains  additional  terms  in  addition  to  the  change  in  shear  stress  It  is  difficult  to  estimate  the  contri- 
butions of  these  additional  terms.  Thus  the  conclusions  given  in  [4]  are  somewhat  doubtfull. 

3.  C onclusion  In  this  review  the  aim  was  not  so  much  to  give  a broad  over- view  over  all  or  most  of 
the  theoretical  papers  on  drag  reduction  by  compliant  walls. 

Rather  the  attempt  has  been  made  to  familiarize  the  reader  with  typical  difficulties  met  in  such  theore- 
tical work  and  the  necessary  assumptions,  simplifications  and  approximations  to  overcome  these  diffi- 
culties by  reviewing  two  papers  in  a little  more  detail:  one  paper,  dealing  with  the  problem  of  stability 
of  a stationary  laminar  boundary  layer  over  a compliant  wall,  and  a second  paper,  dealing  with  the 
turbulent  boundary  layer/compliant  wall  interaction  problem.  These  papers,  especially  in  the  second 
case,  are  not  representative  of  all  theoretical  work  in  this  field. 

One  purpose  of  theory  is  to  determine  those  properties  of  compliant  walls  most  promising  for  drag 
reduction  purposes.  It  is  then  the  problem  of  the  experimenter  to  manufacture  and  test  such  walls. 

A second  purpose  of  theory  is  to  point  out  gaps  in  understanding  which  may  be  filled  by  experiment.  In 
this  context  it  is  of  interest  to  note  that  most  theoretical  approaches  treat  the  compliant  wall  as  consti- 
tuting a small  disturbance  of  the  rigid  wall  reference  case,  i.  e.  the  laminar  or  turbulent  boundary 
layer  flow  along  the  rigid  wall.  It  turns  out  that  a certain  knowledge  of  the  rigid  wall  reference  case, 
such  as  wall  stress  correlations,  together  with  a wall  admittance  is  sufficient  for  an  estimate  of  drag 
reduction. 

Emphasis  has  been  put  on  a general  discussion  of  the  coupling  conditions  between  fluid  flow  and  com- 
pliant wall,  as  it  seems  that  these  are  sometimes  treated  with  a certain  negligence. 

No  general  statement  on  the  possibilities  of  drag  reduction  by  compliant  walls  can  be  made  as  these 
crucially  depend  on  the  wall  properties.  However,  further  research  efforts  seem  to  be  justified. 
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SUMMARY 

Drag  reduction  with  the  help  of  compliant  coatings  would  be  of  great  interest  for  technical  appli- 
cations as  well  as  for  research  in  turbulence.  At  present,  however,  there  is  to  the  author*  s knowledge 
no  single  experiment  on  drag  reduction  by  means  of  compliant  walls  which  has  been  successfully  repeated 
by  a second  investigate1.  Therefore  the  basic  requirement  of  reproducibility  seems  to  be  not  yet  fulfilled. 
This  does  not  imply  that  drag  reduction  with  the  help  of  compliant  walls  is  impossible  or  that  reported  re- 
sults are  wrong,  it  only  indicates  that  the  problem  has  to  be  regarded  as  being  in  an  uncertain  state.  In 
the  present  paper  some  of  the  difficulties  arising  from  experiments  with  compliant  walls  are  discussed 
and  recommendations  for  further  studies  are  given.  Investigations  of  turbulent  wall  pressure  fluctuations 
are  reported  which  are  believed  to  be  helpful  for  a better  understanding  of  interactions  between  the  flow 
and  compliant  walls. 


1.  THE  PROBLEM 

In  fluid  mechanics,  boundary  surfaces  are  usually  treated  as  "rigid'  surfaces.  Such  rigid  sur- 
faces can  be  realized  to  a good  degree  of  approximation  by  bodies  out  of  wood  or  metal  and  in  theoretical 
work  the  concept  of  rigid  surfaces  leads  to  clearly  defined  simple  boundary  conditions.  In  nature,  however, 
flow  bounding  surfaces  often  are  not  rigid  but  show  some  sort  of  movability.  A few  examples  may  de- 
monstrate this:  Wind  going  over  the  sea,  over  the  tree-tops  of  a wood  or  over  the  blades  of  a corn  field; 
flow  of  blood  in  veins;  flow  along  the  bodies  of  fish  and  birds.  It  is  evident  that  flow  along  a movable  sur- 
face cannot  be  exactly  the  same  as  flow  along  a rigid  body.  The  question  is,  under  which  conditions  the 
differences  become  significant. 

In  1936  Gray1  discussed  the  problem  of  propulsion  of  the  dolphin  and  came  to  the  statement  of 
what  later  often  has  been  called  the  Dolphin-Paradox.  In  Gray’ s own  words:  If  the  resistance  of  an  ac- 

tively swimming  dolphin  is  equal  to  that  of  a rigid  model  towed  at  the  same  speed,  the  muscles  must  be 
capable  of  generating  energy  at  a rate  at  least  seven  times  greater  than  that  of  other  types  of  mammalian 
muscle  ...  If  the  flow  of  water  past  the  body  of  a dolphin  is  free  from  turbulence,  the  horse- power  de- 
veloped per  pound  of  muscle  agrees  closely  with  that  of  other  types  of  mammalian  muscle  . The  statement 
of  Gray  shows  that  the  problem  of  drag  of  "r.on  rigid"  bodies  was  formulated  already  in  1936.  To  a broader 
discussion,  however,  it  came  only  after  Kramer  had  published  his  first  paper”  on  "Boundary  Layer  Stabi- 
lization by  Distributed  Damping"  in  1057,  which  was  followed  by  three  more  papers  8 by  the  same 
author  under  the  same  title.  Kramer3'4'  9 reports  on  experiments  in  which  parts  of  streamlined  bodies 
(typical  length  2.5  m)  were  coated  with  a thin  coating  (typical  thickness  3 mm)  of  specially  designed  rubber 
with  oil- filled  interspaces.  The  drag  of  bodies  coated  in  this  way  is  reported  to  be  considerable  smaller 
than  that  of  smooth  rigid  bodies  of  the  same  shape.  Drag  reductions  up  to  60  % were  reported.  Kramer 
interprets  the  results  as  meaning  that  the  coatings  damp  out  small  disturbances  in  the  boundary  layer  and 
lead  to  laminar  flow  in  regions  in  which  otherwise  turbulence  would  occur.  Figure  1 (from  Ref.  3)  shows 
a sketch  of  one  of  the  coatings  used  and  Figure  2 (from  Ref  3)  shows  a typical  set  of  results.  As  can  be 
seen  for  three  coatings  (curves  B,  C and  D in  Fig.  2)  and  for  different  Reynolds  Numbers  (which  means 
here  different  towing  speeds  of  the  bodies)  drag  coefficients  are  reported  which  lie  between  fully  laminar 
and  fully  turbulent  flow  and  which  are  considerably  lower  than  those  of  the  rigid  reference  model  (curve  A 
in  Fig.  2).  Coatings  with  such  qualities  of  course  would  be  of  great  interest  for  technical  applications.  It 
may  be  mentioned  that  Kramer  constructed  his  coatings  in  connecticAi  with  studies  of  the  skin  of  dolphins 7. 

..  i . 

Following  Kramer’ s publications,  investigations  on  the  problem  of  flow  along  flexible  walls  were 
started  at  many  research  institutes,  including  investigations  on  stability  of  laminar  flow  in  the  presence  of 
flexible  walls  as  well  as  investigations  on  the  question  whether  wall  flexibility  can  influence  developed 
turbulence.  Surveys  on  these  experimental  and  theoretical  investigations  have  been  given  by  Brooke  Ben- 
jamin 8 in  1964  and  more  recently  by  Zimmermann9  and  by  Bushnell,  Hefner  and  Ash10  (compare  also 
papers  No.  7 and  No.  9 in  this  volume).  While  the  theoretical  work  led  to  some  positive  results  (compare 
e.g.  Ref.  8)  the  situation  with  the  experimental  work  is,  that  there  is  - to  the  author’ s knowledge  - no 
single  experiment  on  drag  reduction  by  means  of  flexible  walls  which  has  been  successfully  repeated  by  a 
second  investigator.  So  the  basic  requirement  of  reproducibility  is  not  yet  fulfilled.  Of  course,  this  does 
not  imply  that  drag  reduction  by  means  of  flexible  walls  is  impossible  or  that  reported  positive  results 
are  wrong,  it  only  indicates  that  the  problem  has  to  be  regarded  as  being  in  an  uncertain  state. 

Looking  for  reasons  for  this  situation,  the  following  considerations  may  be  of  some  value: 

(1)  While  "rigid"  is  a clearly  defined  quality,  "flexible"  (or  movable,  or  compliant)  is  not  just  the  "other 
case"  but  an  enormous  variety  of  qualities.  An  example  may  illustrate  this:  Assumed  that  a flexible  wall 
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could  be  characterized  by  three  independent  parameters  - this  is  certainly  not  yet  a full  description  - 
and  assumed  that  each  of  these  parameters  could  take  10  significant  stages,  one  would  have  thousand  diffe- 
rent sorts  of  flexible  walls  as  compared  to  one  sort  of  rigid  wall.  (2)  Turbulent  boundary  layer  flows  along 
rigid  walls  are  already  complicated  phenomena  - much  of  which  arc  not  fully  understood  - so  if  these  flows 
are  combined  with  "flexibility"  the  problem  is  even  more  complicated.  (3)  Experiments  with  flexible  walls 
suffer  from  many  inherent  experimental  difficulties.  (4)  Bushnell,  Hefner  and  Ash  ***  have  shown  in  their 
review  that  several  of  the  published  "positive"  results  can  be  attributed  to  evaluation  or  measuring  errors. 
Taking  these  considerations  together  it  is  not  too  astonishing  that  the  problem  is  not  yet  solved.  For  further 
investigations,  however,  one  should  take  the  difficulties  of  the  problem  into  account. 

The  aim  of  this  paper  is  to  give  some  suggestions  for  planning  further  work.  In  order  to  do  this 
in  section  2 some  experiments  with  flexible  walls  are  reported  whereby  special  reference  is  given  to  diffi- 
culties which  can  occur  in  connection  with  flexible-wall  investigations.  In  section  3 a report  on  some  in- 
vestigations on  turbulent  wall  pressure  fluctuations  is  given.  Such  investigations  might  lead  to  a better  in- 
sight into  the  processes  of  interactions  between  flows  and  flexible  walls. 

Before  starting  with  details  it  might  be  useful  to  give  a classification  of  flexible  walls.  Table  1 
shows  such  a classification.  Case  3 in  this  table  which  is  denoted  as  "passive"  flexible  wall  is  the  case 
which  is  normally  discussed  in  the  context  of  drag  reduction  by  compliant  walls.  In  this  case  the  wall  move- 
ments are  caused  by  the  flow  and  it  is  hoped  that  these  wall  movements  influence  the  flow.  Cases  4 and  5 
characterize  actively  moved  flexible  walls.  In  these  cases  the  energy  to  move  the  walls  is  supplied  from 
outside  the  flow.  In  case  4 also  control  of  the  wall 
movements  occurs  from  outside  the  flow,  in  case  5 
this  movements  can  be  controlled  with  the  help  of 
a sensor  and  a feed-back  system  by  the  flow  itself. 

In  this  case  the  walls  can  react  controlled  on 
selected  processes  in  the  flow.  Experiments  with 
active  walls  can  be  expensive;  they  have,  owever, 
the  advantage  that  the  wall  movements  are  compa- 
ratively simple  and  the  problem  of  "flexibility"  is 
widely  excluded  from  the  experiment.  So  active 
flexible  walls  may  well  be  useful  for  further  re- 
search. Application  of  active  flexible  walls  for 
drag  reduction  at  present  looks  strange,  but  if  the 
concept  would  work,  it  might  well  be  that  solutions 
for  technical  realization  could  be  found.  Cases  1 
and  2 show  rigid  walls.  Case  1 is  understood  as 
the  normal,  hydraulically  smooth  rigid  wall  which 
is  used  in  many  technical  applications  and  which 
is  in  the  context  of  flexible  wall  investigations 
used  as  the  reference  case.  The  reason  that  an 
additional  case  "modified  rigid  wall"  has  been 
..included  in  Table  1 is  that  the  author  is  not  sure 
that  hydraulically  smooth"  is  a fully  sufficient 
description  - if  one  is  interested  in  details  - of 
flow  bounding  smooth  rigid  surfaces.  The  experi- 
mental results  of  W.  D.  Beasley  reported  by 
Hefner  and  Bushnell  in  Figure  22  of  paper  No.  1 
of  this  volume  can  demonstrate  what  could  be 
meant  by  a "modified  rigid  surface".  Here  appli- 
cation of  a thin  foil  - with  negligible  flexibility  - 
led  to  drastic  changes  in  drag.  So  before  dis- 
cussing effects  of  flexibility  one  certainly  needs 
clear  results  on  the  drag  of  rigid  wall  used  as 
references. 


2.  SOME  niFFICUBTIKS  WITH  COMPLIANT  WALL  ^ 'ERIMENTS 

In  the  following  a few  compliant  wall  experiments  briefly  will  be  reported,  whereby  special  refer- 
ence is  given  to  difficulties  which  can  occur  in  performance  or  evaluation  of  such  experiments.  The  exam- 
ples are  taken  mainly  from  experiments  performed  in  Giittingen  and  in  Southampton. 

2.1  Mechanical  Stability 

Figure  3 (from  Ref.  II)  shows  the  arrangement  used  for  flexible  wall  investigations  performed  in 
Southampton.  Water  flows  through  a vertically  suspended  pipe  of  5.  OB  cm  inner  diameter.  Flow  through 
flexible  tube  sections  is  compared  with  flow  through  rigid  tibe  sections.  Figure  4 (from  Ref.  11)  shows  a 
flexible  tube  section  as  used  in  the  beginning  of  this  investigation.  As  can  be  seen  in  this  figure  the  flexible 
tube  forms  wrinkles  at  the  downstream  tube  end  and  under  the  action  of  increased  flow  velocity  these 
wrinkles  tend  to  develop  into  bulges.  In  this  way  the  tubes  usually  have  been  destroyed  within  seconds. 


CASE  NO. 

FLOW  SMOOTH 


1 


RIGID  WALL 


MODIFIED 
RIGID  WALL 


PASSIVE 

FLEXIBLE  WALL 


IK3 


ACTIVE 

4 

FLEXIBLE  WALL 

FLOW  CONTROLLED 

5 ACTIVE 
FLEXIBLE  WALL 


Table  1 
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This  difficulty  of  overall  instability  has  been  overcome  by  gluing  a layer  of  porous  foam  between  the  inner 
flexible  tube  and  the  outer  rigid  tube.  The  interspaces  in  the  porous  foam  could  be  filled  with  liquid.  Fi- 
gure 5 (from  Hef.  11)  shows  such  an  improved  flexible  tube  construction.  Such  effects  of  instability  of  the 
flexible  coatings  have  to  be  taken  into  account  when  flexible  wall  experiments  are  to  be  performed. 


2.2  Evaluation  of  Pipe-Flow  Experiments 

As  flow  through  a pipe  is  generally  connected  with  pressure  drop  along  the  pipe,  experiments 
with  flexible  pipes  suffer  principally  from  the  fact,  that  differences  in  static  pressure  occurring  along  the 
pipe  may  cause  changes  in  the  diameter  of  the  pipes.  Bushnell,  Hefner  and  Ash*^  have  pointed  out  that 
such  changes  could  have  led  to  errors  in  evaluation  of  drag  measurements  in  flexible  pipes  (compare  sec- 
tion 5.2  of  paper  No.  9 in  this  volume).  To  some  extent,  similar  difficulties  have  been  encountered  with 
the  experiments  performed  with  flexible  tube  sections  of  the  type  shown  in  Figure  5.  As  the  inner  diameter 
of  these  tubes  depends  on  the  volume  of  the  liquid  filled  into  the  interspace  between  the  inner  flexible  and 
the  outer  rigid  tube,  measurements  with  different  filling  volumes  have  been  performed.  Figure  6 (from 
Ref.  11)  shows  results  of  such  measurements.  The  abscissa  in  Figure  6 is  the  volume  V of  water  filled 
into  the  interspace  behind  the  flexible  tube,  the  ordinate  is  the  normalized  pressure  drop  along  the  test 
section,  i.e.  the  ratio  of  the  pressure  drop  along  the  flexible  tube  to  that  along  a rigid  reference  tube.  As 
can  be  seen  the  pressure  drop  remains  constant  in  a wide  range  of  volumes  V and  is  about  50  % lower  than 
that  measured  along  the  rigid  tube.  This  result  could  be  interpreted  as  drag  reduction.  However,  these 
measurements  were  not  fully  reproduceable  and  with  certain  volumes  V the  pressure  drop  even  became 
negative  (compare  V = 38  ccm  in  Fig.  6),  which,  of  course,  makes  the  interpretation  as  drag  reduction 
impossible.  A more  detailed  investigation  of  these  effects  then  has  shown,  that  with  the  flexible  tubes  the 
axial- symmetry  of  the  flow  in  the  tubes  was  not  fully  maintained  - and  this  led  to  difficulties  with  the  in- 
terpretation of  the  measured  wall  pressure  and  to  inconclusive  results  with  respect  to  drag  reduction.  This 
example  shows  that  even  small  changes  in  the  shape  of  flexible  coatings  can  lead  to  misleading  evaluations. 
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It  may  be  mentioned  here,  that  Carstensen  has  done  similar  experiments  with  water  flow  in 
pipes.  The  insides  of  his  tubes  partly  have  been  coated  with  a "sound-soft''  foam-rubber  coating.  Carsten- 
sen compared  turbulence  levels  in  these  coaied  tubes  with  turbulence  levels  in  rigid  tubes  and  found  quite 
interesting  differences.  However,  again  he  could  not  fully  maintain  constant  inner  diameter  of  the  flexibly 
coated  tubes  and  so  the  interpretation  of  his  results  is  not  fully  conclusive.  Figure  7 (from  Ref.  12)  shows 
some  of  Carstensen’ s results. 

One  way  to  overcome  these  difficulties  with  different  static  pressure  along  flexible  pipes  could  be 
to  build  the  experimental  arrangements  so  that  the  frictional  pressure  drop  just  is  cancelled  by  pressure 
increase  because  of  gravity.  Arrangements  with  variable  inclination  of  the  pipes  could  be  helpful  for  such 
experiments. 

2.3  Influence  of  Small  Steps 

If  flexible  coatings  are  arranged  in  an  experimental  device  this  leads  usually  to  small  steps  at 
the  joints  between  rigid  and  flexible  surface  elements.  In  the  investigation  reported  in  Ref.  1 1 it  has  been 
shown  that  even  very  small  steps  under  certain  circumstances  can  lead  to  comparably  strong  changes  in 
the  flow.  Such  changes  easily  can  make  evaluation  of  flexible  wall  experiments  inconclusive. 

2.4  Influence  of  Sound  Fields 

It  is  well-known  that  sound  fields  under  certain  circumstances  can  have  an  influence  on  flow  con- 
figurations. If  one  compares  flow  over  flexible  walls  with  flow  over  rigid  walls  it  may  be  of  importance  to 
take  acoustical  effects  into  account  because  the  acoustical  boundary  conditions  usually  also  depend  on  the 
wall  flexibility.  In  the  experiments  reported  in  Ref.  11  such  effects  have  been  observed. 
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It  may  be  of  interest  to  report  here  briefly  some  experiments  of  Mechel  and  Schilz  . They  used 
a loudspeaker  in  a wind-tunnel  to  generate  a soundfield  at  the  leading  edge  of  a flat  plate.  The  influence  of 
the  sound  on  the  development  of  the  turbulent  boundary  layer  along  the  plate  was  investigated.  Figures  8 to 
1 1 (from  Ref.  13)  show  the  arrangement  and  some  of  the  results.  As  can  be  seen  from  Figure  9 the  growth 
of  the  velocity  fluctuations  along  the  plate  is  strongly  influenced  by  the  soundfield.  Remarkable  is  that 
application  of  "high  sound  frequencies  leads  to  decreases  of  velocity  fluctuations.  Figures  10  and  11  show 
some  details.  With  respect  to  drag  reduction  it  seems  to  be  possible  that  under  certain  conditions  influence 
of  sound  successfully  could  be  applied.  In  two  later  papers  ' 4.  1 !>  Schilz  has  investigated  such  effects  in 
more  detail. 


2.5  Experiments  with  Nonisotropic  Elasticity  and  Effects  of  Aging  of  Coatings 
1 6 

GroBkreutz  has  developed  an  interesting  concept  for  influencing  turbulence  with  the  help  of 
flexible  walls.  His  basic  idea  is  to  build  flexible  walls  the  surface  motions  of  which  are  always  so  that  an 
outward  movement  of  a wall  element  is  automatically  combined  with  a downstream  movement  of  the  same 
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elerr.ent  and  vice  versa.  Figure  12  (from  Ref.  17)  shows, the  priciple  and  Figure  13  (from  Ref.  17)  shows 
a cross  section  through  a rubber  plate  which  has  such  nonisotropic  elastic  qualities.  With  the  help  of  such 
flexible  plates  boundary  conditions  can  be  achieved  which  always  have  a positive  uv-correlation.  It  was 
hoped  that  in  this  way  drag  reduction  could  be  achieved.  The  experiments  have  been  performed  in  a water 
tunnel.  Figures  14  and  15  (from  Ref.  17)  show  some  of  the  results.  As  can  be  seen  from  Figure  14  the 
mean  velocity  profiles  obtained  with  flexible  and  rigid  plates  show  some  differences.  The  calculated  change 
in  the  momentum  thickness  can  be  interpreted  as  a drag  reduction  of  5 %.  However,  such  drag  reductions 
were  only  found  in  a limited  range  of  flow  velocities  and  the  results  were  not  quite  reproduceable.  As  can 
be  seen  from  Figure  15  tests  performed  6 weeks  later  with  the  same  compliant  plate  showed  increased 
drag  as  compared  with  the  rigid  reference  plate.  This  example  shows  that  changes  of  the  elastic  qualities 
of  flexible  coatings  because  of  aging  may  play  an  important  role. 


2. 6  Observation  of  Movements  of  the  Wall 

For  theoretical  evaluation  of  flexible  wall  experiments  a detailed  knowledge  on  the  actually  oc- 
curring surface  movements  of  a flexible  coating  is  rather  necessary.  There  are  several  means  to  measure 
the  surface  movements,  e.g.  with  capacitive  probes  from  the  rear  side  of  the  flexible  coating  or  with  op- 
tical means  through  the  flow.  Figure  16  (from  Ref.  16)  shows  a sketch  of  a Schlieren-method  which  has 
been  developed  by  Viering  and  Meier  1 8 for  the  measurement  of  angular  displacements  of  the  surface  of  a 
flexible  plate.  Figure  17  (from  Ref.  16)  shows  a set  of  results  gained  with  this  method  at  a flexible  plate 
in  the  water  tunnel  used  by  Grofikreutz.  This  figure  shows  how  the  frequency  components  and  the  angular 
amplitudes  of  the  wall  oscillations  increase  with  increasing  flow  velocity.  This  example  demonstrates  that 
with  comparatively  simple  means  information  on  flexible  wall  movements  can  be  gained. 


2.7  Surmounting  the  Stability  Border 

In  pipe  flow  at  Reynolds-Numbers  higher  than  2300  turbulence  usually  occurs.  But  it  is  well-known 
that  with  smooth  inflow  conditions  the  laminar  flow  regime  can  be  maintained  up  to  considerable  higher 
Reynolds-Numbers.  Similar  effects  can  be  observed  in  flow  investigations  with  flexible  surfaces  and  here 
this  effect  could  lead  to  evaluation  errors.  Figure  18  (from  Ref.  19)  shows  an  example.  In  an  experiment 
performed  by  J.  Meseth  in  Gottingen  water  was  led  through  commercially  available  vertically  suspended 
rubber  tubes.  The  inner  tube  diameter,  the  flux  through  the  tubes  and  the  pressure  drop  along  the  tubes 
have  been  measured.  As  it  was  necessary  to  keep  the  tube  ends  in  a fixed  position  small  metal  blocks  of 
weights  of  a few  hundred  grammes  have  been  fixed  at  the  downstream  tube  end.  As  can  be  seen  from  Fi- 
gure 1 8 it  was  found  that  the  friction  factor  A depends  systematically  from  the  weight  G of  these  small 
metal  blocks.  At  first  it  was  thought  that  a flexible  wall  effect  had  been  found  - some  similar  looking  effects 
had  been  observed  earlier  by  the  auth'r~®  - but  more  detailed  investigations  have  shown  that  the  straight- 
ness of  the  tubes  is  a critical  factor  for  transition  to  turbulence.  The  higher  the  weight  G,  the  straighter 
the  flexible  tube  and  the  later  the  transition.  This  example  shows  again,  that  one  has  to  be  rather  careful 
when  interpreting  flexible  wall  experiments. 


2.8  An  Experiment  to  Repeat  Measurements  of  Kramer 

In  view  of  the  lack  of  reproduceable  results  an  experiment  has  been  started  in  co-operation  with 
M.O,  Kramer  to  repeat  some  of  Kramer’ s measurements.  For  this  experiment  Kramer  supplied  a coated 
body  which  he  had  used  for  the  experiments  reported  in  Ref.  21.  With  this  body  experiments  have  been 
performed  in  the  Ammersee  in  Bavaria.  Details  of  these  experiments  are  reported  in  Ref.  22.  A pity  is, 
that  these  promising  looking  attempt  had  to  be  stopped  without  conclusive  results  because  the  flexible 
coating  of  the  body  had  suffered  damage  during  the  experiments  and  no  second  test  body  was  available. 


3.  INVESTIGATION  OF  TURBULENT  WALL  PRESSURE  FLUCTUATIONS 

As  has  been  shown  in  the  previous  section  several  investigations  with  flexible  coatings  remained 
inconclusive  with  respect  to  the  question  of  drag  reduction.  In  our  opinion  one  reason  for  the  difficulties 
encountered  in  experiments  with  compliant  walls  is  that  one  does  not  have  enough  knowledge  of  the  me- 
chanisms in  a turbulent  boundary  layer  along  a rigid  wall  and  especially  that  one  does  not  have  enough 
knowledge  of  pressure  fluctuations  beneath  a turbulent  boundary  layer.  Such  pressure  fluctuations  certainly 
play  an  important  role  in  the  problem  of  interactions  between  turbulent  flows  and  compliant  walls.  So,  we 
have  started  to  investigate  turbulent  wall  pressure  fluctuations  in  more  detail.  Usually,  wall  pressure 
fluctuations  are  measured  with  the  help  of  microphones  built  flat  into  one  of  the  flow  bounding  walls.  Such 
measurements,  however,  give  only  the  pressure  fluctuations  at  one  point  on  the  wall  or  if  several  micro- 
phones are  used  at  a few  points.  Emmerling,  Meier  and  Dinkelacker  have  developed  an  optical  me- 

thod which  allows  the  investigation  of  the  instantaneous  structure  of  the  wall  pressure  field  under  a tur- 
bulent boundary  layer.  The  main  component  of  this  method  is  a pressure  transducer  consisting  of  several 
hundred  small  elastic  membranes,  the  displacements  of  which  are  recorded  by  interferometric  means  with 
a high-speed  camera.  As  the  amplitudes  of  the  transducer  membrane  movements  are  only  a small  fraction 
(order  of  0.01)  of  the  thickness  of  the  viscous  sublayer  no  influence  of  these  movements  on  the  flow  is 
expected.  With  other  words:  The  wall  can  be  regarded  as  a rigid  wall.  In  appendix  A of  this  paper 


the  method  is  explained  and  examples  of  measurements  in  a wind-tunnel  are  presented.  The  measurements 
show  the  development  and  convection  of  pressure  patterns  of  a wide  range  of  sizes  (from  larger  than  one 
boundary  layer  thickness  i down  to  0.  1 S ) and  with  a wide  range  of  convection  velocities  (from  about 

0.9  down  to  about  0.2  Ifoo,  where  is  the  flow  velocity  outside  the  boundary  layer). 

These  investigations  are  not  yet  in  a state,  such  that  conclusions  with  respect  to  flexible  wall 
investigations  could  be  drawn.  It  might  be  of  interest,  however,  to  mention  the  fact,  that  fairly  small  pres- 
sure patterns  with  fairly  high  amplitudes  have  been  found  which  are  converted  downstream  sometimes  over 
fairly  wide  distances.  Examples  of  such  patterns  can  be  seen  from  Figures  10  and  1!  in  Appendix  A.  Mea- 
surements with  very  small  electromechanical  pressure  transducers  confirmed  the  existence  of  these  small 
high  amplitude  patterns.  Figure  19  (from  Ref.  23)  shows  results  of  such  measurements.  As  can  be  seen 
from  Figure  19  the  RMS-values  of  turbulent  wall  pressure  fluctuations  increase  when  the  microphone  dia- 
meters d become  smaller  than  about  100  V/uj-  (V  - kinematic  viscosity,  u^-  = shear  velocity)  and  this 
increase  continues  right  down  to  the  smallest  transducers  used,  which  had  a diameter  d = 15 V/ur.  This 
increase  of  RMS-values  shows  that  the  small  pressure  patterns  have  dimensions  of  the  same  order  as  the 
thickness  of  the  viscous  sublayer  and  that  they  have  fairly  high  amplitudes.  It  is  believed  that  these  small 
patterns  play  an  important  role  for  *he  mixing  process  in  the  boundary  layer  and  they  might  well  be  also  of 
importance  with  respect  to  interactions  between  flow  and  flexible  walls. 


4.  CONCLUSIONS  AND  RECOMMENDATIONS 

1 . Some  of  our  experiments  led  to  results  which  can  be  interpreted  as  drag  reduction  by  means 
of  flexible  coatings,  but  in  all  cases  there  are  possible  alternative  explanations.  Our  experiments  there- 
fore are  not  conclusive  with  respect  to  the  question  of  drag  reduction. 

2.  The  investigations  of  pressure  fluctuations  beneath  turbulent  boundary  layers  show  interesting 
details  of  the  pressure  fields,  especially  the  convection  of  pressure  patterns  having  a wide  range  of  sizes 
and  convection  velocities.  It  is  hoped  that  these  investigations  will  lead  to  a better  understanding  of  the 
processes  in  turbulent  boundary  layers  with  rigid  as  well  as  with  flexible  walls. 

3.  Study  of  the  literature  led  to  the  result,  that  there  is  - to  the  author’ s knowledge  - no  single 
experiment  on  drag  reduction  by  means  of  compliant  walls  which  has  been  successfully  repeated  by  a 
second  investigator.  As  long  as  the  basic  requirement  of  reproducibility  is  not  fulfilled,  the  whole  topic 
must  be  regarded  as  being  in  an  uncertain  state. 

4.  In  spite  of  this  uncertainty  the  question  under  which  conditions  wall  movability  has  a significant 
influence  on  boundary  layer  flow  and  on  drag  seems  to  be  worthwhile  further  investigation. 

5.  For  planning  further  investigation  in  this  field  the  following  can  be  suggested: 

a)  Further  experimental  and  theoretical  work  should  be  aimed  mainly  toward  improved  basic  understand- 
ing of  the  processes.  Successful  application  of  compliant  coatings  for  drag  reduction  without  such  un- 
derstanding can  hardly  be  expected. 

b)  If  further  research  work  is  planned,  the  complexity  of  the  problem  should  be  taken  into  account.  Ex- 
periments should  contain: 

- detailed  measurements  of  the  flow  properties, 

- detailed  measurements  of  the  wall  properties, 

- detailed  measurements  of  the  wall  movements, 

- careful  elimination  of  possible  disturbing  effects, 

- a thorough  investigation  of  the  reference  case  with  rigid  walls. 

c)  Close  contact  between  theoretical  and  experimental  work  should  be  maintained. 

d)  The  question  of  reproducibility  of  results  should  receive  the  necessary  attention. 
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Figure  1 Ducted  rubber  coating  (from  Kef.  1, 
dimensions  in  1 1000  of  an  in.  ) 


I 

Figure  2 The  drag  coefficient  of  various  models 
as  a function  of  the  Reynolds  Number 
(from  Kef.  3).  Curve  A is  the  rigid 
reference  model,  and  Curves  B,  C, 
and  D are  fully  coated  models  with  a 
stiffness  of  the  coating  on  the  cylindri- 
cal section  (B  * 1,000  lbs.  per  cu.  in., 
C 800  lbs.  per  cu.  in.,  and  I)  « 

000  lbs.  per  cu.  in.) 


Figure  3 Arrangement  for  pipe  flow  investigation 
(from  Ref.  1 1 ) 
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Figure  4 Flexible  tube  section,  showing  instability 
(from  Ref.  1 1 ) 
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(Drop  along  flexible  section) 
(Drop  olong  rigid  section) 
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Figure  7 Turbulencelevel  as  function  of  distance 
from  the  wall  (from  Hef.  12.  u'  = RMS- 
value  of  axial- velocity  fluctuations, 

U0  = mean  velocity  at  the  tube  axis  - 
1.5  m/s,  y - distance  from  tube  wall, 

R * tube  radius  =2.5  cm.  Re  = 7 . 5 • 10, 
• - rigid  tube,  o - tube  with  sound- soft' 
coating,  x - measurements  by  Lauffer 
(NACA  Rept.  1 1 74)  in  air  Re  = 5 • 1 04). 
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Figure  6 Normalized  pressure  drop  along  flex- 
ible tube  section  as  function  of  volume 
of  liquid  V filled  into  the  interspace 
behind  the  flexible  wall  (from  Ref.  11). 


Figure  9 Influence  of  sound  on  the  growth  of  velocity 
fluctuations  in  the  transition  region  of 
boundary  layer  flow  (from  Ref.  13;  AA  is 
the  ratio  of  the  amplitude  exponents  with 
sound  to  the  amplitude  exponent  without 
sound  at  a flow  velocity  of  10  m/s). 
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Figure  11  Suppression  of  turbulence  by  sound 
(from  Ref.  13,  x = 0 is  leading  edge 
of  plate,  distance  of  hot  wire  probe 
0.  5 mm  from  plate,  ohne  Schall  * 
without  sound,  mit  Schall  * with 
sound  of  4 kHz). 


RIGC  REFERENCE  PLATE 
COMPLIANT  PLATE  NO  I 


10  min  20  30 


FLEXIBLE  SKIN 


SPRING . 


> WIVEL  ARM 


'RIGID  BASE 


WALL  DISTANCE  y 


Figure  14  Normalized  velocity  profiles  of  flow  over 
a compliant  plate  and  over  a rigid  refer- 
ence plate  (from  Ref.  17). 


Figure  12  Sketch  of  a compliant  wall  with  re- 
stricted surface  mobility,  illustrating 
the  principle  proposed  to  ensure  po- 
sitively correlated  surface  motion 
u -v  >0  (from  Ref.  17). 
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Figure  15  Momentum  thickness  of  compliant 

plates  and  of  a rigid  reference  plate 
as  calculated  from  velocity  profiles. 
The  decrease  in  momentum  thickness 
obtained  with  fresh  compliant  plates 
is  lost  after  6 weeks  of  aging  of  the 
silicon  rubber  (from  Ref.  17). 
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Figure  17  Frequency  spectra  (l/3-octave  bands) 
of  flow  induced  angular  oscillations 
of  a small  mirror  fixed  on  the  surface 
of  a flexible  plate  (from  Ref.  16; 

U0  * flow  velocity  of  the  water  outside 
the  boundary  layer). 


Figure  16  Sketch  of  a Schlieren  arrangement  for  the  measurement  of  surface  oscillations  of  a flexible 
plate  in  a water  tunnel  (from  Ref.  16;  at  the  surface  of  the  flexible  plate  a small  mirror  is 
fixed). 
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Figure  18  Friction  factor  of  a vertically  suspended 
rubber  tube  (from  Ref.  19;  tube  length 
L = 3.9  m,  inner  tube  diameter  d = 6 mm. 
u = mean  velocity  in  the  tube,  m - correc- 
tion factor  for  tube  inlet  flow  (compare: 

E.  Bender:  Druckverlust  bei  laminarer 
Stromung  im  Rohreinlauf.  Chem.  Ing.  Tech. 
41  (1969)  pp.  682),  G = weight  of  metal 
block  at  downstream  tube  end, controlling 
straightness  of  the  tube). 
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Figure  19  Dependence  of  the  normalized  RMS-values  of  turbulent  wall  pressure  fluctuations 
on  the  factor  d • uT/V  (from  Ref.  23;  d = transducer  diameter,  uT  * shear  ve- 
locity, V * kinematic  viscosity,  q,r,  = dynamic  pressure  outside  the  boundary). 
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APPENDIX 

INVESTIGATION  OF  PRESSURE  FLUCTUATIONS  BENEATH  A TURBULENT  BOUNDARY  LAYER 

BY  MEANS  OF  AN  OPTICAL  METHOD* 

A.  Dinkelacker,  M.  Hesse!,  G.E.A.  Meier,  G.  Schewe 
Max- Planck- Institut  fur  Stromungsforschung,  Gottingen 


I.  INTRODUCTION 

IX) ring  recent  years  in  Gottingen,  as  well  as  in  Southampton,  several  experimental  investigations 
with  flow  over  compliant  walls  have  been  performed.  These  include  three  investigations  with  turbulent 
pipe  flow  1*3,  one  with  turbulent  flow  over  a flat  plate4  and  one  in  which  an  attempt  was  made  to  repeat 
an  experiment  of  Kramer  with  a rising  body  technique0.  For  different  reasons,  these  experiments  re- 
mained inconclusive  with  respect  to  the  question  of  drag  reduction  by  means  of  compliant  walls.  In  our  tj 

opinion  one  reason  for  the  difficulties  encountered  in  experiments  with  compliant  walls  is  that  one  does 
not  have  enough  knowledge  of  the  mechanisms  in  a turbulent  boundary  layer  and  especially  that  one  does 
not  have  enough  knowledge  of  pressure  fluctuations  beneath  a turbulent  boundary  layer.  Such  pressure 
fluctuations  certainly  play  an  important  role  in  the  problem  of  interactions  between  turbulent  flows  and 
compliant  walls.  So,  we  have  started  to  investigate  turbulent  wall  pressure  fluctuations  in  some  detail. 

Usually,  wall  pressure  fluctuations  are  measured  with  the  help  of  microphones  built  flat  into  one  of 
the  flow  bounding  walls.  Such  measurements,  however,  give  only  the  pressure  fluctuations  at  one  point 
on  the  wall  or  if  several  microphones  are  used  at  a few  points.  Emmerling  et  al.  ■ have  developed  a 
new  optical  method  which  allows  the  investigation  of  the  wall  pressure  field  and  of  its  temporal  changes. 

In  the  following,  the  method  and  the  experimental  arrangements  are  briefly  explained  and  some  results  of 
experiments  performed  in  a low  speed  wind-tunnel  are  reported. 


II.  THE  METHOD 

The  main  component  of  the  method  is  a pressure  transducer  which  consists  of  several  hundred  small 
elastic  membranes . I he  membranes  are  silvered  and  the  whole  transducer  forms  one  mirror  of  a Michel- 
son- interferometer . This  transducer  is  built  flat  into  the  wall  of  a low  speed  wind-tunnel.  The  turbulent 
pressure  fluctuations  in  the  wind-tunnel  cause  small  displacements  of  the  membranes  and  these  displace- 
ments are  recorded  with  the  interferometer  and  a high  speed  camera.  No  influence  of  the  membrane  move- 
ments on  the  flow  is  to  be  expected  as  the  displacements  are  only  small  fractions  of  the  viscous  sublayer 
thickness.  The  films  are  evaluated  and  from  each  frame  a map  of  the  instantaneous  pressure  distribution 
over  the  field  of  observation  (here  50  mm  x 30  mm)  can  be  constructed.  These  maps,  which  are  comparable 
to  the  well-known  isobaric  maps  in  meteorology,  give  information  on  the  processes  in  the  turbulent  bound- 
ary layer  without  the  need  to  introduce  a probe  into  the  flow. 


Ill  THI  EXPERIMENTAL  ARRANGEMENTS 
A.  The  Pressure  1 ransducer 

Fig.  1 shows  the  pressure  transdui  er.  A thin  elastic  foil  (approximately  35^jm  thick)  is  stretched 
across  a rigid  base  constructed  of  brass,  which  has  several  hundred  small  holes  of  2.5  mm  diameter.  The 
surface  of  the  base  was  Upped  so  that  the  deviation  from  flatness  across  the  entire  surface  was  reduced 
to  the  order  of  lMB.  On  this  base,  the  thin  foil  is  fixed  by  means  of  adhesive.  The  main  problem  in  pro- 
ducing the  transducer  is  obtaining  a thin  foil  with  a low  elasticity  modulus  and  with  a smooth  surface  and 
uniform  thickness,  accurate  to  within  a fraction  of  a light  wave-length.  This  extreme  accuracy  is  necessary 
because,  otherwise  even  without  flow,  a dense  interference  fringe  pattern  would  appear.  The  foils  used 
here  were  made  of  silicone  rubber  and  silvered  with  the  help  of  a vacuum  coating  device  (for  details  see 
Ref.  6).  The  pressure  transducer  was  fixed  in  a metal  ring  and  together  with  this  ring  mounted  flush  in  the 
wall  of  the  wind-tunnel.  Small  holes  were  drilled  in  the  ring  to  allow  for  pressure  equalization  between  the 
wind-tunnel  and  the  chamber  behind  the  membranes. 

Static  calibration  of  the  transducer  was  done  by  applying  a static  pressure  difference  to  the  mem- 
branes. Fig.  2 shows  that  the  number  of  Interference  fringes  (usually  concentric  rings)  occurring  on  a 
membrane  is  very  nearly  proportional  to  the  static  pressure  applied.  Changes  in  the  fringe  pattern  of  about 
0.25  fringes  (corresponding  to  about  1 yjbar)  can  be  evaluated.  Dynamic  calibration  was  accomplished  with 
a loudspeaker  and  two  calibrated  microphones.  Fig.  3 shows  the  frequency  response  of  one  transducer 
membrane.  It  should  be  noted  that  this  relatively  flat  frequency  response  was  only  achieved  after  placing 


* Oral  version  was  presented  by  A.  Dinkelacker  at  IUTAM  Symposium  "Structure  of  Turbulence  and  Drag 
Reduction"  Washington  IK',  7.-12.6.1976.  The  paper  is  scheduled  for  publication  in  the  Proceedings  of 
the  IUTAM  Symposium  as  a supplement  to  an  issue  of  The  Physics  of  Fluids. 
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a damping  layer  (silk  cloth)  at  the  rearside  of  the  base  plate  (compare  Fig.  1).  Without  this  damping  the 
membranes  showed  a sharp  resonance  peak  at  about  1 kHz.  The  equality  of  the  different  transducer  mem- 
branes was  checked  with  the  help  of  the  interferometer.  In  fact,  the  membranes  of  the  transducer  used 
here  showed  rather  low  inequalities. 

The  spatial  resolution  of  the  transducer  is  determined  by  the  diameter  of  the  individual  membranes 
which  was  d 2.5  mm  here.  With  the  flow  used  this  diameter  corresponds  to  0.08  b or  to  57  v /uf  where 
b is  the  boundary  layer  thickness,  v is  the  kinematic  viscosity,  and  u<[-  is  the  shear  velocity.  Under  cer- 
tain circumstances  one  can  draw  conclusions  even  on  pressure  patterns  which  are  smaller  than  the  trans- 
ducer. These  evaluations,  however,  in  which  details  of  the  shape  of  the  fringe  pattern,  e.g.,  "S"  shape, 
are  taken  into  account  only  give  qualitative  results.  An  additional  problem  encountered  was  that  the  thin 
rubber  foils  lose  their  tension  after  periods  of  a month  or  so.  For  this  reason,  before  each  run,  the  static 
calibration  of  the  membranes  had  to  be  repeated. 


B.  The  Wind-Tunnel 

The  arrangement  is  shown  in  Fig.  4.  The  test  section  of  the  wind-tunnel  has  a cross  section  of 
200  mm  x 100  mm  and  a length  of  2.4  m.  In  the  inlet  of  the  tunnel  two  sets  of  drinking  straws  were  ar- 
ranged as  flow  smoothing  devices.  The  flow  is  driven  by  suction  and  controlled  by  a sonic  nozzle.  Great 
care  was  taken  to  reduce  noise  and  vibrations  in  the  whole  arrangement.  The  tunnel  is  of  heavy  construction 
with  walls  of  cast  aluminium  about  20  mm  thick.  All  the  parts  lying  within  the  dotted  lines  shown  in  Fig.  4 
are  rigidly  connected  and  elastically  suspended  on  springs.  The  fundamental  frequency  of  this  system  is 
less  than  1 Hz.  Furthermore,  the  sonic  nozzle  was  especially  designed  in  order  to  produce  low  noise  levels. 
The  outside  casing  of  the  nozzle  is  constructed  with  double  walls.  A sound  absorber  is  mounted  downstream 
of  the  nozzle  (absorber  B in  Fig.  4).  In  principle,  a sonic  nozzle  does  not  radiate  sound  upstream,  but,  in 
practice,  it  still  produces  some  noise  in  the  upstream  direction  (flow  noise  in  the  convergent  area,  trans- 
mission in  the  flow  boundary  layer,  transmission  in  the  walls  of  the  nozzle).  To  eliminate  these  influences 
the  sonic  nozzle  is  connected  to  the  test  section  only  with  a soft  rubber  gasket  and  a specially  designed 
sound  absorber  (absorber  A in  Fig.  4).  Noise  in  the  laboratory  is  also  reduced  as  far  as  possible. 

The  coordinate  system  is  chosen  so  that  the  origin  lies  in  the  middle  of  the  transducer  surface.  The 
positive  x axis  points  in  the  flow  direction,  the  positive  y axis  is  normal  to  the  transducer  and  the  z axis 
points  along  the  wall  in  the  spanwise  direction  forming  a right-handed  system  with  the  other  axes. 


C.  The  Optical  Apparatus 

The  arrangement  of  the  optical  apparatus  is  also  shown  in  Fig.  4.  The  individual  parts  of  the  inter- 
ferometer are  mounted  on  a stable  steel  frame.  A 100-W  super  pressure  mercury  lamp  serves  as  the  light 
source.  Passing  through  an  iris,  an  interference  filter  (A  = 0.547/um)  and  a collimator  (100  mm  diameter), 
the  light  reaches  the  beam  splitter  and  from  there  it  goes  partly  to  the  pressure  transducer  and  partly  to 
the  reference  mirror.  As  can  be  seen  in  Fig.  4,  one  interferometer  beam  passes  through  the  turbulent 
flow  twice.  Since  the  refractive  index  of  air  is  dependent  upon  density,  sufficiently  large  pressure  fluctu- 
ations in  the  flow  can  change  the  optical  path  of  the  beam.  This  could  lead  to  errors  in  the  evaluation  of  the 
membrane  displacement.  It  can  be  shown,  however,  that  at  a flow  velocity  of  8.5  m/sec,  these  distur- 
bances are  negligibly  small.  Photographs  of  the  interference  patterns  were  taken  with  a high-speed  camera 
(Fastax  WF-4m).  The  frame  rate  at  any  point  on  the  film  can  be  determined  with  the  aid  of  timing  marks 
(1  milli  second)  on  the  edge  of  the  film. 


D.  The  Flow 

For  the  experiment  reported  here  the  sonic  nozzle  was  adjusted  so  that  the  centerline  velocity  in  the 
tunnel  at  the  position  of  the  transducer  was  =8.5  m/sec.  In  this  case  the  flow  was  the  "tunnel  inlet 
flow"  type  with  boundaries  becoming  turbulent  immediately  after  the  drinking  straws  (see  Fig.  4).  Cha- 
racteristic qualities  of  the  flow  used  in  this  investigation  are  shown  in  Figs.  5 to  8.  For  the  position  of 
the  pressure  transducer  the  following  parameters  are  obtained:  Centerline  velocity  =8.5  m/sec, 
dynamic  pressure  q^  = 420  yu  bar,  shear  velocity  uq-  = 0.34  m/sec,  sublayer  length  scale  V /uT  * 44  yum, 
boundary  layer  thickness  A - 30  mm,  momentum  thickness  B - 3.  5 mm,  Reynolds  number  Reg  = 2 x 10", 
displacement  thickness  A 4.6  mm,  pressure  gradient  dp/dx  = -53  p,  bar  per  meter  or  0.006  q^,  over 
the  length  of  the  transducer  observation  field. 


E.  Film  Evaluation 

Fig.  9 shows  one  individual  frame  from  a film  which  was  taken  at  a framing  speed  of  about  7000  frames 
per  second.  The  field  of  observation  is  about  50  mm  x 30  mm  and  contains  patterns  of  about  200  small  cir- 
cular membranes.  With  the  help  of  the  calibration  curve  (Fig.  2)  and  with  the  help  of  a so-called  base 
fringe  pattern,  the  amplitude  and  the  direction  of  the  membrane  displacement  can  be  determined.  The  base 
fringe  pattern  is  produced  by  turning  the  reference  mirror  of  the  interferometer  in  such  a way  that  with  no 
pressure  difference  at  the  membranes  (i.e.,  with  no  flow  in  the  tunnel)  approximately  two  interference 
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fringes,  extending  in  the  lengthwise  direction,  appear  on  each  membrane.  For  the  evaluation,  it  is  ne- 
cessary to  determine  the  difference  between  the  instantaneous  fringe  pattern  on  a membrane  and  the  base 
fringe  pattern  of  the  same  membrane.  This  part  of  the  evaluation  makes  the  evaluation  process  rather 
difficult  and  time  consuming  and  up  to  now  has  made  automatic  film  evaluation  unsuccessful.  As  one  can 
see  in  Fig.  9 some  of  the  fringes  have  an  S shape  which  indicated  a local  pressure  gradient  on  the  mem- 
brane. Absolute  evaluation  in  this  case  is  difficult  because  both  the  calibration  curve  and  the  frequency 
response  curve  are  only  valid  for  symmetric  displacements  of  the  membranes. 

The  evaluated  pressure  readings  can  be  represented  and  processed  in  different  ways.  One  way  is 
to  plot  pressure  maps  as  shown  in  Fig.  10.  In  these  maps  the  small  crosses  show  the  positions  of  the 
individual  membranes.  The  lines  are  isobaric  lines  connecting  points  of  equal  pressure,  (The  corners  in 
the  isobaric  lines  have  no  physical  significance,  they  are  just  a consequence  of  the  plotting  process.  ) 

Solid  lines  are  lines  of  overpressure  and  zero  pressure.  Dashed  lines  are  lines  of  underpressure.  Zero 
pressure  is  defined  so  that  the  average  over  the  198  membranes  of  each  map  is  zero.  The  pressure  differ- 
ences between  adjacent  lines  in  Fig.  10  correspond  to  0.5  fringes  (=  1.75 bar  or  0.0042  q^). 

Two  more  questions  seem  to'be  of  importance  with  respect  to  the  confidence  one  can  have  in  the 
pressures  evaluated.  The  first  question  is  whether  the  movements  of  the  transducer  membranes  influence 
the  adjacent  flow.  It  is  assumed  that  this  is  not  the  case,  because  the  membrane  displacements  are  very 
small  compared  with  the  dimensions  of  the  viscous  sublayer  (e.g..,  6 fringes  correspond  to  a membrane 
displacement  of  y 1 . 64  ylim  or  y+  = 0.04).  The  second  question  is  whether  the  high  frequency  parts  of 
the  fluctuations  are  represented  properly.  If  one  compares  the  frequency  spectrum  measured  with  the 
help  of  the  microphone  (Fig.  8)  and  the  frequency  response  curve  of  the  membranes  (Fig.  3),  it  can  be 
concluded  that  no  serious  difficulties  arise,  because  the  maximum  of  the  electrically  measured  frequency 
spectrum  is  at  about  100  Hz  and  the  membranes  operate  with  constant  sensitivity  up  to  about  700  Hz. 
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IV.  RESULTS 

With  the  method  and  experimental  arrangements  described  in  the  previous  sections  one  can  achieve 
insight  into  a pressure  field  beneath  a turbulent  boundary  layer.  The  evaluation  of  the  fringe  patterns, 
however,  is  at  the  present  stage  still  a rather  lengthy  process.  At  present  we  are  still  evaluating  and  pro- 
cessing results  of  a film  taken  by  Emmerling  in  19  72.  As  of  now,  208  consecutive  frames  of  this  film  have 
been  evaluated  containing  about  40  000  pressure  readings.  Some  examples  from  this  material  will  be  re- 
ported in  the  following  text.  The  examples  show  clearly  that  the  method  works.  Furthermore,  it  is  be- 
lieved that  the  reported  examples  are  not  just  arbitrary  events  in  the  investigated  flow,  but  that  they  are 
typical  for  turbulent  boundary  layers.  The  proof,  however,  that  this  is  so  still  has  to  be  established,  as 
the  number  of  observations  is  still  rather  small.  For  this  reason,  the  results  reported  here  have  to  be 
regarded  as  preliminary. 

Fig.  10  shows  20  consecutive  pressure  maps.  These  maps  contain  the  information  of  frame  Nos. 

58  to  96  out  of  the  above-mentioned  film  whereby  for  brevity  only  every  second  map  is  printed.  The  time 
difference  between  consecutive  maps  is  A t - 0.  28  milliseconds  or  A t+  - 2,  if  made  nondimensional  with 
V/u^?.  The  flow  direction  is  from  left  to  right.  The  flow  velocity  and  all  other  data  are  as  reported  in 
Sec.  Ill  I). 

Fig.  1 1 shows  the  spatial  pressure  distribution  of  one  row  of  the  transducer  membranes  for  208 
temporal  consecutive  frames  of  the  same  film  (9th  row,  frame  Nos.  1 to  208).  The  row  consists  of 
1 7 membranes  lying  in  the  f low  direction  one  behind  the  other.  Some  of  the  represented  curves  therefore 
are  cross  cuts’  through  the  fields  represented  in  Fig.  10.  The  time  difference  betw'een  consecutive 
curves  in  Fig.  11  is  one  half  that  in  the  previous  figures,  i.e.,4  t - 0.14  milliseconds  or  A t+  = 1 . 

In  Fig.  11  one  can  easily  recognize  the  downstream  convection  of  some  pressure  patterns.  Since 
it  is  not  always  clear  what  should  be  regarded  as  a ’ pattern"  we  will  explain  for  each  example  separately 
what  is  meant  by  the  word  pattern.  Usually,  individual  patterns  can  be  followed  over  distances  of  about 
half  the  length  of  the  observation  field.  In  some  cases,  however,  one  can  follow  individual  patterns  through 
the  whole  field  of  observation  from  the  first  to  the  last  membrane. 

The  first  example  (pattern  A)  is  a structure  of  this  type,  l’attern  A (in  Fig.  11  drawn  in  ink  with 
heavy  solid  lines)  consists  of  an  area  of  overpressure  followed  by  an  area  of  underpressure.  The  pattern 
enters  the  observation  field  in  frame  No.  26  and  can  be  followed  until  it  leaves  the  observation  field  in 
frame  No.  89.  The  convection  velocity  of  this  pattern  (characterized  by  the  zero  between  its  two  parts)  is 
found  to  be  Uc  * 0.76  U (X).  The  extensions  of  pattern  A are  of  the  order  of  0.5  6 . Furthermore,  one  can 
see  that  the  lengthwise  extension  of  the  overpressure  area  of  the  pattern  is  increasing  with  time  | e.g., 
in  frame  No.  30  the  overpressure  area  of  the  pattern  has  a lengthwise  extension  of  2 membrane  distances 
(-  6 mm)  while  in  frame  No.  70  the  same  extension  has  grown  to  4 membrane  distances  (=12  mm)]  . In  the 
Fig.  10  pattern  A can  also  be  observed.  In  the  pressure  maps  (maps  58  to  80)  a few  isobars  of  this  pattern 
are  drawn  in  ink  ( for  the  overpressure  part  of  the  pattern  the  +3.  5/ubar  line  and  the  +7. 0 /u  bar  line 
(both  heavy  solid  lines)  for  the  underpressure  part  the  -3.5yubar  line  and  the  -7.0^ibar  line  (both  heavy 
dotted  lines)|  . In  addition  to  the  convection  effect  in  these  maps  the  extensions  of  the  pattern  can  clearly 
be  seen.  The  fact  that  the  pattern  is  observed  throughout  the  field  of  observation  means  that  this  structure 
exists  over  a length  of  at  least  1.6  i or  1100  v»/uf. 
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The  second  example  (pattern  B)  is  again  an  area  of  overpressure  followed  by  an  area  of  under- 
pressure. (In  frame  Nos.  -I !)  and  GO  of  Fig.  1 1 pattern  B is  marked  with  heavy  dotted  lines.  ) As  can  be 
seen  from  Fig.  1 I and  also  from  F ig.  10  the  extensions  of  pattern  B are  only  of  the  order  of  two  mem- 
brane distances  and  the  lifetime  is  rather  short  (the  pattern  can  be  recognized  in  F’ig.  11  from  frame  4ft 
to  frame  02).  Furthermore,  one  can  see  that  pattern  B reaches  a rather  high  pressure  amplitude  and 
shows  large  pressure  gradients.  In  frame  No.  61  (F’ig.  11)  the  overpressure  of  pattern  B is  1 7 bar 
(=  0.04  q^).  Two  frames  later  the  pattern  has  disappeared.  F’or  the  spatial  gradient,  a maximum 
dp/ dx  - 25  yu  bar  over  a distance  of  3 mm  is  found.  Recalculated  this  would  be  0.60  over  a distance 
of  4 . Another  interesting  fact  is  that  this  pattern  hardly  changes  its  position  while  it  is  observed.  Evalu- 
ating  its  shift  (from  frame  49  to  frame  62  it  shifts  only  by  3 mm)  a convection  velocity  as  low  as 
Uc  - 0.2  !!„  is  found.  The  low  convection  velocity,  the  small  extensions,  and  the  short  lifetime  of  pattern 
B suggest  that  pattern  B is  related  to  a local  flow  process  of  short  duration  occurring  rather  close  to  the 
wall. 


The  third  example  shows  the  convection  of  a large  area  of  underpressure  (pattern  C).  In  Fig.  10 
this  area  is  shaded.  The  boundaries  are  zero  pressure  lines.  As  can  be  seen,  with  increasing  frame 
number,  the  shaded  area  moves  to  the  right,  i.e.,  in  the  flow  direction.  In  the  lengthwise  direction,  the 
area  has  an  extension  of  the  order  of  the  boundary  layer  thickness  A and  in  the  spanwise  direction  the 
extension  must  be  even  larger  than  A . (This  can  be  concluded  because  beginning  in  frame  80  pattern  B 
touches  both  lengthwise  boundaries  of  the  observation  field,  these  boundaries  are  at  a distance  of  30  mm 
which  is  equal  to  4 ).  The  convection  velocity  of  pattern  C is  about  Uc  = 0. 85  U^.  In  the  maps  one  can 
observe  how  the  underpressure  area  as  it  travels  sometimes  joins  with  or  separates  from  other  areas  of 
underpressure  (compare  maps  No.  66  and  68)  or  overtakes  smaller,  slower  moving  areas  of  overpressure 
which  then  become  peninsulae  or  islands  in  the  underpressure  area.  The  lifetime  of  pattern  C is  evidently 
considerably  larger  than  the  time  of  its  stay  in  the  observation  field.  The  fact  that  the  whole  underpressure 
area  is  inclined  at  an  angle  of  about  45°  to  the  flow  direction  is  not  believed  to  be  typical.  In  other  evalua- 
tions different  angles  have  been  obtained.  The  large  extensions  of  pattern  C,  the  high  convection  velocity 
and  the  long  lifetime  suggest  that  this  pattern  might  be  related  to  a large  scale  flow  process  occurring  in  a 
region  of  the  boundary  layer  which  is  farther  away  from  the  wall. 
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V.  SPECULATIONS  CONCERNING  THE  FLOW  FIELDS 

From  the  information  given  in  the  previous  section  one  can  speculate  what  sort  of  flows  could  have 
generated  these  pressure  patterns.  In  Fig.  12  a fairly  simple  model  is  given  in  which  flow  in  curved 
streamtubes  is  related  to  nearby  pressure  fields.  According  to  this  model  the  large  scale  underpressure 
area  (pattern  C)  could  be  related  to  a spatially  extended  flow  with  streamlines  bent  towards  the  wall  ( see 
Fig.  12(a))  . The  medium  scale  pressure  pattern  (pattern  A)  in  which  an  area  of  overpressure  is  followed 
by  an  area  of  underpressure  could  be  related  to  flow  with  doubly  curved  streamlines  as  shown  in  Fig.  12(c). 
Pattern  B with  its  very  low  convection  velocity  (Uc  =0.2  11^),  could  also  be  related  to  flow  with  doubly 
curved  streamlines,  but  occurring  very  close  to  the  wall  ( see  Fig.  12(d))  . 

The  ideas  given  in  this  last  section  are  at  present  only  speculations.  However,  some  numerical 
calculations  performed  by  Schumann  , in  which  turbulent  channel  flow  is  simulated  with  the  help  of  a 
computer,  show'  pressure  fields  which  are,  to  some  extent,  similar  to  the  pressure  fields  presented  in 
Sec.  IV  and  show  flow  fields  which  are  to  some  extent  similar  to  the  speculative  flow  patterns  given  in  this 
section.  Furthermore,  it  seems  to  be  possibj^to  connect  the  ideas  given  here  to  visual  observations  of 
flow  fields  as  given,  e.g.,  by  Nychas,  et  al.  or  by  F’alco  1 . 

VI.  CONCLUDING  REMARKS 

a)  The  examples  show  that  the  method  works,  and  that  it  is  possible  to  gain,  with  this  method, 
detailed  information  on  the  pressure  field  beneath  a turbulent  boundary  layer  without  the  need  to  introduce 
a probe  into  the  flow. 

b)  Large  scale  pressure  patterns  are  observed  which  have  lengthwise  extensions  of  the  order  of  the 
boundary  layer  thickness  A and  spanwise  extensions  larger  than  A . Convection  velocities  of  these  patterns 
up  to  0.9  Ujhj  are  found. 

c)  Smaller  scale  pressure  patterns  are  observed  which  have  sometimes  extensions  right  down  to 
the  resolution  limits  of  the  transducer  (0.08  4 or  57  V /ux).  The  downstream  movements  of  these  patterns 
sometimes  can  be  followed  over  the  whole  field  of  observation  which  is  1 . 6 4 or  1100  V/uy.  Convection 
velocities  of  these  patterns  were  observed  down  to  0.2  U . 

d)  The  proof  that  the  observed  structures  are  typical  for  turbulent  boundary  layers  is  not  yet 
established.  Therefore  the  results  have  to  be  regarded  as  preliminary. 

e)  Further  efforts  are  now  directed  toward  the  following  aims:  (1)  Continuation  and  improvement 

of  film  evaluation.  (2)  Development  of  models  for  the  generation  of  the  observed  pressure  patterns. 

(3)  Examination  of  these  models  with  the  help  of  conventional  techniques  (hot  wires,  electromechanical 
pressure  transducers,  computer  analysis).  (4)  Establishment  of  the  connections  between  the  observations 
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made  with  this  method  and  the  large  set  of  data  on  turbulent  wall  pressure  fluctuations  gained  with  electro- 
mechanical transducers  as  summarized  by  Willmarth  ,2.  (5)  Finally  it  is  hoped  to  return  to  the  question 

of  how  compliant  coatings  could  influence  turbulent  boundary  layer  flow. 
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Figure  1 Pressure  transducer  (D  = 97  mm, 
H = 6 mm,  d = 2 . 5 mm,  e = 3 mm, 
1=2.6  mm). 


Figure  3 Frequency  response  of  the  membranes 
(transducer  with  silk  cloth  for  damping). 
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Figure  2 Calibration  curve  for  the  membranes 
(light  wave  length  X - 0.547yum). 


Figure  4 


Experimental  facility. 
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Figure  5 Velocity  distributions  in  the  test 

section  of  the  wind-tunnel  (measured 

with  a Pitot  tube  at  x = -150  mm, 

U =8.3  m/sec), 
oo  ' 
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Figure  6 Dimensionless  velocity  distribution 
(recalculated  values  from  Fig.  5). 
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Figure  7 Turbulence  intensity  distribution 
(measured  with  a hot  wire  at 
x = -150  mm,  U =8.3  m/sec). 
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Figure  8 Spectral  density  of  wall  pressure  fluctu- 
ations relative  to  a reference  spectral 
density  to  of  (2  x 10'4yu  bar)2/Hertz. 
(Measured  with  a microphone  mounted 
flush  in  the  tunnel  wall  at  the  position  of 
the  optical  transducer.) 


Figure  9 Interference  fringe  pattern  of  one  frame 
of  a film  taken  with  = 8.  5 m and  a 
frame  rate  of  7000  frames  per  second. 


Figure  10  Sequence  of  consecutive  pressure  distributions.  (Flow  from  left  to  right,  flow  velocity 
Uqq  = 8.5  m/sec,  time  between  consecutive  maps  A t = 0.28  msec,  field  of  observation 
50  mm  x 30  mm.  ) 
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Figure  11  Sequence  of  consecutive  pressure  distributions  along  one  row  of  17  membranes  lying  in  flow 
direction  one  behind  the  other.  (Flow  from  left  to  right,  flow  velocity  U 8.  5 m/sec. 


time  between  consecutive  maps  4 t = 0. 


4 msec). 


Figure  12  Relation  between  bent  streamtubes  and 
nearby  pressures  (+  * overpressure, 

- * underpressure). 
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SUMMARY 

A critical  analysis  of  available  compliant  wall  data  which  indicated 
drag  reduction  under  turbulent  boundary  layers.  Detailed  structural  dynamic 
calculations  suggest  the  surfaces  responded  in  a resonant,  rather  than  com- 
pliant, manner.  Alternate  explanations  are  given  for  drag  reductions 
observed  in  two  classes  of  experiments  (1)  flexible  pipe  flows  and  (2)  water- 
backed  membranes  in  air.  Analysis  indicates  the  wall  motion  for  the  remain- 
ing data  is  typified  by  short  wave  lengths  in  agreement  with  the  requirement 
of  a possible  compliant  wall  drag  reduction  mechanism  recently  suggested  by 
Langley. 


NOTATION 
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Streamwise  coordinate 
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A 

Van  Driest  wall  damping  constant 
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x »y 

Spatial  coordinates  in  wall-coordinate 
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Pressure  gradient 

K 

Prandtl  wall  slope 
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L 
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Displacement  thickness 

N 
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A difference 
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Pressure 
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Vertical  surface  displacement 
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Free-stream  dynamic  pressure 
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Density 

\c 

Lower  critical  Reynolds  number 

y 

Dynamic  viscosity 

R 

Undeformed  tube  radius 

o 
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Kinematic  viscosity 
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Shear  stress 
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Local  velocity  component  in  x-direction 
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Friction  velocity;  u - U (C-/2) 
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Uoo 

Free-stream  velocity 
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Mean  pipe  flow  velocity 
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Radial  tube  displacement 
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Wall  vibration  response  amplitude 
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Time  average 
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1. 

The  current  energy  shortage  places  additional  emphasis  upon  research  to  increase  the  efficienty  of 
transportation,  including  aircraft. ^ Since,  for  long-haul  aircraft,  the  viscous  drag  is  approximately 
40-501  of  the  total  drag,  any  sizable  decrease  in  turbulent  skin  friction  translates  directly  into  an 
appreciable  fuel  saving.  Reference  2 provides  a discussion  of  various  techniques  for  reducing  viscous 
drag,  as  well  as  drag  due  to  lift.  A more  detailed  review  of  various  Cf  reduction  approaches^  con- 
cluded that  five  techniques  (laminar  flow  control,  slot  injection,  particle  injection,  polymers,  and 
compliant  skins)  were  worthy  of  further  detailed  research. 

The  laminar  flow  control  (LFC)  technology  is  quite  mature,  and  most  of  the  important  remaining  prob- 
lems are  in  the  practical  areas  of  maintainability  and  reliability.  Further  research  is,  however,  still 
required  for  optimization  of  suction  rate  and  distribution.  Skin-friction  reduction  due  to  injection  of 
low  momentum  air  near  the  wall  (slot  or  porous  injection)  can  definitely  cause  large  local  Cf  reductions^ 
but  recent  studies^  have  shown  that,  as  one  might  expect,  the  penalties  for  collecting  and  ducting  the 
slot  air  outweigh  the  expected  drag  reduction  benefits  on  aircraft;  therefore,  this  method  is  presently 
suitable  only  for  local  regions  where  excess  air,  perhaps  from  an  LFC  system,  might  be  available.  Particle 
injection  can  also  provide  a drag  reduction,®  but  applying  this  technique  to  aircraft  (particularly  con- 
sidering the  various  anti-pollution  regulations)  is  not  currently  feasible.  Polymer  injection  produced 
large  Cf  reduct ions^- 10  but  the  effect  is  limited  to  liquids. 

The  remaining  technique,  compliant  walls,  is  the  subject  of  the  present  critical  review.  BlickH 
discussed  the  field,  with  primary  emphasis  upon  the  University  of  Oklahoma  research.  The  Introduction 
sections  of  References  12,  13,  and  14  provide  fairly  up-to-date  synopses. 

The  purpose  of  the  present  paper  is  to  investigate  the  entire  subject  for  both  the  transitional  and 
the  turbulent  flow  cases  and  discuss  possible  correlations  between  computed  wall  motion  and  observed  drag 
reduction.  The  paper  also  presents  alternate  explanations  for  "drag  reductions"  observed  in  several  cases 
reported  in  the  literature. 

Considering  the  demonstrated  success  with  LFC  on  the  X-21  aircraft, * one  might  reasonably  ask  why 
anything  further  (another  drag  reduction  technique)  is  needed  for  aircraft.  There  are  two  responses. 

First,  LFC  has  thus  far  been  applied  on  wings,  and  not  fuselages.  On  the  present  wide-body  transports, 
approximately  one-half  of  the  surface  area  is  on  the  fuselage.  Since  the  fuselage  boundary  layer  is 
relatively  thick  and  generally  has  small  pressure  gradients,  it  may  be  much  more  suitable  for  applying 
compliant  walls  rather  than  for  LFC  (although  there  has  been  no  concentrated  effort  to  apply  LFC  to  the 
fuselage).  The  second  and  more  serious  comment  concerns  the  high-altitude  operating  conditions  necessary 
for  LFC.  The  low  unit  Reynolds  numbers  required  for  a successful  LFC  system  (primarily  dictated  by 
roughness  and  radiated  noise  from  the  fuselage)  are  only  available  at  altitudes  above  35,000  feet  and, 
ideally,  over  40,000  feet.  However,  most  operational  flights  (and  60%  of  aircraft  fuel)  are  for  stage 
lengths  less  than  1500  miles  and,  therefore,  considerable  fuel  is  burned  at  altitudes  below  the  levels 
required  for  LFC.  The  application  of  LFC  is  optimal  for  high-altitude,  long-range  aircraft  but  something 
else  (perhaps  compliant  walls)  is  needed  for  the  considerable  traffic  in  the  shorter  stage  length,  lower- 
altitude  cases.  With  these  considerations,  and  because  there  does  not  seem  to  be  any  other  potentially 
viable  viscous  drag  reduction  scheme,  compliant  wall  research  should  obviously  be  pursued  until  the 
potential  for  drag  reduction  under  turbulent  boundary  layers  is  either  conclusivel.  roved  or  disproved. 

The  current  state  of  compliant  wall  technology  can  best  be  described  as  confusing  and  Inadequate. 
Although  the  mechanism  for  altering  the  drag  must  be  connected  with  the  flow  induced  wall  motion,  to  the 
present  authors'  knowledge,  except  for  some  recent  attempts  at  Langley,  only  the  study  by  Grosskreutzl® 
measured  wall  motion  for  either  successful,  or  unsuccessful , compliant  wall  experiments.  Extensive  wall 
motion  measurements  must  be  made,  particularly  in  cases  where  drag  reduction  is  obtained,  before  any 
theoretical  approach  to  the  problem  (or  derived  design  methodology)  can  be  reasonably  validated.  The 
problem  is  obviously  one  of  fluid-structural  dynamic  interaction,  and  yet  the  structural  side  has  been 
somewhat  ignored  by  the  experimenters.  Another  confusing  issue  is  the  various  options  available  for 
eventual  application  to  aircraft,  that  is,  (1)  delaying/stretching  out  transition  versus  reducing  Cf  in 
fully  turbulent  flow  and  (2)  use  of  truly  compliant  (flow  perturbation  following)  walls  versus  resonant 
(excited  eigenmode)  walls.  Also,  theoretical  research  indicated  that  compliant  walls  with  low  damping 
were  required  for  flow  stabilization,  whereas  practical  applications  and  experiments  necessarily  utilize 
resonant  walls  with  appreciable  damping.  Studies  are  available  for  practical  application  of  the 
transition-retarding  option. ^ 

An  additional  use  for  compliant  walls  is  reduction  of  turbulent  boundary-layer  noise.  Both  analyti- 
cal^® and  exper  imental^* 20  work  are  available,  but  this  option  has  not  yet  received  extensive  study. 
Reference  12  discusses  the  possible  application  of  compliant  walls  for  drag  reduction  in  other  modes  of 
transportation  besides  aircraft. 

Compliant  wall  research  evidently  originated  from  consideration  of  the  drag  of  dolphins. 21”25  how- 
ever, the  possible  presence  of  such  walls  on  dolphins  is  problematical.  In  an  article  in  Scientific 
American2^  Sir  James  Gray  surmised,  based  upon  the  observed  22  mph  speed  of  dolphins  and  their  (then) 
known  physiological  propulsion  efficiency,  that  the  dolphin  must  have  some  means  of  producing  extensive 
regions  of  laminar  flow  (although  it  was  not  mentioned,  lower  drag  can  obviously  also  be  due  to  consider- 
ably reduced  transit lonal/ turbulent  drag  levels  as  well  as  to  more  extensive  regions  of  laminar  flow). 
Kramer, 22  in  1961,  published  a suggestion  as  to  how  extensive  regions  of  laminar  fl^w  might  be  produced 
on  the  dolphin.  He  based  his  suggestion,  which  he  termed  "distributed  flow  damping"  or  compliant  walls, 
upon  detailed  examination  of  porpoise  skin.  He  found  that  the  skin  is  quite  pliable  and  contains  a con- 
siderable quantity  of  absorbed  water.  His  initial  tests  (starting  in  1956)  of  man-made  coatings  simulat- 
ing porpoise  skin  did  Indeed  yield  lower  drag  in  sea  water.  In  a later  paper, 22  Kramer  estimated  that 
the  porpoise  could  obtain  up  to  a 40%  drag  reduction  Just  due  to  the  favorable  pressure  gradient  Influence 
on  transition  Reynolds  number  (body  shaping);  he  further  concludes  that  an  additional  drag  reduction  is 
necessary  to  explain  the  porpoise  speed  and  again  advances  the  compliant  skin  concept  as  a method  for 
stabilizing  the  boundary-layer  fluctuations  by  supplying  distributed  damping.  However,  tests  conducted 
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by  Lang  et  al.24.25  indicate  that,  while  the  porpoise  can  indeed  reach  high  speeds  (on  the  order  of 
22  knots),  the  animal  does  so  only  for  relatively  short  time  periods  and  this  may  be  accomplished  by 
running  the  muscles  into  "oxygen  deficit."  Lang's  studies  of  porpoises  observed  during  relatively 
controlled  but  "open  water"  tests  yielded  drag  coefficients  in  approximate  agreement  with  fully  turbulent 
predictions  during  high-speed  coasting  (where  the  drag  coefficient  may  be  determined  more  accurately  than, 
but  may  not  be  a true  representation  of,  the  propulsive  case). 

Therefore,  whether  the  porpoise  uses  a compliant  skin  still  seems  to  be  somewhat  a matter  of  conten- 
tion, but  an  important  result  of  this  line  of  inquiry  is  the  drag  reduction  obtained  by  Kramer  on  periodic 
"porpoise-like"  skins  where,  evidently,  the  wall  motion  induced  in  the  surface  by  the  boundary-layer  dis- 
turbance field  caused  a lower  drag.  It  is  not  entirely  clear  from  Kramer's  results  whether  the  lower  drag 
is  a result  of  (a)  delaying  transition,  (b)  reducing  the  intensity  of  bursts  in  the  transitional  region, 
or  (c)  reducing  the  turbulent  skin  friction.  The  present  authors  conjecture  that  at  least  the  latter  two 
effects  ((b)  and  (c))  may  have  occurred.  As  a footnote  to  the  porpoise  skin  discussion,  there  is  available 
a hydrophilic  coating  for  use  on  boats.  The  surface  of  this  coating  evidently  becomes  somewhat  similar  to 
a compliant  wall  when  water  saturated.  Some  details  concerning  the  coating  are  available  in  Reference  11. 

The  coating  was  tested  both  in  the  laboratory^  and  on  ships. 27  Some  drag  reduction  is  observed,  but  the 

mechanism  involved  has  not  been  studied  and  the  reduction  is  evidently  not  large. 

The  present  critical  review  first  considers  briefly  the  structural  dynamics  and  flow  stability  areas. 

The  major  portion  of  the  paper  concerns  the  theory  and  experiments  for  compliant  walls  under  turbulent 
boundary  layers. 

2.  STRUCTURAL  DYNAMIC  CONSIDERATIONS  FOR  COMPLIANT  WALLS 

The  compliant  wall  problem  is  one  of  fluid-structural  dynamic  interaction.  Considerable  structural 
dynamics  and  fluid-structural  interaction  research  is  available^* 29  but  many  compliant  wall  experimenters 
have  not  used  this  technology  to  design  their  walls.  Although  this  may  be  stating  it  somewhat  strongly, 

the  usual  approach  seems  to  have  been,  "this  l eels  soft,  let's  try  it." 

The  problem  is  not  straightforward.  The  walls  are  exposed  to  a relatively  wide-band  spectral  loading 
and  the  formulation  must  include  the  influence  of  wall  motion-induced  aerodynamic  forces.  The  prime  vari- 
ables are  multitudinous  and  include:  (a)  flow  parameters  such  as  speed,  Reynolds  number,  boundary-layer 

thickness,  and  state  (laminar,  transitional,  or  turbulent),  pressure  gradient  and  flow  medium  (air  or 
water,  etc.);  (b)  structural  conf igurat ion  (vertical  and/or  horizontal  layers,  two  or  three  dimensions, 
with  or  without  pretensioned  members)  and  the  possibility  of  nonlinear  effects  such  as  caused  by  membranes 
backed  with  small  air  gaps;  and  (c)  material  property  parameters  such  as  density,  modulus,  damping,  degree 
of  anisotropy,  and  the  possible  variation  of  these  properties  with  temperature,  vibration  frequency,  and 
aging.  Given  a set  of  flow  parameters  and  a stable  of  available  materials,  the  type  of  structure  is 
dictated  by  the  surface  response  desired. 

For  the  case  of  a simple  two-d imens ional  convected  surface  wave,  the  fundamental  wall  motion  param- 
eters are  wave  length,  wave  amplitude,  and  wave  speed  or  frequency.  However,  since  the  structure  is  con- 
tinuous, the  surfaces  will,  in  general,  react  over  a whole  range  of  amplitudes,  wave  speeds,  and  wave 
lengths.  In  addition,  since  the  forcing  field  is  three-dimensional,  the  induced  motion  could  also  be 
three-dimensional,  depending  upon  the  degree  of  "compliance."  It  is  also  possible  that  favorable  altera- 
tion of  the  turbulence  field  uemands  the  presence  of  unsymmetric  surface  waves  having  particular  wall 
curvature  or  pressure  gradient  distributions. 

Some  attempts  have  been  made^2, 13, 30-33  to  utilize  structural  dynamics  technology,  of  varying 
sophistication,  to  design  compliant  walls  according  to  various  assumed  aerodynamic  (or  disturbance  damping/ 
alteration)  criteria.  One  such  criterion  ("roughness"  effect)  is  quite  obvious  from  difficulties  encountered 
in  the  experiments.  The  amplitude  of  the  motion  must  be  kept  low  enough  to  avoid  causing  a "roughness" 
effect  which  would  increase,  rather  than  decrease,  the  drag.  The  occurrence  of  static  divergence  conditions 
(large  standing  waves)  have  been  commonly  observed  in  compliant  wall  exper iments ^4-36  at  high  flow  speeds 
and  generally  lead  to  drag  increases.  For  application  to  the  turbulent  case,  one  could  use  the  common 
roughness  height  rule  of  thumb  of  k+  6 to  determine  an  allowable  wave  amplitude,  where  k+  equals 

the  wave  or  roughness  height  in  usual  law  of  the  wall  coordinates.  For  most  turbulent  flows,  this  limits 
the  maximum  wave  height  to  less  than  0.5  mm.  However,  except  for  the  static  divergence  case,  the  Langley 
experience  is  that  it  is  quite  difficult,  for  airflows,  to  excite  practical  walls  to  amplitudes  even  the 
order  of  0.02  mm  (based  upon  both  surface  amplitude  measurements  and  structural  dynamic  ealeu lat  ions) . 

There  is  another  design  criterion  which  is  probably  correct  — the  waves  must  move  or  at  least  have 
fairly  high  frequency.  Most  experiments  with  fixed  wavy  walls'^  (and  the  zero  wave  speed  results  of 
Ref.  33)  used  wave  amplitudes  which  exceed  the  roughness  criterion  Just  mentioned  and  thus  measured 
Increases  in  drag.  Reference  38  indicates  a fixed  wavy  wall  has  a pressure  drag  due  to  the  phase  shift 
between  the  surface  contour  and  the  wave- induced  pressure  field.  Unpublished  experiments  at  Langley  with 
fixed  waves  smaller  than  those  of  Reference  38  indicated,  within  an  accuracy  of  +32,  no  net  change  in 
drag  for  low-speed  turbulent  flow.  These  latter  data  seem  to  suggest  that  drag  reduction  requires  moving 
or  relatively  high-frequency  waves.  Aerodynamic  design  criteria  which  might  be  used  for  compliant  walls 
is  discussed  more  fully  in  the  theoretical  sections  of  this  paper. 

One  basic  structural  dynamics  consideration  that  should  be  emphasized  is  the  difference  between  the 
"compliant"  walls  dictated  by  stability  theory39,40  and  the  usual  flexible  walls  employed  in  experiments. 

The  successful  compliant  wall,  according  to  stability  theory,  has  extremely  small  damping  and  modulus  of 
elasticity  and  can  therefore  respond,  with  little  phase  lag,  to  the  wall  forcing  function  produced  by  the 
flow  disturbance  field.  However,  such  surfaces  are  practically  Impossible  to  construct.  Therefore,  the 
experimental  data  are  taken  with  structures  which  are  not  optimal  in  the  stability  theory  sense,  but  are 
actually  "resonant  surfaces"  in  that  the  flow-disturbance  forcing  function  excites  wall  vibration  modes. 
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Compliant  wall  experiments  must,  practically  speaking,  be  conducted  using  resonant  walls.  The 
design  of  structures  to  provide  the  desired  wall  motion  is  complex  and  requires  design  techniques  based 
on  aerodynamic  wall  motion  criteria  obtained  either  from  wall  motion  measurements  during  successful 
experiments  or  from  rather  sophisticated  theory. 

3.  INFLUENCE  OF  WALL  MOTION  ON  STABILITY/TRANSITION 

Although  the  major  purpose  of  the  present  paper  concerns  the  influence  of  wall  motion  upon  the  drag 
in  turbulent  boundary  layers,  in  this  section  a brief  review  of  the  laminar/transitional  results  (which 
are  primarily  theoretical)  is  provided  for  later  theoretical  application  in  the  turbulent  case.  In 
particular,  the  turbulent  wall  "burst"  formation  and  preburst  flow  may  involve  a relatively  brief  region 
(brief  in  time  and  space)  where  stability  theory  applies  in  the  near  wall  region.  Influencing  this  portion 
of  the  flow  may  be  sufficient  to  break  the  "feedback  loop"  which  allows  the  turbulence  to  be  self-sustaining. 
(See  also  Ref.  40,  section  on  "Effects  of  Flexible  Boundaries  on  Turbulent  Flows.") 

3.1  "Conventional  Compliant"  Walls 

Pelt^  reviewed  the  various  approaches  to  the  stability  theory  of  compliant  walls  through  approxi- 
mately 1964,  including  the  results  of  Benjamin, 42  Landahl,^  Betchov,43  Boggs  and  Tokita,44  Hains  and 
Price, 45  Nonweiler,46  and  Linebarger . 47  Theoretical  research  since  the  Pelt  review  comprises  further  work 
by  Benjamin, (including  an  excellent  summary  paper^O) , Landahl,^^  Kaplan, ^ Takematsu,^  Burden, ^2  and 
Amfilokhiyev  et  al.53  From  the  number  of  authors  cited,  this  has  obviously  been  a popular  problem,  with 
most  of  the  work  accomplished  in  the  early  sixty's  (primarily  due  to  the  stimulus  of  Kramer's  results^ ♦ 23) . 
However,  attempts  to  experimentally  validate  the  theoretical  calculations  generally  used  either  resonant 
surfaces,  which  do  not  correspond  to  the  theoretical  assumptions  employed,  or  active  walls. 54  jn  fact, 
Landahl49  concludes  that  the  Kramer  surfaces  were  so  far  removed  from  the  conditions  necessary  for  stabil- 
ization according  to  the  theory  that  the  Kramer  drag  reduction  must  be  due  to  a favorable  modulation  of  the 
later  stages  of  transition  or  turbulent  portions  of  the  body. 

Burden^  suggests  the  following  "compliant"  wall  characteristics  as  necessary  for  stabilization  of 
oscillations  in  the  early  stages  of  transitional  flow  (see  also  Kaplan^O) : (a)  wall  density  the  order  of 

the  fluid  density  (obviously  out  of  the  question  for  air);  (b)  shear  modulus  the  order  of  the  fluid  dynamic 
pressure;  (c)  small  wall  dissipation;  and  (d)  impervious  wall.  He  further  states,  in  agreement  with 
earlier  authors,  that  too  much  flexibility,  or  too  much  dissipation  will  allow  the  growth  of  instabilities 
not  otherwise  found  in  the  zero-pressure-gradient  rigid  wall  case.  The  definitive  review  of  research  in 
this  area  is  that  of  Benjamin. 40  it  should  be  noted  that  all  of  these  approaches  used  "steady-state" 
stability  theory  in  the  sense  that  the  wall  motion  was  not  allowed  to  "back  react"  upon  the  assumed  mean 
profile.  For  moderate  to  large  wall  displacements,  the  surface  motion  induces  a traveling  pressure  sig- 
nal which  can  modulate  the  "mean  profile"  and  this  invalidates  a key  assumption  in  the  conventional 
stability  theory  approach  to  compliant  walls.  The  relaxation  of  this  assumption  is  discussed  in  a subse- 
quent section  of  the  paper. 

Although  Wehrmann^4  had  to  use  an  "active"  or  driven  wall  to  simulate  the  "compliant"  surface  assumed 
in  the  theories,  he  was  able  to  show  experimentally  that,  depending  upon  the  phase  between  the  driven  wall 
wave  and  the  Toll imen-Schllcht ing  wave  generated  by  a vibrating  ribbon,  large  reductions  in  velocity 
fluctuation  intensity  could  be  obtained.  The  largest  reduction  occurred  near  the  wall. 

In  summary,  there  is  a large  body  of  theoretical  research  (which  is  probably  correct,  judging  by  the 
available  checks  on  rigid  wall  stability  theory  and  the  results  of  Ref.  54)  which  suggests  that  certain 
types  of  compliant  walls  can  (a)  increase  the  lower  critical  Reynolds  number,  and  (b)  reduce  the  spatial 
and  temporal  amplification  rates  of  unstable  waves.  The  problem,  particularly  for  the  air  case,  is  that 
the  walls  required  to  produce  these  effects  evidently  cannot  be  constructed  with  current  technology. 
Consequently,  we  have  a possible  drag  reduction  effect  of  highly  compliant  walls  which,  while  intriguing, 
is  probably  not  practical,  especially  for  airflows. 

3.2  Stability  With  Resonant  Walls 

The  Kramer  surfaces^  are  obviously  more  resonant  than  compliant  due  to  their  large  damping.  In  the 
present  review,  we  treat  the  Kramer  data^, 55-57  as  primarily  indicating  an  alteration  of  the  transitional 
and  turbulent  burst  frequency/structure  rather  than  a delay  of  the  onset  of  transition,  because  of  the 
amount  and  slope  of  the  drag  reduction  obtained  with  the  surface  at  large  Reynolds  numbers  (up  to 
15  x 10*). 22  Therefore,  the  detailed  discussion  of  the  Kramer  data  is  deferred  until  the  section  on 
turbulent  experiments. 

There  is  essentially  no  applicable  theory  for  the  influence  of  resonant  (excited  structural  eigen- 
value, fairly  wlde-band  motion,  random  phase)  walls  on  transition  except  perhaps  for  piecewise  application 
o the  fairly  large,  and  recent,  effort  on  stability  in  modulated  or  periodic  boundary-layer  flows.  These 
latter  efforts  (theory  and  available  experiments)  are  discussed  in  the  next  section  since  they  were  developed 
primarily  for  active  or  driven  oscillations  (wall  or  stream);  the  present  discussion  focuses  on  passive  walls. 

An  experimental  study  was  conducted  at  MIT^®  to  simulate  a compliant  wall  by  a series  of  streamwise- 
connected  Helmholtz  resonators.  "The  vertical  motions  of  plugs  of  air  adjacent  to  the  flow  was  intended 
to  model  the  oscillations  of  a flexible  membrane."  These  experimental  results  indicate  earlier  (increased 
instability),  rather  than  retarded  transition  primarily  because  of  the  fairly  large  size  and  discrete 
nature  of  the  surface  perturbations.  Attempts  to  duplicate  Kramer's  work  by  delaying  transition  in  ground 
facilities  during  the  early  sixty's  were  also  unsuccessful. 59,60 

The  major  investigations  on  the  Influence  of  resonant  surfaces  on  stability  were  conducted  by  V.  V. 
Babenko.  This  work  Included  porpoise  skin  studies6*  and  experimental  stability  investigations  using  a 
wide  variety  of  surf aces . 62-64  These  studies  concentrated  quite  heavily  upon  the  characterization  of  the 
structural  dynamic  parameters  for  the  surfaces  tested.  The  experimental  results  indicate  that  for  compliant 
surfaces  the  wave  number  corresponding  to  initial  loss  of  stability  was  larger  than  for  rigid  surfaces. 


Measurements  of  neutral  stability  curves  provided  Reynolds  numbers  for  the  "loss  of  stability"  ("lower 
critical  Reynolds  number")  for  wide  variations  In  surface  design  and  material  parameters.  Variables 
Include  surface  material,  damping,  density,  modulus,  and  tension  (for  those  surfaces  using  membranes). 
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The  data  Indicate  significant  changes  in  critical  Reynolds  number  occurred  for  resonant  walls,  with 
measured  values  both  above  and  below  the  conventional  Blasius  value,  depending  upon  the  surface  parameters. 

On  the  basis  of  the  Babenko  results,  it  seems  that  not  only  compliant  walls  but  resonant  walls  as  well  can 
favorably  alter  the  stability  boundaries  of  laminar  flow?*.  Considerably  more  experimental  and  theoretical 
research  is  required  in  this  area,  but  the  results  may  have  eventual  practical  application,  particularly 
for  water  flows,  where  one  can  build  resonant  walls  over  a wide  range  of  wall  motion  parameters  (e.g.,  fre- 
quency, amplitude,  wave  speed,  spectra).  This  research  further  suggests  that  Kramer's  assertions  that  he 
delayed  transition  with  his  fairly  high  damping  surfaces  may  be  correct.  As  a final  note  to  this  section, 
there  are  also  the  data  of  Karplus,^*’  who  measured  a decrease  in  Reynolds  number  for  transition,  and  a 
lengthening  of  the  transition  region  itself;  the  results  are  of  a preliminary  nature. 

3.3  Stability  of  Periodic  Boundary  Layers 

As  already  stated,  the  modulation  produced  by  a resonant  wail  can  be  sufficient  to  s ignif icantly  alter 
the  effective  "mean  velocity  profile"  under  investigation.  There  are  two  effects:  one  is  the  obvious 

influence  of  alternately  increasing  and  decreasing,  through  profile  mod i f Icat ion , the  disturbance  amplifi- 
cation rate,  so  that  the  integrated  amplitude  ratio  may  be  greater  (or  less)  depending  upon  the  amplitude, 
frequency,  and  wave  speed  of  the  imposed  oscillation.  The  second  influence  involves  the  timewise  dynamics 
of  the  modulated  boundary  layer  in  that  the  application  of  ordinary  stability  theory  in  a quasi-steady 
sense  is  not  sufficient  and  one  must  include  time  derivitives  of  the  mean  profile  parameters  in  the  theory. 

It  is  the  present  authors'  contention  that  this  timewise  modulation  of  the  mean  flow  and  the  subsequent 
influence  upon  stability  may  be  the  key  to  further  theoretical  understanding  of  the  experimental  results 
obtained  using  resonant  walls  — for  both  laminar  and  turbulent  flows. 

Several  types  of  modulations  are  possible.  The  free-stream  (or  wall)  velocity  can  be  varied  primarily 
in  the  in-plane  or  stream  direction. 66  This  imposes  a cyclic  variation  which  diffuses  in  a viscous  manner 
through  the  profile.  On  the  other  hand,  one  can  impose  a pressure  gradient  modulation  upon  the  flow,  in 
which  case  the  entire  profile  is  modified.  This  pressure  modulation  can  be  imposed  either  upon  the  flow 
as  a whole  (i.e.,  vary  the  imposed  pressure  drop  in  a Poiseuille  flow  with  time)  or  can  be  generated 
locally  at  the  wall  by  the  use  of  traveling  surface  waves.  This  latter  method  probably  occurs  for  the 
resonant  or  active  wall  case.^ 

As  noted  earlier,  the  rigid  wavy  wall  does  not  seem  to  produce  a favorable  effect,  one  needs  moving 
surface  waves,  or  at  least  stationary,  nodal  time-dependent  surface  motion.  The  stability  theory  calcula- 
tion for  a rigid  wavy  wall  (with  "parallel"  flow  assumption^),  indicates  a destabilization  effect. 

There  are  two  recent,  and  quite  excellent,  reviews  in  this  area  of  stability  for  modulated  viscous 
flows.  References  68  and  69,  the  latter  being  an  outgrowth  of  work  in  References  70-72.  These  reviews  are 
highly  recommended  by  the  present  authors  as  entry  points  for  this  relatively  new,  and  quite  exciting, 
technology.  It  appears  to  be  important  to  account  for  the  true  time-dependent  nature  of  the  complete 
problem;  a quasi-steady  stability  analysis  of  the  modulated  flow^  is  not  sufficient  in  many  cases.  For 
instance,  if  one  examines  a flow  containing  an  inflection  point  during  some  portion  of  the  cycle,  this 
instantaneous  profile  will  generally  have  a reduced  lower  critical  Reynolds  number  compared  to  the  unmodu- 
lated profile.  The  initial  reaction  is  to  brand  the  modulation  as  destabilizing,  since,  somewhere  in  the 
cycle,  the  lower  critical  Reynolds  number  is  reduced.  Such  a conclusion  could  be  erroneous.  A more 
satisfactory  approach  (but  incorrect  for  high  frequencies)  is  to  use  the  quasi-steady  analysis  to  generate 
local  amplification  rates  and  then  integrate  these  over  complete  cycles  of  the  modulat ion. 69  por  stabili- 
zation, the  trick  seems  to  involve  using  modulations  which  are  not  so  large  that  they  trigger  enormous 
amplif ication  during  part  of  a cycle.  Therefore,  one  needs  small  to  moderate  amplitude  modulations  but  not 
so  small  as  to  have  little  or  no  measurable  effect  upon  the  flow  — a problem  with  resonant  surfaces  in  air- 
flows where  an  extremely  low  wall  modulus  is  required  to  produce  any  reasonable  surface  amplitude.  Another 
requirement  for  stabilization,  although  this  varies  with  the  particular  type  of  flow, 68  is  a relatively  high- 
frequency  modulation.  Theoretical  papers  of  particular  interest  include  References  74  and  75.  Some  of  the 
limited  experimental  backup  data  (using  active  or  driven  disturbances)  are  given  in  References  76-79. 

In  summary,  the  results  of  both  theoretical  and  experimental  studies  in  time-modulated  flows  indicate 
that  it  may  be  possible  to  stabilize  boundary-layer  flows  using  low  to  moderate  amplitude/relatively  high- 
frequency  oscillations.  In  the  compliant  wall  case  these  oscillations,  in  the  form  of  pressure  modulations 
due  to  traveling  surface  waves,  could  result  from  the  use  of  resonant  walls.  Further  research  is  obviously 
needed  to  determine  whether  these  indications  are  correct  or  not. 


4.  THEORETICAL  Cf  REDUCTION  MECHANISMS  FOR  TURBULENT  FLOWS  WITH  MOVING  WALLS 

Based  upon  References  80  and  81,  it  is  probable  that  the  turbulent  drag  reduction  mechanisms  to  be 
discussed  in  this  section  are  also  applicable  to  the  later  (turbulent  burst)  stage  of  transition  and  there- 
fore one  or  more  of  these  mechanisms  could  cause  a stretchout  and  reduction  of  drag  for  the  transition 
region  as  well  as  a turbulent  skin-friction  reduction.  This  postulation  is  further  bolstered  by  the  common 
sensitivity  of  transitional  and  turbulent  flow  regions  to  changes  in  boundary  conditions  (other  than  wall 
motion)  such  as  pressure  giadlent,  wall  suet  ion/blowing , and  longitudinal  curvature. 


The  Influence  of  wall  modulation  upon  shear  flows  is  part  of  the  general  problem  of  the  behavior  of 
turbulent  flows  subjected  to  periodic  d lsturbances.  This  question  is  investigated  in  some  detail  in 
Ref  rences  82  and  83,  but  the  perturbation  amplitudes  are  relatively  small,  and  the  studies  do  not  consider 
the  possibility  of  altering  the  basic  turbulent  structure  via  this  approach.  Experimental  attempts  to 
introduce  substantial  periodic  disturbances  into  turbulent  wall  layers  (other  than  by  wall  motion)  are 


documented  in  References  84  and  85.  Reference  84  describes  the  influence  of  large  (up  to  34%)  narrow-band 
fluctuations  in  free-stream  velocity  at  Strouhal  numbers  leas  than  1 (based  on  boundary-layer  thickness 
and  free-stream  velocity).  This  is  a low  frequency  in  terms  of  the  modulations  required  by  unsteady 


stability  (as  described  in  the  previous  section).  No  appreciable  alteration  of  the  turbulence  structure 
was  observed.  In  Reference  85,  a turbulent  boundary  layer  was  subjected  to  an  Imposed  sound  field  over 
a wide  frequency  range.  The  experimental  trends  observed  are  in  agreement  with  the  unsteady  stability 
theory  results  in  that  high-frequency  sound  caused  a reduction  in  surface  heating  and  lower-f requency 
sound  caused  an  increase.  However,  the  effects  are  not  large,  only  the  order  of  4%. 

This  experiment,  along  with  the  compliant  wall  burst  modulation  theory  and  interpretations  of  compliant 
wall  data  (both  described  later  in  this  paper)  as  well  as  the  unsteady  stability  theory,  indicate  that  a 
reduction  in  the  turbulence  transport  rate  requires  a high-frequency  modulation  (of  moderate  amplitude). 

The  present  authors  suggest  that  future  experiments  in  the  area  of  turbulence  control  for  wall  flows 
concentrate  on  the  high-frequency  range  to  prove  or  disprove  this  evidentiary  material. 

4.1  Sublayer  Models 

Direct  Coupling.  A simple  sublayer  approach  to  the  compliant  wall  problem  is  given  in  Reference  12. 

The  boundary- layer  momentum  equation  very  near  the  wall  is: 

3u  , 3u  Bu  B^u 
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Since  must  be  positive,  a shear  stress  at  the  wall  lower  than  the  conventional  level  is  again 

indicated.  However,  this  simple  approach  does  not  include  the  influence  of  the  pressure  gradient  induced 
by  the  wall  motion,  and  if  one  includes  the  contribution  of  the  normal  stresses  for  the  portion  of  the 
cycle  when  the  wave  is  no  longer  parallel  to  the  original  wall  the  actual  drag  is  increased. 

Analysis  of  J.  E.  Ff owcs-Wllllams . Ffowcs-Will iams8^  uses  the  assumption  of  two-dimensional  disturb- 
ances and  linearized  (sublayer)  equations  to  derive  an  expression  for  shear  stress  near  a compliant  mem- 
brane. From  examination  of  this  expression,  he  concludes  that  moving  waves  in  a surface  with  Jow  wave 
speed  can  produce  a region  of  "negative  Reynolds  stress"  which  could  "starve  the  turbulent  eddies"  and 
"may  lead  to  a reduction  in  the  turbulent  level."  Therefore,  for  a shear  stress  decrease,  this  approach 
seems  to  indicate  the  use  of  surfaces  designed  to  generate  low-speed  waves  (less  than  - 0.811^,  the  con- 
vection speed  of  the  gross  wall  pressure  fluctuations).  The  approach  of  Blick8^  is  quite  similar. 

The  Sublayer  Approach  of  Semenov.  Semenov8®  provides  an  alternate  sublayer  type  analysis,  using 
equations  similar  to  those  of  Sternberg. 89  He  predicts  that  the  Reynolds  stress  could  decrease,  or 
Increase,  depending  upon  the  characteristics  of  the  surface  motion,  and  is  careful  to  point  out  the  impor- 
tance of  the  surface  wave  phase  angle.  Comparisons  between  the  predictions  of  Reference  88  and  the  data  of 
Reference  90  (shown  in  Fig  3 of  Ref.  88)  indicate  quite  reasonable  agreement  for  the  change  in  Reynolds 
stress  as  a function  of  frequency  due  to  a resonant  wall.  Both  hot-wire  data^O  and  theory  give  a reduction 
due  to  the  wall  motion  at  low  frequency  (region  of  "energy  containing  eddies")  and  an  increase  for  higher 
frequencies.  To  the  present  authors’  knowledge,  the  theory  has  not  yet  been  extensively  applied,  evidently 
due  to  the  lack  of  the  necessary  empirical  input  for  cases  other  than  Reference  90.  The  approach  probably 
could  be  used  in  parametric  studies  to  "predict"  the  type  of  surface  motion  necessary  for  drag  reduction 
(and  thus  provide  design  "data"  for  experimental  surfaces), 

A Mixing  Length  Approach.  Amf ilokhiyev^*  assumes  that  the  elasticity  of  a surface  (wall  motion) 
reduce*  the  "Prandtl  wall  slope"  (K  - 0.4  for  rigid  walls)  and  indicates  skin-friction  values  as  a function 
of  the  as jumed  decrease  in  K.  This  approach  does  not  agree  with  the  data  of  Reference  90,  where  K was 
still  * 0.4  in  the  drag  reduction  case.  In  Reference  90  the  sublayer  thickness  was  increased,  thereby 
indicating,  in  terms  of  mixing  length  turbulence  closure,  an  Increase  in  the  Van  Driest  wall  damping 
constant  A*. 
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Analysis  of  Zlmmermann. 14  Considers  the  surface  motion  as  a small  disturbance  to  the  basic  turbulent 
flow,  which  Is  assumed  known  in  detail.  Further  assumptions  include  low  damping  in  the  surface  and  small 
thickness,  an  approach  to  the  surface  dynamics  which  is  similar  to  that  used  In  the  conventional  stability 
theory  of  "compliant  walls."  The  Navier-Stokes  equations  are  then  linearized  using  the  small  disturbance 
assumption  and  solved  by  a Green's  function  approach.  He  uses  measured  pressure-velocity  correlation  data 
from  rigid  walls  to  estimate  the  change  in  shear  stress  due  to  the  flexible  surface  and  predicts  only  a 
small  reduction  for  air,  but  a measurable  (-  52)  reduction  for  water  where  the  coupling  is  greater  between 
the  fluid  and  flexible  wall. 

ufvf  at  Surface.  Huerlstic  arguments  concerning  the  possibility  of  producing  an  altered  Reynolds 
stress  condition  simply  due  to  the  u'  and  v'  associated  with  the  surface  motion  itself  are  available 
in  References  92  and  93. 

4.2  Drag  Reduction  Mechanisms  Based  Upon  Turbulent  Burst  Modulation 

The  "sublayer"  theoretical  approaches  just  described  for  the  problem  of  the  wall  motion  effect  upon 
turbulence  were  based  upon  traditional  modeling  of  sublayer  flow  and  the  use  of  Reynolds  averaging.  Analy- 
sis of  the  more  recent  research  on  the  detailed  structure  of  wall  turbulence,  particularly  the  flow  visual- 
ization and  conditional  sampling  data,  yields  an  alternate  theoretical  approach, ^ based  upon  the  possible 
modulation  of  the  preburst  flow.  The  implications  from  the  detailed  data  on  rigid  walls  are  first  summar- 
ized briefly  and  then  the  possible  mod  if icat ion  of  the  turbulence  production  process  using  high-frequency 
wall  motion  is  discussed. 

Coherent  Structures  and  a Possible  Feedback  Mechanism  for  Turbulent  Wall  Flows.  There  is  considerable 
evidence  that  a "quasi-ordered"  or  "coherent"  series  of  fluid  dynamic  events  are  responsible  for  the  pro- 
duction of  turbulence  in  wall  flows.  These  events  occur  randomly  in  time  and  space  and  originate  in  the 
near  wall  (y*  < 100)  region.  Several  excellent  reviews  are  available  which  analyze  and  summarize  this 
relatively  recent  information, ^4-96  eSpecia21y  Reference  97.  Reference  81  attempts  to  model  turbulent 
flows  using  this  information.  Stated  briefly,  a low-speed  "streak"  occurs  very  near  the  wall;  this  streak 
undergoes  retardation  with  increases  i time  and  space  with  a "burst"  or  eruption  of  the  low-speed  fluid 
occurring  for  the  more  severe  retardations.  This  burst  and  subsequent  "sweep"  provides  the  bulk  of  the 
Reynolds  stress  and  turbulence  production.  The  flow  between  events  and  the  preburst  retardation  region  is 
relatively  "quiescent"  (low  u1 v1 ) . This  latter  statement  is  important  for  theoretical  calculations  of 
these  events,  because  in  order  to  reproduce  the  retardation  one  should  not  use  the  "fully  developed"  or 
t ime-averaged  Reynolds  stress  level  in  the  flow,  but  instead  a rather  small  fraction  of  that  level.  There 
is  still  considerable  controversy  as  to  the  relationship  between  the  retardation  and  the  burst  or  ejection. 
Many  authors  suggest  that  the  (retardation-inf luenced)  preburst  profile  undergoes  an  instability  growth/ 
amplification  in  a fashion  similar  to  the  "burst  formation"  in  transitional  flows.  Landahl  (see  Section  7 
of  Ref.  80)  suggests  that  the  burst  may  be  due  to  space-time  focusing  of  instability  waves,  leading  to  the 
observed  cata9tropic  growth.  However,  both  experiment  and  theory  indicate  the  existence  of  a highly 
inflected  retarded  profile  (inflection  point  at  y+  - 25,  Fig.  31  of  Ref.  97)  as  the  required  preburst 
condition.  (In  Landahl' s theory,  the  inflection  is  a necessary,  but  not  sufficient,  condition.)  This  near 
wall  turbulence  production,  through  discrete  bursts,  bears  remarkable  resemblence  to  the  earlier 
theories. 98-99 


A logical  question  is,  what  sets  up  the  requisite  preburst  profile,  why  does  th^  profile  become 
retarded?  It  has  long  been  known  (Ref.  100  and  others)  that  the  larger  scale,  more  intense  portion  of  the 
wall  pressure  spectrum  has  a convection  speed  the  order  of  0.7  to  0.81/^  and  appears  to  originate  at 
y+  > 100.  There  is  evidence^ » 101-102  that  the  retardation  is  caused  by  this  portion  of  the  wall  pressure 
field,  which,  in  turn,  is  probably  due  to  the  growth  and  interaction  of  "old  bursts"  produced  upstream. 

In  fact,  Burton94  measured  a strong  correlation  between  the  occurrence  of  a burst  and  the  imposition  on  the 
wall  flow  of  a large  moving  adverse  pressure  gradient  signal  with  magnitude  the  order  of  three  times  the 
rms  wall  pressure  intensity.  This  adverse  pressure  gradient  was  followed  by  a favorable  gradient,  perhaps 
at  least  partially  responsible  for  the  "sweep"  portion  of  the  event  cycle.  It  should  be  noted  that  recent 
evidence  appears  to  show  more  high-frequency  energy  in  the  wall  pressure  fluctuation  spectra  than  was 
originally  indicated,  perhaps  associated  with  the  burst  process  (see  Fig.  9 of  Ref.  97  and  Ref.  103). 
However,  the  burst  initiation  seems  to  involve  the  lower-frequency  portion  of  the  spectrum.  It  should  be 
noted  that  not  all  "outer-flow  imposed,"  low-frequency  wall  pressure  fluctuations  produce  bursts.  Evidently 
only  the  large  amplitude,  long-lasting  pulses  can  cause  sufficient  retardation  to  produce  the  necessary 
preburst  conditions.  Preliminary  quasi-steady  retarded  near  wall  calculations,  using  low  levels  of  Reynolds 
stress  and  the  burst-producing  pressure  pulses  measured  by  Burton, ^ indicate  that  the  pressure  gradients 
involved  are  sufficient  to  cause  severe  retardation  of  the  near  wall  flow. 13  The  recognition  of  the  low 
Reynolds  stress  condition  of  the  preburst  flow  is  critically  Important  to  the  success  of  such  calculations. 
Further,  much  more  detailed  and  complete  calculations  of  the  preburst  flow  (with  and  without  resonant  wall 
motion)  are  currently  underway  by  Orszag  in  collaboration  with  NASA  Langley. 


Therefore,  there  exists  a possible  "feedback"  mechanism  in  which  older  bursts,  which  have  grown  and 
migrated  up  to  the  law  of  the  wall  and  outer  portions  of  the  boundary  layer,  interact  and  produce  a pressure 
field  which  contains  pulses  of  sufficient  duration  and  amplitude  to  Induce  new  bursts  in  the  near  wall  flow. 
This  near  wall  region  contains  a high  level  of  background  turbulence  but  fairly  low  levels  of  u *v'  during 
the  nonburst  periods. 


It  is  interesting  that  an  effort  to  artlflcally  Induce  bursts  using  a stationary  pressure  pulse^OA  did 
not  seem  to  alter  the  characteristic  burst  frequency  of  a turbulent  wall  flow. 

Burst  Modulation  Due  to  Wall  Motion.  One  approach  to  a theory  of  drag  reduction  due  to  wall  motion 
is  to  postulate  that  certain  types  of  surface  motion  can  alter  or  Interrupt  some  portion  of  the  feedback 
process  Just  described.  The  portion  of  the  process  roost  available  for  alteration  by  wall  motion  is  the 
preburst,  near  wall  retardation  region.  Other  drag  reduclna  procedures,  such  as  the  injection  of  polymers, 
may  alter  this  or  some  other  part  of  the  feedback  loop. 


I 
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Reference  13  suggests*  that  the  moving  surface  waves  associated  with  a resonant  wall  can  produce  a 
modulation  of  the  preburst  retarded  flow.  The  details  of  this  modulation  are  a function  of  the  wave 
length,  wave  speed  (or  frequency)  and  amplitude  of  the  surface  motion;  however,  for  short,  steep  traveling 
waves  the  wall  motion  can  produce  a modulated  pressure  gradient  (modified  for  viscous  effects  and  wave 
speed  as  per  the  Kendall^S  data),  alternately  positive  and  negative.  This  modulation  is  super  imposed  upon 
the  adverse  gradient  signal  which  normally  triggers  the  bursts.  The  suggestion^  is  that  this  modulation, 
if  It  has  high  frequency  and  moderate  amplitude  (see  the  section  on  stability  theory  for  periodic  flows), 
can  delay  the  burst  formation.  Considering  the  expected  stabilizing  influence  of  the  "following”  favorable 
gradient  portion  of  the  outer  flow  generated  signal,  only  a small  delay  may  be  sufficient  to  completely 
obviate  the  burst.  Longer  waves  (Ax+  > 500)  would  presumably  trigger  as  many  extra  bursts  (due  to  the  long 
adverse  gradient  portion  of  the  wave)  as  the  number  of  bursts  eliminated  by  the  stabilizing  influence  of 
the  favorable  gradient  part  of  the  wave  train.  An  alternate  approach  to  a similar  mechanism  is  to  analyze 
the  preburst  flow  using  the  breakdown  mechanism  of  Landahl . 105, 106 

The  burst  alteration  mechanism  just  described  is  only  a suggestion;  further,  more  detailed  calculations 
and  experiments  are  necessary  to  either  prove,  or  disprove,  this  approach.  However,  it  is  known  that  small 
surface  waves  can  alter  much  larger  scales  of  turbulence  in  the  atmosphere  over  a sea  surface*-^ , 108  antj 
the  high-frequency  surface  motion  dictated  by  the  mechanism  is  in  general  agreement  with  wall  motions  com- 
puted for  successful  drag  reduction  experiments  (next  section  of  report).  Detailed  calculations  using  this 
burst  modulation  model  are  underway. 

5.  CRITICAL  ANALYSIS  OF  RESONANT  WALL  EXPERIMENTS  UNDER  TURBULENT  BOUNDARY  LAYERS 

In  this  section  we  attempt  to  examine  the  available  data  with  the  following  two  questions  in  mind: 

(1)  Is  there  another  possible  (and  defensible),  explanation  for  the  "drag  reduction”  observed?  and  (2)  for 
the  successful  cases  which  survive  the  filter  of  question  1,  what  is  the  computed  wall  motion?  is  it  high 
or  low  frequency  (Strouhal  number  much  greater  than,  or  less  than,  one)?  We  also  mention,  for  complete- 
ness, some  of  the  experiments  on  drag  over  "resonant  water  waves”  in  air  and  the  "unsuccessful"  compliant 
wall  experiments,  which  are  discussed  first. 

5.1  "Unsuccessful”  (Small  Reduction,  No  Change  of  Increase)  Experiments 

It  should  be  noted  beforehand  that  this  class  of  experiments  has  not  received  the  detailed  study  by 
the  present  authors  which  it  perhaps  deserves.  We  have  spent  most  of  our  efforts  trying  to  understand  the 
successful  experiments,  in  an  attempt  to  infer  the  type  of  wall  motion  responsible  for  the  observed  drag 
reduction  (if  no  other  cause  for  the  reduction  other  than  wall  motion  input  could  be  found).  On  the  basis 
of  the  theoretical  and  experimental  results  thus  far.  It  Is  reasonable  to  conjecture  that  a favorable 
influence  (reduction)  on  Cf,  if  indeed  such  a thing  can  occur,  is  probably  only  possible  over  a relatively 
narrow  range  of  wall  motion  conditions.  Without  an  attempt  to  control,  measure,  or  widely  vary  the  wall 
motion,  hitting  the  correct  combination  in  an  experiment  is  a pure  happenstance.  Nevertheless,  there  are 
a few  obvious  comments  which  can  be  mad  concerning  these  "unsuccessful"  studies. 

Ritter  and  Porteous^Q^  (1965).  This  water  experiment  used  the  original  Kramer  surface  material 
(periodic,  "stubbed"  rubber  — discussed  in  considerable  detail  in  a later  section  of  the  report).  A 
pertinent  comment  from  Reference  110  on  these  data  is  that  the  free-stream  turbulence  level  was  probably 
too  high  to  constitute  a valid  test  of  the  laminarizing  properties  of  the  surface.  The  speed  was  limited 
due  to  the  formation  of  local  blisters  in  the  coating  at  high  dynamic  pressure.  Skin  friction  was  estimated 
from  measured  values  of  momentum  thickness,  a procedure  which  is  not  always  sufficiently  accurate. 12  Prob- 
lems with  the  fairing  at  the  leading  edge  of  the  coating  caused  premature  transition. 

What  is  fascinating  about  these  data  is  (1)  the  use  of  a periodic  surface  (spatially  repeated  sub- 

structure, although  the  modulus  of  the  rubber  may  have  been  somewhat  high  considering  the  reduced  speed 
range  of  the  tests)  and  (2)  the  data  on  Figure  5 of  Reference  109  which  indicate  that  drag  levels  at  various 
distances  back  along  the  body  have  a premature  turbulent  like  variation  with  Reynolds  number,  and  this  dis- 
tribution is  below  the  developed  turbulent  level.  The  amount  of  this  "drag  reduction"  is  greater  farther 
forward  on  the  body,  but  due  to  the  later  transition  on  the  rigid  body  (better  surface  finish)  the  compliant 
wall  drag  levels  are  generally  above  the  rigid  case  (and  therefore  the  authors  of  Ref.  109  did  not  consider 
the  data  as  indicating  a drag  reduction).  The  present  authors  strongly  suggest  that  the  fact  that  these 
compliant  data,  obtained  using  a periodic  surface,  have  a turbulentlike  variation  with  Reynolds  number  (but 
at  a lower  Cf  level)  may  be  highly  significant.  Based  on  the  discussion  in  the  paper  thus  far,  a single 
stub  spacing  would  not  be  expected  to  work  well  over  a wide  Reynolds  number  range,  and  also  the  well-known 
peak  in  P1 associated  with  the  end  of  transition  may  help  explain  the  apparent  variation  of  perform- 
ance with  body  distance.  This  experiment  should  probably  be  redone,  with  more  complete  Instrumentation, 

to  higher  speeds,  and  using  a series  of  periodic  surfaces  designed  over  a range  of  wave  length,  wave  ampli- 

tude, and  wave  speed  (or  frequency). 

Rltter/Mesaum*^  (1964).  This  is  a continuation  of  the  research  of  Reference  109,  but  using  small 
flat  plates  rather  than  cylindrical  bodies.  Again,  the  stream  turbulence  levels  were  quite  high,  and 
Kramer's  stubbed  coatings  were  used.  The  data,  taken  only  for  turbulent  boundary-layer  flow  on  six  differ- 
ent skins,  exhibit  considerable  scatter  lut  two  types  of  skins  gave  a drag  reduction.  One  skin  showed  a 
consistent  7-14X  drag  reduction,  again  exhibiting  a variation  with  Reynolds  number  parallel  to,  but  below, 
the  rigid  turbulent  case.  A second  skin  gave  a drag  reduction  (7-15Z)  except  at  high  speed  where  standing 
waves  (roughness)  may  have  occurred. 

Laufer  and  Maestrello*^  (1953).  From  Reference  113,  one  of  the  problems  in  this  experiment  was  the 
possible  reflection  of  flow-induced  surface  waves  from  the  downstream  end  of  the  channel.  Periodic  surfaces 
were  used  (in  some  of  the  tests).  A further  difficulty  in  this  experiment  is  that  air  (rather  than  water) 
was  used  as  the  Lest  medium.  Therefore,  the  velocity  of  the  flow  must  be  considerably  higher  to  provide  a 
level  of  wall  pressure  fluctuation  (forcing  function)  necessary  to  excite  the  fairly  stiff  surfaces  used. 
However,  when  the  flow  speed  is  Increased,  the  frequency  requirements  which  the  surface  waves  must  meet 
also  Increase  and  therefore  a very  careful  surface  ntructural  design  effort  is  needed.  The  Langley  experi- 
ence with  the  design  of  periodic  surfaces  for  airflows  shows  that  one  can  get  reasonable  amplitudes  with 
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long  wave  length  (low  frequency),  but  as  one  tries  to  increase  the  frequency  of  the  surface  response 
the  amplitude  of  the  motion  is  considerably  reduced,  even  using  very  low  modulus  materials.  The  periodic 
surface  design  problem  for  airflows  is  not  straightforward.  The  general  conclusion  from  Reference  112  is 
that  the  surfaces  used  were  too  rigid,  except  for  one  case,  and  in  that  case  the  duct  cross  section  changed, 
due  to  the  pressure  loading  on  the  flexible  surface,  thus  invalidating  the  results. 

Smlthll^  (1963).  This  is  a pipe  flow  experiment  using  a nonperiodic  (gel-coated)  surface  and  diesel 
fuel  as  the  test  fluid.  Only  drag  increases  were  measured,  and  these  were  ascribed  to  the  roughness  of 
the  gel  coating.  For  the  higher  Reynolds  number  data,  long  wave  instabilities  may  have  occurred,  giving 
increased  roughness.  There  are  several  other  pipe  experiments  besides  Reference  114,  but  these  gave  sub- 
stantial drag  reductions  and  therefore  the  discussion  of  the  main  portion  of  the  pipe  data  is  postponed 
until  the  next  major  section  of  the  report. 

Olnkelacker^^*  (1966).  This  is  one  of  the  most  carefully  conducted  of  the  compliant  surface  tests. 
Water  was  the  test  medium  and  the  facility  was  a "pipe  inlet  flow."  In  particular,  Dinkelacker  attempted 
to  determine,  for  his  experiments  (a)  the  repeatability  of  the  rigid  tube  data,  (b)  influence  of  small 
steps  in  the  tube  walls  (found  to  be  significant),  and  (c)  possible  occurrence/effect  of  organ  pipe  acoustic 
modes,  along  with  studies  of  other  possible  influences  upon  his  experimental  results.  In  his  own  words, 

"The  main  outcome  of  this  investigation  was  the  establishment  of  a detailed  picture  of  the  difficulties 
which  may  occur  in  experiments  with  flexible  walls."  Some  results  of  the  study  seemed  to  indicate  a 
reduction  in  drag. 

Taneda/Honj 1*^  (1967).  This  study  measured  drag  on  towed  flat  plates  in  water,  using  nonperiodic 
surfaces.  The  drag  of  the  flexible  surface  covered  plates  was  generally  greater  than  the  rigid  ones  (due 
perhaps  to  early  transition).  Also,  the  turbulent  levels  for  the  flexible  data  were  generally  equal  to, 
or  greater  than,  the  rigid  levels. 

Mat rout^^^O  (1971).  A fairly  detailed  study  using  both  resonant  and  active  (driven)  walls  in 
water.  For  the  driven  wall  case,  a 252  drag  reduction  and  a thrust^l  is  obtained.  For  the  flexible  wall, 
only  a 7Z  reduction  was  observed.  For  the  driven  wall  case,  the  waves  were  quite  long  (4.2  to  50  cm)  com- 
pared to  the  boundary-layer  thickness  which  was  on  the  order  of  2 cm.  The  passive  walls  were  membrane 
covered  foams,  which  are  not  really  periodic  surfaces  for  the  relatively  small  pore  size  used.  Mattout 
invested  considerable  effort  in  determining  the  modulus  of  his  passive  surfaces  and  used  both  PVC  and 
mylar  membranes.  Prime  variables  included  membrane  tension  and  flow  velocity.  Figure  39  of  Reference  119 
provides  a thumbnail  review  of  the  compliant  wall  results  up  to  1970. 

r 

Grosskreutzl6»93» 122-123  (1971) . This  was  an  attempt  to  build  nonisotropic  effects  into  the  wall  and 
is  one  of  the  very  few  studies  with  wall  motion  data.  The  basic  concept  was  to  "preload"  the  surface  so 
that  the  surface  motion  always  produced  a positive  correlation  of  Reynolds  stress,  that  is,  u and  v at 
the  surface  were  either  both  positive  or  both  negative.  Therefore  the  surfaces  (which  were  periodic  due 
to  the  discrete  preloading  used)  directly  "controlled"  the  Reynolds  stress  at  the  wall.  The  tests  were 
conducted  in  water,  and  the  surfaces  used  are  somewhat  similar  to  Kramer's  (see  Fig.  2 of  Ref.  93)  except 
that  the  "periodicity  length"  is  greater  than  in  the  Kramer  case.  Grosskreutz  measured  a reduction  in 
momentum  thickness  on  one  of  the  surfaces  for  the  low  velocity  (low  unit  Reynolds  number)  cases.  The 
present  authors  speculate  that  there  is  a possibility  that  the  favorable  low  unit  Reynolds  number  results 
may  have  been  due  to  thicker  sublayers  where  the  periodic  spacing  used  was  closer  to  the  wave  lengths 
required  for  burst  modulation. 

Hansen/Funston^  (1973).  These  experiments  were  run  on  a rotating  disk  in  water  using  layered  (non- 
periodic) surfaces.  There  is  insufficient  conditional  sampling  data  for  the  three-dimensional  boundary 
layers  on  rotating  disks  to  determine  the  type  of  wave  lengths  and  three-dimensional  wave  forms  which 
might  be  required  for  burst  modulation.  The  results  of  the  experiment^  were  null  in  that  no  drag  reduc- 
tion occurred.  At  high  speeds,  where  static  divergence  waves  formed,  the  drag  increased.  One  should 
probably  stay  with  zero  pressure  gradient,  two-dimensional,  turbulent  flows  for  testing  of  wall  motion 
eftecLa  and  prove/disprove  the  case  for  drag  reduction  there,  before  considering  three-dimensional  and 
pressure  gradients  effects. 

Kawamata  et  al.^^  (1974).  This  study  used  a floating  element  model  on  the  wall  of  a water  tunnel. 
Material  properties  such  as  damping  coefficient  and  stiffness  p> re  given  for  several  of  the  surfaces  used, 
which  were  fairly  thick  rubber  or  neoprene  membranes  backed  by  either  air  or  olive  oil.  Due  to  the  non- 
periodicity  of  the  surfaces,  the  wave  lengths  were  probably  quite  large.  The  authors  claim  large  drag 
reductions,  but  there  are  more  drag  Increase  data  than  drag  reduction.  The  most  worrisome  point  is  that 
sizable  reductions  are  observed  in  the  fully  laminar  case,  indicating  perhaps  possible  problems  with 
accuracy  using  the  floating  element  balance  (flow/pressure  gradients  in  the  gap,  etc.)  or  other  experi- 
mental problems.  These  experiments  should  be  carefully  analyzed  and  perhaps  repeated. 

McAlister  and  Wynn*25  (1974).  This  was  an  attempt  to  confirm  the  results  of  Blick  et  al.  at  the 
University  of  Oklahoma  (Refs.  126-132,  90,  36,  reviewed  in  Ref.  11).  In  the  next  section  of  the  report 
the  present  authors  suggest,  based  upon  recent  Langley  analysis  and  experimental  results,  a possible 
alternative  explanation  for  the  "drag  reductions"  observed  during  the  Oklahoma  liquid-backed  membrane 
teats.  This  alternate  explanation  may  account  for  the  difficulty  which  McAlister  and  Wynn  and  also 
lasaaan  and  Harris^5  experienced  in  reproducing  the  liquid-backed  Oklahoma  results.  McAlister  and  Wynn 
.aed  an  airfoil  type  model  mounted  on  flexures  for  direct  force  measurements  and  tested  in  air.  There 
. be  an  absolute  accuracy  problem  in  these  experiments  associated  with  the  combination  of  pressure  and 
«» ! •*  friction  drag  sensed  by  the  load  cells  and  the  percentage  of  overall  surface  area  covered  with  com- 
«>  t surface.  The  flexible  surfaces  used  were  layered  and  nonperiodic  and  were  probably  too  stiff  to 
• *n*l  well  to  the  relatively  low  dynamic  pressure  of  the  airflow.  No  drag  reduction  was  observed. 

• iimMry,  even  though  labeled  "unsuccessful ,"  several  of  these  studies  did  observe  some  drag  reduction 
particularly  for  conditions  conduslve  to  small  wave  length,  steep  waves  (low  unit  Reynolds 
•m*  - ~«>«r  flow,  periodic  surfaces  with  small  cell  size). 
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5.2  Flexible  Pipe  Experiments 

Successful  drag  reduction  experiments  with  turbulent  flows  In  flexible  pipes  have  been  reported  by 
Pelt,^*  Teslo  and  his  coworkers , 1^3 , 134  and  Klinzing  et  al.^5  aH  Qf  these  investigators  have  reported 
significant  reductions  In  the  pressure  drop  for  a flexible  pipe  when  compared  to  a rigid  pipe.  However, 
these  data  should  be  questioned  because  of  the  extreme  sensitivity  of  pressure  drop  to  changes  in  diameter. 
A theoretical  model  is  discussed  here  which  indicates  significant  drag  reductions  can  be  attributed 
directly  to  changes  in  tube  shape  rather  than  a compliant  effect  (see  also  Ref.  136  for  possible  effects 
of  geometry  change). 

Hydrostatic  displacement  of  the  tubes  employed  in  Pelt's  experiments  has  been  studied  in  some 
detail. *37  Although  that  analysis  does  not  apply  directly  here,  an  important  result  was  that,  for  the 
materials  and  geometry  employed  in  Pelt's  experiments,  the  radial  tube  displacement,  w(x),  could  be  well 
approximated  by 

R 

w<*)  - ^ [Rq  P(x)  - vtNx(x)) 


for  axial  (x)  locations  away  from  the  ends.  In  this  equation,  Rq  is  the  tube  radius,  P is  the  local 
fluid  pressure,  vj-  is  Poisson's  ratio,  Nx  is  the  axial  load,  and  a is  a constant  given  by: 


a - E«t  1 + 2 F 

L 12  v (1  - Vi 


where  E is  Young's  modulus  for  the  tube  and 


is  the  tube  thickness.  The  tube  was  modeled  as  a shell. 


and  the  influence  of  end  conditions  on  the  tube  deformation  was  restricted  to  very  small  regions  in  the 
vicinity  of  each  end  (less  than  two  diameters).  These  approximations  are  also  valid  for  the  flexible  tube 
employed  by  Teslo  et  al. 133,134  gy  assuming  quasi-parallel  flow,  the  tube  deformation  can  be  coupled  with 
the  flow- induced  pressure  drop  in  a straightforward  manner. 


Assuming  the  rigid  pipe  friction  factor,  X can  be  employed  locally  for  the  flexible  pipe  (quasi- 
parallel  flow)  and  that  y varies  with  Reynolds  number,  Rq  according  to 
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which  is  related  to  the  local  pressure  gradient  by: 

dP  XI  2 
d?  “ D 2 pV 

where  D is  the  lo:al  pipe  diameter,  p is  the  fluid  density,  and  V is  the  local  mean  velocity,  the 
local  pressure  gradient  can  be  developed  as  a function  of  diameter.  If  yQ  is  the  rigid  pipe,  fully 
developed  pressure  gradient,  given  by: 


- ynm 
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it  can  be  incorporated  in  the  last  equation  along  with  the  conservation  of  mass  requirement: 


fi.-Y  (SaV 

dx  ro  VD  ) 


Furthermore,  the  local  diameter  la  given  by: 


[R  P(x)  - VN  1 

1 + — * 

a J 


and  the  axial  load,  Nx  is  related  to  the  applied  tension,  T and  local  fluid  pressure,  P(x)  by: 

R 

Nx  - T + -f-  P(x) 

when  the  pressure  at  the  end  of  the  tube  (x  - L)  is  zero.  Combining  the  last  three  equations 


u 
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which  can  be  Integrated  between  x ■ 0 and  L to  yield: 
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where  PQ  is  the  pressure  at  x * 0,  which  in  this  case  corresponds  to  the  estimated  pressure  drop. 

Using  the  flexible  pipe  data  in  Table  I,  the  pressure  drop  has  been  calculated  from  this  last  equation 
for  various  Reynolds  numbers  and  is  shown  in  Figure  1.  Since  the  effect  of  gravity  (which  was  important  in 
Pelt's^l  vertical  flow  experiments)  has  been  ignored,  the  calculated  pressure  drops  cannot  agree  with  Pelt's 
measurements  — particularly  at  low  Reynolds  numbers  where  hydrostatic  effects  dominate.  However,  at 
Reynolds  numbers  of  50,000,  the  calculated  pressure  drop  agrees  with  the  measured  data  to  within  about  10% 
in  all  cases  except  for  tygon  tubing  where  the  theoretical  prediction  was  about  30%  lower  than  the  measured 
value. 


The  close  agreement  between  theory  and  experiment  may  be  fortuitous  because  end  effects  and  visco- 
elastic effects  have  not  been  considered.  End  conditions  would  generally  increase  the  pressure  drop 
whereas  visco-elastic  creep  would  likely  result  in  diametral  increases  and  subsequent  reductions  in  pressure 
drop.  The  latter  effect  may  be  responsible  for  the  25%  drag  reduction  reported  in  Teslo  et  al. 133,134 
Teslo  and  Filipchuk^^  note  a 3%  increase  in  diameter  occurred  in  their  experiments,  which  is  not  predicted 
by  the  current  theory.  A 3%  increase  in  diameter  will  cause  a 15%  reduction  in  pressure  drop.  Conversely, 
a 25%  reduction  can  be  caused  by  a 5%  change  in  diameter  which  may  be  within  the  uncertainty  of  their  meas- 
urements. Although  the  present  investigation  cannot  show  positively  that  the  data  of  Teslo  et  al.  are  a 
result  of  pipe  deformations,  it  appears  very  likely  that  creep  may  have  occurred  during  those  tests. 

5.3  Reevaluation  of  Compliant  Wall  Experiments  in  Air  With  Water  Substrates 

A large  portion  of  the  successful  compliant  wall  air  data  (which  indicate  drag  reductions  to  50%)  were 
obtained  at  the  University  of  Oklahoma  during  the  years  of  1966  through  1969.126-132  a reevaluation  of  the 
Oklahoma  experiments  with  water  substrates  (most  of  the  data)  was  conducted  at  NASA  Langley  Research  Center 
and  is  presented  in  Reference  138. 

The  Oklahoma  experiments,  conducted  on  compliant  surfaces  in  air  at  subsonic  speeds  with  foam  and/or 
fluid  substrates,  measured  directly  the  skin-friction  drag  on  floating  panel  models  which  were  mounted 
flush  with  the  tunnel  floor.  The  models,  shown  schematically  in  Figure  2,  were  mounted  on  a long,  vertical, 
single-column  beam.  Weights  were  attached  to  the  upstream  portion  of  the  models  to  counterbalance  bending 
moments  caused  by  the  surface  skin  friction.  This  arrangement  permitted  very  low  drag  forces  to  be  measured 
on  the  compliant  model  panels  (e.g.,  forces  as  small  as  1/2%  of  the  hard  plate  drag  could  be  detected). 

The  models  for  Reference  127  had  a compliant  surface  63.8  cm  long  by  18.1  cm  wide,  whereas  the  model 
surface  for  Reference  128  was  38.1  cm  long  by  24.1  cm  wide.  Various  fluid  substrates  with  different  vis- 
cosities (i.e.,  air,  water,  and  solutions  of  water  and  Polyox)  were  explored  in  the  investigation  of 
Reference  127  which  was  conducted  at  a free-stream  velocity  of  11.6  m/sec.  Skin-friction  drag  reductions 
up  to  50%  were  reported  for  these  tests.  Reference  128  explored  the  effects  of  free-stream  velocity 
(i.e.,  U^  - 5.2  - 67.1  m/sec)  on  the  compliant  wall  drag  reduction  for  porous  polyurethane  foam  substrates 
(some  of  which  were  saturated  with  water),  and  drag  reductions  up  to  38%  were  achieved.  Both  investigations 
used  thin  polyvinyl  chloride  (PVC)  sheets,  either  0.0064  cm  or  0.0089  cm  thick,  for  the  compliant  wall  skins. 

The  following  reevaluation  of  the  Oklahoma  water-backed  membrane  tests  stems  from  thus-far  unsuccessful 
attempts  at  NASA  Langley  Research  Center  to  experimentally  verify  the  University  of  Oklahoma  experiments. 

As  noted  previously.  References  35  and  125  were  also  unable  to  reproduce  the  liquid-backed  Oklahoma  experi- 
ments. No  drag  reductions  were  obtained  in  unpublished  Langley  experiments  conducted  in  a small  subsonic 
wind  tunnel  on  floating  panel  compliant  wall  models  with  liquid  substrates.  The  size  of  the  models  tested, 
the  fluid  substrates,  and  the  flow  conditions  were  similar  to  those  reported  in  References  127  and  128,  and 
are  summarized  in  Table  II.  The  major  difference  between  the  Langley  experiments  and  those  at  the  University 
of  Oklahoma  was  the  method  of  obtaining  the  direct  skin-friction  drag  measurements.  Whereas  the  University 
of  Oklahoma  experiments  used  the  single-column,  cantilever-beam  type  of  arrangement,  the  Langley  experiments 
supported  the  floating  panels  by  thin  wires  attached  to  each  of  the  four  corners  of  the  test  panels  outside 
the  airstream  (see  Fig.  3).  The  drag  force  was  then  obtained  by  determining  the  amount  of  weight  necessary 
to  null  the  test  plate  to  the  original  wind-off  position. 

In  the  Langley  attempts  to  duplicate  the  University  of  Oklahoma  experiments,  small  standing  waves  were 
measured  on  the  compliant  surface  as  the  free-stream  velocity  was  increased  from  15  m/sec  to  30  m/aec. 

These  waves  resembled  sine  waves  with  half  of  the  wave  protruding  over  the  upstream  portion  of  the  model 
and  the  other  half  of  the  wave  being  recessed  over  the  downstream  end  of  the  model.  Reference  128  and 
private  communications  with  Dr.  Edward  F.  Bllck  of  the  University  of  Oklahoma  acknowledged  the  existence 
of  small  standing  waves  in  the  Oklahoma  tests  at  certain  free-stream  velocities.  It  is  concluded  that  this 
information,  coupled  with  the  results  of  the  Langley  drag  reduction  experiments,  suggest  that  standing 
waves  in  the  University  of  Oklahoma  experiments  could  have  caused  a shift  in  the  model  center  of  gravity 
and  this  shift  may  have  created  a bending  moment  on  their  single-column  balance  that  was  Interpreted  as  a 
reduction  In  the  skln-f rlct ion  drag. 

Reference  138  analytically  determined  the  amp] ltude  of  a simple  sine  wave  necessary  to  produce  a 
center-of-gravity  shift  and  resulting  bending  moment  large  enough  to  account  for  an  apparent  40%  reduction 
In  skin-friction  drag  on  a single-beam  balance.  The  assumed  wave  shape  is  shown  in  Figure  2.  Based  on  a 
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hard  plate  average  skin-friction  coefficient  of  0.00389  for  the  tests  of  Reference  127,  the  apparent  drag 
reduction  was  approximately  1.9  grams.  For  the  balance  moment  arm  of  85.7  cm  in  the  University  of  Oklahoma 
tests,  this  apparent  drag  reduction  could  have  generated  a bending  moment  of  1.63  gm-m.  The  maximum  ampli- 
tude of  a sine  wave  necessary  to  shift  the  model  center  of  gravity  upstream  and  to  create  this  bending 
moment  was  only  0.013  cm  (assuming  that  the  compliant  wall  skin  was  always  in  contact  with  the  water  sub- 
strate). As  Reference  138  points  out,  surface  motion  this  small  would  obviously  be  very  difficult  to 
detect  with  the  unaided  eye  and  could  probably  have  been  overlooked. 

To  check  the  analytically  determined  magnitude  of  the  possible  surface  deflections.  Reference  138  pre- 
sents measured  surface  deflections  for  the  Langley  experiments  of  Figure  3 on  a compliant  wall  model  with 
0. 0064-cm- thick  PVC  skin  stretched  over  a water-filled  cavity.  The  tests  were  representative  of  those 
reported  in  Reference  127.  The  model  had  a compliant  surface  66.0  cm  long  by  20.3  cm  wide  and  was  tested 
at  a free-stream  velocity  of  16.2  m/sec.  Uniform  tension  (-  3.5  N/m)  was  applied  laterally  and  longitudi- 
nally to  the  compliant  wall  membrane  with  a vacuum- tensioning  device.  During  the  Langley  drag  reduction 
tests,  the  tension  was  actually  varied  over  a wide  range,  and  no  drag  reduction  was  observed.  The  value 
of  3.5  N/m  for  tension  applies  to  the  data  runs  for  surface  deformation  measurements.  An  optical  system, 
developed  by  L.  M.  Weinstein  at  NASA  Langley,  was  used  to  measure  the  compliant  wall  surface  deflections. 

The  system  used  two  photo  detectors,  1.37  cm  apart,  driven  on  a track  over  the  full  length  of  the  model 
surface.  Each  photo  detector  measured  the  instantaneous  surface  angle  over  a spot  0.13  cm  in  diameter  to 
within  0.002  of  a degree.  However,  for  the  data  of  Reference  139,  only  one  detector  was  used  to  obtain  a 
time-average  surface  angle.  The  original  wind-off  and  then  the  wind-on  surface  angles  were  measured,  and 
the  differences  between  the  two  were  integrated  to  obtain  the  flow  Induced  change  in  surface  position. 

The  surface  position  measurements  of  Reference  138  on  the  PVC  compliant  skin  model  with  water-filled 
substrate  are  presented  in  Figure  4 for  three  longitudinal  pressure  gradients.  Pressure  gradients  of 
these  magnitudes  were  found  in  References  127  and  128.  Reference  127  modified  the  upper  tunnel  wall  in 
an  attempt  to  eliminate  or  reduce  the  gradients,  whereas  Reference  128  "corrected"  the  drag  measurements 
by  calculating  the  bending  moment  induced  by  action  of  the  "measured"  variation  in  the  surface  pressures 
on  the  edges  of  the  balance.  In  the  study  of  Reference  138,  the  gradients  were  obtained  by  moving  the 
tunnel  sidewalls  + 0.318  cm  from  the  mean  zero  pressure  gradient  position.  These  changes  produced  a 1.1% 
variation  in  the  stream  velocity  with  a 2.2%  variation  in  static  pressure.  The  corresponding  changes  in  the 
static  pressure  (Ap)  over  the  76. 2-ch)-long  model  was  approximately  +3.4  N/m^. 

Reference  138  showed  the  large  effect  of  only  small  pressure  gradients  on  the  formation  of  standing 
waves  on  the  compliant  wall  surface  (see  Fig.  4).  For  the  nearly  zero  pressure  gradient,  the  surface 
protruded  outward  by  approximately  0.009  cm.  The  positive  gradient  created  a bulge  over  the  upstream 
portion  of  the  model,  whereas  the  negative  gradient  caused  the  bulge  to  shift  to  the  downstream  portion 
of  the  surface.  The  model  fairing  plate  around  the  compliant  surface  caused  the  surface  to  dip  over  the 
first  7.6-16.5  cm  for  all  three  gradients;  the  surface  dipped  over  the  last  23  cm  for  the  zero  and  slightly 
positive  gradients. 

The  water  volume  under  each  of  the  three  waves  in  Figure  4 was  integrated  in  the  study  of  Reference  138 
to  determine  the  bending  moment  caused  by  the  transfer  of  the  water  mass.  The  slightly  positive  gradient 
shifted  the  center  of  gravity  upstream  of  the  model  center  line  and  generated  a 3-gm-m  bending  moment. 

The  near  zero  and  negative  pressure  gradients  shifted  the  model  center  of  gravity  downstream  of  the  model 
center  line  and  generated  0.1  gm-m  and  3.3  gm-m  bending  moments,  respectively.  As  Reference  138  showed, 
these  bending  moments  in  each  situation  would  be  sufficient  to  significantly  alter  the  drag  reductions 
reported  in  References  127  and  128  and,  hence,  compromise  the  validity  of  the  data  (e.g.,  the  3-gm-m 
bending  moment  for  the  positive  gradient  could  have  indicated  an  apparent  70%  "drag  reduction").  A further 
problem  with  tests  of  this  type  is  that,  from  the  Langley  experiments,  the  balance  reading  is  quite  sensi- 
tive to  even  small  air  leaks  in  the  enclosure  surrounding  the  tunnel  and  balance  system.  An  excellent 
seal  is  mandatory  for  accurate  data. 

Structural  Dynamics  Analysis  of  Water-Backed  Membranes.  Having  suggested  that  drag  reduction  did  not 
occur  for  airflow  over  water-backed  membranes,  it  is  of  interest  to  determine  whether  their  characteristic 
surface  response  is  in  agreement  with  the  arguments  thus  far  which  indicate  that  high-frequency  surfaces 
are  necessary  for  drag  reduction.  The  influence  of  water  backing  on  membrane  surface  motion  has  been 
studied  by  Blick®^  and  Ash  and  Balasubramanian. 32  Those  analyses  are  similar,  but  the  somewhat  more 
detailed  calculations  of  Ash  and  Balasubramanian^  are  extended  in  the  present  work.  Details  of  their 
calculations  are  given  in  Reference  32  and  only  the  salient  features  of  the  model  are  discussed  here. 

Membrane  motion  has  been  assumed  driven  by  three  pressure  force  contributions  — a direct  turbulent 
wall  pressure  field  and  two  reaction  pressure  fields  induced  by  wall  motion.  The  turbulent  wall  pressure 
was  assumed  to  obey  Taylor's  "frozen  pattern"  hypothesis  so  that  individral  wave  number  pressure  contribu- 
tions could  be  analyzed  one  at  a time.  The  turbulent  wall  pressure  spectrum  was  modeled  using  Bull's!^ 

data,  but  modified  for  very  low  frequencies  (Strouhal  numbers,  — — , below  0.05)  by  assuming  the  spectrum 

( IU  U°° 

level  fell  off  with  the  fourth  power  of  wave  number  ^ — A potential  flow  model  was  employed  to  esti- 
mate the  induced  pressure  field  resulting  from  membrane  motions  over  the  water  backing,  and  a wave  equa- 
tion could  be  solved  to  estimate  the  Induced  pressure  on  the  turbulent  air  boundary-layer  side  of  the 
membrane  when  wave  velocities  were  different  from  the  flow  velocity. 

Membrane  deflection  was  developed  using  a normal  mode  expansion  approach.  Subsequently,  surface 
motion  calculations  were  obtained  for  individual  turbulent  wall  pressure  frequency  contributions,  which 
included  the  two  Induced  pressure  effects,  and  a spectrum  of  expected  surface  motion  values  was  generated 
from  the  compilation  of  those  frequencies.  Calculation  results  are  shown  in  Figure  5 for  a typical  case 
corresponding  to  the  Langley  data.  It  is  obvious  from  these  results  that  the  surface  motion  is  at  quite 
low  frequency,  having  very  little  motion  at  frequencies  larger  than  the  Strouhal  number  one  level.  This 
indicates  that  surface  wave  lengths  are  larger  than  the  boundary-layer  thickness  and  therefore  more  than 
an  order  of  magnitude  larger  than  values  necessary  for  drag  reduction  according  to  the  "burst  modulation" 
mechanism  described  herein.  Therefore,  the  null  result  (no  drag  reduction)  on  these  surfaces  is,  in  a 


sense,  somewhat  encouraging  as  far  as  verification  of  this  theory  is  concerned. 


9-13 


5.4  High  Frequency/Per  Iodic  Surfaces 

The  turbulence  modification  model  (modulation  of  preburst  flow)  discussed  previously  requires  short 
wave  length,  high- f requency  surface  motions  for  effective  compliant  wall  Interaction.  Since  that  motion 
does  not  normally  occur  on  structural  panels,  it  i9  important  to  determine  whether  such  motion  could  have 
been  present  during  previously  reported  highly  successful  experiments.  Three  sets  of  such  experiments 
cannot,  at  this  point,  be  dismissed  by  alternate  explanations:  (1)  Kramer's  exper iments55-57  water, 

(2)  Walters’^  experiments  in  air,  and  (3)  the  experiment  of  Fischer  et  al.*2  at  low  temperature  (on  the 
order  of  0°  C)  in  air.  Aside  from  being  in  air,  the  experiments  of  Walters^  and  Fischer  et  al.*2  have 
marked  similarities  and  will  be  discussed  first. 

In  these  experiments  in  air,  both  investigators  employed  thin  rectangular  membrane  surfaces  stretched 
over  a soft  elastic  substrate.  Walters^  employed  a thin  polyvinyl  chloride  skin  stretched  over  a porous 
polyurethane  foam,  while  Fischer  et  al.12  used  a mylar  skin  stretched  over  a sticky,  gelatinous  layer  of 
polyvinyl  chloride  plastisol.  It  should  be  noted  that  even  though  these  substrates  were  structurally  soft, 
both  were  very  rigid  from  the  standpoint  of  the  available  turbulent  pressure  forces.  Walters^  found  that 
no  drag  reduction  occurred  when  the  membrane  skin  was  attached  to  the  substrate  by  means  of  a spray  adhe- 
sive, but  draR  reduction  did  occur  when  the  membrane  simply  rested  against  the  substrate.  Fischer  et  al.^2 
apparently  achieved  significant  drag  reduction  only  when  the  wind-tunnel  temperature  was  near  0°  C.  Recall- 
ing that  the  substrate  employed  by  Fischer  was  naturally  sticky,  and  noting  further  that  a 20°  C temperature 
drop  would  result  in  significant  thermal  contraction  of  the  substrate,  it  i9  likely  that  the  substrate 
pulled  away  from  the  mylar  skin  during  the  successful  test.  Both  experiments  suggest  strongly  that  the 
substrate  does  not  act  effectively  as  a continuous  spring  during  successful  tests.  Rather,  those  data 
indicate  that  the  substrate  may  act  intermittently  to  alter  the  motion  of  a conventional  membrane.  Spe- 
cifically, if  the  membrane  is  separated  from  the  substrate  by  a thin  air  gap,  as  shown  in  Figure  6,  it 
is  likely  that  the  substrate  functions  as  a "wavelength  chopper."  That  is,  by  interfering  with  the  down- 
ward displacement  of  long  wave  length  fundamental  membrane  vibration  modes,  the  substrate  can  act  to  drive 
the  membrane  into  short  wave  length  higher  harmonic  vibration  modes.  That  possibility  has  been  examined 
by  Ash  et  al.13  and  Ash  and  Balasubramanian^2  and  their  results  can  be  extended  here. 

The  equations  governing  the  motion  of  a membrane  over  a thin  air  gap  are,  in  their  simplest  form, 
nonlinear. 13  However,  they  can  be  analyzed  using  conventional  finite-difference  techniques.  Because  of 
the  nonlinearity,  it  was  very  desirable  to  determine  the  dynamic  surface  motion  under  conditions  of  a 
simulated,  nonfrozen,  turbulent  wall  pressure  loading.  Details  of  the  turbulence  simulation  are  discussed 
briefly  by  Ash  and  Balasubramanian32  and  simulated  surface  motion  histories  are  also  shown. 

Again  referring  to  Figure  6,  the  membrane  substrate  system  employed  by  Fischer  et  al.^2  could  change 
from  (1)  an  integral  system  of  a membrane  attached  to  a continuous  elastic  spring,  to  (2)  a membrane 
separated  from  its  substrate  by  a thin  gap,  and  finally  (3)  to  a membrane  over  a cavity  which  is  deep 
enough  to  eliminate  contact  between  the  membrane  and  substrate.  Those  three  configurations  have  been 
subjected  to  the  same  simulated  turbulent  wall  pressure  to  show  the  influence  of  those  structural  changes 
on  the  response  amplitude  spectra  and  are  shown  in  Figure  7.  It  can  be  seen  that  the  integral  system 
produces  a smoother,  lower  amplitude  response,  whereas  the  narrow  air  gap  case  yields  a higher  frequency 
motion. 

Recently,  unpublished  experiments  have  been  performed  at  Langley  in  which  attempts  were  made  to 
control  the  thin  air  gap  behind  a membrane  in  a low-speed  airflow.  The  major  finding  of  those  tests  was 
that  a specified  gap  cannot  be  maintained  beneath  a membrane  with  any  reasonable  tolerance  over  a large 
surface.  (Small  localized  "bubbles"  did,  however,  occur  and  produced  drag  reductions  of  10-15%.)  That 
work  is  continuing,  but  alternate  methods  for  producing  short  wave  length,  high-frequency  surface  motion 
are  being  examined.  The  most  direct  method  for  producing  short  wave-length  motion  is  to  employ  a ribbed 
periodic  substructure  beneath  a thin  skin.  The  rib  spacing  can  be  used  to  control  the  surface  wave  length 
and  frequency.  However,  analysis  has  shown  that  in  the  low-speed,  turbulent,  air  boundary  layers  currently 
available  for  testing,  reasonable  amplitudes  of  surface  motion  cannot  be  achieved.  That  would  not  be  the 
case  in  water  and,  since  Kramer’ s^5  original  model  designs  employed  the  types  of  periodic  structures  just 
suggested,  a reexamination  of  his  experiments  is  appropriate. 

A cross  section  of  one  of  Kramer’s^  successful  compliant  surfaces  is  shown  in  Figure  8,  where  the 
structural  elements  are  periodic,  that  is,  repeated  with  the  same  dimensions.  If  one  assumes  that  Kramer 
achieved  his  drag  reduction  beneath  a fully  turbulent  boundary  layer,  the  reported  average  skin-friction 
coefficients  can  be  used  to  estimate  a turbulent  wave  length,  A+,  (A+  * AuT/v)  for  the  compliant  surface. 

The  variation  of  A+  was  found  to  be  between  200  and  500  over  the  velocity  range  (7  to  18  m/sec)  of  his 
successful  tests. 

It  has  been  rather  commonplace  to  discount  Kramer's  results,  for  many  reasons.  First,  because  the 
tests  were  performed  by  towing  test  models  behind  a motor  boat  in  Long  Beach  Harbor,  it  has  been  reasoned 
that  the  tests  may  not  have  been  as  closely  controlled  as  most  laboratory  facility  experiments.  Kramer 
acknowledges  that  his  experiments  were  affected  by  the  season  (experiments  in  summer  were  less  encouraging 
than  at  other  times  of  the  year)  and  attempts  to  duplicate  his  results  in  towing  tanks*9  and  water  tun- 
aalsl09  were  unsuccessful  or  inconclusive. 

The  structural  dynamics  response  of  Kramer's  model  has  been  recently  examined  at  Langley  assuming 
interaction  with  a fully  turbulent  boundary  layer.  For  a two-dimensional  model  of  the  configuration  shown 
in  Figure  8,  an  approximately  equivalent  spr ing-dashpot  (also  shown)  has  been  used  to  study  the  system, 
employing  the  method  of  space  harmonics.  2<J  A frozen  turbulence  pattern  was  assumed  with  the  same  spectrum 
employed  in  the  water-backed  membrane  analysis.  The  spectrum  of  surface  motion  is  displayed  in  Figure  9 
for  the  test  conditions  Just  mentioned  and  it  is  observed  that  significant  high-frequency  motion  can  be 
developed  by  that  surface  — adding  further  support  to  a high-frequency  requirement  and,  by  inference, 
the  turbulence  modification  explanation. 
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To  conclude  this  section,  there  is  sufficient  evidence  in  support  of  the  turbulent  burst  modulation 
theory  for  compliant  wall  drag  reduction  to  merit  further  investigation  of  high-frequency  surfaces. 
Furthermore,  surface  motion  measurements  during  successful  tests  are  crucially  needed,  as  are  reliable 
numerical  predictions  of  expected  surface  motion  for  a particular  design  (which  also  must  be  verified  by 
experimental  data).  To  date,  the  surface  design  concepts  shown  in  Figure  10  have  been  examined  on  the 
basis  of  high-frequency  surface  motion  potential.  Of  these  concepts,  only  the  membrane  over  the  thin  air 
gap  and  the  periodic  structures  are  considered  promising  at  this  time  for  significant  modification  of  low- 
speed  turbulent  air  boundary  layers. 

5.5  Air-Sea  Interface  as  a Problem  of  Wall  Motion  Influence  Upon  Turbulence 

As  a final  note  on  the  influence  of  wall  motion  on  wall  turbulence  structure,  we  discuss  briefly  the 
air-sea  interface  problem.  As  already  mentioned.  References  107  and  108  indicate  that  the  suppression  of 
small  (capillary)  waves  on  the  ocean  surface  can  alter  much  larger  scales  of  turbulence  in  the  atmosphere 
above  the  surface.  In  the  absence  of  capillary  waves,  the  air  boundary  layer  appears  to  lose  coherence 
with  the  ocean  waves.  The  usual  influence  of  the  large  ocean  waves  on  skin  friction  is  to  increase  drag^O 
(evidently  due  to  a roughness  effect  for  traveling  waves, 1^1  and  also  zero  wave  speed  case^?).  Although 
there  is  still  controversy,  the  wind  generated  waves  on  this  "resonant  surface"  (air-sea  interface)  can 
evidently  become  large  enough  to  separate  the  airflow  between  waves. Nevertheless,  the  present  authors 
suggest  that  the  information  on  the  air-sea  interface  problem  can  at  least  be  used  to  indicate  regions  in 
the  "three  space"  of  wave  length,  wave  speed,  and  wave  amplitude  (normalized  iu  law  of  the  wall  coordinates) 
which  one  should  stay  away  from  (drag  increasing)  in  the  design  of  resonant  walls. 

6.  CONCLUDING  REMARKS 

In  this  paper  we  have  reviewed,  briefly,  the  following  subjects  pertinent  to  the  use  of  walls  with 
moving  surface  waves  for  drag  reduction: 

(a)  The  need,  in  aeronautics,  for  drag  reduction  research  using  moving  walls  under  turbulent 
boundary  layers. 

(b)  Simple  structural  dynamic  considerations  which  indicate  that  practical  walls  must  be  of  the 
"resonant"  type  and  also  periodic  for  control  of  wave  length. 

(c)  The  influence  of  wall  motion  upon  boundary- layer  stability  for  highly  compliant  and  also  resonant 
walls  and  the  stability  of  periodic  flows.  Recent  Soviet  experimental  research  indicates  that  resonant 
walls  can  also  influence  transition. 

(d)  Theoretical  models  of  the  drag  reduction  mechanism  for  moving  walls  under  turbulent  boundary 
layers.  The  current  best  strategy,  in  the  opinion  of  the  present  authors,  is  to  investigate  further  an 
approach  based  upon  modulation  of  the  preburst  flow.  This  modulation  may  result  in  delay  of  burst  forma- 
tion and  the  subsequent  elimination  of  a reasonable  percentage  of  the  total  number  of  bursts.  This 
mechanism  requires  considerable  further  research  but  does  provide  a crude  guideline  for  future  experiments 
(small  wave  length,  steep  wave  high-frequency  surfaces). 

(e)  A critical  analysis  of  the  available  compliant  wall  data  (resonant  walls  under  turbulent  boundary 
layers)  — indicates  that  the  best  performance  has  been  obtained  using  high-frequency  response  surfaces. 
Alternate  explanations  (other  than  alteration  of  the  turbulence  structure)  are  given  for  the  drag  reductions 
observed  in  pipe  flows  and  also  for  liquid-backed  membranes  in  air. 

As  a suggestion,  further  experiments  should  be  conducted  in  water  using  both  periodic  and  active 
(driven)  surfaces,  but  over  a much  wider  range  of  wave  length  than  used  in  past  experiments,  particularly 
at  the  low  end  (smaller  wave  lengths).  Due  to  the  low  dynamic  pressures  associated  with  air  tests  for 
velocities  much  less  than  transonic,  subsequent  air  tests  should  concentrate  initially  on  driven  surfaces, 
especially  with  small  wave  length.  All  experiments  should  measure  surface  motion  and,  if  a drag  reduction 
is  observed,  the  influence  of  the  wall  motion  upon  the  bursting  process  should  be  determined.  Also, 
redundant  drag  measurements  should  be  mandatory. 

The  purpose  of  the  active  wall  experiments  is  to  provide  a controlled  experiment  to  determine  what 
type  of  wall  motion  (wave  speed,  length,  amplitude,  etc.)  is  required  to  produce  a drag  reduction.  These 
criteria  can  then  be  used  to  design  passive  surfaces  which  will  work  (or  we  will  find  out  that  such  surfaces 
cannot  be  designed  using  today's  technology  and  therefore  a substantial  supporting  materials/structures 
research  effort  is  needed). 
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TABLE  I.  FLEXIBLE  PIPE  DATA 


Pipe 

material 

Thick 
rubber  ^ 

Thin 

rubber  ^ 

T (a) 

Tygon 

Texin  (a) 

Polyethylene  ^ 

L,  m 

2.79 

2.79 

2.79 

2.79 

2.80 

R . ram 

4. a 

4.8 

4.8 

4.0 

25.0 

o 

6 , ram 
T 

5.6 

3.6 

1.6 

.8 

.16 

E,  N/cro^ 

140 

70 

250 

1000 

15,000 

VT 

0.49 

0.49 

0.45 

0.45 

0.45 

T , N/cm 

5.2 

2.4 

3.8 

3.3 

NA 

AP  ~ 

measured.  2 

18.1 

12.8 

18.6 

22.0 

0.110 

cm 

P (T  - 0). 

20.3 

12.2 

13.4 

24.8 

.128 

cm 

AP  . .. 

24.7 

18.0 

18.0 

31.1 

.128 

CUI 

^Data  from  Pelt  (Ref.  41). 

^Data  from  Teslo  and  Zhoga  (Ref.  133). 

* 

Tension  estimation  based  on  reported  elongation. 
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TABLE  II.  COMPARISON  OF  LANGLEY  RESEARCH  CENTER  AND  UNIVERSITY  OF  OKLAHOMA 


EXPERIMENTS  IN  AIR  WITH  WATER  SUBSTRATES 


Langley  Research  Center 

University  of 
Looney/Blick 

Oklahoma 

Chu/Blick 

Stream  velocity 

9-30  m/sec 

11.6  m/sec 

5-67  m/sec 

Model  surface 

Length 

66  cm 

63.8  cm 

38.1  cm 

Width 

20.3  cm 

18.1  cm 

24.1  cm 

Depth 

1.27  cm 

.79  cm 

1.27  cm 

Membrane 

Material 

PVC 

PVC 

PVC 

Thickness 

0.0064  cm 

0.0064  A 0.0089  cm 

0.0064  cm 

Longitudinal  tension 

3.5  N/m 

4-111.7  N/m 

55.3  N/m 

Lateral  tension 

3.5  N/m 

1.9-55.5  N/m 

53.6  N/m 

\ 


AP/AP 


Figure  1.  Variation  of  flexible  pipe  pressure  drop  with  Reynolds  number. 


POSSIBLE  SURFACE  DISTORTION 
DUE  TO  STATIC  DIVERGENCE 

TUNNEL  FLOOR 


WEIGHTS  TO  LP 
COUNTERBALANCE  / 
BENDING  MOMENT  DUE  / 

TO  SKIN  FRICTION — ' 


COMPLIANT  WALL  MODEL 

VERTICAL-COLUMN. 

CANTILEVER 

BEAM 


figure  2.  Typical  University  of  Oklahoma  experiment. 
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LaRC  ATTEMPTED  REDO  OF  TYP ICAL  UN  I VERS  ITY  OF  OKLAHOMA  EXPER IMENT 

//^// 

' STEEL  WIRES: 

OUTS  IDE  OF  TEST  SECTION. 

FOR  SUPPORTING  TEST  MODEL 


/-TUNNEL  WALL 

iminmnArn / 1 1 nnrt  n 1 n i irni n lAiinnnjrm 


u 


P LmEMBRANE  UmAT.Mrrn 


WE  I GHTS  TO  NULL  MODEL 
Or  TO  WIND-OFF  POSITION 


FLOATING  COMPLIANT 
WALL  MODEL 
CAVITY  FOR  SUBSTRATE 
MATERIALS  (WATER) 


Figure  3.  Airflow  over  water-backed  membranes.  Langley  attempted  redo  of  typical 
University  of  Oklahoma  experiments. 


Uoo  = 16m /sec. STATIC  DIVERGENCE  MODE 


Figure  4.  Surface  position  measurements  for  compliant  surface  with  water  substrate  In  Langley 
experiments.  ■ 16  m/sec.  static  divergence  mode. 
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TYPICAL.  LaRC  EXPERIMENTS,  u =16  m/sec 


RESPONSE 

AMPLITUDE 

jw(wp  (mml^-sec 


f.  Hz 


u * AIR  D 

MEMBRANE  00  1 TENSION 

APPROACH 

• CAVITY  WALLS 
ASSUMED  SOFT 

• BULL'S  P*  SPECTRUM 

WITH  K4  VARIATION 
AT  LOW  f 

• FROZEN  TURBULENCE 
FIELD 

• NORMAL  MODE 
ANALYSIS 


1000 


Figure  S.  Predicted  surface  motion  of  water-backed  membranes.  Typical  Langley  experiments, 

U ■ 16  m/aec . 
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LaRC  MEMBRANE/PLASTISOL  MODEL 


MODEL  AS  FABRICATED 


POSSIBLE  LOW 


LIMIT  CONDITION. 


MEMBRANE  INTEGRAL 
WITH  BACKING 

• NORMAL  MODE 
ANALYSIS 


MEMBRANE  WITH 
THIN  AIR  GAP 

• SIMULATED 
TRANSIENT 
SOLUTION 


MEMBRANE  OVER 
DEEP  CAVITY 


• NORMAL  MODE 
ANALYSIS 


Figure  6.  Possible  geometric  configurations.  Langley  membrane/Plastisol  model. 
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Figure  7.  Predicted  response  of  Langley  membrane/Plastlsol  model. 


STRUCTURAL  ANALYSIS 


PHYSICAL  MODEL 


ASSUMPTIONS 

• FLEXIBLE  SUPPORTS 

• DISTRIBUTED  DAMPING 

• FROZEN  TURBULENCE  FIELD 

P*  MODEL 
w 


THEORETICAL  MODEL 


Figure  8.  Predicted  surface  motion  — Kramer's  periodic  structure. 
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RESPONSE 

AMPLITUDE 

|w(w)|2 

2 

mm  -sec 


Figure  9.  Steady-state  response  of  Kramer  stubbed  periodic  surface.  » 18  m/sec,  water  flow. 
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MEMBRANE  OVER 
DEEP  AIR  GAP 


ELASTIC  SLAB 


MEMBRANE^  LOW  FREQUENCY.  LA RGE 

^ AMPLITUDE,  LONG  WAVE- 

7777 LENGTH  MOTION 
x-  AIR  GAP 

f LOW  M0DULUS  MATERIAL  large  number  of  modes 

STANDING  WAVES 


LAYERED  OR 
SANDWICH 


MEMBRANE^ 

LOW  MODULUS  MATERIAL 


LARGE  NUMBER  OF  MODES. 
HIGH  DAMPING.  DIFFICULT 
TO  EXCITE 


MEMBRANE  OVER  MEMBRANE 
SHALLOW  AIR  GAP  7T77-rrf^7777Trr7rrr 

''-AIR  GAP 


HIGH  FREQUENCY/MODERATE 
AMPLITUDE.  SHORT  WAVELENGTH; 
NOT  PRACTICAL  BUT  GOOD 
FOR  "BENCH"  TESTS 


PERIODIC 
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Figure  10.  Resonant  compliant  wall  structural  concepts. 
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